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Preface 


Future  fighter  concepts  require  air  intakes  with  not  only  good  performance  characteristics  over  an  even  wider  operating  range, 
but  also  require  inlet  designs  constrained  by  low  signature  requirements.  For  the  engineers  who  have  to  deal  with  the  problems 
of  intake  design,  there  exists  the  need  to  evaluate  design  tools  and  experimental  capabilities  for  providing  the  innovative  design 
concepts  needed  to  meet  the  ever  demanding  challenges  for  engine  inlets  of  advanced  air  vehicle  configurations. 

In  recognition  of  tl  'he  AGARD  Fluid  Dynamics  Panel  established  Working  Group  1 3  to  report  on  the  state-of-the-art  in  the 
field  and  compare  different  computational  tools  on  the  basis  of  available  test  cases.  The  test  case  results  can  be  used  for  further 
comparisons  and  are  meant  as  a  first  step  to  improve  computational  tools.  A  comparison  has  been  made  of  testing  techniques 
used  in  different  wind  tunnels  for  the  measurement  o?  intake  dynamic  distortion  using  one  common  intake  model.  Design 
guidelines  and  rules  have  been  reviewed  and  summarized. 

The  report  presents  the  results  of  the  Working  Group  study  and  its  conclusions  and  recommendations. 


Preface 


Les  specifications  de  conception  des  futurs  avion*  de  combat  exigent  des  prises  d  an  qui  soient  ii  la  fois  de  faible  signature  el 
performantes  sur  une  grande  plage  d'utilisation.  Pour  les  ingenieurs  d  eludes  qui  xont  confrontcs  aux  problemes  de  la 
conception  des  prises  d'air,  il  y  a  lieu  d’evaluer  les  outils  dc  conception  et  lev  installations  experimentales  afm  d'apprecier  leur 
capacitc  a  fournir  ies  concepts  d'etude  innovateurs  nccessaircs  pour  repondre  aux  specifications  de  plus  en  plus  rigoureuses 
des  prises  d'air  adaptees  aux  configurations  avancees  des  vehicules  aeriens. 

En  consequence,  le  Panel  AGARD  de  la  Dynamique  des  Fluides  a  erse  !e  groupe  de  travail  No.  1 3  pour  rendre  comptc  dc  Petal 
de  Part  dans  ce  domains  et  pour  comparer  les  different*  outils  de  ealeui  a  partir  des  cas  d  cssai  disponibies.  Les  resuhais  des  cas 
d'essais  peuvent  servir  pour  des  comparaisons  ulterieures  et  doivent  etre  consideres  comme  un  premier  pas  pour  ('amelioration 
des  outils  de  calcul,  L.es  techniques  d'essai  employees  dans  differentes  soufflerics  pour  la  mesure  de  la  distortion  dynamique  ii 
l'aide  d'un  scui  modelc  de  prise  d'air  ont  deja  ete  comparees.  Des  directives  et  des  regies  de  conception  onl  etc  examinees  et 
resumees. 

Ce  rapport  presente  les  resultats  obtenus  par  le  groupe  de  travail  No.  13,  ainsi  que  ses  recommandations  et  ses  conclusions. 


Wolfgang  Schmidt 
Chairm  .  V  "•  • 

Richard  G.  Bradley 
Deputy  Chairman,  WG 1 3 


Abstract 


This  report  presents  the  results  of  a  study  by  Working  Group  13  of  the  AGARD  Fluid  Dynamics  Panel 
which  was  formed  to  investigate  the  state-of-the-art  of  methodologies  for  aerodynamic  design  of  engine 
intakes  for  high  speed  vehicles.  The  scope  of  the  investigation  included  intake  aerodynamics,  intake/ 
engine  compatibility,  and  intake/airframe  integration  for  both  aircraft  and  missiles. 


The  present  capability  of  Computational  Fluid  Dynamics  (CFD)  methods  was  assessed  through  a 
comparative  analysis  of  both  CFD  predictions  and  experimental  data.  This  analysis  was  conducted  for 
eight  different  flow  field  test  cases  designed  to  produce  critical  features  of  air-intake  flow  fields.  Flow 
field  results  and  comparisons  are  presented  both  in  the  report  and  in  a  microfiche  appendix. 

Air-inlet  wind  tunnel  testing  techniques  and  limitations  were  also  inve  itigated  and  reported.  Results 
from  measurements  of  inlet  performance  from  three  European  wind  tunnels  using  a  common 
axisymmetric  pitot  intake  are  also  presented. 

The  participants  in  Working  Group  13  represented  Belgium,  France,  Germany,  Italy,  the  United 
Kingdom,  and  the  United  States. 
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CHAPTER  X 

OBJECTIVES  ADD  SCOPE  OP  THE  WORKING  GROUP  13 


Intakes  foe  ait  breathing  engines  represent  a  major  and  very  important  component  of  high 
speed  air  vehicles.  Intake  efficiency  contributes  significantly  to  the  performance  and 
handling  characteristics  of  modern  aircraft.  Intake  design  and  integration  exhibit 
signif  rant  interactions  with  the  air  vehicle  configuration.  Flow  field  structures  are 
essentially  very  complex. 

Over  the  last  two  decades  there  has  been  a  continuous  evolution  and  improvement  of 
airf rame-in'eake  integration  and  Intake  design,  mainly  based  on  a  wide  set  of  wind  tunnel 
tests.  Problems  which  were  detected  in  a  number  of  cases  only  after  prototype  flying, 
i.e.  damage  of  the  intake  structure  during  engine  surges,  distortion-induced 
intake/engine  incompatibility  etc.  required  modifications  at  a  very  late  stage  of  an 
aircraft  program.  Problems  that  arose  with  highly  integrated  intake  positions  and  complex 
supersonic  intake  solutions  led  to  a  comprehensive  experimental  intake/airframe 
integratior  study  in  the  USA  (project  Tailor  Kate)  in  the  late  1960's.  An  AGARD  lecture 
series  (LS53)  was  held  in  1972  to  review  the  state-of-the-art  of  airframe/engine 
integration  at  that  time. 

Since  then  computational  methods  as  well  as  windtunnel  testing  techniques  have  impro-  ed 
and  deeper  physical  understanding  has  led  to  innovations  such  as  the  intake-airframe 
integration  on  the  Rafale  aircraft  and  to  the  intake  design  on  the  European  Fighter 
Aircra  ;t. 

Ho'e  recent  achievements  in  Euler  and  Navier-Stokes  methods  along  with  new  mesh 
generation  capabilities  are  providing  tools  for  detailed  flow  field  analysis  and  intake 
optimization .  E  n  unsteady  phenomena  such  as  buzz  have  been  analysed  analytically. 

A  large  amount  of  experimental  data  has  been  collected  at  the  various  airframe-  and 
engine  companies  and  development  centres  in  the  USA  and  in  Europe.  Besides  collecting 
data  for  the  assessment  of  intake  performance,  increasing  effort  was  placed  on  the 
subject  of  intake/engine  compatibility.  This  effort  has  progressed  from  simple 
measurement  of  steady  state  total  pressure  distortion  to  the  measuring  of  instantaneous 
distortion  with  digital,  analog  and  hybrid  data  screening  and  the  measurement  of  flow 
swirl  at  the  engine  face. 


Efforts  have  also  been  made  during  the  last  few  years  with  some  success  to  reduce  the 
amount  of  complex  and  expensive  dynamic  intake  flow  measurements  by  synthesizing  dynamic 
distortion  parameters  based  on  a  limited  number  of  turbulence  measurements.  One  problem 
however  is  that  a  universally  applicable  distorlion  parameter  is  not  available.  More 
effort  is  required  to  achieve  a  better  understanding  of  the  complex  Interaction  of 
intake-  and  engine  compressor  flow. 

Current  goals  in  the  intake  design  field  include  improved  design  concepts  and  rules, 
development  and  application  of  computational  methods  in  the  whole  speed  regime  (subsonic 
to  hypersonic),  prediction  of  intake  duct  flow,  understanding  of  the  interaction  of  the 
intake-  and  engine  compressor  flow,  development  of  techniques  to  reduce  the  complexity  of 
intake  distortion  measurement  and  improvement  of  intake  test  techniques. 

Future  air  vehicle  concepts  require  air  intakes  with  not  only  good  perfo'mance 
characteristics  over  an  even  wider  operat'ng  range,  but  also  require  inlet  designs  with 
low  observable  characteristics.  The  thrust  of  this  AGARD  study  is  to  evaluate  existing 
dejign  tools  and  experimental  capabilities  for  providing  the  innovative  design  concents 
that  meet  the  ever  demanding  challenges  for  engine  inlets  of  advanced  vehicle 
configurations. 


The  present  Working  Group  13  was  formed  to  investigate  the  subjects  of  intake 
aerodynamics,  intake/  engine  compatibility  and  intake/airframe  integration  using  results 
from  bo":-  experimental  and  computational  techniques.  Prediction  of  intake  performance 
(pressure  recovery,  distortion  and  swirl)  and  care  free  handling  of  engines  are  of  utmost 
importance  to  future  military  and  civil  aircraft  projects. 

After  conducting  a  review  of  the  state-of-the-art  on  intake  design  and  performance  for 
both  aircraft  and  missiles  (with  air  breathing  engines)  the  group  has  compared  critically 
results  from  the  presently  available  methods  for  computing  both  external  and  internal 
intake  flow  fields.  The  experimental  methods  used  to  measure  intake  internal  performance, 
drag  and  compatibility  testing  have  also  been  critically  compared  and  proposals  for  their 
improvement  have  been  made. 

Emphasis  has  been  placed  on  the  testing  techniques  for  the  assessment  of  intake  flow 
distortion,  the  evaluation  of  relevant  distortion  parameters  including  swirl  and  the 
interaction  of  the  intake  flow  with  the  engine  compressor.  Due  to  the  high  degree  of  this 
interaction,  cooperation  between  the  FDP  and  the  PEP  was  considered  essential  and  a  group 
with  PEP  representation  was  formed. 
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Intake  Design  and  Performance 
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Numerical  Simulation  of  Air  Intakes 
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Air  Intakes  Testing  Methods 
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The  chapters  were  written  by  the  authors  noted  in  parenthesis  and  reflect  the  consensus 
of  the  Working  Group: 

CHAPTER  2  -  INTAKE  DESIGN  AND  Pt-K  FORMING  S 

(E.L.  Goldsaith,  L.E-  Surber,  D.  Kelte,  G.  Latuellei 

CHAPTER  3  -  NUMERICAL  SIMULATION  OT  INTAKES 

(T.J.  Benson,  N.C.  Bissinger,  S.G.  Bradley) 

CHAPTER  t.  -  AIR  INTAKE  TESTING 

(J.  Leynaert,  E.L.  Goldssith) 
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for  hosting  Working  Group  neetings  and  presenting  their  test  facilities. 
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Th#  iBportanr*  of  th*  intake  and  the  exhaust 
nozzle  on  the  perform  nee  of  the  total  propulsion 
unit  for  any  type  of  aircraft  has  been  e^ihasised 
on  several  occasions.  Examples  of  this 

l^ortance  for  too  vastly  different  aircraft 
operating  at  either  end  of  the  speed  range 
MqO-2.0  are  shovn  In  Figs. 1.1  and  1.2.  The  first 
illustrates  the  distribution  of  thrust  forces 
throughout  the  nacelle  of  the  Concorde  aircraft 
and  the  second  shoes  the  laportance  of  high 
intake  efficiency  at  static  conditions  for  the 
Harrier  aircraft  when  taking  off  vertically  or 
hovering. 


DISTRIBUTION  OF  THRUST  FORCES  ON 
CONCORDE  NACELLE  AT  M.*? 

9%  *%  r% 
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FIG  1.1  SOME  ASPECTS  OF  THE  IMPORTANCE  OF  THE 
POWERPLANT  NACELLE  ON  CONCORDE 
CRUISE  FLIGHT  EFFICIENCY 
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FIG  1.2  SENSITIVITY  OF  HARRIER  INTAKE 
EFFICIENCY  UNDER  STATIC  CONDITIONS 


Perhaps  even  more  important  than  performance 
aspects  are  thoae  of  intake  and  engine 
compatibility,  if  a  wrong  choice  is  made  in  the 
geometry  of  the  Intake  (e.g.  choice  of  lip 
bluntness,  auxiliary  intake  area,  or  perhaps, 
subsonic  diffuser  shape)  then  the  aircraft's 
engine  may  surge  even  before  taxiing  to  the  end 
of  the  runway  for  take  off.  For  a  ramjet  powered 
missile,  for  similar  reasons  of  poor  flow 
distribution  at  the  entry  to  the  engine,  ramjet 
operation  may  never  occur  and  flight  will  ba 
terminatad  at  burn-out  vf  the  rocket  boost  motor. 


It  Is  appropriate  et  this  time  to  review 
experience  of  intake  design  and  performance 
gathered  since  the  lest  major  AGARD  publications 
that  attempted  anything  similar  -  Airframe  end 
Engine  Integration  (ACARD  LS53  May  1972)  and 
Inlets  and  nozzles  for  Aerospace  Engines  (AGARD 
CP91  Sept.  1971),  Since  that  time  soma  aspects 
of  intake  operation  end  performance  heve  been 
included  tn:- 


Aerodynamlc  Interference  (ACARD  CP  71-1  Sopi . 
I97G) 

Airplane/Propulsion  Interference  (ACARD  CP-150 
Sept.  1974) 

Distortion  Induced  Engine  Instability  (ACARD  LS 
72  Nov.  1970 

Advanced  Control  Syst.es  for  Aircraft  pswerplants 
(ACARD  CP. 274  Oct.  1979) 

Aerodynanlca  of  power  Plant  Installation  (ACARD 
CP  301  May  19S!) 

Improvement  of  aerodynamic  performance  through 
Boundary  Layer  Control  and  High  lift  Systems 
(ACARD  CP 363  May  19*4). 

Ramjets  and  Rocket  Propula  Ion  Systems  for 
Missiles  (ACARD  LS136  Sept.  19*4) 

Engine  Response  to  Distorted  Inflow  Conditions 
(ACARD  LSI36  Sept .  1986) 

Special  course  in  Missile  At-odynamics  (ACARD 
R7S4  May  1987) 

in  addition  over  this  time  period  one  specialist 
lecture  series  on  intakes  has  been  held  at  VKI 
Brussels  (Intake  Aerodynamic.  Eeb.  1988). 

After  three  general  Sections  this  review  divides 
broadly  into  Sections  based  on  classes  of  vehicle 
i.e.  long  range  (supersonic)  cruise  aircraft, 
tsctlcal  fighter  aircraft.  VSTOL  aircraft  and 
misailea  with  airbreathing  propulsion.  The  most 
obvious  omissions  ore  subsonic  cruise  transport 
aircraft  and  helicopters.  The  former  haa  been 
omitted  because  nearly  all  the  propulsion 
aerodynamics  Interest  is  ce*  '  red  on  the  problems 
of  external  InterUrence  between 

nacelle/pylon/wing/body  and  is  therefore  almost 
wholly  e  complete  airframe  subject.  The  latter 
primarily  because  of  the  limited  range  of  the 
subject  and  the  scarcity  of  available  data. 

Again  because  of  the  quantity  of  data  available 
(which  reflects  the  scale  of  the  activity  over 
the  last  fifteen  or  so  years)  the  most 
substantial  sections  are  numbers  5  6  7.  It  was 
decided  not  to  re-review  the  Intense  activity 
devoted  to  the  Intakes  of  the  B.70,  Concorde  and 
the  Boeing  SST  and  other  SST  designs  of  the 
1960's.  Thus  Section  4  deals  with  the  caiher 
more  general  aspects  of  design  studies  for  a 
future  SST.  that  have  appeared  more  recently  and 
whatever  data  is  available  for  the  SR-71 
aircraft.  However  Interest  In  this  class  of 
vehicle  together  with  the  associated  area  of  air 
breathing  propulsion  for  hypersonic  vehicles  is 
beginning  to  grow  rapidly  at  this  time. 

In  this  area  wt  return  to  the  theme  of  Importance 
of  the  propulsion  unit.  For  the  high  supersonic 
and  hypersonic  speed  range  the  whole  layout  of 
the  airframe  Is  dominated  by  the  geouetry  of  the 
Intake  and  the  exhaust  nozzle  as  evidenced 
clearly  In  Fig.  1.3. 


FIG  1.3  AIRFRAME  INTEGRATED  SUPERSONIC 
COMBUSTION  RAMJETS 


; 
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Fig  1.4  illustrates  in  nor*  detail  the  possible 
geometries  that  emerge  for  a  scramjet  as  a  r«3ult 
of  integration  of  the  intake  and  the  supersonic 
combustor  combined  with  need  wherever  possible  to 
keep  all  leading  edges  swept. 


ovcS-uHDsa  Tuascjrr/RAMjcT 


MACH  S 


THE  MTU  HYPERCRISP  COMBINATION 
TURBOFAN  &  RAMJET 


FIG  1.4  SCRAMJET  INTAKES 


RAM  BURNER 


FIG  1.5  POSSIBLE  COMBINATION  POWERPLANTS 


Thus  whatever  form  the  powerplant  takes  -  and  the 
choice  is  wide  -  ramjet,  turbo-ramjet, 
lurborocket ,  ramrocket ,  variable  cycle  turbojet, 
scramjet  and  combinations  of  these  -  the  intake 
will  always  be  a  vital  element  of  the  propulsion 
unit.  Research  and  development  of  Intakes  must 
therefore  proceed,  as  In  the  past,  at  all  speeds 
from  zero  to  hypersonic  velocities. 


However  for  many  applications  flight  from  Mach 
number  zero  to  hypersonic  speeds  is  necessary  and 
dual  mode  powerplants  (usually  a  combination  of 
turbojet  and  ramjet)  are  needed.  Fig. 1.5  shows 
some  possible  combination  powerplants  that  show 
the  size  and  particularly  the  inevitable 
complication  of  variable  geometry  intakes  and 
ducts. 
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FIG.  2.1  NACELLE  FLOW  STATIONS 


This  equation  can  be  made  independent  of  the 
engine  face  Mach  number  M2  by  assuming  that 
further  compression  to  zero  velocity  is  achieved 
{sent ropical ly  so  that  -  0  and  P2  -  Pt  and 


which  for  incompressible  flow  reduces  to:- 


^oj  “  Vrmm  ”  Ptj.  “  P0 


*0 

This  quantity  has  been  used  extensively  to  define 
performance  of  subsonic  intakes  at  low  forward 
speeds.  However  the  definition  cannot  be  used  at 
zero  forward  speed. 


JL2 _ BEElNlIlQh  QE  INTAKE  PERFORMANCE  PARAMETERS 


UJ _ ifllEBMAL  FLOW 

There  are  six  properties  of  the  internal  flow 
that  are  usually  measured  by  the  intake 
aerodynami cist  and  are  of  concern  to  the  engine 
manufacturer  whose  engine  his  to  operate  in  the 
flow  delivered  by  the  combination  of  intake  and 
following  duct.  These  six  quantities  are 
efficiency  of  ram  compression,  static  and  dynamic 
distortion  and  flow  angularity,  stability  and 
quant ity. 

?  — Efficiency  of  Ram  Compression 

The  most  natural  definition  of  efficiency  of  the 
ram  compression  process  is:- 

Vff  “  Work  done  in  compression 
Kinetic  energy  available 

which  for  compressible  flow  is:- 


7-1 


where  station  *0'  is  in  the  free  stream  and 
station  ‘2*  is  at  the  engine  face  (Fig.  2.1). 


In  this  condition,  it  is  usual  to  use  a  loss 
coefficient  defined  as:- 


<12 


At  high  free  stream  speeds  and  particularly  for 
supersonic  flow  a  more  convenient  measure  of 
efficiency  than  is  the  simple  ratio  of  mean 
total  pressure  at  the  engine  face  to  free  stream 
total  pressure  Pt2/Pto  wh*<*  Is  widely  known 

as  pressure  recovery.  This  is  sometimes 
designated  as  »j  or  ijp  but  will  be  presented  in 
this  report  as  the  above  total  pressure  ratio  or 
as  PR. 


It  is  impractical  (and  many  times  impossible)  to 
take  measurements  at  the  compressor  face  when  the 
engine  is  installed  and  operating.  Consequently, 
the  engine  and  Intake  designers  agree  upon  an 
Aerodynamic  Interface  Plane  (AIP)(which  Is 
forward  of  the  compressor  face  but  sufficiently 
close  to  the  compressor  face  to  *  similar 
flow  field)  for  the  definition  of  Pt  . 

2 

The  various  merits  of  weighting  Individual  pitot 
pressure  measurements  made  at  this  position  to 
form  a  moan  value  have  been  discussed 
exhaustively  in  ref. 2.1.  Area  mean,  mass  flow 
mean,  mass  derived  and  constant  momentum  derived, 
and  entropy  flux  mean  are  all  options.  Although 
pressure  recovery  is  usually  measured  by  means  of 
a  pitot  rake,  it  can  also  be  deduced  from 
measurements  of  mass  fiow  and  static  pressure. 
Air  intakes  for  missile  engines  sometimes  have  to 
be  operated  in  conditions  when  large  areas  cf 
separation  can  occur  at  the  engine  entry. 
Fig. 2. 2  shows  some  curves  of  pressure  recovery 
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for  such  a  condition  calculated  by  conserving:  - 

1.  mass  flow  -  entropy 

2.  mass  flow  -  momentum 

3.  static  pressure  -  mo  tntura 

4.  static  pressure  -  mass  flow 

and  confirming  the  pressure  recovery  so 
calculated  with  a  mean  obtained  from  a  pitot 
rake.  1# 


Total  pressure  distortion  can  also  appear  in  an 
otherwise  distortion  free  geometry  at  design 
conditions  due  to  aircraft  attitude  which  leads 
to  lip  separation  (Fig. 2. 3d)  at  incidence  or  yaw 
(again  related  to  lip  thickness)  or  to 
mismatching  between  engine  and  intake  airflows 
which  results  in  subcritical  (Fig  2.3e)  or 
supercritical  (Fig.2.3f)  operation. 


FLOW  SHOCK  PATTERN 
FOR  3  SHOCK  INTAKE 


FIG  23  (e)-(f )  SOURCES  OF  FLOW  SEPARATION 


•  CALCULATED  AVERAGE  f.Ot\  CONSERVING  : 


-  STATIC  ARESSURE- MOMENTUM 
•  STATIC  PRESSURE  -  MASSf-LOW 


.  TOTAL  PRESSURE  BALANCE 


FIG  2.2  PRESSURE  RECOVERY  DEFINITION 

If  the  flow  does  not  contain  large  areas  of 
separation,  and  this  Is  usually  the  case  for 
acceptable  performance  from  turbojet  and  turbofan 
engines  then  all  the  methods  of  weighting  give 
values  which  do  not  greatly  differ  from  each 
other.  Area  weighting  is  the  simplest  and  It  is 
the  one  mcst  commonly  used. 


Sources  of  total  pressure  distortion  can  be 
inherent  in  both  the  geometric  and  aerodynamic 
design  -  intake  shock  and  boundary  layer 
Interaction  on  an  adjacent  aircraft  surface  or  on 
an  intake  compression  surface  can  result  In 
separation  behind  the  terminal  shock  (Fig. 2. 3a); 
separation  In  a  duct  can  result  because  of  choice 
of  a  too  high  rate  of  diffusion  and/or  the 
presence  of  sharp  bends  (Fig. 2. 3b);  the  absence 
of  auxiliary  intakes  combined  with  thin  intake 
lips  can  cause  separation  at  take  off  (static) 
conditions  (Fig. 2. 3c). 

(o) 


COMPRESSION  SURFACE  SEPARATION 


Flow  velocity.  Mach  number  and  Reynolds  number 
are  required  at  the  compressor  entry  to  determine 
relative  angle  of  incidence.  Mach  number  and 
Reynolds  number  of  the  flow  on  to  the  compressor 
blades.  If  both  static  temperature  and  pressure 
can  be  assumed  constant  and  steady  across  the 
compressor  face  then  both  velocity  and  Mach 
number  can  be  considered  as  a  function  only  of 
total  pressure  and  the  distribution  of  this 
quantity  is  the  only  measurement  that  needs  to  be 
made . 

In  order  to  obtain  this  type  of  flow  distortion 
Information,  total  pressure  measurements  are 
taken  at  the  A.I.P.  Total  pressure  probes  arc 
mounted  In  a  series  of  equally  spaced  radial 
rakes  such  that  they  form  a  series  of  concentric 
rings  (Fig. 2. 4). 


FIG  2.4  PROBE  ORIENTATION  - 
VIEW  LOOKING  FORWARD 

Increased  accuracy  and  convenience  of  data 
reduction  can  be  obtained  If  the  radius  of  each 
ring  is  set  such  that  all  probes  are  at  the 
centroids  of  equal  compressor  face  areas.  This 
means  that  probe  radial  spacing  decreases  from 
the  innermost  ring  to  the  outermost  ring. 


Probably  the  most  widespread  quantitative 
distortion  parameter  available  in  the  literature 
because  of  Us  use  in  the  earliest  measurements 
on  intakes  in  the  1950s  Is  the  simpler- 


LIP  SEPARATION 


AT  ZERO  INCIDENCE, 

HUH  FLOW 


FIG  2.3{a)-(d)  SOURCES  OF  FLOW  SEPARATION 


V  Ap,  - 


and  this  Is  always  a  useful  quantity  to  measure 
for  comparison  purposes  and  to  describe  the 
general  'health'  of  an  Intake  flow  Irrespective 
of  the  type  of  powerplant  (turbojet,  turbofen, 
liquid  or  solid  fuelled  ramjet  or  remrocket)  that 
may  be  used, 
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More  advanced  methods  introduced  in  the  late 
1960a  and  1970s  take  Into  account  the  APt/Pt 
distortion  for  each  ring  of  total  pressure 
measurements  (with  APt  now  being  between  ring 
average  and  minimum  total  pressures).  These  rin^ 
distortions  are  weighted  by  circumferential 
extent  factors  9-,  (the  sector  angle  of  the  ring 
for  which  recovery  is  below  face  average).  Other 
Improvements  Include  factors  to  quantify  the 
relative  Influence  of  the  circumferential  ana 
radial  distortions. 

The  effect  of  a  circumferential  distortion  on 
compressor  sur^e  margin  is  displayed  In  Fig. 2. 5. 
Here,  the*  180  profile  essentially  drops  the 
maximum  pressure  ratio  of  a  constant  corrected 
speed  line. 


FIG  2.7  EFFECT  OF  EXTENT  ANGLE 


CORRECTED 

am  a 

O  *7.1 
□  90-1 
0  93.2 
0  96.2 
b.  100  2 


SCREEN  NJ.  I 


ciowo  *TH*eii 

STALL  POIHTS 


FIG  2.5 


Effect  of  Circumferential  Distortion 


One  of  the  simplest  quoted  indices  of  distortion 
from  Rolls  Royce  (Fig. 2. 8) 

Overall  mean  total 
pressure  * 


Mean  total  pressure 
in  sector  =  Pf 

FIG  2.8  DEFINITION  Of  DC* 

which  rela,''s  specifically  to  engine  compressor 
surge  margins  I s : - 


The  effect  of  a  hub  radial  dlctoition  on 
compessor  performance  is  displayed  in  Fig. 2.6. 
In  this  case  the  constant  corrected  speed  lines 
move  to  the  left.  That  is,  a  given  rotor  speed 
pumps  less  air  flow  so  that  surge  is  encountered 
again  at  «  lower  pressure  ratio. 


CORRECTED 


FIG  2.6  Effect  of  Radial  Distortion 


q2 


where  Is  the  mean  total  pressure  In  the 
’worst’  section  of  extent  0  and 

Ptoand  q2  are  the  mean  total  and  dynamic 
pressures  respectively  at  the 

agreed  engine  interface  plane.  Significant  0 
values  can  vary  with  tne  engine  design  and 
commonly  are  60  ,  90*  and  120*.  For  a  bypass 
engine  where  GC  indicates  that  the  index  is 

taken  over  the  area  of  the  gas  generator  can  be 
more  significant  than  taking  the  whole  engine 
face  in  relating  to  surge  margin. 

American  engine  manufacturers  use  more  complex 
descriptors  of  the  flow  which  hove  been  evolved 
to  take  account  of  both  radial  and 
circumferential  distortion.  One  relatively 
simple  radially  weighted  circumferential  index 
i  s :  - 


Critical  circumferential  distortion  extent  angles 
(9-)  are  determined  in  current  methods  since  it 
has  been  demonstrated  that  the  blades  do  not  have 
time  to  react  to  narrow  dips  In  the 
circumferential  pressure  profile.  Above  this 
critical  angle,  extent  factors  are  calculated  to 
determine  the  effect  of  the  low  pressure  region 
on  surge  margin  loss;  however,  Fig. 2. 7  illus¬ 
trates  the  fact  that  the  bulk  of  surge  margin 
loss  occurs  with  a  60*  to  90*  extent  angle. 


or  *D2- 


fdPt  .  6 

r2 

— 

liptn 

max 

rn 

l  r2/r" 

n-1 


.h.r.  APtj-  <Pt  -  PtB|n)n  «nd  Pt,  Pto)n  .r. 

respectively  the  mean  and  lowest  pressure  in  a 
ring  (n  is  often  5  or  6)  and  9  Is  an  extent 
factor. 
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A  multiple  per  revolution  factor  may  also  be  used 
to  determine  the  effect  of  more  than  cne  low 
pressure  region  in  a  circumferential 
distribut ion. 

Other  distortion  indices  and  comparisons  between 
them  are  given  in  refs.  2.2  and  2.3. 

Using  this  type  of  parameter,  the  loss  in  surge 
margin  can  be  calculated  directly  with  the 
distortion  value  based  on  both  the  intake  flow 
field  and  the  engine  design  (Fig. 2. 9). 


FIG  2.9  CORRELATION  OF  COMPLEX  DISTORTIONS/ 
GENERAL  FORMULATION 

Correlations  between  predicted  and  calculated 
loss  in  surge  margin  for  each  type  of  distortion 
are  displayed  in  Fig. 2. 10  for  a  turbo  fan 
compressor  and  a  F-100  fan.  These  plots  show 
good  prediction  accuracy  of  these  parameters  for 
a  wide  variety  of  flow  conditions  and  engine 
components.  An  error  band  of  plus  and  minus  two 
percent  is  indicated  and  the  majority  of  the  data 
falls  well  inside  the  two  percent  band  (Ref. 2. 4). 


APRS  CORRELATION  OF  TURBOFAN  COMPRESSOR 

FIG  2.10  PREDICTION /MEASUREMENT  CORRELATION- 
FANS,  COMPRESSORS,  CORES 


2J,-L2,2 — Dynamic  Distortion 
After  initial  suspicions  in  the  early  1960's  that 
time  variant  distortion  could  be  responsible  for 
compressor  surge  it  was  shown  In  the  late  1960's 
that  although  compressor  blades  need  a  minimum 
extent  of  circumferential  distortion  to  react  to, 
compressor  blades  do  also  react  If  exposed  to 
this  critical  extent  for  a  sufficient  time.  Thus 
surge  would  follow  if  the  critical  steady  state 
distortion  index  was  exceeded  fer  a  time  period 
of  the  order  of  that  for  one  engine  revolution, 
typically  about  3  milliseconds. 

For  example,  during  prototype  flight  tests  of  the 
F-lllA,  it  became  apparent  that  the  desired 
flight  envelope  was  restricted.  Maneuvers  of  the 
aircraft  at  high  subsonic  and  supersonic  speeds 
resulted  in  engine  compressor  stalls  at 
steady-state  distortion  levels  which  engine  tests 
(using  upstreams  screens  to  create  these 
distortions)  had  shown  to  be  acceptable.  This 
inlet -engine  incompatibility  gave  rise  to 
comprehensive  flight  test  and  wind  tunnel 
investigations  to  identify  and  correct  the  causes 
of  the  unexplained  compressor  stalls. 

Flight  tests  of  the  F-lllA  were  used  to  determine 
how  the  dynamic  nature  of  intake  pressure 
fluctuations  related  to  engine  operational 
stability.  Steady  state  values  of  the  flow 
distortion  were  compared  with  values  taken  at  400 
sps  (samples  per  second).  A  typical  comparison 
is  shown  in  Fig. 2. 11  for  a  Mach  1.6  case.  This 
data  clearly  shows  that  while  the  low  response 
data  would  not  indicate  the  potential  for  stall, 
the  high  response  parameter  measurements  yield  a 
substantial  peak  approximately  15  milliseconds 
prior  to  surge. 


Hitt.  IK 


FIG  2.11  High  and  Low  Response  Comparison  for 
F-IIU  Flight  Test;  Mach  1.6 

For  a  preliminary  assessment  of  dynamic 
distortion  in  a  given  intake,  a  rough  rule  of 
thumb  can  be  applied,  based  on  turbulence  of  the 
flow  expressed  as  values  of  root -mean-square  of 
the  fluctuations  in  static  pressure.  If 
(At>)rms/Pt  is  not  greater  than  one  per  cent,  the 
problem  of  dynamic  distortion  can  confidently  be 
excluded:  if  the  same  factor  is  as  high  as  four 
or  five  per  cent,  then  detailed  distortion 
measurements  are  advisable. 

The  determination  of  dynamic  distortion, 
requires,  much  additional  instrumentation  ond 
both  experiment  and  analysis  take  on  a  different 
order  of  complexity. 

Unsteady  pressures  have  to  be  measured  at  a  large 
number  of  points  at  the  engine-face  position,  for 
representative  free-stream  conditions  In  a  wind 
tunnel.  The  number  of  points  necessary  in  a 
development  test  hay  been  variously  recommended 
as  between  36  and  60.  These  pressures  are 
recorded  on  miniaiuie  high-response 
di fferent ia! -pressure  transducers . 

Details  of  the  means  of  measuring  and  collecting 
the  very  large  amount  data  required  and  the 
aubaequent  editing  and  analysts  to  produce  values 
of  dynamic  distortion  are  given  in  Chapter  4. 
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AnguUrlty  of  th«  duct  flow  will  elthor  lncrewwo 
or  decrows*  Incidence  on  to  the  compreseor  bledee 
end  1>  therefore  obviously  »n  Inportent 
measurement  for  compatibility  of  Intake  engine 
airflows.  If  an  engine  Is  equipped  with  Inlet 
guide  vanes  that  straighten  the  flow  before  the 
first  conpressor  stage  then  this  Importance  may 
be  somewhat  diminished. 

Flow  angularity  or  swirl  develops  after  a  duct 
bend  and  Is  the  result  of  an  Interaction  between 
the  centrifugal  pressure  gradient  and  a  low 
energy  region  such  as  a  boundary  layer  or  a 
reg'on  of  separation.  The  centrifugal  pressure 
gradient  Is  proportional  to  aJM  where  V  Is 

D 

mainstream  velocity  and  R  Is  the  bend  radius  and 
results  In  pressure  at  the  outside  of  the  bend 
being  greater  than  on  the  inside.  If  there  is  a 
boundary  layer  on  the  bottom  of  the  duct  with 
reduced  velocity  V'  the  local  centrifugal 
gradient  pv' *  is  insufficient  to  balance  the 
R 

pressure  difference  between  the  walls  so  that 
the  flow  in  this  region  is  directed  towards  the 
inside  all.  If  there  is  a  similar  boundary 

layer  on  the  top  wall,  flow  is  also  directed 
inwards  in  this  region.  Both  top  and  bottom 
inward  flows  return  to  the  outsido  wall  in  the 
region  of  the  centre  of  the  duct  and  the  result 
is  two  cells  of  swirling  flow  (Fig. 2. 12a). 


If  a  large  low  energy  region  such  as  a  separation 
occurs  on  either  the  top  or  bottom  wall  of  the 
duct  upstream  of  the  bend  then  a  single  directed 
or  bulk  swirl  results  as  shown  typically  in  Fig. 
2.32b.  The  resulting  swirl  measured  at  the 
engine  face  is  a  combination  of  the  bulk  swirl 
and  twin  swirl  patterns  (Fig. 2. 13). 


ClRCUHttRCNTlAl  FLOW 
ANGU  -MI  R-COWl 


FIG  2.13  SUPERIMPOSING  OF  BULK  i  TWIN  SWIRl.S 


Mi,1, .4 _ flow  Stability 

One  form  of  unstable  Flow,  compressor  surge  has 
already  been  referred  to,  but  this  la  a 
phenomenon  resulting  from  engine  malfunction. 
However  when  two  intakes  are  closely  coupled,  the 
possibility  exists  that  a  surge  of  one  engine 
causes  the  surge  of  the  second  engine.  This  Is 
due  to  disturbance#  that  the  hammershock 
overpronsure  originated  by  the  surge  of  the  first 
engine  *uces  on  the  adjacent  intake,  and  occurs 
primarily  at  supersonic  speeds,  when  the  adjaoent 
intake  shook  system  ia  effected. 


If  it  is  not  possible  to  completely  separate  the 
intakes,  the  problem  can  be  avoided  or  attenuated 
by  means  of  a  suitable  splitter  plate  dividing 
the  Intakes,  and/or  cutback  endplates  to  the 
supersonic  compression  surfaces  which  will 
attenuate  the  overpressure.  There  are  in  addition 
two  forms  of  flow  instability  emanating  solely 
from  the  intake.  The  first  is  confined  to 
supersonic  speeds  and  is  caused  by  oscillation  of 
the  intake  shock  system  (known  colloquially  as 
'buzz’).  The  second  occurs  when  two  or  more 
intakes  supply  flow  to  a  single  duct  and  is 
usually  known  as  twin  (or  multi)  Intake 
Instabi 1 ity. 

BUZZ 

External  and  mixed  compression  Intakes  operating 
subcritical ly  are  subject  to  an  unsteady  flow 
oscillation  called  "buzz".  Unless  the  supersonic 
freest  ream  Mach  number  is  very  low  cli  supersonic 
intakes  with  external  compression  surfaces  appear 
to  exhibit  this  instability  of  the  flow  at  some 
point  in  the  subcritical  flow  regime.  The  Intake 
flow  states  of  supercritical,  critical  and 
subcritical  and  the  probable  occurrence  and  form 
of  shock  oscillations  in  these  flow  states  are 
described  in  ref. 2.5  and  shown  In  Fig. 2. 14. 
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FIG  2.14  SHOCK  OSCILLATION  &  THE  INTAKE  PRESSURE 
RECOVERY  vi  FLOW  CHARACTERISTIC 


The  phenomenon  normally  occurs  at  mass  flow 
ratios  below  design  and  serves  to  limit  the 
operating  range  of  the  intake-engine  combination. 
Buzz  can  be  responsible  for  structural  damage  to 
the  intake,  compressor  surge  or  ramjet  flame  out. 
Buzz  begins  when  the  Intake  becomes  choked 
because  of  massive  flow  separation.  The  cause  of 
the  separation  may  be  associated  with  shock  wave 
boundary  layer  interaction,  diffuser  flow 
separation,  or  shock  wave  interference  ahead  of 
the  inlet.  Fig. 2. 15  illustrates  two  suggested 
mechanisms  of  buzz  triggering  resulting  from 
massive  separation  In  the  diffuser.  In  any 
event*  the  normal  shock  (s  pushed  far  out  on  the 
compression  surfaces  to  spill  the  unpassed  flow. 
The  flow  situation  which  caused  the  separation  is 
altered  dramatically,  reestablishing  attached 
flow  with  a  greatly  reduced  static  pressure 
created  by  th*  starving  engine.  The  normal  shock 
is  consequently  sucked  Into  the  subsonic 
diffuser.  As  the  system  stabilizes,  the  flow 
structure  which  ceused  the  initial  separation 
reappeara  auch  that  the  cycle  repeats  itself. 
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FIG  2.15  Buzz  Triggering  Mechanisms 


Fig. 2. 16  shows  the  shock  cycle  and  corresponding 
diffuser  pressure.  Buzz  is  characterized  by  low 
frequency  and  high  amplitude.  Sustained  buzz  can 
result  in  an  engine  coirpressor  stall. 


The  condition  called  "hammer-shock"  al-eady 
mentioned  may  also  result  from  sustained  buzz 
md/or  compressor  stall.  Transient  overpressures 
generated  by  a  sudden  engine  surge  can  reach 
values  well  above  theoretical  maximum 
steady-state  Pt .  Such  a  transient  fractured  the 
North  American  F-107  intake  ramps  during  flight 
test . 

Normal  shock  oscillations  can  also  occur  at  high 
mass  flew  ratios  and  supercrtical  operation  (Fig. 
2.14).  In  this  condition  the  normal  shock  may 
oscillate  in  the  subsonic  diffuser  du*  to  the 
basic  Instability  of  the  strong  shock  wave 
boundary  layer  interaction.  These  oscillations 
are  of  higher  frequency  and  lower  amplitude  than 
buzz,  but  can  still  generate  high  turbulence  and 
distortion  av  the  compressor  face,  possibly 
surging  the  engine. 


What  usually  matters  to  the  Intake  designer  and 
the  engine  manufacturer  is  the  definition  of  the 
point  on  the  subcritical  characteristic  of  ,'.n 
intake  at  which  'buzz*  Is  Initiated  l.e.  the 
stable  flow  ranje.  The  match  point  between 
engine  and  intake  flows  can  then  always  be  made 
to  fall  within  this  range  Stable  flow  range  or 
margin  is  usually  characterised  either 


as 

IM 

or  as 

IM  . 

f  A°] 

LacJ  mi n 

stable 

ACJ  max 

J^Ao 

lAcJmax 


The  possible  ’triggering'  mechanisms  thtt  could 
cause  the  onset  of  'buzz*  have  already  been 
mentioned  and  are  discussed  In  moie  detail  In 
ref. 25.  .ogether  with  measures  that  can  be  taken 
in  intake  design  to  maximise  the  stable 
subcritical  flow  region. 


1UJJ  Multi  -  Intake  Stapllltv 


For  aircraft  this  phenomenon  Is  usually 
associated  with  twin  Intakes  situated  on  either 
side  of  a  fuselage  feeding  air  to  a  single 
engine.  When  intake  flow  is  reduced  by  control 
of  the  exit  of  the  common  duct  a  critical  point 
Is  reached  below  which  unequal  flows  develop  in 
the  two  Intakes.  On  one  side  the  flow  increases 
again  while  on  the  other  it  falls  rapidly  to  zero 
and  can  become  negative.  The  net  result  on  the 
flow  reachihg  the  engine  is  that  total  pressure 
recovery  falls  suddenly  and  total  pressure 
distribution  deteriorates  as  this  critical  point 
is  passed.  The  critical  point  occurs  when  the 
slope  of  the  static  pressure  recovery  versus  flow 
curve  in  the  single  duct  changes  from  negative  to 
positive  so  that  it  Is  possible  then  to  have  two 
flows,  a  high  one  and  a  low  one  that  have  the 
same  static  pressure  (Fig. 2. 17). 


iwi»:m*i  mt:  «iK»’  mjic  :L*> 
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FIG  2.17  TWIN  DUCT  INSTABILITY 

Son  times  the  unequal  distribution  of  flow 
between  t lie  two  intakes  is  time  dependent.  Again 
as  with  Intake  l jzz  the  concern  is  to  measure  the 
flow  at  which  the  phenomenon  occurs  so  that  it 
can  be  avoided.  If  the  dividing  wall  between  the 
two  ducts  is  taken  to  the  compressor  entry  the 
pressure  equalising  process  can  be  transferred  to 
the  compressor  exit  and  the  instability  may  be 
prevented  from  developing. 


The  more  *  nplex  multi-intake  interactions 
typical  of  missile  i  istallatlons  feeding  a  single 
ramjet  combustion  chamber  are  discussed  in 
Section  7. 


Fl9W.Qygn.UAy 

All  important  internal  flow  phenomena  and  the 
external  drag  are  quite  ciitlcally  dependent  on 
the  relative  amount  of  flow  through  the  intake. 
At  subsonic  and  low  supersonic  speeds  the  flow 
quantity  determines  the  severity  cf  the  pre-entry 
pressure  rise  and  hence  whether  or  r.ot  the 
boundary  layer  on  the  aircraft  surface 
approaching  the  Intake  will  be  attached  or 
separated  (Fig. 2. 18). 


FIG  2.18  VARIATION  Of  STATIC  PRESSURE  IN  ENTRY  PLANE 
FOR  INTAKE  WITH  FORWARD  WETTED  SURFACE 
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At  supersonic  speedj  for  an  external  compression 
intake  the  flow  determines  the  extent  to  which 
the  designed  for  shock  pattern  Is  deformed  oy  the 
upstream  movement  of  tne  final  normal  shock  (Fig. 
2.19). 


FIG  2.19  DISTORTION  OF  SHOCK  WAVE  PATTERN 
OUE  TO  SU8CRITICAL  OPERATION 

For  an  intake  with  internal  compression  it 
determines  whether  or  not  the  intake  shock  system 
remains  in  its  efficient  'started*  configuration 
(Fig. 2. 20). 


PR 


_ 'Critical  point  can  be 

i  approached  only  from 

r/  |t  supercritical  side 


— Subcrif/cal  operation 


Vac 


operc 

is  of  level  of  ineffic:ent 
j  pitot  intake 
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or  the  non  dime '.is  tonal  mass  flow  function 
yyy Tt  -  Consent  x  A* 

~ap~  r 


In  intake  work  it  is  usual  to  express  measured 
mass  flow  as  a  ratio  of  flow  being  ingested  to 
the  flow  that  would  be  ingested  at  datum 
condi t Ions . 

Thus  the  mass  flow  at  the  engine  face:- 
n  v2  A2  “  Po  v0  Ao 

and  the  flow  ratio  or  capture  area  ratio  is:~ 

Pp  Vq  A0  -  AQ 
Po  V0  A0  Ac 

It  is  evaluated  at  the  engine  face  or  at  a 
venturi  section  *v'  just  downstream  of  the  engine 
face  where  static  pressure  only  Is  measured: - 


'STARTED'  INTAKE  AT 
CRITICAL  FLOW 


v.  -UNSrARTED'  INTAKE 
AT  SU6CPITICAL  FLOW 
-EXPELLED  NORMAL  SHOCK 


FIG  2.20  FLOW  STATES  FOR  INTERNALLY 
CONTRACTING  INTAKF 


As  has  been  seen  in  the  foregoing  sections  either 
the  value  of  the  performance  parameter  being 
measured  (such  as  pressure  recovery  or  total 
pressure  distortion)  is  primarily  a  function  of 
flow  or  it  is  vital  to  define  the  flow  at  which 
an  undesirable  flow  phenomenon  such  as  ’buzz* 
occurs  so  that  it  can  be  avoided.  In  addition 
the  accurate  measurement  of  flow  enables  other 
quantities  such  as  supersonic  sldespill  that  are 
difficult  to  measure  directly  to  be  deduced  and 
it  enables  one  dimensional  Mach  number  to  be 
evaluated  at  any  duct  station  which  is  a  useful 
parameter  for  correlating  subsonic  diffuser 
performance. 


Flow  measurement  in  a  wind  tunnel  is  usuatly  done 
either  at  the  engine  face,  or  In  a  venturi 
section  Just  aft  of  the  engine  face  or  If  the 
control  valve  that  varies  flow  is  choked,  Just 
upstream  of  this  choked  exit. 


The  mass  flow  or  more  accurately  the  mass  flow 
rate  (Kg/sec)  1$:- 

W  -  pVA 


ts.  -  vl2  ■  f£l  .  ^  .  [M 

Ac  Pt(>  k  J2  Ac  La*J, 


Each  measurement  of  total  pressure  at  the  engine 
face  is  associated  with  an  adjacent  static 
pressure  (or  a  mean  of  a  small  number  of  wall 
statics)  so  that  local  Mach  number  (from  P2/Pt2) 

is  determined  ari  hence  the  local  value  of 
[_!  |  Thus  for  n  total  pressure  points: - 

La*J2 


2 


AA2  fA_ 
Ac  **  o 


where  dA2  is  the  engine  face  area  associated 
with  each  total  pressure  tube. 

For  the  venturi  sect  ion. j  can  be  evaluated 

from  pv/Pt2&  values  of  Pt2/Pt0  an<*  Av/Ac  are  used 
in  the  above  equation. 

If  there  is  a  choked  exit:- 


or  alternatively 


For  both  equations  it  is  necessary  to  add  a 
calibration  factor  that  is  determined  In  a 
separate  test  where  flows  that  are  known  to  a 
higher  accuracy  than  is  required  from  the  intake 
mass  flow  evaluation,  are  measured,  by  the 
engine  face  or  choked  exit  Instrumentation. 


Y*1 


1+1-1  M* 

2(7-1) 

Thus  A0  - 

in  p 

I  **. 

jA*l  .  "2 

fA  1 

T 

1  p<0 

U  Jj  ^ 

U*J, 

From  the  formula  for  sonic  ares  ratio:*- 


A  -  1 

A*  M 


2  rl  +  7-1  M> 

y+T  T 


1*1 

2(1-1) 


ind  Kq  -  P*2 

£  p70  £ 


i 


wher.'  1^2  Is  an  engine  Face  callbratlcn  factor 
and 

Cd  (an  exit  discharge  coefficient)-***  effe<.tjve 

*ex  geometric 

2.2. 1.6  Matching  of  !ntake_and  \<?m 

Before  considering  definitions  of  external  drag 
it  is  appropriate  to  consider  the  matching 
between  intake  and  engine  airflows. 


For  a  given  flight  condition  and  ramjet  or  gas 
turbine  throttle  setting,  the  intake  airflow 
supply  will  satisfy  the  engine  airflow  demand  at 
one  unique  point  on  the  intake  pressure  recovery 
versus  flow  character ist ic.  The  demand 

character  1st Ics  of  both  ramjet  and  gas  turbine 
engines  can  be  simulated  by  the  characteristics 
of  a  choked  hole  of  variable  area.  This  area  is 
a  function  of  the  fuel  burnt  in  the  engine.  By 
writing  the  equations  for  mass  flow  conservation 
between  entry  and  choked  hole  exit,  the  engine 
demand  appears  on  the  intake  characteristic  as  a 
straight  line  passing  through  the  origin.  The 
slope  of  this  line  will  vary  with  intake  enuy 
area  and  engine  throttle  setting.  An  optimum 
intake  entry  area  can  be  chosen  to  ensure 
’matched’  operation  at  a  desired  location  on  the 
intake  characteristic.  Tie  most  desirable 
location  will  give  a  maximum  thrust  minus  drag 
and  will  be  at  or  very  close  to  the  critical 
operating  point  of  the  intake. 


Fig.  2.21  shows  the  consequences  of  mismatching 
engine  and  intake  airflows  due  to  wrong  choice  of 
intake  size  and  the  effect  of  engine  throttle 
setting  on  the  match  point. 


FIG  2.21  EFFECT  OF  INTAKE  SIZE  &  ENGINE  THROTTLE 
SETTING  ON  INTAKE /ENGINE  MATCH  POINT 


Fig.  2.12  similarly  shows  the  effect  on  the 
match  point  of  altering  stagnation  temperature 
(which  can  occur  due  to  change  of  day  temperature 
or  altitude)  or  of  free  stream  Mach  number)  both 
for  a  ramjet  and  (oppositely)  for  a  turbojet 
engine . 
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FIG  2  22  EFFECT  OF  CHANGE  OF  STAGNATION  TEMPERATURE 
ON  ENGINE  INTAKE  MATCH  POINT 


The  position  of  the  match  point  is  further 
complicated  in  practice  by  the  change  in  the 
shape  of  intake  characteristics  and  maximum 
values  of  ingested  flow  (particularly  for  intakes 
with  compression  surfaces)  as  shown  typically 
when  free  stream  Mach  number  (Fig  2.23)  and 
intake  attitude  (Fig  2.24)  are  varied. 


FIG  2.23  CHANGE  OF  TYPICAL  CHARACTERISTIC  WITH 
FRCE  STREAM  MACH  NO. 
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FIG  2  24  CHANGE  OF  TYPICAL  INTAKE  CHARACTERISTICS 
WITH  INTAKE  ATTITUDE 


All  the  .xternal  forces  on  an  engine  nacelle 
except  drag  at  cruise  incidence  are  usually 
measured  and  calculated  as  part  of  the  complete 
aircraft  and  are  therefore  outside  the  scope  of 
this  review.  External  drag  however  is  dependent 
on  the  flow  through  the  intake,  the  strength  and 
disposition  of  compression  surface  shock  waves 
and  the  shape  of  the  intake  in  the  immediate 
vicinity  of  the  cowl  lip  and  is  therefore  an 
important  aspect  of  intake  design  and 
performance.  External  drag  is  usually  only  a 
significant  part  of  zero  lift  or  cruise  attitude 
drag  of  the  whole  vehicle  and  therefore 
measurements  on  intakes  are  normally  made  at  zero 
or  small  positive  incidence. 

2-2,2, 1  _  Pre-entry  and  Cowl  Forces  for  a  Pitot 

Iniste 

A  practical  thrust  definition  acceptable  to  both 
airframe  and  engine  manufacturer  is  known  as  net 
standard  thrust  *..J  is  the  difference  between 
pressure  and  momentum  forces  at  the  physical  exit 
to  the  engine  and  the  incoming  strearatube  to  the 
intake  at  free  stream  conditions  (Fig. 2.1)  I.e. 

**  KPex-fo^  4  Pex  ^ex2J  \x~Po  ^o3 

The  use  of  the  free  stream  value  of  the  entering 
momentum  in  the  streamtube  approaching  the  intake 
in  this  equation,  implies  the  existence  of  a 
pre-entry  thrust  force  in  the  above  equation, 
where :  - 

t«e  -  l(Pc-Po)  +  Pc  V)  VPo  V  Ao 


(2) 
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acts  on  the  boundary  of  the  pre-entry  streamtube 
(Fig. 2. 25).  Because  the  flow  Laundary  is  a 
streamline  the  pressure  Pjnt  acting  on  the 
Interna!  <,urfr.ce  must  be  balanced  by  pressures 
Pext  acting  on  the  external  surface  and  these 
external  p-<  ssures  give  rise  to  an  equal  and 
opposite  force  to  Tpgp  n  the  drag  direction, 
Known  as  the  pre-entry  *,r  in  the  USA,  additive 
drag  (DpRE  or  DADD) . 


FIG2.25PRE- ENTRY  &  COWL  PRESSURE  FORCES 
FOR  PITOT  INTAKE 

When  the  flow  ratio  A0  is  unity  the  pre-entry 

streamtube  Is  undeflected  upstream  of  the  capture 
area,  Pc  -  and  PCVCJAC-  p0V02A0  so  that  TpRE 
<-0pR£)  <s  zero.  This  can  be  regarded  as  a 

datum  condition  from  which  changes  (either  A0  > 
or  <  Ac)  can  be  studied.  From  the  datum 
condition,  the  curved  pre-entry  flow  induces 
changes  in  the  cowl  pressure  distribution  from 
the  stagnation  line  position  on  the  cowl  lip 
which  divides  external  and  internal  flows.  For 
Ao<1.0  these  changes  In  pressure  distribution  on 


the  cowl  constitute  a  thrust  force  which  in 
subsonic  potential  flow  will  be  equal  and 
opposite  to  the  pre-entry  force.  In  a  viscous 
subsonic  flow  this  cowl  thrust  Is  reduced  below 
the  potential  flow  value  by  (a)  the  presence  of 
the  boundary  layer  on  the  cowl  and  (b)  the 
appearance  of  shock  waves  on  the  forward  facing 
surfaces  of  the  cowl  if  the  flow  over  the  cowl 
becomes  supercritical. 

At  the  datum  flow  condition  when  the  external 
flow  is  free  of  shocks  the  cowl  drag  Is  the 
summation  of  friction  bnd  pressure  drag.  This  is 
known  as  profile  drag  and  is  often  for 
convenience  presented  as  a  form  factor  \  in  which 
the  drag  coefficient  is  normalised  by  the  mean 
skin  friction  drag  coefficient  of  a  flat  plate 
with  the  same  Reynolds  number  based  on  total 
length  of  the  cowl. 


for  a  pitot  intake  Tp£E  (—  DpgE)  can  be 
calculated  from  equation  (2)  or  more  conveniently 
can  be  expressed  In  coefficient  form  in  terms  of 
tabulated  flow  functions  as:- 


tPRE 

. 

Pt 


‘PRE 


-  Jr 
9o*c 
Pt 

lc  lo 

PT  To 


p  p 

[ ■  J.c.  J°  '  fol  + 
“pte’  pto'  Oo  q<J 


-2  A0 

aT 


where  at  subsonic  speeds 


and  at  supersonic  speeds 


ln  the 
Pr 


stagnation  pressure  change  across  a  normal  shock; 


or  in  terms  of  Mach  numbers  as:- 


r1+r^  wc’n-i 
l  2  ]  (W  Mo7)"1 

Mo’lv, 

i  2  J 


2Ao 

Ac 


In  s.  jeh  calculations  the  assumption  is  made  that 
the  stagnation  line  is  at  the  cowl  highlight 
(cap'ure  area)  position  and  that  the  flow  is  one 
dimensional.  For  a  sharp  lipped  cowl  errors  due 
to  both  these  assumptions  are  probably  reasonably 
sm.  II  until  A0  «  Ac.  For  a  thick  lipped  cowl 
th.-  situation  should  be  examined  more  carefully 
(especially  when  correlating  values  for  drag 
obtained  from  experimental  measurements  and  those 
from  computational  methods)  and  Is  discussed 
under  the  heading  of  spillage  drag. 

The  calculation  of  C7pRE  or  CDpR£  from 

computational  methods  using  full  potential  flow 
at  subsonic  speeds  or  the  Euler  equations  at 
subsonic  and  supersonic  speeds  car.  bo  done 
directly  by  integrating  surface  pressures  along 
the  stagnation  streamline.  However  it  is  often 
more  convenient  to  use  a  similar  approach  to  the 
one  dimensional  calculation  but  now  using  a 
station  downstream  of  the  capture  plane  for  the 
downstream  momentum  plane,  where  the  flow  can  be 
regarded  r.s  truly  uniform  and  axial. 


At  supersonic  speeds  the  pre-entry  thrust  and 
drag  forces  are  still  equal  and  opposite  but  a 
net  drag  force  is  now  associated  with  an  increase 
in  wave  drag  as  the  attached  cowl  Up  shock 
changes  to  a  detached  rave  ahead  of  the  intake 
capture  plane  when  A0  <  Ac.  As  at  subsonic 
speeds,  cowl  pressure  distribution  changes  from 
the  datum  condition  in  a  favourable  sense  but  the 
rowl  thrust  developed  Is  now  much  smaller  and 
dots  not  nearly  offset  the  pre-entry  drag  (.is  It 
does  at  subsonic  speeds  when  A0  initially 
decreases  just  below  Ac  and  viscous  effects  Are 
swaU).  Cowl  drag  in  the  datum  condition  is 
again  the  summation  of  skin  friction  and  pressure 
drag.  Pressure  drag  is  now  the  result  of  the 
shock  wave  emanating  from  the  cowl  lip  and  can  be 
caicula:  ’  by  linear  theory  or  by  the  use  of  the 
method  of  characteristics  (ref  13  svrnmarises  and 
correlates  some  results  from  these  methods)  or  by 
solving  the  Euler  equations  for  th  combined 
external  and  Internal  flow. 


With  the  pressure  and  exit  momentum  terms  now 
based  on  station  ’2’  (Fig. 2.1)  the  cowl  internal 
pressure  force  from  the  stagnation  line*  to 
station  '2'  has  to  be  evaluated  to  obtain  Oj-pRE. 

The  internal  thrust  from  upstream  infinity  'o’  to 
stat ion  '2'  is: - 

t2  '  Povoaov2  +  (P2‘Po>  a2  '  PoV\> 


A*T  l  2 


and  Is  derived  from- 
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A2* 

Ao  Ac* 

-  Ac  Ao 

A 

a2 

a2 

•VPto 

cT2 

cT|>.t+  cTpre 

Ctpre" 

CDpRE 

CDpRE" 

CT2  "  CTim 

where  Cr  is  the  duct  internal  pressure  force 
1  itit 

coefficient  integrated  from  the  stagnation  point 
to  station  ’2'.  The  stagnation  point  can  be 

found  accurately  by  locating  the  point  at  which 

the  surface  velocity  changes  sign,  — 2  “  *  ^ 

Ac 

Is  a  limiting  condition  at  supersonic  speeds. 

At  subsonic  speeds  it  can  be  regarded  as  a 
convenient  datum  condition  but  it  is  not  a 
limiting  condition.  This  is  obtained  when  the 
Intake  flow  is  choked  either  at  its  capture  plane 
or  at  some  throat  plane  'th'  downstream  of  the 
capture  plane  where  <  Ac.  Thus  at  low 

subsonic  speeds  if  the  lip  is  not  thin  the  flow 
can  increase  beyond  A0  —  1.0  up  to  the  choking 

Ac 


Below  M0  -  My,  the  datum  condition  is  determined 
by  the  position  of  the  compression  surface  shocks 
in  front  of  the  cowl  lip  and  the  maximum  flow 
ratio  (A0/Ac^max  always  less  than  unity.  This 
maximum  flow  ratio  is  associated  with  a  pre-entry 
drag  and  thrust  corresponding  to  the  fore 
spillage  of  1  -  fA0i  and  this  again  is  a 

‘A:-*  max 

d -.-noted  by  the  suffix  'o'. 

At  both  subsonic  and  supersonic  speeds  TpR£ 
(“DpRE  )  can  be  obtained  from  application  of  the 
momentum  equation  vo  the  internal  flow  in  a 
manner  similar  to  the  pitot  intak*  evaluation  of 
Tpp£.  For  a  single  wedge  intake  oF  angle  b 
(Fig. 2. 27)  this  is 


A  Po 

FI62.27  WEDGE  INTAKE  AT  M0<  MS0L..DPre0 V  0 

TPRE0"  P|vl>Ai  cos  4  +  <P|-Po>  A!  cos  4 
+  (p„-p0)  Vp oVao 

where  Aw  is  the  projected  area  of  the  wedge 


flow  A0  or  Ac  -  Ac  and  the  one  dimensional  CD 


will  increase  again  from  zero.  At  high  subsonic 
and  low  supersonic  speeds  Internal  contraction  to 
Ath  will  create  a  choking  condition  (M^-1.0)  at 
a  flow  rat lo  AQ  <  1.0 

Ac 

which  then  precludes  the  datum  condition  ever 
being  reached.  It  then  has  to  be  accepted  that 
the  intake  operates  in  a  spilling  condition  A0 

<1.0  even  at  full  flow  and  CDpRE  will  never 
attain  a  zero  value . 


pw  at  supersonic  speeds  is  the  constant 
wedge  surface  pressure; 


pw  at  subsonic  speeds  is  cither  taken  as 
Po+Pt  or  is  obtained  from 
2 

a  correlation  of  pressures  measured  on 
wedges  In  isolation  (ref  2.6). 

At  supersonic  speeds  it  is  often  easier  to 
evaluate  DpRE  directly  by  summing  the  pressures 
on  the  external  limiting  streamline.  For  a 
single  wedge  this  Is  very  simply: - 


1.2.2 .2  Pre-entry  and  cowl  forces  for  m  intake 
with  a  compression  surface 

At  supersonic  speeds  due  to  the  presence  of  a 
compress i'-’i  surface  the  datum  condition  of 
A0  -  1.0  is  only  obtained  at  Mach  numbers  above 

Ac 

which  the  compression  surface  shock  (or  shocks) 
impinge  on  or  go  within  the  cowl  Up 
'M0  >  Msol,.  Fig .2.26). 


FIG  2.26  WEDGE  INTAKE  AT  (ct)  M0  =  Msol 

(b)  M0>  Msol:  OPREo=0  FOR  (a)  &  (b) 


dPRE0  -  (Pw”Po><Ac-Aomax> 

The  expression  for  the  two  wedge  compression 
surface  is  lengthier  and  Is  given  in  ref. .2. 5. 
For  the  single  cone  compression  surface  pw  is  not 
constant  but  can  be  integrated  numerically  along 
the  limiting  conical  flow  streamline.  The  second 
shock  on  a  double  cone  is  curveu  and  the  flow 
field  can  be  evaluated  by  the  method  of 
characterise ics . 

At  subsonic  speeds  the  choice  of  a  datum 
condition  is  more  arbitrary  than  for  the  cases 
considered  hitherto.  At  low  subsonic  speeds  the 
value  of  Aj  due  to  the  presence  of  the 

compression  surface  may  not  b«  sufficient  to 
cause  throat  choking  before  the  condition  A0  -  1 

Ac 

is  reached.  In  this  ca'<e  because  of  tho  presence 
of  the  compression  surface  the  entering 
streamline  will  not  be  undeflected  and  parallel 
to  the  free  stream  direction  and  thus  TpRg  will 
not  necessarily  be  zero. 
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At  moderate  and  high  subsonic  speeds  and  at 
supersonic  speeds  when  the  wedge  shook  is 
detached  the  throat  (or  capture  plane)  choking 
flow  could  be  considered  as  an  appropriate  datum 
condition  and  this  will  now  be  associated  with 
values  of  Ac  that  are  less  than  unity.  One  other 


datum  condition  is  the  flow  such  that  the  throat 
velocity  Vj  cr  Vth  is  equal  to  the  free  stream 
velocity  VQ . 


Spillage  drag  cD§pill  calculated  from:- 

Cdspill  “  cDpja  ■  cDext 

O 

wh«re  CDf;CT  -  CDpRE(or  CDadd)  + 

and  Cdett0  “  CdPRE0  +  cDcowi.0 

where  again  the  suffix  'o'  denotes  a  datum 
condlt ion. 


Cowl  pressures  for  the  maximum  flow  condition  at 
supersonic  speeds  should  be  calculated  using  the 
flow  direction  and  Mach  number  at  the  cowl  lip 
that  result  from  the  compression  surface  flow  at 
that  position.  In  practice  two  dimensional 
calculations  of  cowl  drag  show  that  the  values 
obtained  by  this  procedure  differ  very  little 
frorr.  those  obtained  Ignoring  the  compression 
surface  flowfieid  and  assuming  free  stream  Mach 
number  and  direction  at  the  cowl  lip. 

In  the  absence  of  more  comprehensive  data 
similarly  It  is  often  assumed  that  the  decrease 
in  cowl  drag  when  the  intake  operates 
subcrit  leal  iy  is  the  same  as  for  a  pitot  intake 
with  the  same  geometry  cowl. 

2.2 . 2.3  $Pi  1  loge  Drag 

As  already  indicated,  a  reduction  of  flow  ratio 
below  the  datum  or  maximum  flow  value  results  in 
an  increase  in  pre-entry  drag  force  and  a 
corresponding  increase  in  cowl  forebody  thrust 
force  (which  are  equal  and  opposite  in  subsonic 
potential  flow)  and  therefore  results  in  no  net 
axial  force.  In  viscous  subsonic  flow  IF  the 
flow  over  the  cowl  remains  subcrit leal  the  change 
in  cowl  pressure  gradients  result  in  a  thickening 
of  the  cowl  boundary  layer  and  ultimately,  as 
flow  ratio  decreases  further,  to  separation  of 
the  flow  From  the  cowl  Up.  Under  these 

circumstances  cowl  thrust  is  decreased  from  the 
potential  flow  value  and  a  rapid  rise  in  drag 
from  the  datum  or  maximum  flow  value  is  measured 
that  Is  called  spillage  drag. 

When  the  flow  o»cr  the  cowl  is  supercritical  this 
spillage  drag  will  occur  as  a  result  of  both 
boundary  layer  thickening  and  shock  wave 
formation.  The  wave  drag  component  will  probably 
increase  initially  as  flow  ratio  decreases  or 
free  stream  Mach  number  increases  and  then  be 
succeeded  by  a  flow  separation  at  the  foot  of  a 
reduced  strength  lambda  shock  and  finally  by  a 
complete  collapse  of  the  supercritical  flow  as 
separation  moves  forward  to  the  cowl  lip. 

At  supersonic  speeds  because  of  the  increased 
strength  of  the  head  shock,  directly  flow  is 
reduced  below  the  datum  level  there  is  an 
increase  in  pre-entry  drag.  This  is  not  balanced 
by  a  corresponding  increase  in  cowl  thrust  so 
that  spillage  drag  is  positive  when  subsonic 
forespillage  occurs.  Cowl  drag  is  reduced  as 
spillage  increases  and  initially  cowl  flow 
remains  attached.  However  at  greater  spillages, 
flow  can  detach  from  the  cowl  lip  and  form  a 
small  bubble  separation  followed  by  a  weak 
reattachment  shock  (Fig. 2. 28).  The  size  of  the 
bubble  and  the  strength  of  the  reattachment  shock 
grow  as  flow  ratio  decreases  further. 

FIG  2.28  FLOW  PATTERNS  AROUND  PITOT 
INTAKE  AT  SUPERSONIC  SPEEDS 


For  spilling  flows  the  stagnation  line  is  on  the 
internal  surface  of  the  lip  and  not  at  the 
capture  plane  position.  Thus  if  the  one 
dimensional  value  of  based  on  the  capture 

plane  area  CppRg  is  used  this  should  be  added 
to  cowl  drag  CD(X)WL  l^at  ls  l^e  suinmat*on 
of  the  axial  cowl  pressure  force  components 
downstream  from  the  capture  plane.  If  the  true 
external  cowl  drag  Cdcqwl  is  used  i.e.  the 

summation  of  the  axial  cowl  pressure  force 
components  from  the  stagnation  line  position 
forward  to  the  capture  plane  and  then  back 
externally  to  the  maximum  diameter  position  then 
this  should  be  added  to  a  pre-entry  drag 
Cp  which  can  be  one  dimensionally  using  the 
PREt 

stagnation  line  area  and  not  the  capture  plane 
area. 


I.e.  either 

0r  CdEXT  "  CDpREt  +  C|1COWLl 
Unlike  the  evaluation  of  cDpRE  the  calculation 

of  CDpRE  is  not  simple  in  that  the  position  of 

the  stagnation  line  has  to  be  found 
experimentally  by  pressure  plotting  the  lip  in 
fine  detail  or  from  potential  flow  theory  or  by 
solving  the  Euler  equations. 


The  variation  of  drag  with  flow  ratio  at 
supersonic  speeds  for  a  pitot  intake  Is  shown  in 
Fig. 2. 29a  and  the  more  complex  situation  for  a 
wedge  or  cone  compression  surface  intake  in 
Fig. 2. 29b. 


FIG.2  29  '  LOW  STATES  %  DRAG  DEFINITIONS  AT 
SUPERSONIC  SPEEDS  FOR  (a)  PITOT  t 
(b)  COMPRESSION  SURFACE  INTAKES 


✓ 


18 

Thls  latter  Figure  Illustrates  the  potential 
advantages  of  variable  geometry  (by  translating 
or  varying  the  compression  surface  angle) 
available  to  the  compression  surface  Intake  but 
not  the  pitot  Intake.  Flow  can  be  spilled  by 
supersonic  forespill  at  t  much  lower  rate  of  drag 
increase  with  flow  reduction  than  is  obtained  by 
subsonic  forespill  only  or  by  combined  supersonic 
and  subsonic  forespill. 
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.2.3.1  INTRODUCTION 

Supersonic  aircraft  design  has  evolved  to  the 
point  where  even  the  earliest  phases  of  design 
can  benefit  many  times  from  consideration  of  air 
intake  integration,  component  design  and 
performance  analysis.  Figure  3.1a  (from  Ref  3.1) 
offers  some  insight  into  the  rationale  behind 
this  statement.  In  this  Figure  a  trend  can  be 
seen  toward  reduced  range  factor  in  fighter 
aircraft  which  is  associated  with  an  increasing 
ratio  of  intake  capture  area  to  aircraft  wetted 
area  (Ac/A$).  Increased  relative  intake 

size  in  advanced  fighters  is  required  to 
accommodate  the  higher  maximum  mass  flows 
associated  with  increased  thrust/weight  ratio, 
but  it  also  generally  means  a  wider  range  of 
airflows,  leading  to  greater  values  of  Intake 
flow  spillage  at  cruise  conditions  and  more 
sophisticated  intake  variable  geometry.  The 
Figure  suggests  that  the  combination  of  increased 
propulsion  stream  size  and  propulsion 
installation  complexity  make  integration  more 
difficult.  Also,  it  suggests  that  the  levels  of 
intake  and  nozzle  performance  decrements  are 
significant  in  the  determi nat ion  of  performance. 
Therefore,  in  order  to  discriminate  adequately 
among  competing  supersonic  aircraft  concepts,  it 
is  useful  In  preliminary  design  to  show  the 
relative  impact  of  different  intake  integrations 
and/or  the  effect  of  significant  perturbations  in 
an  air  Intake  design.  Any  such  analysis  needs  to 
be  simple  and  quick,  but  give  a  reasonably 
accurate  intake  performance. 


ifocwi  WTTtO  AMU  **  j - 

FIG  3.1a  SUBSONIC  CRUISE  PERFORMANCE  (REF  3.1) 


A  number  of  different  intako  installation 
prediction  programs  exist  in  industry  but  tend  to 
be  guarded  rather  closely.  The  Level  If  Inlet 
Installation  Program  (UP)  analysis  summarized 
here  and  described  moro  at  length  in  Rof.3.2  is 
similar  In  concept  to  other  methods  but  Is  not 
tied  to  any  particular  organisation's  proprietory 
data.  It  was  developed  for  the  USAF  by  Crusuaan 
Aorospace  Corporation  primarily  to  predict  the 
performance  of  well-defined  existing  Intakes  and 


assess  the  relative  performance  of  Inlets  and 
their  subsystems  for  studies  of 
airframe-propulsion  integration.  The  program  was 
Intended  to  be  accurate  and  cimprehensive,  with 
Improvement  of  the  method  as  new  data  became 
aval  table. 

Another  object  of  IIP  was  rapid  calculation  and 
convenient  use  for  inexperienced  users.  The  IIP 
operates  interactively,  using  a  blend  of 
theoretical  analysis  and  empirical  correlations 
to  model  the  flowfields  about  installed  air 
induction  systems.  No  extensive  flowfield 
solvers  or  boundary  layer  codes  are  employed.  A 
complete  on-design  analysis  starting  from  an 
interactive  input  session  can  be  completed  in 
approximately  twenty  minutes. 

UP  is  capable  of  analysing  a  broad  range  of 
inlets  and  approach  flowfield  conditions.  The 
program  consists  of  six  major  software  modules 
capable  of  analysing  both  two-dimensional  and 
ax i symmetric  supersonic  compression  types 
including  pitot  (normal  shock),  all  external  or 
mixed  external-internal.  Inlet  subsystems 
including  boundary  layer  bleed,  bypass,  and 
auxiliary  inlets  can  also  be  analysed.  The 
flight  conditions  may  range  from  static  operation 
up  to  Mach  3.5  at  any  altitude.  The  user  can 
also  specify  non-atmospheric  freest  real 
conditions,  such  as  wind  tunnel  test  conditions. 
Angle -of- incidence  effects  can  be  analysed  for 
horizontal  ramp  two-dimensional  inlets  only  (no 
attempt  was  made  at  estimating  the  3-D  flowfields 
of  axisymmetric  spikes  or  vertical  2-D  ramps  at 
angle-of- incidence. 

Performance  output  from  IIP  consists  of  internal 
flow  thermodynamic  losses  and  external 
aerodynamic  drag.  Total  pressure  recovery  losses 
are  followed  through  the  induction  process 
(oblique  shock  losses,  normal  shock  loss,  cowl 
lip  losses,  and  subsonic  diffuser  losses).  A 
complete  drag  component  breakdown  is  given  with 
absolute  values  of  drag  components  as  well  as  CD 
changes  relative  to  a  specified  reference 
condition.  Flow  characteristics  such  as  onset  oT 
buzz,  oblique  shock  ingestion,  and  Inlet 
'upstart'  are  displayed.  Also  included  are 
massflow  ratios  for  all  of  the  inlet  subsystems. 

Although  IIP  is  mainly  for  analysing  existing 
geometries,  limited  design  assistance  Is  also 
available.  On-design  values  oi  compression 
surface  angles  and  lengths  for  maximum  recovery 
and  specified  mass  flow  ratio  is  available. 
Also,  bleed  and  bypass  sizing  for  maximum 
recovery  can  bo  determined.  Auxiliary  inlets  can 
be  sized  for  a  specified  recovery  (trading 
auxiliary  inlet  mass  flow  ratio  for  reduced  cowl 
lip  losses).  At  off-deslgn  conditions,  variable 
geometry  ramp  schedules  or  translating  spike 
positions  can  be  determined  for  a  desired  mass 
flow  ratio  and  an  assumed  throat  Mach  number  of 
0.7.  This  Is  done  by  varying  compression  ramp 
anglos  for  2-D  inlets  or  translating  the  spike 
for  axisymmetric  Inlets  while  checking  for 
undesirable  shock-shock  intersections  and/or 
detached  oblique  shocks. 

IIP  is  capable  of  using  scheduled  oT  variable 
geometry  and  engine  mass  flow  as  functions  of 
Mach  number  and  angle -of- incidence .  This  option 
Is  used  for  continuous  calculation  of  inlet 
performance  throughout  a  '"If  flight  onvelopo. 
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PROCEDURES 


IIP  models  six  basic  elements  of  any  inlet:  1) 
compression  system,  2)  cowl  Up,  3)  subsonic 
duct,  4)  boundary  layer  removal  systems,  5) 
bypass  system,  and  6)  auxiliary  Inlet  system. 
Figure  3.1b  shows  these  basic  elements  in  terms 
of  parametric  influence. 

The  procedure  for  estimating  inlet  performance 
involves  first  calculating  all  portions  of  the 
supersonic  flowfield  up  to  the  normal  shock.  The 
f'owfleld  results  are  then  output  since  the 
supersonic  flow  is  not  affected  by  engine 
operating  conditions.  The  procedure  then 
calculates  an  independent  engine  operating 
parameter.  ’or  pitot  and  external  compression 
Inlets,  the  throat  Mach  number  is  treated  os  the 
independent  parameter  and  governs  all  subsonic 


FIG  3.1b  IIP  BASIC  ELEMENTS  (REF  3.2) 


portions  of  the  flowfield.  Geometry  Is  defined 
such  that  throat  Mach  number  may  start  at  a 
choked  condition  (Mach  1)  and  be  incrementally 
decreased,  with  Intake  performance  calculated  and 
printed  out  at  each  Increment.  As  throat  Mach 
number  Is  reduced  below  1.0,  the  resulting  normal 
shock  moves  upstream  from  the  cowl  lip  onto  the 
compression  surface(s)  until  a  slipline  ingestion 
(and  onset  of  buzz,  see  Section  2  of  Chapter  I) 
is  detected.  At  this  point  the  calculation 
terminates.  For  mixed  compression  intakes, 
normal  shock  position  Is  the  independent 
parameter  sines  the  throat  is  still  supersonic 
and  does  not  change  with  engine  operation.  All 
downstream  subsonic  flowfields  are  dependent  on 
this  position.  The  normal  shock  Is  initially 
positioned  at  one  third  of  the  diffuser  length  or 
at  the  downstream  end  of  a  diffuser  bleed  section 
if  there  Is  one.  It  Is  then  moved  incrementally 
toward  the  throat  until  the  verge  of  ‘unstart', 
a»  which  point  the  calculation  proceeds  as  for 
external  compression  intakes.  In  this  way,  total 
pressure  recovery  and  drag  are  predicted  for  a 
range  of  ongine  operating  conditions. 

Specific  prediction  methods  are  described  below. 
For  subsonic  operation,  1-D  isentroplc  flow  is 
assumed  up  to  the  cowl  Up  with  a  linear 
variation  of  static  pressuro  on  the  external 
compression  surfaces.  For  2-D  supersonic  flow, 
oblique  shock  theory  Is  used.  For  oxisymmetr ic 
supersonic  flow,  on  approximate  empirical 
analysis  involving  equivalent  conical  wedges  is 
used.  Internal  supersonic  flow  >$  calculated 
using  an  equivalent  2-D  converging  passage.  Mass 
flows  for  bleed  and  bypass  subays  terns  are 
determined  by  the  difference  In  local  surface 
pressure  and  ambient  back  pressure  with  assumed 
internal  loss  factors.  Supersonic  surface  bleed 
Is  unaffected  by  thu  independent  parameter,  but 


subsonic  surface  bleed  or  bypass  mass  flow  does 
change  with  engine  mass  flow.  Bleed  and  bypass 
drag  is  determined  using  momentum  conservation 
(taking  loss  factors  Into  account)  plus  a 
component  for  pressure  drag  on  exit  doors 
protruding  into  the  freestream.  Cowl  lip  losses 
are  based  on  empirical  correlations  that  depend 
on  a  fairly  detailed  description  of  the  lip 
geometry.  Subsonic  duct  friction  losses  are 

based  on  an  average  friction  factor  and  the 
throat  dynamic  head.  Duct  divergence  and  offset 
losses  are  determined  from  empirical 
correlations.  Spillage  drag,  which  Is  the  sum  of 
pre-entry  drag  and  cowl  lip  drag.  Is  based  on  the 
previously  mentioned  reference  condition.  This 
reference  condition  is  specified  as  an  engine 
mass  flow  ratio.  The  pre-entry  drag  is 
calculated  by  a  sin.ple  pressure-area  integration 
of  the  spilled  st reamt ube.  Cowl  lip  drag  effects 
are  calculated  using  the  same  empirical  data  for 
cowl  lip  losses  in  conjunction  with  transonic 
similarity  theory. 

Figure  3.2  shows  a  schematic  of  these 
calculation  procedures. 


FIG  3.2  COMPUTATIONAL  FLOW  DIAGRAM  (REF  3.2) 


fho  IIP  Program  Is  ueed  by  a  number  of  UeAF 
organisations  to  snalyss  potsntlsl  or  existing 
Intsks  configurations.  Thrss  examples  «re  given 
here  to  provide  in  Indication  of  Its  accuracy  and 
show  Its  use  In  svaiuatlon. 
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FIG  3  3g  SIDE-MOUNTED  INLET  CONFIGURATION 
AND  INSTRUMENTATION  (REF3;4) 


The  first  example,  intake  data  from  project 
Tailor-Mate  (Ref  i.3)  were  used  to  evaluate  the 
method's  ability  to  predict  total  pressure 
recovery  over  a  range  of  Mach  numbers  and  pitch 
angles.  The  Tailor-Mate  A-l  intake  (Fig  3.3a  Ref 
3.4)  is  a  two-dimensional  external  compression, 
side-mounted,  overhead  ramp  configuration 
designed  for  a  Mach  2.5  fighter.  The  intake  has 
three  variable  compression  ramps,  porous  ramp 
bleed,  throat  slot  bleed/bypass,  and  a  subsonic 
diffuser  with  both  vertical  and  horizontal 
offset.  The  intake  was  tested  from  Mach  0.9  to 
2.5  and  angles-of-Incidence  between  -5  and  20 
degrees.  Test  data  included  engine  face  total 
pressure  recovery  and  all  subsystem  mass  flow 
ratios.  Unfortunately,  no  drag  data  were  taken 
to  compare  with  IIP  output.  Several  problems 
were  encountered  in  modelling  the  A-l  geometry. 

First,  sideplate  porous  bleed  was  incorporated  in 
the  A-l  test  model  but  no  provisions  for 
sideplate  bleed  are  available  in  IIP.  Second, 
IIP  assumes  duct  geometry  as  shown  in  Figure 
3.3b. 


MOTt:  W*l*001LH«fll»OMI.Lw^«Le„.lw.lWCT»»HlT 

NKOIUIIY  MOUrniD  TO  M  100 AC  TO  THI  ACTUAL  l (MOTH 
t  AO*  THROAT  TO  INOOM  MCI. 

FIG  3.3b  IIP  DUCT  GEOMETRY  (REF  3.2) 

Offset  can  be  input  for  one  direction  only  for  a 
constant  area  duct  section.  All  diffusion  is 
assumed  to  take  place  in  straight  sections 

upstream  and  downstream  of  the  offset  section. 
The  A-l  duct,  however,  has  offset  in  two 
directions  and  has  continuously  varying  area 
(which  is  typical  of  advanced  fighter 

configurations).  The  approach  taken  was  to  input 
a  similar  offset  to  length  ratio  Into  UP  using 
the  total  diagonal  offset  distance  of  the  A-l 
diffuser.  Third,  the  throat  area  as  calculated 
by  IIP  (not  a  direct  input)  was  always  smaller 
than  the  A-l  data  indicated.  The  predicted 
throat  Mach  numbers  for  a  given  engine  mass  flow 
were  generally  higher  than  A-l  measured  throat 
Mach  numbers.  Several  sample  data  comparisons 
are  shown  in  Figure  3.4.  Recovery  was  predicted 
reasonably  well  at  moderate  angles-of-lncidence 
despite  the  geometric  discrepancies,  but  accuracy 


fell  off  at  higher  angles, 
were  excellent,  except  at 
probably  underestimated 


Transonic  comparisons 
-5  Agrees  where  IIP 
the  severity  of 


separation  at  the  intake  sideplate  leading  edges. 
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FIG  3.4  SAMPLE  IIP  COMPARISONS  (REF  3.3! 
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Next,  several  advanced  short-take-oTf/vert leal- 
landing  (ASTOVL)  configurations  were  analysed  in 
support  of  an  international  project  (Ref  3.5). 
The  Intakes  for  all  four  configurations  were 
designed  for  Mach  1.8  cruise:  two  employed  a 

single  fixed  compression  ramp,  and  two  were 
simple  pitot  intakes.  All  of  the  configurations 
involved  some  degree  of  shaping  for  reduced  radar 
signature,  such  that  the  intake  apertures  were 
three-dimensional.  Since  IIP  cannot  model  such 
feature  differences,  the  approach  taken  was  to 
maintain  the  correct  intake  capture  area,  throat 
area,  and  compression  ramp  angles  for  an 
equivalent  2-D  intake.  Recovery  comparisons  were 
generally  very  good  for  all  the  configurations, 
giving  a  reasonable  degree  of  confidence  in  the 
contractors'  quoted  performance.  Spillage  drag 
comparisons  were  not  as  promising,  however. 
Trends  with  Mach  number  compared  well,  but 
absolute  drag  levels  were  different  by  as  much  as 
fifty  percent.  USAF  experience  with  IIP  suggests 
that  its  cowl  lip  drag  predictions  are 
particularly  sensitive  to  the  input  ifp  geometry, 
requiring  a  high  degree  of  detail.  However, 
engineering  sketches  rarely  give  the  level  of 
detail  required  to  discern  this  geometry  and  it 
must  therefore  be  approximated.  Also,  the  intake 
drag  is  highly  dependent  on  the  degree  of 
intake-airframe  integration.  This  effect  also 
cannot  be  modelled  by  IIP  since  it  assumes  an 
isolated  intake.  The  combined  effect  of  these 
limitations  is  to  reduce  confidence  in  predicted 
drag  levels. 

Finally,  IIP  was  employed  recently  to  help 
analyse  an  advanced  supercruise  fighter 
forebody/ Intake  test  model.  The  IIP  analysis 
indicated  possible  problems  with  oblique  shock, 
detachment  and  the  boundary  layer  removal  system, 
which  after  further  detailed  analysis  resulted  In 
test  model  modifications. 

2.3.4  CONCLUSIONS  AND  RECOMMENDATIONS 

The  LEVEL  II  Inlet  Installation  Program  (IIP)  has 
been  developed  for  fast,  accurate  analysis  of 
intake  designs.  It  is  also  capable  of  limited 
design  and  optimisation  options,  particularly  for 
off-design  operation.  It  has  been  used  by  a 
number  of  USAF  agencies  and  Is  similar  in  concept 
and  methods  to  US  industry  programs  developed  for 
preliminary  intake  design.  The  IIP  total 
pressure  recovery  prediction  accuracy  Is 
considered  relatively  good.  The  drag  prediction 
accuracy  must  be  taken  with  caution,  however, 
because  of  the  sensftivity  to  input  data  and  the 
integration  aspects.  The  format  of  the  output 
information  is  considered  excellent.  An  entire 
intake  performance  envelope  can  he  obtained  in  a 
matter  of  hours.  The  interactive  input  sessions 


can  howevor  become  tedious  due  to  the  number  of 
responses  required  and  IT  the  information  asked 
Tor  Is  not  available,  the  process  must  be 
prematurely  terminated. 

Several  enhancements  would  irake  a  program  like 
IIP  more  usable  as  a  design  tool.  The  unfamiliar 
user  would  be  helped  by  *nenu'  driven  Input 
sessions.  Graphical  aids  would  be  invaluable  in 
defining  parameters  so  that  referral  to  a  printer 
manual  Is  not  required.  Also,  graphical  display 
of  the  output  would  help  the  user  Interpret  the 
results  of  change  of  his  design  parameters. 

Improvements  of  the  method  would  be  necessary  to 
increase  the  application  to  more  advanced 
designs.  The  ability  to  determine  the  effects  of 
3-D  apertures  (to  first  order  at  least)  and 
highly  offset  subsonic  diffusers  on  recovery  and 
flow  capture  is  desired.  Sufficient  data  exists 
to  develop  empirical  correlations  for  these 
concepts.  Their  inclusion  would  make  IIP 
applicable  to  highly  survlvable  aircraft  designs. 
The  current  maximum  Mach  number  limit  of  IIP 
limits  the  use  of  the  mixed  compression  programs, 
tut  extending  the  empirical  correlations  up  to 
Mach  No.  4  or  6  would  allow  application  to  many 
evolving  high  speed  rircraft. 
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2.4  INTAKE  DESIGN  &  PERFORMANCE  FOR 
SUPERSONIC  CRUISE/HYPERSONIC 
OPERATION 
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REFERENCES 

2,4,1 _ FINDING  A  MISSION  FOR  HIGH  SPEED 

There  was,  for  many  years,  a  natural  trend  toward 
higher  speed  for  almost  all  types  of  aircraft, 
but  there  seems  to  have  beer,  a  more  or  less 
natural  Mach  number  celling  for  particular 
functions/misslons .  In  fighter  aircraft  this 
Mach  number  cut  off  point  appears  to  be  in  the 
2.0  to  2.5  lunge.  Supersonic  strike/bomber 
concepts  have  been  explored  for  many  years,  but 
subsonic  sea  level  flight  remains  the  preferred 
mode  of  penetration.  Intercept/reconnaissance 
missions  have  consistently  excited  interest  in 
high  speed  and  in  fact  have  provided  the 
motivation  for  the  Mig-25  (interceptor)  and  SR-71 
(reconnaissance)  aircraft,  the  best  examples  of 
high  speed  (Mach  3+)  air  intake  technology 
available.  Most  commercial  aircraft  operate  in 
the  high  subsonic  regime,  but  the  Anglo-French 
Concorde  and  Soviet  TUKfc  have  demonstrated  the 
general  technology  necessary  to  cruise  at  Mach  2. 


MOOES  OF  OPERATION  OF  MX-1787  COMBINED 
TURBOJET-RAMJET  POWER  PLANT 


In  the  US,  other  forerunners  of  high  Mach  number 
technology  can  be  seen  In  the  B-70  and  in  two 
Century  series  interceptor  designs,  the  F-103 
(Fig  4.1)  and  F-108  (Fig  4.2).  All  these 

concepts  employed  efficient  two-dimensional  mixed 
compression  intakes;  but  whereas  the  B-70  and 
F-108  were  turbojet  powered,  the  F-103  was 
designed  for  a  dual  mode  turbojet /ramjet 
propulsion  system.  Engineers  and  scientists 

involved  in  research  and  development  In  the  1960s 
continued  beyond  Mach  3  to  investigate  ramjet 
propulsion  integration  Into  the  high  supersonic 
and  hypersonic  regimes.  The  air  intake  was  seen 
to  be  a  key  factor  in  this  development;  therefore 
considerable  attention  was  given  to  efficient 
diffusion  of  propulsion  streams  over  a  wide  rungo 
of  speeds. 


FIG  4.2  NORTH  AMERICAN  XF  108 

Th#  earl  ie*t  work  above  Mich  3  concentrated  on 
air  Intake*  for  aubeonic  conbuet ton  ranjets,  but 
when  exploration  of  aver  higher  speed,  reached 
about  Mach  8,  th*  potential  for  raaijet  effective 
apeclflc  Input**  wa*  dropping  rapidly  (Fig  4.3). 
Thl,  observation  brought  consideration  of 
supersonic  conbustlon  to  th*  forefront  and 
originated  th*  idea  In  th*  US  for  an  aerospace 
plan*.  A  number  of  different  concept*  for  such  a 
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vehicle  were  explored  In  the  early  1960’s,  all 
making  use  of  scram jet  propulsion  above  about 
Mach  6-8.  Unfortunately,  the  magnitude  of 
propulsion  technology  barriers,  resistance  from 
the  rocket  community  and  the  more  Imnediate  needs 
for  propulsion  integration  at  lower  speeds  pulled 
attention  away  from  hypersontes.  There  was  a 
strong  tendency  to  concentrate  resources  on 
transonic/supersonic  Intakes  as  opposed  to  very 
high  speed  flight.  Any  high  altitude  supersonic 
system  that  could  be  conceived  was  perceived  as 
vulnerable  to  projected  defenses. 


FIG  4.3 

SPECIFIC  IMPULSE  OF  HYDROGEN-FUELLED 
ENGINES 


When  mission  analysts  began  to  look  beyond  Mach  3 
significant  levels  of  interest  in  high  speed 
flight  reemerged.  In  the  US  interest  in  high 
speed  flight  came  about  In  the  resurrection  of 
the  single-stage-to-orbit  airbreathing  aircraft 
concept.  The  National  Aero-Space  Plane  (NASP) , 
makes  use  of  a  dual -mode  ramjet /scramjet  engine 
to  achieve  near  orbital  velocities.  A  related 
mission  would  be  the  so-called  "orient  express," 
a  hypersonic  passenger  aircraft  which  would 
provide  quick  trans-Pacific  transport.  The  work 
on  NASP,  then,  led  naturally  to  examination  of 
other  intermediate  speed  appi lent  ions ,  both  as 
new  missions  and  as  alternatives  to  NASP. 
Starting  from  the  lower  end  of  this  Mach  4  to  25 
regime,  mission  analysts  were  able  to  see  utility 
for  systems  operating  from  Mach  4  to  6  for 
intercept,  reconnaissance  or  interdiction 
purposes.  Beyond  that,  in  the  Mach  6-8  range, 
potential  for  a  ramjet  or  ramjet -powered  first 
stage  of  a  t wo-st age-to-orbi  t  vehicle  has  been 
examined  in  a  number  of  places,  e.g.,  the  German 
Sanger  vehicle.  Also,  suborbital  Mach  8-12 
missions  havo  been  postulated  which  hold 
considerable  promise  in  terms  of  both  reaction 
time  and  survivability  (Ref  4.1  &  2). 

Thus,  the  possibility  of  high  :;peed  flight  has 
been  revived,  and  with  It,  the  nood  for  high 
speed  air  intakes.  Sovornl  distinct  areas  of 
Interest  can  be  Identified* 


Max  Mach 
number 


a.  2-3+ 

b.  4-6 

c.  6-8 


High  speed  civil  transport  (HSCT) 
Transport  L* Avion  ^  Grande  Vitesse 
(AGV),  Intercept,  Reconnaissance  & 
Interdict  ion  aircraft 
First  stage  of  two-atage-to-orbit 
vehicle  (Sanger)  or  part  of  a 
rsnjet /rocket  single-stage-to-orbit 
(British  Hotol)  concept 


d. 

o  8-12  Reconna is since,  fast -response 

global  interdiction  aircraft 

o  12-25  Air  breathing  slngle-stafe-to-orbit 

(SSTO)  vehicle 

It  should  be  noted  that  the  value  of  these 
possible  flight  vehicles  does  not  hinge  on  the 
anticipation  of  a  future  major  power  conflict. 
Some  of  them,  however,  suggest  the  need  for 
continuing  allied  power  vigilance  and  the 
recognition  that  there  will  continue  to  be  global 
"hot  spots"  which  could  require  high  speed 

intervention  (Ref  4.1).  Inherent  In  the^ie 

technologies  is  the  potential  for  civilian 
application.  Interest  has  been  revived  in  high 
speed  atmospheric  flight,  and  the  challenges  for 
high-speed  air  intakes  are  substantial, 

increasing  in  difficulty  as  Mach  number 

increases.  *hlle  there  are  many  overlapping 
requirements  for  Intake  technology  across  these 
regions,  several  key  factors  can  be  considered. 
The  balance  of  this  section  will  deal  with 
progress  in  technology  and  requirements  for 
future  solutions. 

24.2  INTAKES  FOR  MACH  2  to  3+  CRUISE 

24.2.1  Characteristics  of  Intake  Design 

Air  intakes  designed  for  supersonic  cruise  have 
different  priorities  to  those  designed  for 
supersonic  dash  flight.  In  regard  to  dash 
aircraft,  intake  designs  such  as  those  used  on 
F-15  and  Tornado  provide  relatively  high  pressure 
recovery  and  low  flow  distortion,  even  during 
combat  manoeuvres.  They  place  relatively  less 
emphasis  on  low  drag.  Supersonic  cruise  aircraft 
on  the  other  hand,  spend  the  major  portion  of 
their  time  at  or  near  a  supersonic  design  point; 
consequently  their  intakes  require  reduced  cowl 
lip  thickness,  more  efficient  boundary  layer 
bleed  and  relatively  sophisticated  bypass  systems 
to  provide  a  precise  mass  flow  match  between 
intake  and  engine  and  stable  operation.  Intake 
bleed  flow  in  particular  must  be  exhausted 
efficiently  to  minimize  potential  drag 
contributions.  As  supersonic  cruise  takes  place 
at  higher  and  higher  Mach  numbers,  the  Importance 
grows  of  reducing  contributions  to  bleed,  bypass 
and  spillage  drag  and  the  need  to  reduce  cowl 
drag  leads  to  the  use  of  mixed  compression.  The 
technology  currently  available  to  accomplish 
these  tasks  can  best  bo  illustrated  by  their 
implementation  on  current  aircraft  and  in  the 
design  of  advanced  supersonic  cruise  aircrrft. 


2  4.2,2  Intake  Technology  in  Current  Mach_2-_3+ 

Mrp.r.flfi 

The  Concorde,  operating  at  Mach  2.0,  represents  a 
unique  intake  employed  at  the  lower  edge  of  the 
supercruise  range  (Ref  4.3).  The  Concorde 
designers  were  able  to  employ  a  low  drag  external 
compression  design  (Fig  4.4).  This  intako,  as  can 
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be  seen  from  the  Figure,  is  basically  a 
three-shock  design,  but  adds  some  isentropic 
compression  on  the  second  ramp  and  operates 
between  a  complex  field  of  expansions/shocks 
internally  near  the  ramp  bleed  gap,  and  the 
standard  normal  shock  at  intake  entry.  By 
allowing  a  small  amount  of  duct  contraction  aft 
of  the  entry  plane  the  external  cowl  angle  is 
kept  to  a  minimum  consistent  with  shock 
attachment  at  the  lip  and  a  self  starting  intake. 
The  wide  bleed  slot  behind  the  compression  ramp 
allows  a  free  shear  layer  to  accommodate  changes 
in  mass  flow.  It  automatically  adjusts  the  bleed 
slot  streamline  and  the  amount  of  flow  removal 
required  For  flow  matching.  From  a  purely 
mechanical  point  of  view,  the  Concorde  intake  is 
a  model  of  simplicity.  It  uses  a  variable  second 
compression  ramp  and  an  auxiliary  intake  (for 
takeoff)  combined  with  a  dump  door  for  over-board 
bypass.  Transient  controls  activate  the  dump 
door  which  is  made  easier  due  to  the  fact  that 
the  inlot  operates  stably  Trom  supercritical  to 
subcritical  conditions.  Its  advantage  is  seen  in 
the  combination  of  simplicity  and  reliability 
with  performance  adequate  for  Mach  2.0  operation. 
With  this  type  of  design  (ie  without  mixed 
internal/external  compression)  at  higher  Mach 
numbers  it  would  be  difficult  to  maintain  high 
total  pressure  without  unacceptable  increases  in 
drag  and  bleed  flow  quantity. 


Altho-fch  in  the  US  a  prototype  supersonic 
transport  was  never  built,  its  air  intake  was  one 
of  the  more  fully  developed  designs  in  the 
history  oT  US  research  and  development. 
Variations  on  Its  axisymmetrlc  mixed  compression 
design  continued  in  NASA  for  several  years  after 
abandonment  oF  the  SST  itself,  exploring  mixed 
compression  ranging  from  40%  to  60%  internal 
contraction,  developing  highly  efficient  boundary 
layer  control  and  refining  means  of  achieving 
inlet  stability.  TJonneland  outlined  some  of  the 
chief  design  characteristics  of  the  Boeing  SST 
intake  design  in  Ref. 4. 4  as  it  applied  to  the 
Mach  2.7  commercial  cruise  vehicle  (Fig. 4. 5a). 
This  reference  points  out  that  in  the  development 
of  the  intake  design,  a  number  of  improvements  in 
intake  design  were  required,  especially  In  the 
areas  of  boundary  layer  prediction  and  control, 
intake  stability  and  intake/engine  airflow 
matching.  It  noted  that,  even  with  optimistic 
pressure  recovery  and  bleed  estimates,  an  SST 
with  a  3500  mile  range  would  experience  cruise 
range  loss  in  cxces.:  of  12%  due  to  total  pressure 
losses  and  bleed  drags  alone.  As  a  consequence. 

It  was  necessary  to  set  very  high  performance  and 
stability  objectives  for  the  Intake.  For 
example,  the  'started'  intake  at  Mach  2.65 
operated  at  a  pressure  recovery  of  91%  and  was 
designed  to  accept  a  step  reduction  of  5%  in 
engine  corrected  airflow  without  controller 
action  and  remain  'started'.  Similarly, 

operating  on-deiign,  the  inlet  was  not  to 
'unstart '  when  experiencing  a  Mach  number 
reduction  up  to  0.05.  The  overall  system  was 
matched  so  that  no  overboard  bypass  was  required 
for  matching  during  normal  climb  and  cruise 
operation.  The  complex  Boeing  design 

Incorporated: 

a.  A  translating  spike  for  matching  and  bleed 
opt  imitation 

b.  Four  throat  doors  to  obtain  flow  area 
variation  needed  from  take-off  to  transonic 
condi t ions. 

c.  Four  overboard  bypass  doors  (which  In  turn 
incorporatad  suck- in  doors)  to  spill  excess 
airflow  during  descent  or  other  conditions 
involving  an  inoperative  engine. 


d.  Distributed  centerbody  spike  and  cowl  bleed 
plus  a  spike  shoulder  scoop  bleed  for 
boundary  layer  and  shock  wave  boundary  layer 
interaction  control  (Fig  4.5b).  An  intricate 
control  system  blended  these  variable 
geometry  features  and  an  automatic  vortex 
valve  (Fig  4.5c)  to  solve  problems  with: 

o  Takeoff/landing  performance 
o  Takeoff  noise  abatement 


FIG  4.5a  INTAKE  GEOMETRY 


FIG  4.5b  BOUNDARY  LAYER  BLEED  SYSTEM 


FIG  4.5c  VORTEX  VALVE  SCHEMATIC 


FIG  4.5  BOEING  SST  INTAKE 
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o  Stable  supersonic  "started"  operation 

o  Intake  fuzz  suppression 

o  Optimizing  supersonic  diffuser/bleed  system 
operation 

o  Minimization  of  bleed  drag 
o  Normal  shock  system  stability 

Even  recent  reports  on  NASA's  Investigation  of  an 
advanced  SST  (Ref  4.5)  feature  a  similar  intake 
design,  but  operating  with  advanced  higher 

temperature  variable  cycle  engines.  The  intake 
could  employ  an  expanding  centerbody  compression 
surface  for  noise  reduction  features  such  as 

intake  choking  during  landing  or  takeoff  to  block 
noise  from  propagating  outside  the  Intake  (Ref 

4.6) .  Similarly,  updated  versions  of  the 

Concorde  (Ref  4.7)  have  been  suggested  (Fig  4.6). 
The  ATSF  (Avion  Oe  Transport  Supersonlque  du 
Futur)  would  operate  In  the  Mach  2.4  to  2.5 

regime,  possibly  with  a  variable  cycle  engine 
which  would  operate  as  a  turbofan  at  take  off 
and  as  a  turbojet  for  supersonic  cruise,  the 
"flow  multiplier"  fan  being  driven  by  a  secondary 
turbine  for  takeoff  and  subsonic  cruise  (Fig 

4.7) .  With  such  a  flight  vehicle,  crucial  needs 

include  a  "smart"  control  system,  a  high 

efficiency  intake  and  careful  integration  of  all 
aspects  of  engine  and  airframe  design  from  the 
outset  of  development. 


CU«*  KMltultoA 


It  would  have  seemed  incredible  25  years  ago  to 
predict  that  the  YF-12/SR-71  would  persist  as  the 
state-of-the-art  for  Mach  3+  manned  cruise 
flight,  but  even  as  *t  retired,  it  was  the 
reigning  example  of  high  supersonic  cruise.  A 
number  of  reports  on  this  aircraft's  intakes 
(e.g.,  Ref  4.8-13)  offer  insight  to  the  flving 
Mach  3+  cruise  state-of-the-art  for  induction 
systems.  This  Mach  3+  axi  symmetric  mixed 
compression  intake  operates  essentially  as  an 
isolated  intake,  only  a  slight  downward  cant  and 
toe-in  being  provided  to  align  the  intake  with 
the  forebody  flow  field  (Fig  4.8).  The 


FIG  4.8  LOCKHEED  SR-71A 


compression  spike  translates  for  off-design 
spillage  operation  and  to  provide  inlet  'restart' 
capability.  Its  bleed  regions  for  boundary  layer 
control  and  shock  stability  are  located  on  both 
the  spike  arid  cowl.  Spike  bleed  is  by  means  of  a 
series  of  surface  slots.  Cowl  bleed  uses  ( 
combination  of  flush  slots  and  a  ram  scooj: 
referred  to  as  the  shock  trap  (Fig  4.9).  The 
INLET  DETAILS 


FIG  4.9  DETAILS  OF  THE  SR-71A  FULL  SCALE 
AND  1/3  SCALE  INLET  SYSTEM 


YF-I2/SR-71  Intake  system  has  two  bypi.ss  systems, 
using  the  forward  bypuss  to  position  the  normal 
shock  and  to  dump  large  amounts  of  flow  during  a 
•restart’  cycle.  The  aft  system  provides  for 
some  engine  cooling,  but  Is  also  used  for  engine 
matching  below  Mach  3.0  (Fig. 4, 10).  A  digital 
Inlet  control  developed  later  was  able  to 
attenuate  disturbance  inducod  shock  excursions 
for  frequencies  of  about  Ihertz  and  below. 
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Development  of  the  SR-71  Inlet  during  its 
lifetime  has  dealt  largely  with  terminal  shock 
stability  problems.  Solutions  working  with 
existing  flight  vehicle  actuation  hardware  met 
with  some  success,  but  other  systems  which  would 
require  more  drascic  inlet  modification  showed 
excel  ten.,  promise.  In  one  case  (Ref  4.10))  a 
YF-12  aircraft  inlet  modified  to  provide  a  porous 
cowl -bleed  region  just  upstream  of  the  intake’s 
shock  trap  and  bleed  flow  was  controlled  by 
relief-type  mechanical  valves  (Fig  4.11), 
designed  for  high  Mach  number  (Mach  3+)  flight. 


FIG  4.11  YF-12  INLET  WITH  STABILITY  SYSTEM 

The  valves  provided  their  own  reference  pressure 
and,  hence,  did  not  respond  to  the  slow  response 
perturbations  handled  by  the  inlet's  control 
system.  Such  a  system  was  shown  to  be  able  to 
absorb  diffuser-exlt  airflow  disturbances  that 
are  too  fast  for  the  inlet's  production  control 
system.  If  the  SR-71  were  being  developed  today, 
it  appears  that  the  level  of  technology  would  be 
adequate  to  facilitate  synthesis  of  a  more  stable 
Intake . 


For  the  most  part,  the  difficulties  of  designing 
inta*  ;  at  Mach  3  continue  Into  the  Mach  4  to  6 
regime,  but  with  revised  priorities.  Major 
changes  in  emphasis  stem  from  the  off-design  flow 
matching  problem  and  from  the  utilization  of  a 
combined  cycle  turbo-ramjet  engine  (Fig  4  12). 


FIG  412  COMPARISON  OF  INLET  DRAG  COMPONENTS 

Maximum  Mach  number  propulsion  flow  requirements 
produco  a  large  intake  capture  area  relative  to 
other  ai rcraFt  dimensions  (Fig  4.13).  This 
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FIG  4.13  SIZE  OF  CAPTURE  AREA  &  INFLUENCE  OF 
PROPULSION  SYSTEM  GROWTH  WITH  SPEED 


situation  creates  an  acceleration  problem  because 
the  inlet  sized  for  maximum  Mach  number  Is  unable 
to  pass  the  capture  area  stteamtube  at  transonic 
and  low  supersonic  flight  conditions.  Coupling 
this  situation  with  reduced  engine  demand  at  the 
lower  Mach  numbers  requires  spillage  bypass  of  up 
to  90X  of  the  approaching  capture  area  streamtube 
(Fig  4.14).  Cetting  rid  oT  the  excess  air,  In 
turn  produces  high  spillage  and  bypass  drags. 
Consequently  a  critical  need  is  Identified  for 
Mach  4  to  6  Intakes  which  exhibit  low  off-design 
drag.  On  the  other  hand,  the  requirement  to 
maximize  total  pressure  recovery  (as  with  a  Mach 
3  turbojet)  is  relaxed  In  a  high  Mach  number 
environment  where  a  ramjet  is  either  included 
with  the  turbojet  or  takes  over  completely. 


Mac'  number 


FIG  414  COMPARISON  OF  lN^T  SUPPLY  & 
ENGINE  DEMAND  vs  CURRENT 
PROPULSION  SYSTEM 

A  number  of  design  issues  can  be  identified  for 
air  intakes  operating  in  the  Mach  4  to  6  range. 
In  the  supersonic  diffuser  the  compression  ramps 
are  designed  not  only  as  to  number  and  length  of 
ramps,  but  also  whether  to  use  hinged  ramps 
exclusively  or  include  flexible  ramp(s)  to 
approximate  isentropic  compression.  Variable 
geometry  also  helps  to  provide  efficient 
transonic  spillage.  An  efficient  i-  -’ndary  layer 
control  system  for  compression  ramp(s)  and 
sidewalls  is  designed  not  only  to  maximize 
pressure  recovery,  but  also  to  maximize  total 
system  performance  with  absolute  reliability, 
intake  throat  design  for  these  applications 
considers  the  effect  of  throat  Mach  number  on 
performance  and  stability  and  It  provides  for 
normal  shock  position  control,  whether  by  bleed, 
shock  trap  mechanism  or  other  device.  Design  of 
the  flight  vehicle  itself  also  considers  the 
forebody  boundary  layer  -  whether  to  divert , 
bleed  or  Ingest  some  or  all  of  it.  Because  of 
the  high  pressures  and  temperatures  in  the 
Intake,  mechanical  design  takes  on  increased 
importance  for  accurately  controlled  actuation, 
for  sealing  of  ramps  against  leakage  and  for 
providing  adequate  thermal  protection  for 
subsystems.  Even  the  subsonic  diffuser  design  is 
critical.  Care  must  be  taken  to  maintain 
attached  flow  with  the  high  area  ratios 
associated  with  maximum  Mach  number,  (a)  to 
provide  for  smooth  transition  from  turbojet  to 
ramjet  operation,  (b)  to  use  the  ramjet  duct 
appropriately  for  bypass  in  low  speed  (transonic) 
flight  and  (c)  to  assure  adequate  diffuser  wait 
cool ing. 

The  foregoing  deals  with  air  intake  design  as  a 
component,  but  in  thla  Mach  4  to  6  regime  the 
integration  of  air  intake  with  the  airframe  takes 
on  increased  importance.  As  mentioned 

previously,  the  intake  size  at  higher  Mach 
numbers  increases  with  respect  to  the  rest  of  the 
aircraft.  This  forces  the  vehicle  designer  to 
consider  utilizing  part  of  the  airframe  as  Inlet 
comptesslon  surface,  thereby  effectively  reducing 
airframe  wave  drag  and,  potentially,  wetted  area. 
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:» I  r  frame  wave  drag  and,  potentially,  wetted  area. 
Air  intake  design  -  as  well  as  the  entire 
propulsion  system  -  mist  bo  accomplished 
integrally  with  the  flight  vehicle  from  the 
outset  of  preliminary  design. 
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boundary  layers  are  quite  different  in  height  and 
shape  and  can  fill  a  significant  portion  of  the 
intake  (Fig  4.16).  The  differences  were  seen  to 
be  determined  by  parameters  such  as  forebody 
transverse  curvature,  transverse  static  pressure 
gradient  and  the  degree  of  Isolation  of  the 
forebody  compression  from  crossflow  influence. 


Intakes  may  not  var;'  greatly  In  general 
appearance,  but  still  provide  dramatically 
dlffeient  engine  flow  condl t Ions .  Reference  4.14 
Indicates  that  the  fuselage  forobody  boundary 
layer  will  be  turbulent,  and  could  be  ingested  at 
least  partially  by  the  Intake  In  ar.  integrated 
configuration.  It  notes  the  potential  for 
Improved  aircraft  performance  from  forebody 
precompression  and  offers  experimental  data  from 
four  different  compression  surfaces  at  Mach  6.0 
to  show  potential  differences  In  boundary  layer 
progression  (Fig  4.15).  The  four  developed 
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With  this  potential  influence  of  forebody 
boundary  layer  development  in  mind,  a  specific 
study  of  Mach  4  to  6  airframe  -  propulsion  system 
integration  is  considered  (Ref  4.15).  This 
investigation  found  intakes  with  low  boundary 
layer  bleed  requirements  and  good 
angle-of- incidence  characteristics  to  be  highly 
desirable.  Such  attributes  were  found  to  permit 
efficient  engine  operation  including  manoeuvre  at 
hypersonic  speeds.  If,  as  in  many  applications, 
o  hypersonic  manoeuvring  requirement  sizes  the 
intake  capture  area,  this  study  showed  it 
possible  to  achieve  a  20H  to  50M  reduction  in 
intake  capture  area  by  using  horizontal  ramp 
intakes  or  shielded  Intakes  (Fig  4.17).  In  this 
case,  airframe  integration  of  the  intake  has  been 
used  effectively  to  reduce  flow  spillage 
requirements.  Also,  If  done  properly  integration 
can  lead  to  reduced  vehicle  weight,  fuselage  wave 
and  viscous  drags  (Fig  4.18).  On  the  other  hand, 


FIG  4.15  SCRAMJET  INLET  VISCOUS  EFFECTS  FI6  4.17  MACH  6  RECONNAISSANCE  AIRCRAFT 


FIG  416 

BOUNDARY- LAYER  SHAPES  FOR  TWO  ANGLES  OF 
INCIDENCE  &  FOUR  FUSELAGE  SHAPES  SCRAMJET 
ENGINE  OF  HEIGHT  h  AT  THE  ENGINE  INLET  STATION 


FIG  4.18 

PERFORMANCE  BENEFITS  DUE  TO  INTEGRATION 
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the  study  warns  that  non-optimum  structural 
designs  can  actually  Increase  weight  in 
integrated  concepts  and  that  high  drag  boundary 
layer  dWerters  may  be  required.  In  this  design 
task  special  effort  was  extended  to  produce  a 
compact  ralxeu  compression  Intake  design  which 
employed  Isentroplc  compression  In  both  ramp  and 
cowl,  and  internal  shock  cancellation  in  the 


FIG  U.  19 

MACH  US  INLET  DESIGN  SHOCK  STRUCTURE 

throat  region  (Fig  4.19).  Bleed  on  both  r«rou  and 
cowl  sides  of  this  shock  cancellation  corner  is 
used  to  prevent  separation  due  to  shock 
boundary  layer  Interaction.  This  bleed  also 
provides  a  measure  of  stability  by  increasing 
sharply  with  forward  Movement  of  the  shock.  I. 
is  estimated  that  this  type  of  inlet  would 
require  only  about  5V»  total  bleed,  Including  IS 
on  each  of  the  sidewalls.  The  idea  behind  this 
is  that  any  range  decrement  due  to  loss  in  total 
pressure  recovery  would  more  than  be  made  up  by 
the  reduction  In  bleed  drag.  Experience  with  the 
conventional  mixed  compression  NASA  LFRC  Mach  5.0 
inlet  test  demonstrates  that  high  Mach  number 
inlets  can  demand  h”-*  amounts  of  Meed  flow  to 
produce  stable,  h.b\  pc; forma nee  operation.  The 
focused  compression  concept  of  the  Ref  4.15  study 
is  inherently  high  In  r'.s.  ,  but  offers  sizing  and 
bleed  drag  reductions  ,  rthy  of  further 
oxplorat Ion. 

Acrorpat  ialo,  as  well  as  US  concerns,  have  been 
examining  commercial  applications  of  Mach  4  to  6 
flight.  The  French  version,  L'Avion  a  Crande 
Vitesse  (AH/;,  would  cruise  at  Mach  5^(Fig  4.20). 


FIG  4  /0  AEROSPATIALE  HYPERSONIC. 
AIRCRAFT  CONCEPT,  AGV 


Its  designers  were  qtioied  (Reference  4.16)  as 
being  confident  that  l hey  possess  the  necessary 
theoretical  and  experimental  bases  required  to 
intiiatr  the  design  of  „uch  an  aircraft,  ’’Ticy 
cite  experience  with  ram-propulsion  engines 
(ramjet  and  rarnroc'-.et )  in  missile  work  and 
capability  to  deal  with  -supersonic  flight  on  a 
large  aircraft  Trom  Concorde  experience.  This 
would  presumably  include  the  ability  to  deal  with 
air  intake  problems,  but  based  on  recent  US 
experience  there  is  a  considerable  leap  in 
complexity  of  Intakes  from  Mach  2.0  to  Mach  5.0, 


Judging  from  the  results  of  investigations  ard 
developments  over  the  past  *hirty  years  since 
Mach  4  it,  6  propulsion  Integration  work  began  In 
earnest,  there  appears  to  he  little  doubt  that 
the  foundation  technology  for  manned  Mach  4  to  6 
air  breathing  flight  exists.  The  question, 
rather,  is  whether  there  is  sufficient  military 
support  or  <iv!lian  potential  to  pay  for  the 
development  and  flight  test  of  such  a  system. 

2 4.4  MACH  6+  TO  8  AIR  INTAKES  FOR  FIRST  STAGE 
ACCELERATORS 

This  application  is  represented  most  notably  by 
Germany’s  Sanger  Vehicle,  but  numerous  versions 
of  this  alternative  to  the  NASP-type 
single-stage-to-orbf t  have  been  generated.  It 
offers  lower  risk  in  terms  of  propulsion  system 
development  in  general  and,  consequently,  air 
intake  technology.  In  the  case  of  the  Sanger, 
the  large  first  stage  launch  platform  accelerates 
to  about  Mach  6.8  powered  by  turbojet -ramjet 
engines  (Fig  4.21).  At  this  point  it  separates 


FIG  4.21  SANGER  BLENDED  BODY/ WING 
CONFIGURATION 


from  t  ho  smaller,  top-mounted  "Horus"  second 
stage  which  goes  into  orbit  via  a  rocket  (Ref 
4.17).  Another  proposed  system  is  Hotol ,  an 
orbital  vehicle  conceived  ny  British  Aerospace 
ard  Rolls  Royce  (Fig  4.22).  While  Hotol  is  not 


FIG  4.22  HOTOL  CONFIGURATION 

per  se  a  staged  vehicle,  the  air  breathing 
propulsion  system  operates  only  to  about  Mach 
5.0,  at  which  point  ascer.t  continues  on  rocket 
power.  Thus  many  of  the  air  Intake  requi reti.onts 
arc  the  same  as  for  the  S'dnger,  the  primary 
difference  coming,  apparently,  from  the  secondary 
use  of  the  Hotol  inlet  during  ascent  to  gather 
air  for  production  of  liquid  oxyg'n  used  In  Us 
rocket  phase  (Ref  4.18).  Air  intakes  for  this 
type  of  vehicle  would  vary  from  those  of  the 
previous  section  In  that ,  as 

accelerator-dedicated  components,  tnoy  would  not 
be  so  heavily  concerned  with  bleed  drag  nor 
design  point  performance.  They  might  the  re  fore 
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provide  applications  Tor  the  so-called  oversoed 
intake,  (Fig  4.23}  somewhut  undersized  for  the 
mr.ximum  Mach  number  condition  in  order  to  reduce 
spillage  drag  at  the  transonic  condition.  Mach  8 
Is  given  as  the  upper  11. nit  Tor  this  application 
with  the  assumption  th;  ?  it  would  be  feasible  to 


FIG  4.23  OVERSPEO  MIXED  COMPRESSION  UNIT 

consider  usirg  subsonic  combustion  ramjets  to 
this  speed.  In  any  case,  avoiding  the  Jump  in 
technology  requirement  associated  with  scramjet 
operation  would  have  a  strong  Influence  on  the 
maximum  Mach  number  of  staging  or  shifting  to 
rocket  propulsion. 

Some  valuable  measurements  on  research  type 
axlsymmetric  Intakes  or  perturbat ions  on 
ax  1  symmetric  Intakes  in  this  Mach  number  range  (5 
to  8.5)  were  done  by  NASA  Langley  In  the  1970s 
(fiefs  4.19-21). 

2  4..’)  A i  R  INTAKES  FOR  SCRAMJET  PROPULSION.  MACH  8 
TO  254 

A.  indicated  previously  there  arc  some  mission 
differences  associated  with  various  levels  of 
maximum  scramjet  powered  flight  Mach  number. 
Suborbital  missions  have  been  defined  for  the 
Mach  8  to  12  regime,  but  the  greatest  attention 
by  far  recently  has  been  given  to  the  development 
of  a  single-stage-to-orblt  flight  vehicle  using 
dual  mode  (ramjet -scramjet )  propulsion.  In 
general  the  technology  challenges  are  similar 
across  this  regime,  but  obviously  escalate  with 
2 nc reasing  Mach  number. 


Some  of  the  primary  challenges  of  high  Mach 
number  vehicles  were  well  defined  in  1986  (Kef 
4.22).  It  was  pointed  out  that  in 
ramjet /scramjet -powered  vehicles,  Intakes  and 
exhaust  nozzles  would  comprise  the  major  part  of 
the  entire  vehicle  so  that  intake  performance 
would  be  directly  related  to  forebody 
precompression.  At  the  same  time  this  inlet 
precompression  creates  a  significant  portion  of 
the  vehicle's  lift  and  pitching  moment.  Also, 
intake,  airframe,  combustor  and  exhaust  nozzle 
must  be  structurally  integrated.  While  the 
ah  frame  and  propulsion  system  are  thus 
inextricably  linked,  the  aerodynamic  Interface 
varies  with  engine  operating  mode,  complicating 
the  responsibility  For  the  design  weight  and 
performance ,  Ref  4.23  (1987)  asserted  that  there 
was  sufficient  knowledge  to  design  and  build 
rocket -boosted  scramjet-powered  missiles  for  Mach 
3  to  7  operation,  but  that  extension  to  orbital 
speeds  or  integration  with  a  vehicle  that 
operates  from  take-off  would  require  "additional 
development."  This  reference  also  mentioned  the 
role  of  CFD  (computational  fluid  dynamics), 
saying  that  it  was  still  In  n  formative  stage  and 
lacked  fundamental  process  data  to  validate  a 
number  oT  the  physical  and  chemical  models  being 
used.  Intake  development,  in  particular,  would 
be  affected  by  the  need  to  understand  turbulence, 
especially  at  supersonic  end  hypersonic  flight 
speeds,  and  to  be  able  to  predict  its  effect  on 
wall  shear  and  heat  transfer,  boundary  layer 
separat ion/reattachment ,  fuel  injection  and 
mixing  as  well  as  chemical  kinetics.  Reference 
4.24  (also  in  1987)  echoed  these  basic  thoughts, 
pointing  out  that,  in  the  area  of  boundary  layer 


transition  and  development,  factors  that  had  been 
Insignificant  at  lower  speeds  would  assume  major 
roles  at  hypersonic  speeds.  For  instance,  rapid 
growth  of  high  speed  boundary  layers  effectively 
changes  surface  chape  and  "entropy  swallowing" 
pulls  energy  from  the  stream  that  would  otherwise 
energize  downstream  boundary  layers.  Wind  tunnel 
verl  f  k  *v.  ion  testing  would  be  compromised  by  the 
fact  that  wall  noise  interferes  with  transition. 
Inlet  development  and  analysis  is  further 
complicated  by  the  significance  of  real  gas 
effects  above  about  Mach  10. 

With  this  background,  it  is  appropriate  to  review 
some  recent  intake  technology  developments  and 
notice  the  advancement  of  capability  in  the 
relatively  short  period  of  time  from  1987  to 
1989.  First,  Ref  4.25  reports  development  on 
Intake  boundary  layer  control  at  the  lower  Mach 
numbers.  This  work  present:;  Navicr-Stokes 
solutions  Tor  strong  shock  interactions.  Incident 
oblique  shocks,  compression  corners  and  shock 
expansions  associated  with  high  speed  air  intakes 
(Fig  4,24).  Also,  it  presents  results  of 
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FIG  4.24  SHOCK  INTERACTION  FLOW  FIELDS 

tangential  air  injection  to  control 
shockwave-boundary  layer  interaction  in  the  Mach 
3  to  5  region,  showing  the  importance  of  proper 
injector  location  in  order  to  effect  flow 
control.  Another  source  (Ref  4.26)  discusses  the 
application  of  a  3-D  Navier  Stokes  code  to  the 
analysis  of  an  intake  module  where  flow  Is 
compressed  by  swept,  wedge-shaped  sidewalls.  The 
combination  of  sidewall  sweep  and  aft  cowl 
placement  in  this  fixed  geometry  design 
facilitates  efficient  spillage  and  good  inlet 
characteristics  over  a  range  of  operating  Mach 
numbers .  Three  wedge-shaped  fuel  injection 

struts  double  as  additional  compression  surfaces 
to  complete  the  diffusion  process  (Fig  4.25). 


FIG  4.25  SCRAMJET  ENGINE  MODULE 
AND  ITS  CROSS  SECTION 


Obviourly,  the  threat  flow  Is  highly  complex, 
experiencing  side  wall  Interaction  with  strut 
shocks  and  expansion  waves,  cowl  shocks,  ond 
effect  expansion  waves  and  separation  induced 
shockwave?.  The  author  points  to  good  agreement 
oi  this  complex  analysis  with  experimental  data 
in  order  to  claim  good  ability  to  simulate  the 
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complex  Flow  fields-  associated  with  sophisticated 
hypersonic  vehicle  air  Intakes.  The  utility  of 
such  analysis  capability  Is  particularly  evident 
f*"om  the  observation  In  Ref  4.27  of  very 
significant  differences  «n  N4SP  Intake  eor.'opts. 
The  propuKion  modules  associated  with  the  two 
concepts  described  will  be  testei.  over  the  Mach  0 
to  8  range.  Accurate  intake  <-omputat  ional 
simulation  will  be  crucial  not  only  in  the  intake 
designs,  but  also  In  assessing  the  Influence  of 
different  combustor  approach  flow  conditions  and 
extrapolation  of  propulsive  performance  to  cover 
the  full  range  of  scramjet  operation  (Fig  4.26). 


dynamic  mtcucnon  briwccn 
flow-field  solutions  in  the 
s.-nous  scram jn  enfinr 
'low  regimes. 

FIG  4.26  POSSIBLE  CFO  METHODS  FOR 
INTAKE  ANALYSIS 

Even  the  most  optimistic  plans  for  high  speed 
test  facility  investment  (Refs  4.28  and  4.29) 
will  provide  only  spot  checks  of  Intake  flow 
development  and  intake  f!ow  effects  on  propulsion 
system  performance.  Thus  for  a 

singic-stago-to-orbit  scramjet  vehicle,  much  of 
the  intake  development  must  be  accomplished  by 
computational  moans  and  verified  Insofar  as 
possible  by  experimental  test. 

There  ;.rc  some  areas  of  interdisciplinary  Intake 
development  which  as  yet  do  not  lend  themselves 
to  any  kind  of  exclusively  computational 
analysis.  Actively  cooled  leading  edges 

applicable  *o  intake  cowl  lips  are  an  example  of 
such  developmental  work.  The  designs  must  be 
analysed,  fabricated  and  tested  In  a  hot  gas 
facility.  Analysis  techniques  at  this  point  are 
only  Talr,  but  are  still  a  useful  adjunct  to 
continuing  experimental  development. 

While  there  are  many  hurdles  yet  to  clear,  the 
advances  in  knowledge  pertaining  to  hypersonic 
air-breathing  flight  have  been  impressive. 
Propulsion  and  propulsion  integration  have  always 
been  regarded  as  key  areas,  but  progress  has  been 
made  on  a  number  of  fronts,  including  Intake 
development.  Rapic  advances  in  areas  such  as 
turbulence  modelling,  transition  prediction, 
leading  edge  cooling  and  combustion  analysis  arc 
helping  researchers  to  define  realistic  intake 
and  ramjet  and  Intake  -  ram/scramjet  designs  for 
future  hypersonic  flight  vehicles.  As  in  many 
cases,  increased  knowledge  brings  Increased 
ui.dcrst  and!  ng  oT  the  cost  Involved.  In  the 
re  l at  we l y  near  term  the  cost  of  development  and 
ownership  of  hypersonic  flight  vehicles  »vi  1  1  be 
sufficiently  clear  to  determine  whore  limited 
resources  should  be  concentrated. 
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2.5.1  INTRODUCTION 


Ine  design  of  intakes  for  high  performance  over  the 
range  of  conditions  experienced  by  an  agile 
strike-fighter  aircraft  is  not  simple.  The 
difficulty  in  intake  design  is  trying  to  achieve 
good  efficiency,  low  drag,  and  high  margins  of 
stability  at  all  operating  conditions  together  with 
1-w  w/»i^ht  and  cost.  Compromises  in  all  four 
characteristics  are  usually  made  to  maintain 
acceptable  performance  levels  at  various  flight 
Mach  numbers,  angles  of  Incidence,  sideslip  and 
power  jetting.  The  limits  of  speed  and  attitude 
car,  be  highly  variable  depending  on  requirements 
which  become  Increasingly  severe  with  the  passage 
of  time,  and,  in  particular,  whether  or  not  post 
stall  manoeuvring  is  regarded  as  being  necessary. 
Typically,  a  Mach  number  range  from  zero  to  2.0  or 
3.0,  a  range  of  Incidence  (without  pose  stall 
manoeuvring  capability)  from  -10*  to  +40* ,  a 

sideslip  variation  of  110  -  20*  and  a  range  of 

engine  airflows  from  maximum  to  flight  idling  may 
be  required.  Under  these  conditions,  separated 
flow  end  complex  shock  and  boundary  layer 

interactions  at  or  downstream  of  the  intake  entry 
plane  will  be  present  over  an  appreciable  part  of 
the  flight  envelope. 

The  major  features  of  flow  patterns  around  and 
inside  an  air  intake  installed  on  the  side  of  a 
body  are  shown  In  Figs  5-la-h.  At  zero  and  small 
incidence,  internal  Up  separation  can  occur  at 

high  engine  atrflows  and  low  forward  speed  (Fig 
5-la).  At  high  forward  speed  with  an  Ingested 
streamtube  size  smaller  than  the  Intake  at  all 

engine  flows,  separation  can  occur  externally  over 
the  cowl  and  in  the  pre-entry  boundary  layer  on  the 
approach  surface  to  the  intake  (Fig  5-lb). 
Separation  may  occur  Internally  also,  particular!/ 
at  high  intake  throat  Mach  number,  if  the  duct 
shape  bends  and/or  diffuses  too  rapidly.  At  high 
incidence  separation  occurs  at  the  lower  lip 
internally.  Up?»ash  around  the  body  will  often 
lower  the  threshold  of  incidence  at  which  this  will 
occur  (Fig  5-lc) . 

A  similar  situation  occurs  at  yaw  as  depicted  In 
the  port  intake  of  Fig  5-ld.  At  supersonic  speeds 
the  well  known  lambda  shock  formation  (Fig  5-le, 


starboard  intake)  occurs  as  the  intake  normal  shock 
intersects  the  body  boundary  layer  and  the 
resulting  separated  flow  may  be  ingested  Into  the 
intake . 


Other  intake  positions  may  suffer  more  or  less 
severe  regions  of  flow  separation.  For  any  side 
intake  position  there  Is  alway.*.  the  possibility  of 
ingestion  of  a  vortex  shed  from  the  bottom  ’corner’ 
of  the  body.  If  the  intake  is  shielded  from  the 
direct  influence  of  aircraft  incidence  by 
positioning  it  under  a  wing  or  wing  root  strake 
(Fig  5—1 f )  then  the  risk  of  ingestion  of  a 
’trapped*  region  of  thickened  body  boundary  layer 
or  a  shed  vortex  from  the  bottom  of  the  body  Is 
increased. 

(f) 


A  dorsal  position  for  the  intake  behind  the  cockpit 
canopy  may  have  the  advantage  of  lower  aircraft 
radar  signature  (from  ground  based  radar)  and 
reduced  hot  gas  ingestion  for  a  VSTOL  aircraft. 
However,  it  has  the  disadvantage  of  possible 
ingestion  of  the  canopy  wake  or  a  vortex  from  the 
wing  root  or  strake  at  sideslip  and  at  supersonic 
speeds  local  Mach  number  in  front  of  the  intake 
will  be  in  excess  of  the  free  stream  value  (Fig 
5-1 g) . 


i 


34 


\>  Mo 


The  underbody  position  has  undoubted  advantages  at 
incidence  at  both  subsonic  and  supersonic  speeds 
(Fig  5-1h).  The  onset  of  lip  separation  will  be 
considerably  delayed  at  subsonic  speeds  if  the 
intake  is  well  shielded  by  the  body  and  at 
supersonic  speeds  the  reduced  local  Mach  number 
will  Increase  pressure  recovery  as  incidence  Is 
increased 


FIG  5.1  (a)-(h)  FLOW  PATTERNS  FOR  BODY 
MOUNTED  INTAKES 


Fox  &  Kline  (Ref  5-1)  have  defined  boundaries  of 
flow  states  in  two  dimensional  ducts.  The  lowest 
boundary  of  'first  stall'  defines  an  area  In  which 
the  flow  is  always  attached  except  perhaps  for 
small  separated  flow  areas  near  to  the  final  area 
Aj.  The  next  boundary  of  'appreciable  stall' 
defines  an  area  in  which  the  flow  experiences 
transitory  separation  and  the  flow  is  no  longer 
steady  at  the  engine  face.  Tindell  in  Ref  5-2  uses 
an  average  wall  slope  and  diffuser  area  ratio  A2/AJ 
to  relate  more  general  diffuser  shapes  to  Fox  & 
Kline's  boundaries  (Fig  5-3).  Tindell  also  uses 
the  Himat  and  Grumman  configurations  as  a  basis  for 
the  calculation  (by  a  finite  difference  and  by  a 
panel  method)  of  the  onset  of  duct  separation  as 
the  basic  geometry  f  these  ducts  is  systematically 
altered  to  vary  area  ratio  and  average  slope  of  the 
inboard  wall. 


AT _ _ 

02l0h  r2j* 

L 

e  ayg 
INB'O 
WALL 

A) 

OjtOR  R21* 

AID 

1-35 

A  07 

19  8* 

1  13 

HIMAT 

0  AS 

3  19 

11  5" 

1  50 

GRUMMAN 

1  05 

t  ?0 

30  0* 

1  89 

•use  r2  for  aaq 


To  understand  and  predict  the  performance  of  an 
intake  installed  on  an  agile  tactical  fighter.  It 
Is  necessary  to  build  up  the  performance  from 
simpler  component  parts.  In  the  next  section, 
first  the  characteristics  of  Isolated  pitot  intakes 
and  then  those  with  a  compression  surface  are 
examined.  For  isolated  fntakes,  the  build  up  Is 
Illustrated  from  the  duct  alone,  the  duct  plus  the 
intake  at  zero  incidence  and  finally,  the 
combination  at  incidence.  This  is  then  followed  In 
section  5.3  by  Illustrations  of  how  the 
characteristics  of  an  isolated  intake  and  duct  are 
altered  by  their  integration  with  the  flew  fields 
around  a  body  or  body  and  wing  combination. 

2.5.2  ISOLATED  INTAKES 

2  5.2.1  Internal  flow 

(a)  Fiow  in  the  subsonic  diffusers 

Fig  5-2  Illustrates  she  nasic  duct  loss  due  to  skin 
friction  on  duct  walls  as  measured  In  a  duct  with  a 
be  11  mouth  intake  that  is  sucked  to  give  ?.  range  of 
throat  Mach  number.  The  small  duct  total  pressure 
loss  of  Fig  5-2  Increases  as  (a)  duct  length  Is 
Increased,  (b)  the  duct  becomes  curved  and  changes 
cross  sectional  shape. 


.  SYMHETPlCIXL:W.'  •  OFFSET 


FIG  5.3 

COMPARISON  OF  THEORETICALLY  DERIVED  FAMILIES 
OF  VERGE -OF- SEPARATION  CHARACTERISTICS  WITH 
TRANSFORMED  CORRELATION  OF  KLINE 


With  the  advent  of  more  advanced  fighter  designs, 
tighter  integration  of  the  engine  into  the  airframe 
sometimes  requires  highly  offset  diffusers  (Fig 
5-4).  New  methods  of  avoiding  or  controlling 
boundary  layer  separation  are  needed  to  achieve 
adequate  performance.  One  of  the  most  fundamental 
approaches  is  tn  provide  a  favourable  area 
distribution  and  centreline  offset  shape.  Ref  5-2 
.shows  a  study  of  these  parameters.  Three 
centreline  shapes  were  chosen  consisting  of:  1) 
modest  turning,  2)  rapid  turning  at  the  exit,  and 
3)  rapid  turning  at  the  entrance  (Fig  5-5).  These 
centreline  shapes  were  analysed  in  conjunction  with 
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three  area  distributions:  1)  modest  diffusion,  2) 
high  diffusion  at  the  exit,  and  3)  high  diffusion 
at  the  entrance.  The  3x3  matrix  was  analysed 
using  flow  computation  methods;  results  are  shown 
in  Fig  5-6.  Obviously,  slow  turning  with  high 
diffusion  at  the  entrance  is  more  favourable  in 
terms  of  low  boundary  layer  blockage  and  high  total 
pressure  recovery. 


FIG  5.4  ADVANCED  COMPACT  DIFFUSER 
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FIG  5.5  DIFFUSER  CENTRELINE/ 
AREA  DISTRIBUTION 


FIG  5.6  EFFECT  OF  CENTRELINE / AREA 

DISTRIBUTION  ON  DIFFUSER  RECOVERY 

The  S  duct  flow  may  include  some  areas  of  separated 
flow  followed  by  reattachment  and  certainly  by  the 
movement  of  the  boundary  layer  from  the  outsfde 
wall  of  the  first  bend  towards  the  Inside  and  the 
generation  of  some  swirl  at  the  engine  face.  If 
the  rate  of  diffusion  combined  with  the  sharpness 
of  the  bends  becomes  too  high,  massive  separation 
will  occur  downstream  of  the  first  bend  with 
consequent  unacceptably  high  total  pressure  loss 
and  flow  distortion  at  the  engine  face.  The  series 
of  ducts  shown  in  Fig  5-7  have  constant  length,  a 
constant  radius  final  bend,  and  a  common  area 
distribution.  As  the  First  bend  is  usually  the 
primary  source  of  engine  face  total  pressure  loss 
and  distortion,  the  series  of  ducts  successively 
decreases  the  extent  of  the  first  bend  by 
decreasing  its  radius  and  canting  the  entry  plane 
with  the  consequent  reductions  in  total  pressure 
loss  that  are  shown. 

For  highly  offset  diffusers  with  separation  in  the 
turns,  Cerlach  area  shaping  (Fig  5-8,  Ref  5-3)  has 
been  shown  to  minimise  the  extent  of  the 
separation.  In  turning  ducts,  a  pressure  gradient 
normally  exists  between  the  Inner  and  outer  walls 
due  to  centrifugal  forces.  High  pressures  at  the 
outer  walls  often  are  the  cause  of  large  separated 
regions.  When  the  duct  cross-section  is  shaped 
such  that  the  velocity  is  increased  at  the  outer 
wall  and  decreased  at  the  inner  wall,  the  pressure 
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FIG  5.7  BASIC  DUCT  LOSS  FOR  S  BEND  DUCT  DUE 
TO  CHANGES  IN  FIRST  BEND  SHAPE 


gradient  between  the  walls  can  be  reduced.  Thus, 
the  extent  of  separation  can  also  be  reduced 
without  changing  the  average  flow  velocity. 


MMMHQ-1  7 
AS*C1IUT0*ta  mu  ihki 
1/0-3  5 

A2/D-M  • - 


FIG  5.8  GERLACH  AREA  SHAPING 


Small  airfoil  shaped  vortex  generators  in  the 
diffuser  upstream  of  a  known  separation  point  are 
still  one  of  the  better  ways  to  minimise  separation 
as  shown  in  Fig  5-9.  The  diffuser  separation 
characteristics  must  be  known  a  priori,  however, 
because  the  vortex  generators  are  most  effective 
when  piaced  just  ahead  *f  the  separated  regions. 
Therefore,  adequate  diffuser  analysis  methods  must 
be  available  to  determine  the  location  of  separated 
regions  before  the  vortex  generators  can  be 
insta! led. 


FIG  5.9  VORTEX  GENERATOR  DIFFUSER 
PERFORMANCE  ENHANCEMENT 

Active  boundary  layer  control  in  the  form  of 
bleeding  and  blowing  is  often  more  effective  than 
passive  control.  However,  the  cost  may  be  higher 
in  Intake  bleed  drag  or  increased  compressor 
workload.  The  amount  and  distribution  of  bleed  in 
the  diffuser  is  critical.  Too  little  bleed  flow 
does  not  control  the  separation  while  too  much  is 
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not  economical.  The  performance  enhancement  Is 
seen  to  be  most  beneficial  in  Ref  5-3  when  bleed  Is 
located  upstream  of  the  separation  (Fig  5-10). 


5.10  BOUNDARY  LAYER  BLEED 


Computational  methods  are  now  coming  into  routine 
use  which  can  calculate  the  flow  through  S  ducts. 
Fig  5-11  shows  a  comparison  between  engine  face 
total  pressure  contours  as  calculated  by  a  NASA 
(Lewis)  parabolised  Navier  Stokes  program  and 
measurements  at  high  throat  Mach  number  for  an  S 
bend  duct  with  constant  circular  sections  (Ref 
5-4).  Regions  of  sepur^'ed  flow  occur  upstream  of 
the  engine  face.  Nevertheless,  the  general  pattern 
of  total  pressure  loss  at  the  engine  face  Is 
reasonably  we  1 1  predicted. 

Cffsel/lenglh  =  0.45,  0.385.  Re  =  3.90 x  IQ6 


FIG  5.11  COMPARISON  OF  CALCULATED  (NASA  LEWIS) 
&  MEASURED  (RAE  2129  S  DUCT]  ENGINE  FACE 
RECOVERY  CONTOURS  FOR  CIRCULAR  SECTION  S  DUCT 


(b)  Combination  of  Intake  and  subsonic  diffusers 

The  next  element  to  consider  is  the  effect  of 
forward  speed  and  replacement  of  the  bellmouth  by  a 
representative  intake  lip.  The  magnitude  of  total 
pressure  loss  (other  than  skin  friction)  over  the 
full  forward  speed  range  from  zero  to  transonic  is 
determined  by  the  occurrence  and  resulting  size  of 
the  separation  at  the  lip  and  the  magnitude  of 
throat  Mach  number.  In  general  at  zero  and  low 
forward  speed  (except  at  very  low  throat  Mach 
numbers)  the  Ingested  stream  tube  will  be  larger 
than  the  Intake  capture  area  (A0/Ac  >  1.0)  and 
separation  will  occur  on  the  Inside  of  the  lip  If 
the  lip  Is  sharp  (Fig  5-la).  The  magnitude  of  the 
loss  due  to  mixing  following  separation  rises 
rapidly  with  Increase  in  throat  Mach  number.  As 
forward  speed  Increases,  the  streamtube  rapidly 
decreases  in  size  for  a  given  throat  Mach  number 
and  when  it  becomes  less  than  the  capture  area, 
(A0/Ac  <  1.0),  lip  separation  has  disappeared  and 
losses  rapidly  return  to  the  skin  friction  level  of 
the  basic  duct  loss.  In  Fig  5-12  total  pressure 
loss  Is  shown  plotted  as  a  function  of  Mt^  and  of 
inverse  capture  ratio  Ac/A0  rather  than  capture 
ratio  so  that  the  important  static  case  of  A0/Ac  - 
<»  (Ac/Ac  -  0)  can  be  included. 


FIG  5.12  STRAIGHT  DUCTS  :  VARIATION  OF  LOSS 
WITH  THROAT  MACH  NO.,  INVERSE 
CAPTURE  RATIO  &  INCl6ENCE 
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At  incidence,  lip  separation  can  occur  at  all 
values  of  Ac/Ac  and  not  just  at  low  values  of  Ac/Aq 
as  at  zero  incidence.  Fig  5-12  shows  a  progressive 
change  in  loss  pattern  as  Incidence  increases  from 
0*  to  20‘  and  30  .  At  20*  the  pattern  of  losses  is 
similar  to  that  at  zero  incidence  but  the  thickened 
boundary  layer  downstream  of  the  windward  lip 
results  in  higher  losses  that  are  still  however 
invariant  with  Ac/A0  at  Ac/A0  >  0.7.  For  this 
particular  lip  shape  at  the  highest  value  of  Mt^ 
the  effect  of  a  small  area  of  lip  separation  is 
Just  evident  as  the  losses  no  longer  remain 

constant  at  Ac/A0  >  0.7.  At  an  incidence  of  30* 
lip  (Fig  5-12c)  separation  occurs  at  all  values  of 
Mtj,  and  this  pattern  of  increasing  loss  i.s  typical 
at  all  values  of  Ac/Ac  above  about  0.3. 

There  are  two  geometric  parameters  that  can 
markedly  affect  the  magnitude  of  total  pressure 
loss  due  to  lip  separation.  The  first  is  lip 
contraction  ratio  CR  (-  Ac/Ath>  and  Fig  5-13a 

illustrates  the  effect  of  changing  CR  from  1.078  to 
1,25  at  20*  Incidence  and  low  forward  speed 

conditions.  In  this  case,  the  differences  in 

performance  between  the  contraction  ratios  are 
principally  the  result  of  whether  or  not  separation 
has  occurred.  In  the  second  illustration  (Fig 
5-13b)  the  streamtube  size  is  smaller  than  the 
capture  area  and  separation  will  have  occurred  for 
all  contraction  ratios;  the  differences  in  loss  are 
due  to  the  decreasing  size  of  the  separation  region 
as  contraction  ratio  decreases. 


EFFECT  OF  LIP  CONTRACTION  RATIO  ON 
TOTAL  PRESSURE  LOSS  AT  SUBSONIC  SPEEDS 

The  second,  which  has  an  even  larger  effect  on  loss 
due  to  lip  separation,  Is  the  effect  of  intake 
scarfing  or  lip  stagger.  The  upper  Up  turns  the 
flow  from  the  free  stream  Incidence  so  that  the 
lower  lip  is  shielded  and  If  the  stagger  angle  Is 
high  enough,  lower  Up  separation  Is  delayed 
probably  until  incidences  of  50'  -  60'  are  reached. 
Fig  5-K  shows  the  variation  of  loss  with  Inverse 
capture  ratio  and  throat  Mach  number  for  a  50’ 
stagger  angle  at  30‘  incidence.  Losses  fall 
continuously  with  Increase  in  Ac/Ac  In  contrast  to 


the  loss  variation  of  the  unstaggered  Intake  (Fig 
5-i2c). 


VARIATION  OF  TOTAL  PRESSURE  LOSS  V.’ITH 
INVERSE  CAPTURE  RATIO  &  THROAT  MACH  NO. 
FOR  INTAKE  WITH  50°  LIP  STAGGER 


At  low  forward  speeds  with  Ac/A0  <  1.0  for  a 

. aggered  intake,  more  flow  is  sucked  over  the 
.ower  lip  than  the  upper  one  so  the  unstaggered 
intake  with  its  symmetrical  separation  region 
suffers  less  loss  as  show**  In  the  comparison  of  Fig 
5-15.  However,  as  forward  speed  increases  From 
about  M0  0.1  to  0. 2-0.3  (inverse  capture  ratios  of 
0.3-0. 6  approximately  depending  on  throat  Mach 
number),  a  cross-over  point  occurs  and  at  higher 
increase  capture  ratios  the  favourable  effect  of 
lip  stagger  increases  rapidly. 
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FIG  5.15  EFFECT  OF  LIP  STAGGER  AT  LOW 
FORWARD  SPEEDS 


Thus,  in  practice,  the  staggered  intake  would 
require  slightly  larger  or  more  efficient  auxiliary 
Intakes  to  restore  take  off  and  low  forward  speed 
performance  to  the  level  of  the  performance  of  the 
unstaggered  intake. 


The  influence  of  other  geometry  variables  that  have 
smaller  effects  on  performance  and  ,he  effect  of 
active  geometric  variation  that  can  result  in  large 
changes  In  performance  aro  dealt  with  in  section 
5.4. 


At  supersonic  speeds,  as  incidence  Increases  from 
zero,  the  entry  plane  of  a  pitot  intake 
Increasingly  Inclines  away  from  the  vertical  but 
the  intake  normal  shock  remains  approximately 
normal  to  the  free  stream  direction.  As  flow  ratio 
is  reduced  from  unity,  the  shock  becomes  detached 
from  the  leeward  lip  and  moves  upstream  across  the 
inclined  capture  plane.  At  the  windward  Up  the 
flow  remains  unaffected  until,  with  increasing 
spillage,  the  normal  shock  finally  becomes 
r/*-;  'etely  detached  from  the  entry  plane.  When  the 
shock  is  In  this  position  (low  values  of  Mt^)  the 
variation  of  total  pressure  loss  is  then  a  function 
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of  capture  ratio  and  throat  Mach  number  as  at  zero 
incidence.  When  however  the  normal  shock  is 
impinging  on  the  internal  windward  surface,  the 
increase  in  loss  is  at  a  higher  rate  than  at 
subsonic  speeds.  In  these  circumstances,  the  total 
pressure  loss  is  now  not  only  a  function  of  capture 
area  ratio  and  throat  Mach  number  but  also  free 
stream  Mach  number  because  this  determines  the 
strength  of  the  adverse  shock  and  boundary  layer 
Interaction  on  the  inside  of  the  windward  lip. 
Thus,  total  pressure  loss  and  engine  face 
distortion  is  correlated  over  the  full  Mach  number 
range  from  0  to  2.0  by  the  use  of  the  parameters 
Mth  and  M0/Mth  as  shown  In  Fig  0-16  rather  than  the 
parameters  Mth  and  Ac/A0. 


FIG  5.16  VARIATION  OF  LIP  LOSS  £  ENGINE  FACE 
DISTORTION  FOR  AXiSYMMETRIC  PITOT 
INTAKE  AT  FOR  A  MACH  NUMBER 
RANGE  FROM  0  TO  2  0  (REF  5. 5) 


The  basic  definitions  of  components  of  intake  drag 
have  been  outlined  in  Section  II  -  Definition  of 
intake  performance  parameters  and  description  of 
intake  flows  -  for  both  pitot  and  compression 
surface  intakes.  Evaluation  ox'  fore es  on  pitot 
intake  cowls,  from  full  flow  down  to  the  flow  at 
which  separation  from  the  cowl  lip  is  initiated, 
(Fig  5-lb),  Is  particularly  amenable  to  calculation 
by  full  potential  flow  or  by  Euler  methods.  Full 
potential  flow  methods  are  very  adequate  to 
calculate  drag  (or  thrust)  due  to  supercritical 
flow  development  over  the  external  surface  of  the 
cowl  up  to  local  Mach  numbers  of  1.3  -  1.4  (despite 
being  isentropic  In  concept)  at  subsonic  free 
stream  Mach  numbers  and  Euler  (non  Isentropic) 
methods  are  equally  valid  at  both  subsonic  and 
supersonic  free  stream  speeds.  Fig  5-17  shows 
comparisons  between  force*  measured  and  calculated 
on  axlsymmetrlc  cowls  by  these  two  methods  over  the 
Mach  number  range  0.4  to  1.8.  The  departure  of 
measured  and  calculated  curves  clearly  indicates 
the  onset  of  cowl  leading  edge  separation  which  is 
confirmed  by  examination  of  cowl  pressure 
di str ibut ions . 
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FIG  5.17  COMPARISON  OF  MEASURED  £  CALCULATED 
AXISYMMETRIC  COWL  PRESSURE  FORCE 
AT  SUB  &  SUPERSONIC  SPEEDS  (REF 5-6) 


FIG  5.18 

COMPARISON  OF  MEASURED  £  CALCULATED 
PRE- ENTRY  DRAG  FOR  AXISYMMETRIC  PITOT 
INTAKES  AT  SUBSONIC  £  SUPERSONIC  SPEEDS 

(REF  5.6) 


Cowl  wave  drag  at  supersonic  speeds  can 
calculated  using  the  Euler  equations  or  by 
method  of  characteristics.  A  useful  digest 
axisymmet ric  cowl  wave  drag  based 
characteristics  calculations  and  measurements 
shown  in  Fig  5-19. 
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Pre-entry  drag  can  also  be  evaluated  by  full 
potential  flow  or  Euler  mothods  and  agroes  well 
with  measured  values  (Fig  5-18).  If  the  intake  lip 
is  sharp  then  the  classic  one  dimensional  momentum 
evaluation  of  pre-entry  drag  (also  shown  on  Fig 
5-18)  is  sufficiently  accurate  for  most  purposes. 
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FIG  5.19  DRAG  OF  AXISYMMETRIC  COWLS (REF5-7) 


2,3  Intakes  with  Compression,  Surfaces  at 
Subsonic  &  Supersonic  Speeds 

The  design  and  performance  of  intakes  for  long 
range  supersonic  cruise  aircraft,  whose  compression 
surfaces  only  operate  over  a  small  range  of 
incidence  and  cideslip,  is  considered  in  Section  IV 
of  this  review.  This  focusses  on  both  external  and 
combined  compression  intakes  with  complex  variable 
geometry  and  multi -bleed  systems.  However,  for 
tactical  fighter  aircraft,  the  emphasis  is  on 
simpler  designs  having  only  one  or  two  boundary 
layer  bleeds,  external  compression  only  and  the 
variation  of  probably  only  one  hinged  or 
translating  surface.  Greater  emphasis  is  placed  on 
compromising  the  supersonic  design  to  obtain  good 
performance  over  the  full  Mach  number  range  from 
zero  upwards. 

One  of  the  more  fundamental  problems  in  supersonic 
intake  design  is  matching  the  intake  and  engine 
flow  rates  at  off-design  conditions.  Aside  from 
the  engine  demand,  the  intake  may  have  to  provide 
air  for  an  environmental  control  system  (ECS), 
bypass  system,  bleed  systems,  etc.  Fig  5-20  shows 
a  typical  flow  rate  breakdown  as  a  function  of  Mach 
number.  Notice  that  the  most  spillage  occurs  at 
transonic  flight  speeds.  This  transonic  flow 
mismatch  is  one  of  the  primary  factors  which 
complicate  supersonic  intake  design. 


The  range  of  manoeuvre,  together  with  the  extreme 
range  of  hot  and  cold  day  operation  required  by 
combat  aircraft,  often  leads  to  the  need  for 
matching  Inlet  and  engine  airflows  other  than 
solely  by  variation  of  the  geometry  of  the 
compression  surface.  Thus,  aft  spill  from  the 
subsonic  diffuser,  either  direct  to  the  free  stream 
or  by  bypassing  air  around  the  engine  to  a  base 
area  or  ejector  nozzle,  is  required  and  adds 
further  complication  of  operation  and  control  of 
moving  surfaces  (Fig  5-21). 


FIG.  5.21  AFT  SPILL  &  ENGINE  BYPASS 


U_ihlA _ At  subsonic  speeds 

One  oi  the  purposes  of  variable  compression  surface 
geometry  is  to  provide  the  enlarged  thrort  area 
required  at  subsonic  speeds  to  pass  the  engine  flow 
without  throat  choking.  Ideally,  this  entails  the 
complete  collapse  of  the  wedge  or  axi symmet r ic 
centrebody.  In  practice,  this  is  most  ccnveniem ly 
approximated  when  employing  a  rectangular  intake  by 
reducing  the  second  wedge  surface  to  the  free 
stream  direction  or  slightly  below  this  if  the 
actuating  mechanism  beneath  this  surface  will  allow 
it  (Fig  5-22).  Although  the  data  shown  in  5.2.1  is 
strictly  for  pitot  Intakes,  the  flow  states 
discussed  there  will  In  general  apply  to  intakes 
with  'collapsed'  compression  surfaces.  The  inward 
camber  and  sharper  lips  of  a  compression  surface 
Intake  will  however  increase  losses  and  engine  face 
flow  distortion  at  zero  and  low  forward  speeds  and 
there  will  often  be  a  need  for  large  auxiliary 
intakes  to  obtain  the  required  engine  flow  at  high 
intake  efficiency  for  take  off  and  low  speed 
operation  (Fig  5-23). 

- SUBSONIC 

- - SUPERSONIC 


FIG. 5.22 TORNADO  INTAKE  RAMPS  IN  SUBSONIC 
&  SUPERSONIC  SPEED  POSITIONS 


FG  5.23  AUXILIARY  INLET  OPERATION 


FIG.  5.20  INLET/ENGINE  AIRFLOW  MATCHING 


Numbers  of  auxiliary  door  arrangements  for  the  BAe 
Tornado  Intake  are  shown  In  Fig  5-24  without 
Intrusive  doors  in  Configurations  A  &  D  and  with 
internally  intrusive  doors  In  the  other 
configurations.  Their  performance  under  static 
conditions  is  summarised  in  the  bar  charts  and 
engine  face  distributions  of  Fig  5-24. 
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FIG  5.24  EFFECT  OF  VARIOUS  AUXILIARY  INTAKE 
GEOMETRIES  ON  PERFORMANCE  OF  A 
COMPRESSION  SURFACE  INTAKE  AT 
STATIC  CONDITIONS 


The  form  of  the  rectangular  intake,  with  a 
collapsed  second  ramp  and  endwalls  to  the 
compression  surface  that  are  swept  from  the  front 
ramp  tip  to  the  cowl  lip,  is  then  very  akin  to  the 
staggered  pitot  intakes  discussed  in  Section  5.2.1. 
Thus,  if  the  intake  lip  is  not  sharp,  performance 
of  the  wedge  compression  surface  supersonic  intake, 
(when  suitably  orientated  with  the  first  wedge 
leading  edge  horizontal)  at  high  incidence  at 
subsonic  speeds,  should  be  adequate. 

No  such  happy  coincidence  occurs  when  using 
axisymmetric  centrebody  intakes.  These  pose  larger 
problems  for  obtaining  adequate  throat  area  by 
centrebody  translation.  Indeed,  on  the  Fill 
aircraft  (Fig  5-25),  the  second  cone  angle  consists 


Fit. 5.251/4  AXISYMMETRIC  (Fill)  INTAKE 
WITH  TRANSLATING  &  COLLAPSING  CENTREBODY 


FIG 5.261/2  AXISYMMETRIC  (MIRAGE)  INTAKE  WITH 
TRANSLATING  CENTREBODY  ON  CURVED  TRACK 


of  interleaving  elements  that  allow  the  centrebody 
to  collapse  (it  also  translates)  to  obtain  adequate 
throat  area.  This  would  however  be  very  difficult 
if  not  impossible  if  the  intake  was  an  isolated 
full  axisymmetric  nacelle.  Another  solution  to 
this  problem,  only  possible  with  the  Installed  half 
axisymmetric  centrebody  intake,  is  to  translate  the 
half  conical  centrebody  on  a  circular  track  to 
obtain  a  larger  throat  area,  as  exempli  fie-1  by  the 
well  known  'mouse'  in  the  intake  of  the  Mirage 
series  of  aircraft  (Fig  5-26). 

25,2.3,2  At  supersonic  speeds 

As  flight  Mach  number  increases,  multiple 
compression  surfaces  and  variable  geometry  may  be 
employed  to  improve  performance,  but  the  increase 
in  complexity  also  Increases  weight  and  cost.  l’he 
aircraft  designer  must  look  at  the  effect  of  intake 
design  on  total  aircraft  performance  before 
selecting  an  intake  type.  In  some  cases,  the 
designer  may  make  a  sacrifice  fn  recovery 
performance  in  order  to  get  the  lower  weight  and 
cost  of  a  simpler  design. 

A  family  of  curves  depicting  the  maximum  pressure 
recovery  attainable  through  a  series  of  oblique  or 
conical  shocks  and  a  terminal  normal  shock  is  shown 
in  Fig  5-27  and  reflects  the  ideal  performance 
potential  of  axisymmetric  supersonic  intakes. 

creasing  the  number  of  shock  waves  yields  higher 
pressure  recovery  values.  Thus,  an  isentropic 
compression  surface  generating  an  infinite  number 
of  Mach  wavas  yields  the  maximum  recovery. 


FIG  5.27  CONICAL  SHOCK  RECOVERY 


Fig  5-27  also  shows  the  performance  of  the  Lockheed 
F-104  intake  which  has  a  single  fixed  geometry  cone 
designed  for  Mach  1.8.  The  recovery  drops  off 
rapidly  at  off-design  flight  conditions. 


FIGHTER  AIRCRAFT  INLET  TOTAL  PRESSURE  RECOVERY 


VARIABLE  GEOMETRY  INLET  DEVELOPMENT  (REF  5.8) 
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An  interesting  trend  In  US  variable  geometry 
development  Is  Illustrated  in  Fig  5-28.  Attempts 
at  Improving  performance  over  the  fixed  geometry 
F-104  were  made  in  the  F-105  and  F-4.  Acceptable 
performance  was  obtained  over  a  wider  range  of  Mach 
number,  but  the  full  benefit  of  variable  ramps  was 
not  realised  until  the  advent  of  the  F— 1 11,  F-14 
and  F-15  aircraft . 


FIG  5.29  COMPARISON  OF  ADVANCED  2-0  INLET 
PERFORMANCE  WITH  CURRENT  .NLETS, 
MATCHED  AIRFLOW  a=0?  0  =  0° 


Some  of  the  recent  progression  in  intake  design 
efficiencies  are  illustrated  in  Fig  5-29.  Although 
these  are  for  installed  intakes,  at  cr  -  0  -  0,  the 
results  should  be  very  close  to  that  of  isolated 
intakes . 


FIG  5.31  OBLIQUE  SHOCK- BOUNDARY  LAYER  INTERACTION 

Cowl  drag  associated  w'th  a  given  amount  of 
external  compression  can  be  determined  at  an  early 
stage  in  the  design  process  from  the  requirement  of 
oblique  shock  attachment  on  the  inside  surface  of 
the  cowl  lip.  The  consequences  of  selecting  an 
internal  cowl  angle  (and  hence  external  cowl  angle 
and  thus  external  drag)  to  Just  give  an  attached 
undersurface  shock  on  maximum  shock  pressure 
recovery  that  can  possibly  be  attained  (using  an 
idealised  isentropic  compression  surface)  is  shown 
in  Fig  5-32.  Thus,  at  Mach  number  3,  a  cylindrical 
undersurface  that  would  be  associated  with  a  very 
low  cowl  drag  is  limited  to  a  shock  recovery  of 
0.72,  whereas  a  moderate  cowl  drag  with  an 
undersurface  angle  of  12*  would  have  an  upper  limit 
to  shock  recovery  of  0.83. 


A  successful  bleed  design  is  one  that  gives  large 
increases  in  pressure  recovery  for  relatively  small 
bleed  flows.  When  this  is  achieved,  pressure 
recovery  values  that  differ  from  the  theoretical 
shock  recovery  by  only  the  duct  skir.  friction  loss 
are  obtained  (Fig  5-30)  for  bleed  flows  in  the 
region  4-6K. 


FIG  5.30  EFFECT  OF  VARIATION  OF  BLEED  FLOW 
ON  PERFORMANCE  OF  A  DOUBLE  RAMP 
SUPERSONIC  INTAKE 

The  drawbacks  inherent  in  using  large  amounts  of 
external  compression  at  supersonic  speeds  are  well 
known.  It  results  in  high  external  drag  due  to 
Urge  flow  turning  from  the  free  stream  direction 
and  the  development  of  long  boundary  layers  on  the 
compression  surface  that  are  subject  to  high 
adverse  pressure  gradients  which  cause  them  to 
thicken  and/or  separate,  particularly  at 
mul t 1 -compression  surface  intersection  points  (Fig 
5-31). 


FIG  5.32  MAXIMUM  SHOCK  PRESSURE  RECOVERY  FOR 
EXTERNAL  COMPRESSION  WITH  A  GIVEN 
COWL  EXTERNAL  ANGLE  (REF5.7) 


The  Increase  in  surface  wetted  area  in  front  of  the 
capture  plane  can  be  linked  to  the  Increasing 
number  of  supersonic  ramps  or  cones  and  hence 
increasing  shock  pressure  recovery  (Fig  5-33). 
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This  diagram  also  emphasises  the  large  differences 
In  approach  surface  area  between  square  and 
axi symmet ric  Intakes  and  the  Increase  due  to 
enclosing  the  shock  system  of  the  square  intake 
between  swept  endwalls.  It  is  no  surprise  that 
rectangular  Intakes  invariably  feature  boundary 
layer  control  on  the  compression  surfaces  whereas 
single  or  even  double  cone  centrebodies  often  do 
not . 

The  realisation  that  cowl  internal  angles  do  no* 
need  to  be  at  the  same  Inclination  as  the  fina. 
ramp  of  the  compression  surface,  together  with 
close  integration  of  the  design  uf  the  bleed  on  the 
compression  surface  just  downstream  of  the  entry 
plane,  with  the  shocks  from  the  low  angle  cowl 
und^  ^urfac? ,  has  led  to  development  of  optimum  low 
drag  exit-.nal  compression  intakes.  The  resulting 
wide  slot  bleed  unchoked  at  its  entry  also  has  the 
advantage  that  matching  initially  occurs  by 
spillage  through  the  bleed  (Fig  5-34)  and  does  not 
Involve  conventional  subsonic  forespillage  over  the 
cow*  (Fig  5-35)  with  its  attendant  high  drag  and 
possible  shock  instability. 


FIG  534  WIDE  THROAT  BLEED  OPERATION 

r-Compression  Surface  Spillage  -  supersorre  forespill 
\  -Subsonic  A 


FIO  5.35  SUPERSONIC  &.  SUBSONIC  FORESPILL 


At  incidence,  if  the  ramp  compression  surface  is 
horizontal,  then  the  variation  of  shock  loss  can  be 
calculated  until  the  ramp  shock(s)  become  detached. 
Fig  5-36  shows  a  comparison  between  calculated  and 
measured  pressure  recovery  for  a  two  ramp  intake 
with  a  wide  slot  throat  bleed. 


EFFECT  OF  INCIDENCE  ON  PRESSURE  RECOVERY  S 
SHOCK  WAVE  PATTERNS  FOR  A  HORIZONTAL 
DOUBLE- RAMP  INTAKE  (REF 5.7) 


Other  purely  measured  values  of  pressure  recovery 
referenced  to  pressure  recovery  at  zero  Incidence 
for  a  wider  range  of  conditions  are  shown  in 
Fig  5-37. 
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FIG  5.37  VARIATION  OF  PRESSURE  RECOVERY  WITH 
INCIDENCE.  FOP  TWO-RAMP  INTAKE 

If  the  intake  Is  yawed,  the  variation  of  shock 
recovery  Is  no  longer  readily  predictable  and  again 
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FIG  5.38  VARIATION  OF  PRESSURE  RECOVERY  WITH 
SIDESLIP  ANGLE  FOR  TWO- RAMP  INTAKE 

In  this  case,  performance  is  sensitive  to  changes 
in  endwall  shape  and  quite  small  changes  in 
configuration  can  result  in  relatively  large 
changes  In  pressure  recovery  (Fig  5-39). 


FIG  5  39  EFFECT  OF  SMALL  CHANGES  IN  ENDWALL 
SHAPE  ON  PERFORMANCE  OF  YAWED 
RECTANGULAR  INTAKE 


With  axi symmet r i c  external  compression  Intakes,  the 
flow  in  detail  at  Incidence  is  complex  but  the 
haste  pattern  of  shock  angle  variation  is  akin  to 
that  of  a  pitot  Intake.  The  conical  rArobody  car. 
be  regarded  as  pivoting  about  Its  apex  with  shock 
angles  changing  much  less  than  cone  surface  angles 
relative  to  free  stream  direction.  As  incidence 
increases,  the  cone  shock  moves  into  the  windward 
lip  and  the  leeward  lip  moves  away  from  it.  When 
this  happens  an  increasing  proportion  of  the  flow 
Is  compressed  through  a  normal  shock  only  and  tho 
result  is  a  sharp  fall  off  *n  pressure  recovery. 
Thus,  tho  change  in  pressure  recovery  with 
incidence  is  largely  Influenced  by  whether  or  not 
tl.c  cone  shock  at  zero  incidence  is  on  or  well 
outside  the  cowl  lip,  as  illustrated  In  Fig  5-40. 
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EFFECT  OF  INCIDENCE  ON  PRESSURE  RECOVERY  OF 
AXISYMMETRIC  FOREBOOY  INTAKES(RF.F5.7) 


A  second  influence  on  pressure  recovery  enmes  from 
the  tendency  for  the  boundary  layer  on  the 
centrebody  to  be  swept  up  to  the  leeward  side. 
Thus,  a  long  centrebody  with  a  high  shock  on  lip 
Much  number  MS0L  will  have  a  worse  performance  than 
one  with  a  iow  (Fig  5-41).  This  trend  in 

principle  is  of  courst  in  the  opposite  sense  to 
that  of  Fig  5-40. 


INFLUENCE  GF  FCRE80DY  LENGTH  ON  PRESSURE 
RECOVERY  AT  INCIDENCE  OF  DOUBLE- CONE 
INTAKES  (REF  5.7) 


There  is  no  simple  way  of  predicting  maximum  flow 
ratio  for  axisymmetrlc  intakes  at  incidence.  Fig 
5-42  shows  some  measured  values  referred  to  the 
zero  incidence  value  for  slngie  cone,  double  cone 
and  isentropic  centrebody  intakes  at  M0  1  9. 
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EFFECT  OF  INCIDENCE  ON  MAXIMUM  FLOW  OF 
AXISYMMETRIC  FOREBODY  INTAKES  (REF5.7) 


LAAlmaKerfllrfuiiM  Integrailpn 

It  was  discovered  early  in  jet  aircraft  design  that 
allowing  the  forebody  boundary  layer  tc  be  Ingested 
into  the  Intake  imprs^d  a  serious  loss  of  recovery 
at  the  compressor.  The  nub  of  the  problem,  as  has 
been  seen  (Fig  2-7  Section  2)  is  the  Interaction  of 
the  boundary  layer  with  the  pre-entry  pressure  rise 
which  is  incurred  in  the  process  of  producing  a 
relative  retardation  cf  airipeed  from  the  flight 
velocity  towards  that  required  at  inlet  to  the 
engine.  Broadly  speaking,  the  severity  of  the 
problem  is  greater  the  higher  the  flight  speed  and 
the  presence  of  shock  waves  at  supersonic  speeds 
adds  a  special  dimension  to  it.  If  cite  boundary 


layer  separates  or  comes  close  to  separation,  the 
effects  are  particularly  adverse  and  generally  not 
res;  Meted  U'  *  lowering  of  'tan  pressure  recovery: 
other  adverse  le&tures  include  total -pressure 
distortion  and  flew  instability  (Section  2). 

Rcrroving  the  boundary  layer  at  some  stage  from  the 
intake  provides  an  escape  from,  or  easement  of,  the 
difficulties  This  is  done  by  means  of  bleeds  or 
diverters.  The  term  ’bleed*  denotes  a  separate 
duct  which  leads  away  the  boundary  layer.  The  term 
'diverter’  implits  that  the  intake  stands  off  from 
a  particular  surface,  a P owing  the  boundary  layer 
on  that  surface  to  escape  down  the  int  viced i at  * 
channel.  in  either  case  the  boundary  layer  removed 
from  the  Intake  usually  becomes  a  pari  of  the 
aircraft  system,  that  is  to  say  it  represents  ar 
additional  Item  in  the  aircraft  drag  but  the  effect 
of  the  increased  pressure  recovery  invariably 
outweighs  the  drag  penalty. 


Common  forms  of  bleed  and  diverter  are  illustrated 
in  Fig  5-43.  biverters  may  be  of  the  step  type  (a) 
or  channel  type  (b),  (c).  A  step  diverter  is  a 
useful  form  in  the  .ng  root  of  a  subsonic 
aircraft,  because  the  forward  extension  allows  a 
goou  wing-root  profile  to  be  preserved.  Step 
diverters  are  not  generally  recommended  for 
supersonic  airc  lft,  however,  because  fresh 
boundary  layer  initiated  on  the  surface  of  the 
diverter  may  itself  produce  most  of  the  interaction 
l^ss  of  the  original  longer  boundary  layer. 
Channel  diverters  p re  suitable  for  both  subsonic 
and  supersonic  application,  provided  thai  a 
reasonably  aerodynamic  ’prow'  shape  car*  be  obtained 
between  the  Intake  and  the  boundary- layer  surface. 
The  recommended  width  for  step  diverters  is  abcut 
one  and  a  half  times  the  thickness  of  the  boundary 
layer,  when  this  is  undistujbed  by  the  presence  of 
the  intake,  and  for  channel  diverters  about  one 
such  boundary  layer  thickness. 


(h)  Channel  d-verter 
-  subsonic  intake 


(c?  Channel  diverter 
-  supersonic  intake 


FIG  5.43  EXAMPLES  OF  STEP  &  CHANNEL  DIVERTERS 


Boundary  layer  bieed  systems  can  become  more 
complex  at  supersonic  speeds  as  on  the  F-lll 
aircraft  (Fig  5-44)  and  need  more  careful  design  to 
ensure  their  successful  operation  over  all  engine 
flow  rates  and  aircraft  attitudes  that  will  be 
encountered 


Tactical-  aircraft  are  required  to  he  manoeuvrable 
at  *iubsonlc,  transonic  and  supersonic  conditions 
without  giving  up  good  subsonic  cruise  efficiency. 
Consequent ly,  proper  integration  of  the  engine 
intake  with  the  airframe  Is  of  paramount  interest. 
The  range  of  incidence  and  sideslip,  although 
reduced  at  supersonic  speeds  from  the  values 
outlined  in  tne  Introduction,  still  remains  wide 
compared  with  those  required  by  the  high  altitude 
supersonic  cruise  vehicle.  Within  these  reduced 
ranges,  at  supersonic  speeds  for  the  installed 
Intake,  not  only  Mach  number  and  flow  direction 
will  vary  in  the  approach  flow  field  to  the  intake 
but  also  total  pressure  due  to  the  presence  of  an 
upstream  curved  and  In  some  cases  detached  shoe*: 
from  the  body  nose. 


location  of  boundary  layer  and  cone  probes  used  to 
define  flow  fields  approaching  the  intakes. 
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FIG  5.46  FOREBODY  FLOW  FIELD  MODEL 
INSTRUMENTATION 


Design  for  optimum  al rframo-inlet  integration  has 

the  following  specific  goals: 

1  Minimise  approach  flow  angularity  with  repect 
to  inlet  leading  edges 

2  Deliver  uniform,  high  pressure  recovery  flow  to 
the  inlet  entrance  at  velocities  equal  to  or 
below  free  stream  conditions 

3  Prevent  boundary  layer  ingestion  by  the  inlet 

4  Reduce  the  probability  of  foreign  object  or  Lot 
gas  ingestion  to  acceptable  levels 

5  Minimise  the  potential  for  flow  field 
Interference  from  weapon  carriage/firing, 
landing  gear  deployment,  fuel  tanks,  pods, 
pressure  probes  etc. 


Flow  fields  are  characterised  by  vector  plots  or  by 
lines  of  constant  local  angle-of- incidence,  a^,  or 
local  angle-of-:.  idesl  ip,  0l-  The  vector  plots  give 
an  overall  impression  of  flow  angularity  whereas 
the  anc*  0L  contours  provide  more  precise 
definitions.  Flow  field  variations  for  relatively 
high  manoeuvre  conditions  at  Mach  2.2  are  examined 
to  aid  understand* ng  of  the  limits  of  performance. 

Fig  5-47  shows  a  vector  plot  depicting  combined  c*l 
and  vectors  around  the  BASELINE  body  shape  at  MQ 
-  2.2,  cv0  -  15  .  Flow  angularity  is  highest  near 
the  body  and  there  is  a  significant  sideslip  flow 
condition  in  v.he  region  of  the  inlet  inboard 
surface . 


Similarly,  the  airframe-intake  design  should 
minimise  any  deleterious  effect  on  the 
design/operation  of  lifting  surfaces,  landing  gear 
and  avionics  and  how  they  integrate  with  aircraft 
structures . 

Because  of  the  many  factors  which  influence 
airFrame  flow  fields,  it  is  expedient  to  discuss  a 
sot  of  coordinated  data  so  that  the  effect  of 
isolated  parameters  may  be  illustrated.  To  this 
end.  the  series  cf  fighter  conf igurai ions  shown  in 
Fig  5-45  (Till  lor-M&te  Program,  Ref  5-10  to  5-14) 
will  he  used  to  isolate  some  of  the  primary  effects 
of  fuselage  shaping  inlet  location  and  how  the 
inlet  conf  igurat  io.t  interacts  with  location  in 
sections  5.3. 1-5 .j. 5. 
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FIG  5.47  BASELINE  FOREBODY  VECTOR  FLOW  FIELD; 
M0=2-2,  0Co=15°,  I30  =  0° 

A  mor;  careful  examination  (FI 5-48  and  5-49) 
shows  lines  oT  constant  uL  and  0L  for  the  BASELINE 
shape  and  the  SQUARED  shape.  There  Is  little 
difference  in  oL  distributions,  but  the  flow  in  the 
region  of  the  lower  Inboard  sideplate  at  sideslip 
conditions  varies  measurably  between  the  shapes. 
The  maximum  value  In  the  region  of  the  intake 
Inboard  sjdeplate  Is  least  Tor  the  BASELINE  shape 
U?L  ~  8.6’)  and  greatest  for  the  SQUARED  shape  (0. 
-9.2’). 


FIG  5.43  BASELINE  FOREBODY  FLOW  FIELD  ANGULARITY 
MAPS,  M0=  2  2,  0Co=  15°,  [30=  0° 


FIG  5  45  TAILOR-MATE  AiR  FRAME  INLET 
CONFIGURATIONS  (REF  5.1C -5.14) 

L3.-JL1 — r_  OS  cl  age  flow  fields  lor  sid?  mounted 

.Qi.tflR<L£ 

Wind  tunnel  tests  wider  the  Tailor-Mate  program 
were  conducted  in  the  Arnold  Engineering 
Development  Center  (AEDC)  Propulsion  Wind  Tunnel  16 
foot  test  sect  Ions. 

Fig  5-46  depict^  the  forebody  cross-sect  ion  shapes 
Investigated  for  side-mounted  intakes  and  shows  the 


FIG  5.49  SQUARED  FOREBQDY  FLOW  FIELD 

ANGULARITY  MAPS;  22,  O^15fl3o=0° 
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Figs  5-50  and  5-51  show  0^  contours  associated  with 
a  combination  of  aircraft  pitch  and  yaw  for 
baseline  and  square  bottom  fuselages  at  M0  -  2.2, 
oD  -  15*,  0  -  4*.  The  leeward  (right)  side  0  ^ 
plots  for  both  fuselage  shapes  at  0O  -  4*  are 
similar  in  appearance  to  the  0O  -  0  plots  but  with 
approximately  2*  in  4"  0Ladded  to  each  measurement 
point.  The  flowfield  differences  may  appear  to  be 
minor  but  inlet  data  will  show  a  significant  effect 
on  performance. 


FIG  5.50  BASELINE  FOREBODY  FLOW  FIELD  IN 
SIDESLIP.  M0=2-2,  Oo=15°, 


SIDESLIP;  M0=  2-2.  a0=15°  fi0  =  4° 


systems  and  bleed  on  the  perforated  side  plates  was 
est inuted  from  plenum  and  exit  static  pressure 
measurement  s . 

Intake  instrumentation  was  provided  at  the 
left-hand  compressor  face  to  measure  totrl  pressure 
recovery  and  both  steady  state  and  dynamic  Ir.let 
flow  distortion  by  use  of  40  combination 
steady-state  and  high  response  tcta?  pressure 
probes.  Additional  instrumentation  on  the  opposite 
(right-hand)  side  of  the  double  Intake  system, 
consisted  of  total  pressure  rakes  and  sta: 1c 
pressure  measurements  through  the  duct  as  noted  in 
the  figure,  in  the  following  discussion,  "positive 
sideslip"  is  defined  as  that  condition  where  the 
inlet  under  consideration  is  on  the  leeward  side  of 
the  Fuselage. 

Figure  5-53a,b  takes  two  intake  data  points  for  the 
BASELINE  forebody  at  M0  -  2.2  (oQ  *»  0*.  20  )  and 
depicts  the  progression  of  flow  through  the  Intake 
In  order  to  shed  some  light  on  the  variation  in 
levels  of  performance  experienced  with  increasing 
oQ.  At  oD  -  0  total  pressures  are  all  high  at  the 
inlet  cowl  lip  and  intake  throat  or  aft  ronp 
station.  Pressures  farther  down  the  duct  indicate 
that  some  low  energy  flow  exists  in  the  upper  part 
of  the  duct,  but  this  situation  shifts  rapidly, 
with  the  low  energy  flow  showing  up  only  in  the 
lower  portion  of  the  compressor  face.  Since  no  lew 
energy  flow  Is  in  evidence  in  the  lower  part  of  the 
duct  at  the  first  three  data  stations,  it  must  be 
supposed  that  the  flow  defect  originated  In  the 
region  of  the  eft  ramp  leading  edge  (behind  ti.e 
throat  slot)  and  that  static  pressure  gradients  in 
the  duct  were  sufficient  tc  move  this  region  to  the 
lower  portion  of  the  compressor  face. 


25.3,2  Performance  of  a  rectangular  compression 

class.  J  niaLs_ag_Hi£_aldfc  .0  La.  .f.use  U&e 

The  variable  geometry  ••ectangular  intake  shown  In 
Fig  5-52  was  tested  with  both  the  baseline  ana 
squared  forebody  shapes.  It  featured  a  variable 
first  ramp  ar  well  as  variable  second  and  third 
ramps  for  efficient  compression  at  supersonic 
condi t ions . 
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FIG  5.D2  SIDE-MOUNTED  INLET  CONFIGURATION 
AND  INSTRUMENTATION 

It  had  a  long  subsonic  duct  (L/D  -  5.23)  with  a  low 
diffusion  rate.  Boundary  layer  control  on  the 
ramps  was  provided  by  performed  bleed  on  the 
compression  ramps  anJ  on  the  side  plates.  The 
variable  gap  offset  between  the  th‘rd  ramp  and  aft 
rnnp  allowed  a  combination  of  flow  bypass  and 
boundary  lay»r  control  at  the  throat  region. 
Throat  bleed  flow  was  measured  with  flow  metering 


At  or0  20  ,  flow  at  the  inlet  Up  is  relatively 
uniform,  but  with  a  lower  total  pressure  than  In 
the  previous  case.  In  the  upper  throat  region,  low 
pressures  are  measured,  suggesting  a  greater  I  low 
interference  of  the  flow  with  the  aft  ramp  leading 
edge.  More  low  energy  flow  and  flow  separation  in 
the  upper  part  of  the  duct  are  in  evidence  midway 
in  the  duct.  In  this  case,  rotation  of  the  low 
energy  flow  through  the  duct  to  the  inboard  and 
lower  part  of  the  compressor  face  appears  to  be 
quite  evident . 


FIG  5.53b  EASELINE  INLET  TOTAL  PRESSURE 
MAPS;  M0  =  2-2,  00=20?  Bo  =  0c 
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Tfc*  n*xt  F'gure  (Fig  5*541  shows  an  example  of  the 
effect  of  sideslip  at  a0  ~  15'  cn  progression  of 
ftow  through  s  right -hand  intake  integrated  with 
the  baseline  forebody.  At  0O  -  0  ,  there  is 
evidence  from  the  |»p  rakes  of  inboard  s.'deplate 
Ivedlng  edge  flow  interference.  This  defect  is 
still  in  evidence  at  the  inlet  throat,  and  further 
on  oovn  the  Suet  the  low  energy  flow  region  extends 
ove-  an  extensive  por*  ion  of  the  inboard  s’de  of 
tho  duct.  Once  again,  at  the  -  onpressor  face,  the 
low  energy  air  appears  to  have  emigrated  downwards, 
but  flow  conditions  are  relatively  uni  Toro.  With 
the  intake  exper fencing  4*  leeward  sideslip,  there 
is  now  extensive  flow  separation  on  the  inboard 
sfdeplate  at  the  cow!  tip.  The  separation  and  its 
effects  spread  sign! f ivant ly  at  the  throat,  and 
continue  o  spread  in  the  duct.  As  before,  the 
region  of  lowest  energy  air  rotates  downward  so 
that,  at  the  compressor  face,  the  very  lowest 
pressures  have  moved  to  the  bottom  and  the  only 
remnant  of  the  high  pr«$su.*e  flvw  from  the  lower 
throat  rcg’on  now  exists  in  the  upper  region  of  the 
compressor  face. 


(b) 

%.4' 


FIG  5.54  INLET  TOTAL  PRESSURE  MAPS  WITH 
BASEL  INE  FUSELAGE  M0  =  2-2,  0Co=15° 
(a)  T30=  0°,  { b)  B0=  4° 


figure  5-55  gives  an  extmple  of  throat  flow 
variations  associated  with  the  different  forebody 
influences.  Influence  of  the  forebody  is  seen  in 
all  three  cf  the  integrated  configurations,  but  Is 
by  far  t  he  most  prominent  with  the  SQUARED 
forebody,  where  a  substantia)  region  of  flow 
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FIG  5.55  SIDE-MOUNTED  INLET  THROAT  PRESSURE 
CONTOURS.  M0  =  2  2, 0Co=  15°,  (V  0° 


separation  dominate*  the  lo**r  inboard  region  of 
the  throat.  Thus,  It  Is  seen  that  the  flow  field 
difference#  between  the  BASELIKE  and  SQUAXED 
fuselage  shapes  do  indeed  make  a  difference  In 
intake  performance. 


?5.3.3  Performance  of  rxi symmetric  .  halfagnt 


The  previous  discussion  and  examples  centred  or.  the 
horizontal  *a«p  intake.  The  choice  of  rectangular 
versus  axisyroctrlc  or  vertical  versus  horizontal 
ramps  depends  upon  the  Moch  number  rnnge  and 
manoeuvrability  required.  At  low  angles  of 
Incidence,  axlsyrrftetr  le  intakes  can  provide  better 
pressure  recovery  tivan  rectangular  intakes  at 
supersonic  Mach  numbers  because  of  the  sculler 

fundament# 1  lotsec  associated  with  coin  cal  shocks. 
Also,  axisymaet r ic  intakes  tend  to  be  much  lighter 
because  of  the  high  load  carrying  capability  of 
"hoop*  tension.  However,  ax i symmetric  Intel s  and 
vertical  raop  intakes  exhibit  nonsyemetry  of  the 
flow  at  high  angles  of  incidence  which  result  in 
lower  pressure  recovery.  The  manoeuvring 

horizontal  ramp  Intake  is  able  to  deflect  the 

one oir. I ng  flow  and  retain  Its  quasi  two-dimensioiial 
character.  In  addition,  variable  geometry  to 

control  shock  position,  spillage,  and  recovery  is 
easier  to  accomplish.  Variable  geometry  in 
axisymmet r ic  intakes  is  usually  confined  to  spike 
translation  in  single  or  twin  cone  configurations. 

The  Ref  5-14  prograwne  employed  ha  1  f-axi  synvwt  r  Jc 
intakes  as  well  as  rectangular  intakes,  offering  a 
comparison  of  their  relative  performance  in  the 
s ide-mou  tied  (and  wing-shielded)  configurations. 
Figure  5-56  shows  the  side -mounted  axi synrnet  r  ic 
intake  with  its  instrumentation.  These  Intakes 
were  tested  with  the  forebody  having  the  ROUNDED 
lower  shoulder  shape  (see  Fig  5-46)  so  the 
flowfield  approaching  mis  intake  was  at  least  as 
good  as  that  ahead  of  the  BASELINE  rectangular 
Intake . 


INLET  CONFIGURATION  &  INSTRUMENTATION 


Flow  progression  through  the  side-mounted  he  1 f-cone 
intake  is  shown  in  Fig  5-57  et  aQ  -  10  .  In  this 
case,  a  massive  flow  separation  originates  in  the 
upper  part  of  the  intake  throat  due  to  the  oversped 


FIG  5.57  SIDE-MOUNTED  HALF  AXI-SYMMETRIC  INLET 
TOTAL  PRESSURE  CONTOURS;  M0=2  2,  0o=0° 
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condition  »nd  hone*  strong  normsl  shock  in  that 
region.  Further  -!nwn  the  duct  the  flow  in  this 
upper  region  Is  still  sepsrmted.  but  has  been 
joined  by  *  separated  flow  region  In  the  lowr  par; 
of  the  .hroat.  adjacent  to  the  spike.  At  the 
cospressor  face  evidence  of  separated  flows  is 
obvious  in  the  low  pressure  regions  a.id  large 
distort  ion. 

Based  on  this  test  data.  the  side-'aounted 
half-axlsyussetrlc  Intake  would  appeal  to  be  a  poor 
candidate  for  highly  manoeuvrable  fighter  aircraft. 
Yet  several  current  aircraft  systems  employ  this 
intake  effectively,  and  it  can  be  attractive  Trom 
structure,  system  drag  and  reduced  observables 
points  of  view.  Design  modifications  to  provide 
optimum  compression  surface  angles,  more  efficient 
boundary  layer  removal  and/or  better  variable 
geometry  control  can  improve  axisymmetric  intake 
performance,  possibly  without  giving  up  some  of  the 
Important  advantages  noted.  Care  would  also  have 
to  be  taken  with  this  type  of  an  Intake  to  design 
th.  divert er/cidep!at<  carefully  enough  to  avoid 
sideplate  leading  edge  separation. 

?5  3.4  Performance  of  a  pl'-al- Lmm  Pn  thejUd.t— iC 
a  fuselage  (Ref  5-15) 

Although  detailed  body  flow  field  data  Is  not 
available  In  the  following  examples,  the  main 
influence  of  the  Increase  in  local  angle  of 
Incidence  due  primarily  to  upwash  around  the  body, 
particularly  In  the  region  of  the  upper  shoulder, 
shows  up  In  the  performance  of  pitot  intakes.  The 
local  variation  of  sidewash  Is  probably  not 
important  for  a  pitot  Intake  with  blunt  Up. 
Comparison  of  isolated  pitot  intake  recovery  with 
recovery  measured  on  an  installed  pitot  Intake 
gives  a  relation  between  free  stream  Incidence  a0 
and  local  mean  incidence  5^.  f°r  e9ual  values  of 
recovery  and  hence  a  derived  upwash  angle  5L  -  Q0 
as  shown  In  Fig  5-58a  at  M0  1.6  can  be  obtained. 
This  derived  upwash  angle  varies  quite  rapidly  as 
Mach  number  increases  above  0.9  (Fig  5-58b). 


than  an  unstsgg  red  intake  (Fig  5-59).  There  is 
also  a  small  favourable  effect  under  these 
conditions  of  Increasing  diverter  height. 


FIG  5.59 

EFFECT  OF  STAGGER  ANGLE  &  DIVERTER  HEIGHT  h 
ON  PERFORMANCE  OF  A  SIDE  BODY  INTAKE 
UNDER  SIDESLIP  CONDITION'S 

At  supersonic  speeds  (Ref  5-16)  there  can  be  a 
beneficial  effect  on  the  pressure  recovery  of  a 
pitot  intake  to  be  derived  from  allowing  the  intake 
normal  shocks  to  intersect  with  the  body  boundary 
layer  provided  the  intake  is  mounted  on  a 
sufficiently  high  boundary  layer  diverter.  The 
well  known  lambda  shock  formed  as  a  result  of  the 
normal  shock  interaction  with  the  boundary  layer 
can  give  a  theoretical  shock  recovery  equivalent  to 
a  10*  ramp  compression  surface.  However,  this 
shock  pattern  only  progressively  encompasses  the 
whole  of  the  intake  flow  as  flow  ratio  is  reduced 
from  the  maximum  value  and  eventually  the 

theoretical  advantage  of  the  two  shock  pattern  is 
increasingly  overtaken  (unless  the  boundary  layer 
diverter  is  Inordinately  high)  by  the  adverse 
effect  of  body  boundary  layer  ingestion.  This  is 
if  the  flow  pattern  remains  stable  which  Is  not 
always  the  case  (depending  on  free  stream  Mach 
number  and  amoun*.  of  flow  spillage).  The  measured 
gain  in  recovery  relative  to  normal  shock  recovery 
is  shown  in  Fig  5-60  at  M0  1.4  and  1.6  as  a 
function  of  throat  Mach  number  (spillage)  compared 
to  the  theoretical  gain  from  the  two  shock 
recovery.  The  measured  gain  is  derived  by  adding  a 
duct  and  lip  loss  (obtained  at  subsonic  speeds)  to 
the  measured  pressure  recovery  and  subtracting  the 
theoretical  normal  shock  recovery.  As  can  be  seen 
at  M0  1.4  the  two  shock  recovery  appears  to 
influence  the  whole  of  the  intake  flow  even  at  the 
smallest  spillage  condition  (higher  Mth)  • 
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FIG. 5  58  SIDE  BODY  PiTOT  INTAKE  PERFORMANCE 

If  corrections  are  i*:ade  for  upwash  angle  and  for 
basic  duct  sk.n  I’rlction  loss,  then  the  derived  lip 
loss  associated  with  a  long  rectangular  installed 
pitot  Intake  At  high  incidence  agrees  quite  well 
with  that  for  a  short  isolated  axisymmetric  pitot 
intake  with  the  same  lip  contract'on  ratio  (Fig 
5-58c) . 


The  influence  of  stagger  anglr  on  the  performance 
of  a  pitot  intake  in  not  only  beneficial  at 
incidence  but  also  in  sideslip.  Both  at  positive 
and  negative  0  a  50*  staggered  pitot  intake  has 
lower  losses  and  better  engine  face  distribution 


:IG  5.60  INCREASE  IN  PRESSURE  RECOVERY  DUE  TO 
INTERACTION  BETWEEN  SIDE  INTAKE 
NORMAL  SHOCK  &  FUSELAGE  BOUNDARY 
LAYER 


i 


At  M0  1.6  tne  smaller  shock  wave  angle  of  the  10 
separated  flow  'ramp'  results  In  only  a  small  part 
of  the  ingested  Intake  flow  being  Influenced  by  the 
two  shock  pattern  at  high  values  but  the  effect 
progresses  rapidly  as  spillage  increases  until  some 
Ing-.stion  of  the  separated  body  boundary  layer 
commences  at  values  of  Mt^  below  0. 4-0.5. 

For  the  staggered  pitot  Intake,  the  gain 
progressively  changes  fnto  a  loss  as  stagger  angle 
increases  from  20  to  50  .  At  20  stagger  angle 
the  majority  of  the  intake  and  shock  boundary  layei 
intersection  is  upstream  of  the  upper  lip  and  swept 
endwalls  and  is  therefore  still  on  the  body 
boundary  layer.  At  50*  stagger  this  interaction  is 
wholly  on  the  surfaces  of  the  intake  and  hence  the 
lamlkda  shock  formation  only  results  in  wholly 
deleterious  ingestion  of  separated  flow  Into  the 
intake  which  completely  overwhelms  the  small 
favourable  effect  of  the  lambda  shock  pattern.  Fig 
5-6Ja,b  show  the  progressive  change  in  'gain'  due 
to  lamoda  shock  formation  as  stagger  angle  changes 
from  20*  (similar  to  the  unst angered  intake  values 
of  Fig  5-60)  to  50*  and  Fig  5-6Ic  summarises  the 
chf  ge  with  stagger  angle  on  a  basis  of  losses 
other  than  the  theoretical  norcal  or  two  shock  loss 
\which  depends  on  angle  of  incidence  and  not  on  the 
foroation  of  a  lambda  shock). 


FIG  5.62  F0REB0DY  FLOW  FIELD  MODEL 
INSTRUMENTATION 

All  three  of  the  installation  types  are  shown  In 
Fig  5-63.  A  comparison  of  vector  flow  fields  for 
the  two  of  the  shielded  and  the  baseline  unshielded 
configuration  forebodies  at  M0  -  2.2  and  a0  **  15 
(Ref  5-10)  shows  the  nature  of  two  shielded  flow 
fields. 


FIG  5.61  EFFECT  OF  INTAKE  STAGGER 
AT  SUPERSONIC  SPEEDS 
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FIG  5.63  COMPARISON  OF  VECTOR  FLOW  FIELDS 
AT  ,M0=2'2,  0C0  =  15?  Do  -  0°  FOR 
BASELINE  AND  SHIELDED  CONFIGURATIONS 

In  Fig  5-64  average  levels  or  local  Mach  number  and 
Incidence  ML  and  orL  are  snown  for  the  same  three 
different  airframe-intake  integrations  at  M0  -  1.6 
and  2.2.  It  is  seen  that  there  is  a  substantial 
reduction  of  average  and  from  i  ree  stream 
values  associated  with  the  shielded  configurations 
in  supersonic  flight  at  incidence. 

-  SIDE  MOUNTED 

- WING  SH1ELOEO 

- fuselage  shielded 


The  concept  of  sustaining  intake  performance  at 
high  angles  of  incidence  by  positioning  an  intake 
beneath  a  body  or  a  wing  applies  to  both  subsonic 
Hid  supersoni  “  aircraft  and  has  been  u*;ed  on  a 


number  of  aircraft  projects  varying  from  Concorde 
to  F16.  When  incidence  is  varied,  airflow 
direction  Is  controlled  by  the  aircraft  surface,  so 


to  tnac  extent,  tne  int -  „ — . _  - - 0. 

of  aircraft  attitude.  Additionally,  at  supersonic 


advantage  can  usual ly  be 

taken  of  a 
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Aircraft  configurations  incorporating  shielded 
Intakes  can  be  either  the  “fuselage -shielded" 
configuration  or  the  "wi ng-shl e  ded"  configurations 


depicted  in  Fig  5-62. 

Flow  field  instrumentation  for  the  shielded 
configurations  was  essentially  identical  '.o  that 
for  the  s I de -mounted  configurations  (Fig  S-i6). 


FIG  5  64  COMPARISON  OF  SHIELDED  &  UNSHIELDED 
CONFIGURATION  FLOW  FIELDS . 

M0  =  2'2,  a0  =  15?  B0  -0° 
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Fig  5-65  shows  the  changing  nature  of  shielded  flow 
fields  as  4*  sideslip  is  added  to  the  a0  -  15' 
condition.  The  leeward  flow  field  on  the  wing- 
shielded  configuration  now  shows  significantly 
higher  levels  of  adverse  inboard  sideslip. 

From  these  forebody  flow  fields,  it  might  be 
anticipated  that  the  shielded  configurations  could 
offer  a  considerable  performance  advantage  at  the 
higher  values  of  aircraft  Incidence,  but  that  this 
advantage  could  be  tempered  by  sensitivity  to 
sideslip  for  the  wing-shielded  concept. 
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Values  of  intake  pressure  recovery,  turbulence  and 
flow  distortion  are  plotted  as  a  function  of 
incidence  for  the  three  different  Installation 
types  in  Fig  5-67  (Ref  5-12  and  5-13).  The 
BASELINE  forebody  intake  configuration  from 
previous  illustrations  is  used  to  represent  the 
side-mounted  Inlet  Installation.  The  lower  Mach 
number  design  of  the  fuselage-shielded  intake  is 
revealed  in  its  relatively  low  pressure  recovery  at 
low  incidence  (a0  <  5*).  On  the  other  hand,  its 
pressure  recovery  continues  to  Increase  with  cr0, 
reaching  a  peak  of  Pt2/pTo  “  091  at  a  ~  20*.  The 
higher  Mach  number  design  and  slightly  better 
shielding  of  the  wing-shielded  inlet  results  in 
higher  perfor-ance  at  high  incidence,  reaching  a 
maximum  pTq  “  -97  at  a0  -  20*. 
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•G  565  SHIELDED  CONFIGURATION  VECTOR  FLOW 
FIELDS;  M0  =  2  2 ,  0Co=15,°  D0  =  4° 
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Intakes 

(a)  Rectangular  intakes 

Fig  5-66  depicts  shielded  horizontal  ramp  intakes 
along  with  the  locations  of  total  and  static 
pressure  instrumentation.  Instrumentation  in  the 
short  (L/D  -  2.92)  Mach  2.5  design  wing-shielded 
intake  is  essentially  the  same  as  that  used  in  the 
side-mounted  inlet  (Fig  5-62).  The  longer  (L/D  - 
5.8)  Mach  2.2  design  fuselage-shielded  inlet, 
however,  incorporates  no  throat  or  duct  total 
pressure  probes.  Since  this  was  a  single 

intake/single  engine  concept,  throat  total  pressure 
rakes  could  not  be  Included  without  disturbing  flow 
at  the  simulated  compressor  face. 
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FIG  5.66  SHIELDEO  INLET  CONFIGURATION 
AND  INSTRUMENTATION 
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FIG  5.67  INLET  PRESSURE  RECOVERY,  TURBULENCE 
AND  FLOW  DISTORTION  FOR  THREE 
INSTALLATIONS;  M0=  2  2,  Bo=0° 

Both  shielded  intakes  significantly  exceed  the 
performance  of  the  side-mounted  inlet  at  high 
incidence  although,  in  terms  of  compatibility,  the 
simple,  fuselage-shielded  intake  Is  the  only 
concept  which  consistently  (-5*  <  a0  <  25*) 

exhibits  acceptably  low  levels  of  turbulence  and 
dynamic  distortion  index.  The  dynamic  distortion 
index  of  the  wing-shielded  intake  exceods  the  limit 
level  at  o0  -  -5*  where  its  K/Kl  peak  “  2.3;  and 
the  side-mounted  intake  (as  noted  previously) 
exceeds  the  limit  at  a0  -  0*  with  K/Kl  PEAK"  1- 12- 

Exam  I  nation  of  throat  flow  fields  in  Fig  5-68  shows 
that  the  wing-shielded  Intake  at  M0  -  2.2,  a0  «  15* 
produces  much  more  uniform  throat  flow  than  either 
the  side-mounted  or  the  Isolated  intake.  At  a0  - 
-5*,  however,  both  flow  field  and  inlet  data  show 
evidence  of  a  strong  vortex,  possibly  originating 
at  the  wing  Junction,  lying  near  the  wing  leading 
edge  and  evidently  intersecting  the  outboard 
sideplate  of  the  wing-shielded  Intake  to  produce  a 
large  fall  in  performance  at  that  point. 
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FIG  5.68  INLET  THROAT  TOTAL  PRESSURES 
CONTOURS  FOR  DIFFERENT  INLET 
INSTALLATIONS.  M0=2-2,  0Co=15?  Bo=0° 


<b)  Hal  f  »xlsvrnn<trlc  Intikts 

In  Fig  5*71  wing-shielded  half  axisymmetrfc  intakes 
from  Ref  5-14  are  depicted.  This  Intake  and  the 
one  in  Fig  5-56  share  a  common  semi -conical 
compression  surface  with  a  fixed  first  cone  angle 
of  18  .  A  porous  boundary- layer  bleed  is  provided 
on  the  second  cone  of  each  of  thi-se  intakes, 
spanning  the  region  of  the  normal  shock  location. 
Boundary  layer  bleed  flow  is  routed  through  the 
diverter,  discharging  through  the  s.-tme  secondary 
flow  metering  systems  used  for  thn  rectangular 
intakes.  Both  intakes  also  employ  I'p,  throat  and 
duct  rakes. 


The  excellent  performance  of  the  wing-shielde J 
intake  at  higher  ct0  is  negated  by  extreme 
sensitivity  to  sideslip.  Values  of  pressure 

recovery,  turbulence  and  distortion  index  over  the 
sideslip  range  -8*  <  0O  <  8*  at  Mach  2.2,  or0-  15*, 
are  shown  in  Fig  5-69  for  the  three  insta ' lat ions . 
Here,  the  fuselage-shielded  intake  is  seen  to  be 
essentially  free  from  sideslip  sensitivity  while 
both  the  side-mounted  and  wing-shielded  intakes 
exhibit  extreme  sensitivity  in  terms  of  all  three 
performance  parameters,  exceeding  distortion  index 
1 imits  at  -  4'. 


INLET  PRESSURE  RECOVERY,  TURBULENCE  AND 
FLOW  DISTORTION  FOR  THf*EE  INSTALLATIONS 
M0=  2-2  ,  fIo  =  0° 


FIG  5.71  WING-SHIELDED  HALF-AXISYMMETRIC 
INTAKE  AND  INSTRUMENTATION 

The  two  ha  1 f-axi symmetric  intakes  have  different 
duct  lengths;  the  side-mounted  intake  has  an  L./D  of 
2.99.  As  the  shie'ded  intake,  "sees"  less  flow 
angularity  than  the  side-mounted  intake,  it  was 
designed  with  sharper  cowl  lips  and  it  has  less 
offset  from  intake  to  compressor  face. 

.No  flow  fields  are  shown  i\  ihe  wing-shielded 
half-cone  intake  because  It  exhibited  no 
significant  sensitivity  to  manoeuvre  conditions. 
Its  superior  performance  is  obvious  in  the  summary 
charts  shown  in  the  comparisons  in  the  following 
sect  ion. 

2S.3.7  Comparison  of  performance  of  shielded  and 

unshielded  rectangular  and  hal P-axisvmmetric 

Inlets 


Progression  of  flow  in  the  wing-shielded  intake  at 
tt0  -  15  ,  «*  4  is  shown  In  Fig  5-70  where 
Inboard  flow  separation  at  the  cowl  lip  and  throat 
is  seen  to  expand  to  produce  a  near-clnssic  180' 
circumferential  distortion  pattern  at  the  engine 
face . 


This  final  section  compares  rectangular  and 
hal f-axi symmet ric  intake  performance.  At  Mach  2.2 
It  is  seen  (Fig  5-72)  that  tulal  pressure  recovery 
sensitivity  to  incidence  o0  and  sideslip  ff0  for  the 
five  configurations  varies  greatly.  Wing-shleldlng 
Is  effective  for  both  rectangular  and  ax  1 symmet r 1 c 
intakes,  resulting  in  high  pressure  recovery  Trom 
aQ  -  0  to  25  .  On  the  other  hand,  both  si  de¬ 
mounted  intakes  exhibit  sensitivity  to  incidence, 
with  the  performance  of  the  ha  1 f-ax i symmet r  I  c 
intake  dropping  off  rapidly  above  o0  -  0*. 

Fuselajrc  shielding  is  also  effective  at  Incidence. 

At  a0  -  15*,  the  performance  of  all  but  the 

fuselage-shielded  Intake  deteriorate  rapidly  with 
Increase  In  sideslip  angle.  In  particular,  the 
wing-shielded  rectangular  Intake  which  produced  the 
highest  recovery  In  the  range  10*  <  orQ  <  25  Is 
extremely  sensitive  to  sideslip. 


FIG  570  WING  SHIELDED  INLET  TOTAL  PRESSURE 
CONTOURS.  M0=  2  2,  0Co  =15° 
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FIG  5  72  COMPARISON  OF  RECTANGULAR  AND 
HALF- AXIS YMMETRIC  INTAKE 
PRESSURE  RECOVERY  AT  M0=2  2 


The  wing-shielded  rectangular  Intake  is  also  shown 
to  be  much  more  sensitive  to  negative  incidence 
than  the  other  intakes  in  Fig  5-73.  Here,  the  peak 
dynamic  distortion  parameter  shows  the  seriousness 
of  this  intake's  performance  deficiency  at  moderate 
incidence  and  leeward  (positive)  sideslip. 


FIG  573  COMPARISON  UF  RECTANGULAR  AND 
HALF-AXISYMMETRIC  INLET  PEAK 
FLOW  DISTORTION  ;  M0=  2-2 
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FI6  5.74  EFFECT  OF  UNDERBODY  SHIEtOING  FORA 
PITOT  INTAKE  AT  SUBSONIC  AND 
SUPERSONIC  SPEEDS 
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Again,  the  side  mounted  hal f-axi symmet ric  Inlet 
turbulence  Is  much  higher  than  other  Inlets  at  high 
incidence.  All  inlets  except  the  fuselage- 
shielded  Inlet  show  some  sensitivity  to  leeward 
sidesl ip. 

Both  steady  state  and  dynamic  distortion  indices 
show  Che  same  trends  except  the  wing-shielded 
hal f-axisymmetric  inlet  and  the  fuselage-shielded 
inlet  which  have  low  distortion.  The  importance  of 
high  response  distortion  Is  seen  in  that  the 
(K/^L^PEAK  v«lUes  highlight  side  mounted  inlets  ar 
having  manoeuvre  problems  which  is  not  obvious  from 
steady  state  data. 

2 .5. 3_JT  Performance  of  shielded  pitot  intakes 
(Ref  5.17) 

The  advantage  of  underbody  shielding  at  subsonic 
speeds  is  shown  in  terms  of  both  reduced  losses 
compared  to  isolated  pitot  intake  values  (Fig  5-74a 
&  b)  and  reduced  mean  local  incidence  (Fig  5-74c) 
At  supersonic  speeds  the  increase  in  recovery 
with  increase  i,.cidence  is  most  marked  at  M0  1.8 
(Fig  5 -74d) . 

Shielding  under  a  wing  or  strako  for  a  side  body 
intake  is  more  difficult  because  of  the  presence  of 
both  body  and  wing  boundary  layers.  Again,  losses 
are  shown  compared  to  those  for  an  Isolated  intake 
at  M0  1.9  in  Fig  5-75  and  al*o,  the  reduction  in 
effective  Incidence.  In  this  case,  the  wing  oi 
st rake  reduces  the  mean  local  incidence  but  at  the 
expense  of  some  increase  in  si  dewash  angle. 


FIG  5.75 

EFFECT  OF  UNDERSTRAKE  SHIELDING  AT  Mor0-9 

At  supersonic  speeds  the  lambda  shock  that  forms  on 
both  the  bouy  and  wing  undersurface  becomes  complex 
in  Form  where  the  two  shock  patterns  intersect  as 
illustrated  in  Fig  5-76.  Recovery  increases  with 
increase  in  incidence  due  to  the  reduced  local  Mach 
number  but  engine  face  flow  distortion  is  worse 
than  for  the  isolated  Intake  as  a  result  of  the 
complex  shock  r.nd  boundary  lay%?r  interaction  on 
body  and  wing  undersurfiice. 


FIG  5.76 

PRESSURE  RECOVERY  AND  FLOW  DISTORTION  AT 
INCIDENCE  FOR  AN  INTAKE  UNDERNEATH 
A  STRAKE  AT  M„=1  8  (REF  5.7) 
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Another  example  which  shows  a  comparison  of  the  two 
pitot  Intake  positions,  underbody  and  underwing,  at 
subsonic  speeds  (Fig  5-77)  again  emphasises  the 
advantage  of  the  underbody  layout,  particularly  at 
high  incidence  and  low  to  moderate  angles  of 
sides! ip. 


The  F-lll  airframe-intake  (Fig  5-79)  design 
represented  one  of  the  earliest  attempts  to  improve 
airframe  intake  integration  In  a  tactical  aircraft 
and  important  lessons  were  learned  (Ref  5.19).  By 
tucking  the  inlet  under  the  wing  in  an  "armpit’1 
location,  the  intake  was  shortened  (for  lighter 
weight)  and  the  wing  was  used  to  shield  the  Inlet 
and  thus  provide  high  pressure  recovery  and  low 
distortion  in  supersonic  manoeuvring  flight. 


UNDERWING  INTAKE 


—10 

t 

■vp — 
\ 

J 

li 

n 

1 

s. 

X 

i 

J 

A 

ii 

V 

n 

2 

1~,1 

— i 

f  i/i 

/  i  /  i 
AhC-ti  OF  S'0E5U 

fi 

0- 

0'  12 
_4 

nirf— f — f — I — r  r 


i**  (REF  5.18) 


FIG  577  COMPARISON  OF  UNDERBODY  & 
SIDEBODY/ UNDERWING  INTAKE  PERFORMANCE 

5,4  Technology  implementation  in  current  aircraf 


Post -1965,  the  response  to  the  requirement  for 
increased  manoeuvrability  of  supersonic  fighter 
aircraft,  had  a  major  impact  on  the  design  and 
development  of  many  current  aircraft.  Whereas  the 
drive  for  increased  speed  in  earlier  years  had 
caused  aircraft  intakes  tc  become  more  and  more 
complex  with  time,  there  has  been  a  conscious 
effort  to  keep  complexity  to  a  minimum  in  current 
aircraft.  In  Fig  5-78  the  trend  of  correspondence 
between  maximum  Mach  number  and  design  complexity 
of  the  intake  system  is  shown.  Tills  correspondence 
is  due,  in  part,  to  the  fact  that  US  aircraft  are 
being  compared.  European  and  Soviet  designers 
sometimes  tend  to  place  greater  value  on  simplicity 
und/or  light  weight  than  upon  high  pressure 
recovery  and  low  drag. 


FIG  5.79  F- 11  iA  lACTICAL  FIGHTER 

Unfortunately,  there  was  Insufficient  Information 
at  the  time  to  alert  the  designers  adequately 
concerning  (a)  the  shedding  of  low  energy  fuselage 
air  Into  the  Intake  region  at  incidence,  (b)  the 
tendency  for  riow  separation  to  ocr  .r  inside  the 
sharp  cowl  lip  at  high  incidence  and  (c)  the 
engine’s  response  to  time-varying  distortion.  The 
original  complicated  Intake  dorian  also  attempted 
to  use  boundary  layer  passing  through  upper  and 
lower  side-plate  slots  to  act  as  engine  -~n|ing  air 
on  its  way  to  the  exhaust  nozzle  ejector.  The 
tortuous  flow  path  over  the  engine  resulted  in  low 
cooling  air  flows  so  that  much  of  the  boundary 
layer  air  spilled  Into  the  Intake.  Eventually, 
Ceneral  Dynamics  was  forced  to  (a)  move  the  intake 
further  outboard  from  the  P -clage  to  avoid 
excessive  ingestion  of  the  low  energy  fuselage  air, 
(b)  thicken  the  cowl  lip  to  avoid  high  Incidence 
separation,  (c)  modify  the  conical  compression 
surface  boundary  layer  bleed  and  (d)  place 
diverters  In  the  side  plate  slots  in  place  oT  the 
engine  cooling  scheme.  The  lessons  oT  the  F-lll 
flight  test  experience  led  to  a  major  revival  of 
research  Into  a  I r frame -propul s I  on  In  the  following 
years. 

The  F-I8  used  a  type  oT  wlng-shleldlng  similar  to 
the  F-lll,  but  (In  the  prototype  YF-1?  version) 
provided  slots  in  the  root  of  the  wing  leading  edge 
extension  which  allowed  the  escape  of  fuselage 
boundary  layer.  These  slots  however  caused  high 
wing  drag.  McDonnell  Douglas  closed  the  slots  and 
provided  additional  boundary  layer  control  as 
necessary  (Fig  5-80). 


Air  Irvtiictiun  Syitrm 


FIG  5.78  TREND  OF  INCREASING  COMPLEXITY  WITH 
INCREASE  OF  MAXIMUM  MACH  NUMBER 
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FIG  5.80  F - 18  INTAKE 
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The  F-16  employed  fuselage-shielding  and  avoided 
the  problem  of  fuselage  boundary  layer  Ingestion 
while  maintaining  the  positive  aspects  of 
shielding. 

A  unique  approach  has  been  implemented  in  the 
French  Rafale  fighter  aircraft  (Fig  5-81)  which 
would  appear  to  share  aspects  of  both  the  F-16  and 
F-18  shielding  concepts.  Rafale  designers  have 
avoided  some  of  the  subsystem  interference  problems 
of  most  fuselage-shielding  concepts  with  two 
engines  while  still  retaining  what  appears  to  be  a 
significant  amount  of  fuselage  shielding.  The 
unique  fuselage  shaping  provides  a  considerable 
amount  of  boundary  layer  relief  at  high  angles  of 
incidence,  allowing  low  energy  air  from  the 
underbody  to  flow  through  the  diverter  region  and 
be  spilled  above  the  inlet  rather  than  be  shed  as 
vortices  from  the  underbody  into  the  intake  region. 
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Simple  design  measures  can  be  taken  in  the  detail 
design  of  intakes.  The  effect  of  ilp  contraction 
ratio  on  the  performance  of  isolated  pitot  intaVes 
at  incidence  has  already  been  illustrated  in 
section  5.2.1.  Shaping  the  lower  lip  by  cambering 
it  outwards  and  increasing  the  thickness  (with 
respect  to  the  upper  lip)  can  enhance  the  effect  of 
a  chosen  overall  contraction  ratio  as  shown  in  the 
side  intake  performance  at  M0  0.9  of  Fig  5-83. 


0 16 

Sf'M'incol  _/V1» 

CP.IOt  CR.115  ^ 


03  04  05  Ob  07  08  Mt> 


03  04  0-5  0-6  07  0-8  Mth 


CHANGE.  OF  CONTRACTION  RATIO 
(SYMMETRICAL) 


i _ L_4 _ 1 _ L 


03  04  0-5  0  5  07  K,h 


AX  f SYMMETRIC  COWL  LIPS 

(ca*w5) 


DASSAULT  RAFALE  A 


V  V  T* 

FIG  5.81  RAFALE  -  INTAKE  &  FUSELAGE  SHAPING 

The  Sorthrop  F-5  reduces  maximum  Mach  number  to 
1.4-1. 6  but  puts  a  premium  on  high  subsonic  and 
transonic  manoeuvrability  and  simplicity.  The 
intakes  only  require  a  diverter  and  side  plate  to 
pi  event  boundary  layer  Ingestion  and  shock-boundary 
layer  interaction.  The  F-20  version  vrfl tH  Mach  1.9 
capability  uses  fixed  vertical  compression  ramps 
with  distributed  suction  bleed. 

The  use  of  side-mounted  serai -conical  Intakes  on 
France's  Mirage  series  of  fighters  and  Israel's 
Kflr  (Fig  5-82)  shows  an  approach  emphasising  light 
weight,  low  supersonic  drag  and  simplicity.  The 
use  of  side-mounted  semi-conical  Intakes  in  highly 
manpeuvrable  supersonic  fighter  aircraft  would 
indicate  high  distortion  levels,  but  both  Mirage 
and  Kfir  are  powered  by  turbojet  engines  with 
rather  large  stall  margins. 


FIG  5.83  EFFECT  OF  SYMMETRIC  &  ASSYMMETRIC  LIP 
THICKENING  &  OF  LIP  CAMBER  ( REF  5.15) 

A  small  permanently  open  lower  lip  slot  can  also 
improve  pitot  intake  performance  at  incidence  as 
shown  in  Fig  5-84  at  M0  0.9. 
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FIG  584  EFFECT  QF  AN  OPEN  LOWER  LIP  SLOT  (REF 515) 

The  retrofitting  of  a  blunt  leading  edge  to  the 
quarter  circular  centrebody  intakes  of  the  F- 111 
aircraft  (Fig  5-44)  to  improve  performance  under 
subsonic  manoeuvre  conditions  has  already  been 
noted. 
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FIG  5.82  MIRAGE  &  KFIR  FIGHTERS  EFFECT  OF  LIP  GEOMETRY  ON  INLET  PERFORMANCE 
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There  can  also  be  a  favourable  effect  at  supersonic 
speeds  on  all  Internal  performance  parameters  by 
changing  from  a  sharp  to  a  blunt  lip  but  at  the 
expense  of  an  Increase  fn  external  drag  as  would  be 
expected  (Fig  5-85). 

Similar  data  was  obtained  in  the  course  of 
designing  the  Tornado  aircraft.  A  substantial 
decrease  in  Instantaneous  distortion  was  achieved 
in  the  Tornado  intakes  by  blunting  and  decamberlng 
the  cowl  lip  at  subsonic  speeds  as  shown  In  Fig 
5-86a.  Again,  however,  at  supersonic  speeds,  the 
change  in  cowl  shape  resulted  In  decreased  maximum 
mass  flow  and  increase  in  cowl  lip  shock  stand  off 
distance  (Fig  5-86o)  and  hence,  penalties  In 
external  drag. 


FIG  586 

EFFECT  OF  CHANGE  OF  COWL  LIP  SHAPE 
ON  PERFORMANCE  OF  TORNADO  INTAKE  (REF  5.20) 

Grumman  and  McDonnell  Douglas  both  employed 
side-mounted,  horizontal  ramp  external  compression 
Intakes  to  provide  the  buiit-ln  adjustment  to 
manoeuvring  flight  on  the  F- 14  and  F-15.  The 
overhead  ramps  help  to  align  the  flow  with  the 
Intakes  at  incidence  in  the  same  manner  as  the  use 
of  entry  plane  stagger  in  pitot  intakes  noted  in 
sect  ion  5.2.1. 

Further  examples  of  the  effect  of  stagger  angle  and 
sidewall  geometry  at  Mc  0.9  and  a  35*  on  side 
-ke  performance  are  shown  in  Fig  5-87.  At  50* 
stagger  angle  because  of  the  high  shielding  effect 
cf  the  upper  lip,  this  performance  t;>  virtually 
Invai  .'ant  with  capture  ratio  (and  hence  M0) 
provided  AQ/AC  <  1.0  but  as  stagger  angle 

decrear.es,  this  Independence  reduces  and  becomes 
similar  to  the  dependence  on  and  Ac/A0 

illustrated  in  Fig  5-58  for  the  unstaggered  intake. 


Much  of  the  recent  work  In  tactical  Intake  variable 
geometry  research  has  centred  around  Increasing  the 
manoeuvre/acce lerat 3  on  envelope  of  the  aircraft 
This  requires  high  pressure  recovery  and  low 
distortion  over  a  wide  range  of  flight  conditions. 

The  most  obvious  actlvt  means  of  increasing 
performance  at  high  Incidence.  is  to  hinge  the  lower 
lip  of  the  cowl.  The  European  Fighter  Aircraft 
(EFA)  uses  both  underbody  shielding  and  a  hinged 
lower  cowl  lip  (Fig  5-88).  The  favourable  effect 
on  losses  at  subsonic  speed  and  high  incidence  is 
shown  In  Fig  5-89  and  there  Is  also  a  favourable 
effect  of  the  hinged  Up  on  intake  efficiency  at 
take  off  conditions  (Fig  5-90) 

The  hinged  lip  can  also  be  oriented  in  the  opposite 
direction  to  affect  drag  in  a  favourable  sense. 
The  effect  on  spill  drag  is  twofold  as  shown  In  Fig 
5-9i.  Firstly  the  decrease  in  capture  area  as  the 
cowl  Up  Is  hinged  upwards  towards  the  fuselage 
means  that  smallor  amounts  of  flow  need  to  be 
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FIG  5.87  EFFECT  OF  INTAKE  STAGGER  AT  Mo=0-9 
(Ac/Ac<  10)  (REF  5.15) 


FIG  588 

BRITISH  AEROSPACE  EAP  AIRCRAFT 
WITH  HINGED  COWL  LIP 


FIG  5.89 

PERFORMANCE  OF  INTAKE  WITH  HINGE0  COWL  LIP 
AT  SUPERSONIC  SPEEDS  ( REF  5.7) 
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FIG  5.90  rcRF0RMANCE  OF  SUPERSONIC  INTAKE 
WITH  HINGED  COWL  LIP  AT  STATIC 
(TAKE-OFF)  CONDITIONS 
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spilled.  The  shift  of  the  curves  to  the  left  at  6C 

-  12‘  Is  because  the  non-dimensional ising  capture 

area  Ac  In  the  Flow  ratio  is  based  on  the  6C 

-  0*  value.  Secondly,  there  is  a  decrease  In  slope 
of  the  spill  drag  versus  A0/Ac  curve  resulting  from 
the  increase  in  cowl  projected  area  and  hence  cowl 
suction  force  as  0C  increases  from  0  to  12  .  At 
supersonic  speeds  however  there  is  an  increase  In 
wave  drag  at  full  flow  from  this  same  increase  in 
cowl  projected  area  (Fig  5-92). 


{Aq/Ac / 

FIG  591  EFFECT  OF  COWL  LIP  INCLINATION 
ON  SPILLAGE  DRAG 


FIG  5.92  CHANGE  IN  COWL  DRAG  AT  FULL  FLOW 
DUE  TO  COWL  LIP  INCLINATION 


where  it  can  be  seen  that  the  advanced  intake  gives 
far  superior  performance  at  extreme  manoeuvre 
points . 


D  V  ut«4  IO« 

vlth  Dr*.,  Up  (I  Au*) 


ANGLE  OF  INCIDENCE  -  deg. 


FIG  5.94  COMPARISON  OF  PERFORMANCE  OF 

CURRENT  &  ADVANCED  INTAKES  (REF  5.8) 

For  ramp  compression  surface  intakes  at  supersonic 
speeds,  adjustment  of  the  second  ramp  angle  is  made 
to  compensate  for  the  increased  (or  decreased) 
strengtii  of  the  first  oblique  shock  when  incidence 
is  changed.  This  enables  the  Intake  to  retain  a 
near  optimum  shock  recovery  but  probably  more 
Importantly,  contributes  to  better  engine- inlet 
matching.  For  added  flexibility  of  operation  at 
incidence,  the  whole  forward  portion  of  the  intake 
on  the  F15  aircraft  (Fig  5-95)  can  incline 
downwards . 


Other  variations  to  the  lower  cowl  lip  are  possible 
1*  much  the  same  vein  as  high  lift  devices  on  wing 
leading  edges.  Fig  5-93  shows  a  comparison  of  the 
internal  performance  of  the  simple  hinged  leading 
edge  with  a  more  complex  cowl  leading  edge  slot  and 
a  blown  leading  edge.  Blowing  is  geometrically 
simple  but  uses  high  pressure  air  from  the  engine 
compressor  which  results  In  an  engine  thrust 
penalty. 


M=  0  0 

mmm  qisioriiqn  turbulence 


BASIC  COWL  l  E  BLOWING 

GEOMETRY  ^,*0  2 


0  20  40  60  0  20  W  60  0  20  tO  60 

ANGLE  OF  INCIGtNCE  Ctg  de? 

FIG  5.93  COWL  LIP  LEADING  E0GE  DEVICES 


The  benefits  of  optimising  airflow  matching, 
boundary  layer  control  and  variable  geometry  In  a 
complex  design  at  subsonic  speeds  can  be  seon  in 
Fig  5-94  A  rectangular  advanced  Intake  Is  comparod 
with  current  fighter  intakes  at  various  conditions 


Ms2 


FIG  5.95  ROTATING  FORWARD  INTAKE  (F-15) 

For  an  axi symmet r ic  centrebody  intake,  increases  in 
performance  can  be  obtained  by  both  staggering  the 
cowl  lip  so  that  the  shock  does  not  enter  the  lower 
lip  and  by  pivoting  the  centrebody  (Fig  5-96). 
Pivoting  both  centrebody  and  cowl  however  is 
necessary  to  achieve  maximum  insensitivity  to 
increase  in  incidence. 


FIG  5.96  EFFECT  OF  CENTREBODY  PIVOTING  &  COWL 
RAKING  &  PIVOTING  ON  AXISYMMETRIC 
INTAKE  PERFORMANCE  AT  INCIDENCE  (REF  5.7) 
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2.5.5  Concluding  remarks 
Intake  integration 

The  stream  flow  approaching  a  side-mounted  intake 
is  significantly  dis:orted  by  the  forebody, 
especially  in  manoeuvring  flight.  Horizontal  ramp 
external  compression  intake  designs  are  shown  to 
have  inherent  advantages  over  vertical  ramp  or 
semi-conical  Intakes  for  agile  fighters,  but  it  is 
also  shown  that  careful  integration  of  the  intake 
to  provide  appropriate  shielding  can  make  an 
enormous  difference  in  pressure  recovery 
performance  and  Inlet-engine  compatibility. 

Intakes 

The  design  of  a  tactical  fighter  air  intake  results 
from  a  compromise  of  performance  and  stability 
against  complexity  and  weight,  driven  by  overall 
aircraft  mission  requirements.  It  is  difficult  to 
separate  this  design  compromise  from  the 
consideration  of  inlet-airframe  integration,  yet 
there  are  a  number  of  issues  related  directly  to 
the  inlet  design  itself. 

It  has  been  shown  that  the  inlet  configuration  can 
reveal  much  about  the  Intended  aircraft  mission 
application  and  the  overall  system  design 
phi losophy . 

Intake  design  requires  a  thorough  understanding  of 
the  various  facets  of  inlet  perfoimance  and  the 
flow  field  phenomena  which  affect  them.  To  this 
end,  the  discussion  has  ilv.-h  with  the  basic 
measures  of  performance  and  has  outlined  the 
primary  flow  field  phenomena  which  must  be 
controlled.  Specific  design  considerations 

involved  In  maximising  pressure  recovery, 
mininujikjg  drag  and  controlling  the  flow  for 
improved  uniformity  and  steadiness  have  been 
discussed. 
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_ CENKRAI L  CONCEPTS,  SPECIFIC  EXAMPLES  OF 
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2  6,2.1  K <xcd.  Direct  Lift .  engine  Intakes 

One  of  the  first  design  approaches  to  V/S70L  was 
with  fixed.  Auect  lift  engines.  w'th  engines 
sccateu  either  n  the  fjselage  or  in  wing  mounted 
pods  or  nacelles,  (kef  6. 4-6. 6)  «»s  the  podded 

i  ‘ft  engines  of  the  D./  31  and  » he  fuselage 
mounted  lift  engines  of  the  VJ 102  .  In  this 
approach,  specially  designed,  short  engines,  are 
mounted  with  their  axes  near  vertical  or  with  a 
small  tilt  forward  to  provide  a  small  component 
of  thrust  in  the  forward  direction.  Ihese 

ei'.g* nes  operate  only  during  lift-off  cr  landing 
and  are  turned  off  during  forward  c-r  cruise 
flight.  Separate,  horizontally  r.«aunted  thrust 
engines,  are  used  in  cruise,  which  usually  employ 
norma?  conventional  inlets.  The  fixed  direct 
lilt,  engines  must  be  carried  as  a  nun-useful  load 
from  point  to  point  and  subtract  from  the  maximum 
useful  load  that  might  be  carried  otherwise 

The  inlets  of  the  vertical  lift  engines  will  huee 
an  incidence  angle  of  about  zero  degrees  at  zero 
and  very  low  forward  speeds  to  almost  90  degrees 
incidence  In  transition  to  forward  fi ight .  These 
conditions  must  be  snet  while  maximum  thrust  is 
being  demanded.  Tne  design  and  performance  of 
the  podded  lift  engines  of  the  V/STOL  transport 
Hornier  31  wi  i  !  he  described  in  para  6.3.1. 

UlJL-I Sal  I  p-uEusIds-I  aiaissj 


2. C. 3. 2  The  Fixed  Horizontal  A\i *  Intake  - 
Harrier  Type 

2 . 6 . 3 . 2 . 1  Do  s  i  gn  Proh  I  ems 

2.63.2.2  Tot a;  Pres jure  Recovery 

2. 6. 3. 2. 3  Spillage  Drag 

2. 6. 3. 2. 4  Velocity  Distribution 

2. 6. 3. 2. 5  Low -Drag  Cowl  Section 

2. 6. 3. 3  The  Rotating  Axis  intake  -  VJ - 1 01 

hTFPfN'CES 

jjhJ  INTRODUCTION 

Over  the  past  39  oi  so  years  sever- 1  approaches 
.o  the  design  oT  V/STOL  aircraft  have  been  taken, 
each  with  its  own  particular  engine  or  fan  air 
Intake  problems.  (Ref f  1  &  6.2).  This  section 
cups i tiers  the  various  types  of  V/STOL  aircraft 
intakes,  their  design  ai:d  performance  experience 
and  some  of  lhe-r  ancillary  problems  such  ?s 
auxiliaiy  ai:  intakes,  (kef  6.3). 

I  he re  appears  to  he  three  basic  types  of  engine 
air  intakes  associated  with  V/STOl.  aircraft: 

Fixed,  vertical  axis  inlets,  fur  lift  only 
thrust  engines. 

the  inlet  whos-'  axis  rotates  from  vertical 
for  lift  to  horizontal  for  cruise  thrust,  and 

the  f  i \cu  liar izonta  1  -axi  i  inlet  which  Te-eds  a 
var table  o.-ufi guru t  ion  engine  for  lift  and 
cruise  thrust. 

Section  6.2.  dismisses  these  general  concepts. 

Con  - 1  tie  rat  inn  of  the  performance  of  V/SfOi. 
Intakes,  with  respect  to  their  design  parameter*, 
is  given  in  Section  6  3. 


iLiLjL 2.1  State-of-the-Art  Cxoeri ence 

The  next  conceptual  step  in  the  development  of 
the  V/STOL  airplane  appears  to  bt  the  attempt  to 
rotati;  the  engines  from  a  vcitioal  attitude  to 
horizontal  .so  that  these  engines  r?sn  serve  both 
for  lift  am!  for  forward  propulsion.  This 
approach  introduces  a  measure  of  mechanical 
complexity  and  complicates  aerodynamic  control  in 
transition  from  vertical  to  horizontal  flight. 
However,  in  spite  of  the  3dded  mechanical  ana 
acrodvoui.tic  control  complexity,  this  conceptual 
approach  allows  the  engine  air  •Make  to  rotate 
into  the  wind  t  *'  maximize  perToi  tutuice  during 
t  runs 1 1 ion. 

T!«c  inlet  must  operate  both  at  zero  speed  and 
maximum  tiwust  and  a:  a  thrust  for  cruise  speed, 
t  ho  -.ingle  inlet  mas  t  lie  t  a  j  I  o  re  d  to  hand  I  e  t  wo 
different  design  criteria  and  mass:  flew  ratios. 

.Tw  V/STOL  ONperiiP'-Hinl  fighter  alrciait  V'JiOl 
from  Mrssei  .schmh  t -B'ollcnw-Blohm  as  an  example  of 
this  category  will  tie  d-. -.-  r  i bed  in  para.  6.3.3. 

2_.6_._2  ,_2_._2  _  future  Posslhl  l  LL.I  e^  (Ret*  6. 7-6.9 j 

Fig  6.1  shows  •«  Grumman  concept  using  rotating, 
podded  turbo-fan  engines  du-'ing  rolrtion  and 
landing.  ^’uch  a  d.*»ign  vetjuiivs  a  very  slier  t  ni¬ 
ne  inlet  title  t  . 


FIG  6.1  GRUMMAN  ROTATING  ''UR80FAN  OESiUN 
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The  rotating  aTt  -fast?  lage-v>l  t  h  engine  concept  »s 
embodied  In  the  Grumman  "Uui  cracker"-V/STOL 
concept  for  use  on  an  aircraft  carrier  deck  Fig. 
6.2.  Two  large  turhoTan  engines  are  mounted  on 
either  side  of  a  hinged  aft  fuselage  such  that 
when  rotatin'*,  the  thrust  vector  passes  through 
the  centre  of  gravity  of  the  aircraft. 


F!6  6.2  GRUMMAN  "NU1 CRACKER 


From  the  dula  nvaiiahio  on  this  design  the  podded 
tuibofan  engines  appear  to  have  a  normal  nacelle 
in'.ak  with  no  allowance  for  spillage  adjustment  . 


The  ultimate  in  ro'aMng  thrrst  vector  design 
appears  tt.  he  to  rota.c  the  whole  aircraft  os  in 
the  '  ery  ejri\  "tail  si  iter"  aircraft.  The 
err  mu  })!T»po.-,a  1  is  the  ''wire  hanger”,  a  l*.  S. 
.’’i\v  design  for  use  on  a  carrier  deck.  Fig  6.3. 


Flo  6  3  U.S  NAVY  "WIRE  HANGER"  CONCEPT 

The  S'»  re  Hinge  concept  is  based  on  a  F-IS  type 
aircraft  with  an  engine  de*. igred  to  have  a 
imhalled  rn’i'.i'.  1  e  which  would  tilt  plus  and  Minus 
ten  degrees  in  any  direction.  Ii  is  to  take  off 
in  the  conventional  way  hot  would  hack  down 
vertically  t «  hook  »*nto  the  side  of  a  ship  as 
shown  in  Fig  6.3.  It  is  somewhat  similar  to  the 
kyan  V-13  tail  sitter  »•!  S,,.56-l,)57 . 

^-'3  experience  suggests  that  t  he 
inlets  may  tequire  auxiliary  doors  to  enlarge  the 
openings  to  pi  event  cross -flow  stall  of  the 
engine  air  »Kof.  6.‘n. 


i_l’ -A.*.-? _ J i  /'Mil  .i  I  I  og I  nes ...with.  I '  1  <> w 

inverters 


2j>  ,2 ...  l.l  St  at  e-of-t  he -At  t  Experience 

In  the  case  of  a  ff>“d  horizontal  axis  engine, 
vertical  lift  can  lie  obtained  by  deflecting  al! 
or  part  of  the  engines'  exhaust  downs  wards  by  a 


valve  in  the  nozzle  (Ref  o. 10-6. 14).  Air 
exhausting  from  the  engine's  compressor  may  also 
be  bled  to  pro/ide  a  lifting  force.  The  Pegasus 
engine  in  the  Harrier  uses  this  arrangement  to 
give  two  hot  and  »wo  cold  exhaust  streams.  the 
performance  of  the  air  intake  of  the  Harrier  will 
be  described  in  para.  6.3.2. 

The  major  intake  design  problem  in  tills  case  is 
the  great  difference  In  the  mass  flow  required 
between  the  lift  mode  and  the  forward  cruise 
mode . 

2.A.2.3.2  Fuvure  Pfssibiliti e  s 

A  specially  unique  design,  Ro J i s -Royce .  Fig  6.4, 
(Ref  6.21)  combines  the  exhaust  from  the  two  main 
engines  into  a  plenum  which  can  be  deflected  from 
a  full -aft  nozzle  to  a  dc  wnwards  deflected  lift 
j«r  -  Additional  fan  bleed  front  the  two  main 
engines  are  ducted  through  rotating  nozzles  from 
an  aft  direction  to  s  downwards  lifting  jet 


FIG  6  4  ROLLS*  RGYCt  DEFLtCTEO  EXHAUST 
CONCEPT 


7l:e  ini-  !  ;  -m  rv  h  -Id.  -f  » h«-  f ••  i Rcyve 
concept  arc  square,  2  1)  intal-.s  with  woug--  shaped 
ramps  and  a  boundary  layer  divetior.  The  concept 
i -•  unique  »u  that  it  is  trosif  ;g«.reii  around  r«  twin 

tail  boom  Igi: 


Scvciiil  V/SiOL  concepts  using  the  idea  of 
slipstream  deflection  of  pod  mounted  turbo  fan 
engine*,  or  t  1 1-  driven  ion.  have  neon  pt  epo-.ed . 

Fig.  b..r>  ilh.slmii-s  a  NASA  dc;  »  go  tnsiitg  a  pair 
of  tip  driven  fans  with  do  I  left  i  uy  nozzles  for 
veil ivil  ii  f't  .  A  nose  fan  i  s  used  to  !.j  l  anev  the 
aircraft  in  hovering,  lift-off  and  landing.  ike 
turbine  engines  serve  as  gas  go  not  at  ors  i  o  feed, 
the  main  and  nose  fans.  The  inlets  fur  th-sc 
engines  are  typical  side  mounted  dud  inlet.*  . 


i  i  ; 

Nose  lan  -  '■  j  i 

Engine 'Kiel  1  5  Cas  j.* 

FIG  6.5  NASA  TIP  DRIVEN  FAN  DESIGN  WITH 
DEFLECTING  NOZZi.ES 
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The  Cornier  "ISK"  PROJECT.  (Ref  6.16),  a  light 
hovering  combat  airplane,  as  shown  In  Fig.  6.6, 
has  a  similar  configuration  except  that  the 
single  engine,  operating  as  a  gas  generator  Is 
supplied  by  an  Inlet  at  the  base  of  the  vertica’ 
tail  and  instead  of  using  a  deflecting  nozzle  It 
uses  turning  vanes  In  the  slipstream. 


FIG  6.6  DORMER  1SK"  PROJECT 


2 j> ,i__.  PERFORMANCE  OF  V/STOL  INTAKES  IN  STATIC 

AND  TRANSIENT  CONDITIONS 

The  Cornier  Do  31  (Ref  6.17)  the  MBB  VJ-101C. 
(Refs  6. IS  &  19)  and  the  Ha-rler,  (Ref  6.20)  have 
been  chosen  for  purposes  of  performance 
considerations  as  representative  of  the  three 
K..,n  categories  of  .'/STOL  intake  design. 

2  6.3,1 _ I  he  Vertical  Axis  Inlet 

.2.6 . 3 .  K J _ Inlet  Physics 

The  problem  of  intake  design  is  unique  for  the 
fixed,  vertical  lift  engine  in  that  in  forward 
flight  the  fillet  air  must  turn  through  a  large 
angle  (near  90  degrees)  from  the  free  stream 
direction  into  the  engine  inlet  duct.  Such  a 
‘urn  require:,  a  large  turning  force  per  air  mass 
flew.  K'/wV,.  Fig.  6.7  shows  a  schematic  diagiam 
!’vf  thf.  turning  flow. 


fiiibV  SCHEMATIC  DIAGRAM  OF  AIRFLOW 
TURNING  INTO  INLET  DUCT 

.o  siktion  force  on  the  near  corner  and  a  positive 
pressure  force  on  the  far  corner  is  required  to 
iurr  the  flow  through  the  angle  H .  A  force 
dingi  3»t.  using  moment  mn  theory,  is  shown  on  this 
figure  from  which  the  horizontal  and  vertical 
-■  opponent  s  of  force  can  be  determined.  These  tw  > 
component  'j  can  then  he  used  to  find  the  resultant 
f>- *ee .  Hu-  result  is  shown  plotted  in  Fig.  6.8. 
rh»*  a*  r  ve!cclty  nn  the  near  and  far  surfaces  of 
1  he  inlet  will  vary  as  shown  in  Fig.  6.9  for 

Vf.’Vj  -«  2.0. 


FIG  6.8  FORCE  RATIO  TO  TURN  AIRFLOW 
THROUGH  ?•  DEGREES 


Station  of  thf  contour 

FIG  6?  VARIATION  OF  FLOW  VELOCITY 
ON  SURFACE  OF  INLET 

26.3.1.2  The  lifting  Engines  Intakes  or"  the  Do 
31  VSTOl,  Transport 

Fig.  6.10  shows  the  aircraft  configuration  with 
pods  for  t.it  lift  engine  at  the  wing  tips.  Wind 
tunnel  tests  were  carried  out  on  the  Dornier  Do 
31.  four-engine-vertical  lift  nacelle  In  early 
1  °60  (Ref  6.17).  A  schematic  diagram  of  the 


FIG  6.10  VT0L  TRANSPORT  AIRCRAFT  "Do  31“ 
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nacel  ?  Is  shown  in  Fig.  6.11.  Tests  were  made 
with  and  without  a  cascade  of  turning  vanes  in 
front  of  the  first  engine  intake  and  with  and 
without  a  spoiler  at  the  engine  exit. 


Fig.  6.13  shows  test  results  for  the  engine 
Intake  model  tested,  both  without  and  with 
spoiler  for  the  cascade  equipped  nacelle. 

The  spoiler,  used  to  create  a  suction  on  the 
under-side  of  the  nacelles,  has  a  large  effect  on 
the  first  engine  (about  40  percent).  However, 
its  influence  decreases  on  engines  2  and  3  and 
give  a  negative  effect  on  engine  number  4  for  an 
anglc  of  incidence  greater  than  4*. 

The  row  of  intakes  must  finally  be  investigated 
for  distortion  at  the  engine  face.  Fig  6.14 
presents  the  test  results  for  the  distortion 

factor  for  engines  1  and  2  without  a  cascade. 
The  dashed  line  shows  the  comparison  of 
distortion  level  with  a  cascade  for  a  6  angle  of 
incidence.  The  presence  of  the  cascade  gives  a 
marked  improvement  at  6*.  decreasing  the 
distortion  from  -1.1  to  -0.6  for  engine  nc.l  and 
from  -0.7  to  -0.3  for  engine  no.  2,  both  at  VQ /V2 


SCHEMATIC  OF  THE  VERTICAL  LIFT  NACELLE 

Figs.  6.12  (a)  and  (b)  compare  the  total  pressure 
lecovery  measurements  /Pt  without  and  with  a 

cascade,  at  low  inlet  speeds.  V0/V2  “  09  • 

corresponding  to  engine  start  at  the  beginning  of 
transition  for  a  vertical  landing.  The  cascade 
improves  the  performance  of  the  first  intake  but 
seemingly  has  little  effect  on  the  rearward 
engines . 


a0  a° 

0246  0246 


loleis  3  and  4  noi  mealed 


(a)  (b) 

FIG  6.12  TOTAL  PRESSURE  RECOVERY  VERSUS 
ANGLE  OF  INCIDENCE 

A  problem  in  the  design  of  vertical  lift  engine 
aircraft  is  that  oT  in-flight  start  of  t  lie 
engines  prior  to  landing.  For  engine  start-up  in 
flight  it  is  necessary  to  have  a  positive  total 
pressure  drop  across  the  engine  to  provide  air 
flow  to  windmill  it  up  to  starting  rpm.  That  is, 
(Pt  -  PEX/Plo  must  he  greater  than  zero  where  Pg* 

is  the  static  pressure  at  the  exit  of  the  engine. 


The  measurement  of  a  distortion  figure  below  the 
limit  curve  for  the  configuration  without  a 
cascade,  a  -  6  and  3  yaw,  as  shown  in  Fig. 
6.t4,  demonstrates  the  need  for  a  cascade.  The 
addition  of  a  cascade  brings  the  point  upwards, 
into  the  operational  range,  even  with  a  yaw  angle 
of  5* . 


- -  wpi  cuwdt 

• —  — .  wBxMlcatud* 


FIG  6.1A  DC60  DISTORTION  PARAMETER  VERSUS 
VELOCITY  RATIO  AND  ANGLE  OF 
INCIDENCE,  INFLUENCE  OF  CASCADE 

26.3.2  The  fixed  Horizontal  Axis 

Intake-Harrier-Type  (Ref.  6.20) 

2  6 . 3 . 2 . 1  Des i gn  Problems 

Fig.  6.15  shows  tin*  general  ronfigural  ion  of  the 
Harrier.  The  special  problems  of  horizontal 


FIG  6  13 


FOR  STARTING  VERSUS  ANGLE  OF  INCIDENCE  FIG  6  15  V/STOL  LIGHT  ATTACK  AIRCRAFT  "HARRIER" 
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The  requi reroenf s  are  difficult  to  achieve  with  a 
fixed  geometry  inlet  but  c*n  be  obtained  by  meant 
of  variable  geometry. 

The  large  mass  fl  .w  required  at  low  speeds  needs 
a  large  entry  area  for  the  Intake.  Thus,  during 
high-speed  cruise  a*  low  altitude  the  airflow 
s’ i 1 5 age  Is  large  which  leads  to  large  preentry 
drag,  which  may  be  -js  great  as  50  to  80  percent 

of  the  drag  of  the  rest  of  the  aircraft.  Hence, 

for  low  altitude  cruise,  the  cowl  must  be 

designed  to  achieve  a  large  thrust  to  minimize 
this  spillage  drag.  At  high  altitude  ihc  problem 
is  much  less  important,  although  still 

significant.  Finally,  because  the  intakes  are 
large,  tlw  forces  on  the  intake  are  important  for 
stability  as  well  as  the  usual  stress  force-  on 
t  he  cowl . 

Z6  3,2.2  Total  pressure  Recovery 

The  total  pressure  recovery  in  an  intake  w*'th 
rounded  entry  lips  varies  with  the  mean  entry 
Mach  number  as  illustrated  in  Fig  6.16.  A  sharp 
lip  intake  at  M„  -  O  and  0,2  is  also  shown. 


0.0 


FIG  6.16  THEORETICAL  EFFICIENCY  OF  ROUND- LIPPED 
AIR  INLETS  AT  ZERO  FLIGHT  SPEED 
VERSUS  THROAT  MACH  NUMBER  AND 
AREA  RATIO 

Tne  equation  for  pressure  recovery  is  obtained 
from  stream  force  and  momentum  considerations 
with  zero  onset  velocity.  These  curves  show 
directly  that  for  a  given  pressure  recovery,  the 
suction  intensity  on  the  bellmouth  is  inversely 
proportional  to  t.ie  bellmouth  area. 

Since  entry  losses  arise  from  the  thickening  or 
separation  of  the  boundary  layers  on  the 
helimouth  or  near  it,  they  vary  with  the  suction, 
and  therefore  low  losses  require  large  bellmouth 
area  Ag,  and  adequate  throat  area  Atj,. 

Jig.  6.17  illustrates  the  relevant  bellmouth 
areas  for  the  auxiliary  Intakes  which  are 
projected  hi  the  direct  i:-«s  of  the  appropriate 
throat  flows  and  therefore  do  not  add  to  the 
thickness  of  the  cowl  at  thc  main  entry. 


&*trv&j<h  kt 


FIG  6.17  RELEVANT  BELLMOUTH  AREAS  FOR 
THE  AUXILIARY  INTAKES 

2  6.3.2,3  Spl  Hog?  Drag 


When  thc  stream  force  theorem  is  applied  for 
forward  speeds,  when  :he  spillage  drag  is  low, 
the  mean  intensity  of  suction  on  the  cowl  Is 
inversely  proportional  to  the  projected  cowl 
arer..  Thus,  low  spillage  drag  requires  both 
large  cowl  area  and  good  shape. 


FIG  6.18  SOURCES  OF  SPILLAGE  DRAG  AT 
HIGH  SUBSONIC  SPEEDS 


Fig.  6  18  shows  an  Intake  with  spillage  with 
auxiliary  intake  doors  closed  and  its  sources  of 
drag.  For  typical  rounded  cowls  the  spillage 
drag  varies  roughly  as  shown  in  Fig.  6.10. 


i  vhv»»  cowl  aid.)  -  Kx  (Anvu  -  A; lag  ) 

V  •«-.  <  is  lunclioit  ol  cowl  sor.luns  swoop.  Mach  «j  .  ofc 
(7 y>*.  iiy  '0  5  Iw  roundodlip  cowls) 


FIG  6.19  SPILLAGE  DRAG  AT  HIGH  SUBSONIC  SPEEDS 
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Initially,  the  wain  inlets  consisted  of  two  side 
mounted  inlets  of  MDH  shape  and  a  single  row  of 
six  suck-In  doors  of  0.585m2  and  t  throat  area  of 
0.855m2  and  employing  boundary  layer  bleed  doors 
on  the  side  of  the  fuselage.  For  the  advanced 
version,  the  AV-8B,  the  throat  area  was  increased 
to  0.901m2  sq.ft.  The  im'et  cross-section  was 
changed  from  a  half-round  to  a  2:1  ellipse  with  a 
double  row  of  eight  suck-in  doors  of  O.780ro2 
sq.ft  atea  to  eliminate  spillage  (Ref  6,21). 


Thus  under  vertical  flight  conditions  a  large 
be) (mouth  area  and  adequate  throat  area  are 
required,  while  during  low  altitude  cruise  large 
cowl  area  and  small  throat  area  are  necessary. 
Both  conditions  are  vital  so  that  some  form  of 
variable  geometry  is  worthwhile  in  order  to 
Improve  the  efficiency  in  either  condition. 

At  V/STOL,  be  11  mouth  area  is  more  effective  than 
throat  area  in  Improving  efficiency,  sc  it  is 
usually  possible  to  choose  the  minimum  throat 
area  suitable  for  conventional  flight,  then 
provide  sufficient  bellmouth  area  to  achieve  the 
target  efficiency,  preferably  In  such  a  way  that 
the  cowl  area  is  not  restricted  at  high  speeds. 


The  problem  of  velocity  distribution  and  total 
pressure  distribution  at  the  engine  face  are 
similar  to  those  of  conventional  intakes,  except 
that  they  are  increased  by  the  larger  area  and 
smaller  length  to  diameter  ratio.  Adequate 

description  of  the  distributions  is  sometimes 
complicated  by  variation  of  static  pressure 
across  the  compressor  face  entry  and 
uncertainties  regarding  the  effect  of  the  engine 
on  this  variation  when  measured  on  models 
(without  an  engine  present)  and  the  converse 
eTfoct  on  the  engine. 


The  worst  velocity  distributions  are  due  to 
boundary  layer  separations  caused  by  adverse 
pressure  gradients  in  extreme  conditions  of 
flight.  For  example,  in  the  case  of  a  fuselage 
installation,  if  the  flow  Is  very  much  reduced, 
the  adverse  pressure  gradient  upstream  of  the 
entry  ac*s  on  the  boundary  layer  on  the  side  of 
the  fuselage  and  could  cause  separation  forward 
of  the  intake  entry  plane.  At  extreme  incidences 
particularly  at  high  mass  flow,  the  boundary 
layer  may  sepr  ate  on  the  inside  of  the  lower  lip 
of  the  entry  and  on  the  adjacent  fuselage  wall. 


2  6, 3.2,5 


Cowl  Section 


FIG  620  CIRCULAR  COWL  WITH  3  TYPES  OF 
PEAKY  PRESSURE  DISTRIBUTION 
q)  PRESSURE  DISTRIBUTION  M  =  0-9 
b)  SPILLAGE  DRAG,  Mo  =  0  9 


2  6.3.3 


The  maximum  area  of  the  cowl  tends  to  be 
determined  by  the  aircraft's  layout,  so  that  the 
cowl  area  is  given  when  tills  area  has  been 
chosen.  This  cowl  area  Is  unlikely  to  be 
generous,  so  tile  maximum  velocities  at  low 
altitude  may  be  supersonic.  Cowl  sections, 
therefore,  have  been  developed  which  lead  to 
largely  isentropic  recompressions  from  highly 
supersonic  peak  velocities.  Some  results  oT 
tests  on  an  axlsymmetrlc  model  are  shown  in  Figs. 
u.20a  and  b.  Fig.  6.20a  shows  almost  Isentropic 
recompression  from  a  peak  local  Mach  number  of 
about  1.9.  Fig.  6.20b  shows  a  typical  curve  of 
spillage  drag  for  this  cowl  for  M„  -  0.9.  Lower 
spillage  drag  will  be  obtained  at  lower  Mach 
i  lumhe  r  s . 


Fig  6.21  shows  the  general  configurat  Ion  of  the 
VJ  101.  Fig.  6.22  shows  the  design  of  the 
VJ-101C  lift/cruise  engine  intake  installed  on 
the  tilting  engine  p'»Is  at  the  wing  tips. 


A 


FIG  6.21  VT0L  FIGHTER  AIRCRAFT  "VJ  101” 
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FIG  6.22  "VJ  101"  LIFT/ CRUISE  ENGINE  INTAKE 


For  the  auxiliary  Inlet  closed,  pressure  loss  Is 
high  Tor  low  forward  speeds,  a  +  a  -  0  or  60 
and  pressure  recovery  is  quite  low  for  low  flight 
Mach  numbers,  even  withor  +  o-  O. 

However,  with  the  auxiliary  slot  open,  losses 
drop  markedly  even  for  high  o  +  <j  and  total 
pressure  recovery  Increases  for  0 '  £  a  +  a  ^  60* 
up  to  M  -  0. 30 . 

These  figures  show  clearly  the  advantage  of 
changing  the  inlet  geometry  (opening  the  intake 
slot)  with  increasing  aircraft  forward  speed  and 
also  the  need  to  keep  duct  incidence,  o  +  o,  low. 


The  Inherently  bad  performance  of  an  intake  of 
this  kind  in  the  low  speed  range  and  at  high 
intake  incidence  conditions  is  compensated  in 
this  case  by  the  use  of  an  auxiliary  intake  In 
the  form  of  a  circumferential  opening  around  the 
nacelle  about  15  cm  wide.  This  opening  is 
created  by  moving  the  forward  part  of  the  intake 
forward  by  means  of  four  hydraulic  actuators. 
Fig.  6.22  shows  this  auxiliary  intake  in  the  open 
position.  This  inlet  was  tested  under  various 
condit Ions. 

Figs.  6.23  and  6.24  show  the  pressure  loss  factor 
vs.  V0/V2  and  pressure  recovery  Pj^/Pj^vs.  Mach 

number  MQ  for  various  inlet  incidence  angles,  a  + 
a . 


FIG  6.23  PRESSURE  LOSS  FACTOR  VERSUS 
VELOCITY  RATIO  ANO  ANGLE  OF 
INCIDENCE,  INFLUENCE  OF  AUXILIARY 
INTAKE 


FIG  6  24  TOTAL  PRESSURE  RECOVERY  VERSUS 
FLIGHT  MACH  NUMBER  AND  ANGLE  OF 
INCIDENCE,  INFLUENCE  OF  AUXILIARY 
INTAKE 

Total  pressure  reti«\orv  «•.  a  sharp- 1  ip  intake  is 
shown  to  he  a  fund  ;*>n  oT  throat  Mach  number  and 
forward  flight  Mach  luimln* 1 
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2.71  INTRODiKTrlON 

27.1.1  The  relevance  of  alr-breathlng  engines  for 

miml lt£ 

For  short  ranges  (<J30^40Km) ,  t tie  solid  propellant 
rocket  is  the  best  means  of  propulsion  because  of 
its  technological  simplicity. 

For  medium  to  long  ranges,  air-breathing 
propulsion  becomes  increasingly  advantageous 
because  it  is  unnecessary  to  provide  oxidant  in 
the  missile;  intakes  are  then  necessary  to 
capture  the  external  air. 

Air-breathing  propulsion  has  certain  drawbacks: 
intakes  are  necessary; 

-  missile  geometry  is  more  complex; 
engine  development  time  is  longer; 

if  the  missile  has  an  expendable  turbojet  It 
will  be  more  expensive 

(this  will  not  be  so  if  It  has  a  ramjet) 
but  an  additional  propulsion  means  may  be 
necessary  for  a  ramjet  (boost  rocket). 

On  the  other  hand  it  has  the  advantage  that: 

-  for  a  given  range,  th  missile  is  lighter  and 
Its  overall  dimensions  are  smaller; 

it  can  fly  at  low  and  constant  altitude  to 

ensure  best  :.enet  rat  ion; 

its  missions  can  be  easily  diversified. 

27  12  Types  of  air-breathing  propulsion 

Two  kinds  of  engine  are  possible  for  missile 
propu.slon  (FIg.7.1).  The  turbojet  has  advantages 
which  increase  with  range  because  of  the  mass  and 
cost  of  the  expendable  engine.  it  is  very  well 
suited  to  subsonic  missiles  (e.g.  Cruise  missiles 
such  as  OTOMAT,  HARPOON...)  and  in  some  cases  to 
low  supersonic  speed  missiles  M0<1.8).  The 

ramjet  is  a  very  simple  engine,  without  revolving 
parts  and  it  is  well  suited  to  medium  or  long 
ranges  but  only  for  supersonic  missiles.  With 
subsonic  combustion,  flights  from  Mach  1.8  to 
about  6  are  possible;  above,  supersonic 
combustion  is  more  advantageous.  The 

disadvantage  of  this  engine  is  its  very  low 
thrust  at  low  Mach  numbers.  An  additional  means 
of  propulsion  is  therefore  necessary  to  boost  the 
missile  up  to  Mach  1.8-2.  A  rocket  hens  ter 
provides  this  fast  acceleration  that.  also 
reduces  missile  response  time. 


FIG  7.1  AIR  BREATHING  PROP"  .SION 


FIG  7. 2  rURB0JET  CYUE 


Fig  7.2  shows  an  enthalpy-entropy  diagram  for  a 
turbojet:  both  -ntake  an*,  compressor  contribute 
to  the  total  «*t  -  nresslon  of  the  cycle.  For  a 
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ramjet  however  the  whole  of  the  compression 
process  takes  place  In  the  intake  and  the 
following  duct.  The  intake  has  also  to  deliver 
the  correct  quantity  and  quality  of  flow  to  the 
engine  throughout  the  flight  envelope. 

27.13  Specific  problems  of  missile  intakes 

For  a  transport  aircraft,  the  payload  is  in  the 
fuselage,  the  wings  provide  lift  and  the  engines 
in  the  nacelles  give  thrust;  interactions  exist 
but  are  limited  in  extent.  For  a  fighter 
aircraft,  there  is  a  higher  level  of  integration 
and  fuselage  and  nacelles  are  often  amalgamated 
but  wings  are  still  separate  entities.  For 
missile  configurations,  integration  is  carried  a 
stage  further  and  consequently,  Intakes  perform 
their  primary  function  of  capturing  the  air  flow 
but  also  produce  a  large  share  of  the  external 
aerodynamic  forces  (lift,  drag)  as  shown  in 
Fig. 7.3. 


FIG  7.3  LIFT  COMPONENTS  ON  A  TYPICAL 


HALF  AXI-SYMMETRIC  INTAKE  CONFIGURATION 

The  very  high  manoeuvrability  required  involves 
large  loading  factors  which  occur  at  high 
Incidence  and  sideslip  angles.  The  constraints 
imposed  by  a  human  presence  for  fighter  aircraft 
disappears  for  missiles.  For  these  very 

difficult  situations  intakes  must  still  correctly 
perform  their  primary  function.  The  missions 
being  diverse,  the  flight  envelope  is  wide  and 
the  intakes  must  supply  the  engine  under  all 
conditions  of  Mach  number,  altitude  and  attitude 
with  the  correct  air  quantity  at  high  pressure 
recovery  and  with  low  distortion  oT  the  airflow 

Although  there  are  no  landing  and  take-off  phases 
so  that  large  mass  flows  at  low  speed  are  not  a 
problem  for  missiles,  some  difficulties  can 
appear  during  the  boosted  pnase  with  the  intakes 
closed  either  at  the  intake  or  at  the  engine 
face.  However,  missile  intakes  arc  required  to 
perform  for  a  single  flight,  possibly  after  a 
long  storage  time  and  therefore  low  cost  and  high 
reMability  are  essential. 

'LL  O’M  ICUKATION  LVOLUT  1  ON  AND  CONSTRAINTS 


The  payload  Is  in  the  body  and  there  is  low 
interference  between  the  fuselage  flow  field  and 
the  air  flow  captured  by  the  intakes.  The 
intakes  have  good  performance,  but  on  the  other 
hand,  the  missile  is  heavy  and  bulky  and  its  drag 
is  high.  Such  missiles  were  developed:  e.g. 

50MARC  (USA),  BLOODHOUND  (C.B.),  SIRIUS  CT  41 
(Fr.>(Fig.7.5)  In  the  1950s. 


FIG  7.4  AIR  BREATHING  MISSILE 
WITH  SEPARATED  FUNCTIONS 


FIG  7.5  SIRIUS  CT41(Fr.) 
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FIG  7.6  FIRST  INTEGRATION  FOR  AIR  BREATHING 
MISSILE 


After  that,  a  first  integration  appeared  with  an 
intake  in  the  nose  of  the  missile  (Fig. 7. 6)  and  a 
jettisonable  rocket  booster  located  at  the  other 
end.  lhfs  configurat ion  has  several  advantages: 

-  comnactness, 

-  good  intake  performance  (without  interference 
from  wing  or  fuselage). 

-  low  drag,  and 

-  possible  skid-to-turn  steering,  (see 
2  7  5/1  )  but  also  various  drawbacks: 

-  poor  diffuser  integration  (circular  annular 
di ffuser) , 

-  lower  warhead  efficiency, 

-  difficulties  for  homing  device  integration,  and 

-  tendency  for  missile  configurations  to  have 
excessive  length 

Such  missiles  have  been  built  c.g.  T A  1.05  (USA) 
Fig. 7. 7,  SEA  DART  (C.R.)  Fig. 7. 8,  VEGA  (F-.) 
Fig.  7. 9  and  STATAl.TEX  (Fr.)  Fig.  7.  10.  The 
Russian  missile  SA4  CANEF  (Fig. 7. 11)  -5  unique 

in  having  an  annular  intake  located  after  the 
payload 


l1 1  \  Early  conf igui  at  h»ns 

The  first  ail  breathing  missiles  were 
experl mental  vehicles  for  testing  ramjets,  and 
therefore  without  operational  size  constraints. 


FIG  7.7  TALOS(US) 


Figure  7.4  shows  a  sketch  of  such  a  missile  with 
separated  functions  (fuselage,  wing*,  nacelles). 


FIG  7.8  SEA  DART  (UK) 


2  7.2  2  Ope /a t  Iona  1  Constraints 

For  medium  to  long  range  missiles,  air-breathing 
propulsion  is  appropriate  but  the  internal 
missile  arrangement  must  take  into  account 
various  constraints,  which  were  solved  without 
difficulties  with  a  rocket  engine. 

A  high  degree  of  compactness  is  essential  for 
aircraft  carriage  (especially  by  small  European 
fighters)  or  container  storage. 

A  modular  design  is  the  best  means  of  separating 
the  various  functions: 

-  detection  (homing  head). 

-  attack  (warhead), 

-  propulsion  (fuel  tank,  engine, 

booster) 

Low  visibility  from  electromagnetic,  infrared, 
and  optica!  detection  and  shapes  and  mateiials  to 
give  this  are  essential.  Missiles  must  be 

increasingly  manoeuvrable;  two  kinds  of  steering 
are  possible:  bank-to-turn  or  skid-to-turn 

(7  72  ). 

Longer  ranges  Impose  new  missile  geometries  with 
high  !ift-to-drag  ratios  and  flight  envelopes 
become  wider. 

For  missiles,  reliability,  simplicity  and  low 
cost  are  essential  and  conventional  industrial 
experience  cun  sometimes  be  a  handicap. 

2  7  2  3  More  recent  developments 

Confit  't  ions  have  changed  to  respond  to  these 
operational  constraints  Air  flow  captured  by  the 
intake  depends  strongly  on  the  flow  field  around 
fhe  fuselage:  this  can  be  an  advantage  or  a 
disadvantage  according  to  the  location.  Missiles 
have  been  built  SA  422  (Fr.)  Fig. 7. 12,  with  one 
intake,  or  such  as  SCORPION  (a  French  study) 


Fig. 7. 13,  with  four  side  intakes. 


In  a  second  step,  compactness  has  been  Improved 
by  integration  of  the  rocket  booster  with  the 
ramjet  combustion  chamber,  which  was  left  void  In 
previous  configurations  (Fig. 7. 14), 


FIG  7.12  S.A.422 


FIG  7. 13  SCORPION  PROJECT  (Fr) 


JETTISONABU 
DOORS  AND  NOZZLE 


FIG  7.14  MISSILE  WITH  INTEGRATED  BOOSTER 

Two  drawbacks  appear  with  this  integration: 


-  During  the  carriage  and  boost  phases,  the 
intake  may  be  closed  at  the  downstream  end  of  the 
diffuser,  this  causes  drag  and  can  induce  intake 
Instabilities  such  as  buzz  (see  Section  2  of 
Chapter  2  )  . 

-  at  the  end  of  the  boost  phase,  it  is  necessary 
to  jettison  both  the  booster  nozzle  and  the 
diffuser  doors  and  then  to  ignite  the  ramjet  in  □ 
very  short  time  to  minimise  deceleration. 

Some  variants  of  integration  are  possible. 
Figure  7.15  shows  a  missile  configuration  wlth>ut 
Jettisonable  parts.  The  booster  nozzle  is 

located  at  the  end  oT  an  axial  extension  t  ube 
connected  to  the  booster.  During  the  boost 
phase,  the  air  flow  captured  by  the  intakes  flows 
through  the  annular  engine  chamber  ano  it  is 
possible  to  Ignite  the  ramjet  during  , hrust  decay 
to  avoid  any  deceleration.  During  the  cruise 
phase,  the  threat  Is  annular  and  a  separation 
appears  at  t lie  base  of  the  booster  nozzle:  good 
performance  is  obtained  with  such  a  nozzle  but 
thrust  alignment  Is  difficult.  Another  drawback 
of  this  confi gurat I  on  is  the  limited  compactness. 


FIG  7.15  MISSILE  WITHOUT  JETTISONABLc  PARTS 
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Another  variant  has  been  proposed  In  France  by 
ONERA:  the  unsophisticated  or  "rustic"  missile 

that  does  not  have  a  jettisonable  booster  nozzle 
and  for  which  only  one  Igniter  is  necessary 
during  the  mission.  This  missile  configuration, 
Fig.”.  16,  Is  "'ompact  and  simple.  The  solid  fuel 
grain  located  in  the  ramjet  chamber  has  a  conical 
opening  at  its  aft  end,  shaping  the  nozzle. 
Booster  performance  is  lower  and  thrust  alignment 
Is  more  difficult  but  results  In  a  lower  cost 
missile.  At  the  end  of  the  boost  phase,  solid 
fuel  is  ignited  and  supplies  gas  which  burns  with 
the  air  captured  by  the  intakes.  Flight  tests 
ccrried  out  in  France  have  demonstrated  the 
feasibility  of  such  a  concept. 


CRUISE  PHASE 


FIG  7.16  “RUSTIC"  MISSILE 


J_  7  3  1SOLATFD  INTAKE? 

Before  installing  intakes  on  a  fuselage,  it  is 
necessary  to  make  a  survey  of  different  intake 
types  and  evaluate  their  advantages  and 
disadvantages  and  performance. 

ZJ.  3  1  intakes  for  subsonic  or  low  supersonic 
speed  mi ssi les 

?  7.?  1  1  Pitot  i  nt  akes 


protrusion;  some  advantages  are: 

-  low  dragj 

-  small  overall  dimensions, 

-  small  Radar  cross-section. 

The  working  principle  is  based  on  the  formation 
of  two  counter-rotating  vortices  along  the  sharp 
leading  edges  of  the  surfaces  leading  up  to  the 
entry  plane.  These  vortices  deflect  the  fuselage 
boundary  layer  out  of  the  intake  but  drag  the 
external  flow  into  the  intake  by  their  rotation. 
These  intakes  also  have  some  drawbacks: 

-  high  attitude  sensitivity  (particularly  at 
negative  incidence), 

-  limited  pressure  recoveries,  especially  if  the 
upstream  Mach  number  exceeds  unity, 

-  large  internal  volume  requirement  (the  intakes 
are  long) 


FIG  7.19  FLUSH  INTAKE  DEFINITION  AND 
WORKING  PRINCIPLE 


It  is  possible  to  increase  the  performance  of 
such  intakes  by  moving  -'tit  the  lip  giving  n 
coinin' ned  flush  and  Pitot  intake;  the  American 
HARPOON  missile  is  equipped  with  such  an  intake. 


Tlu  Pitot  intake  is  a  slightly  divergent  tube 
located  in  the  frccstrcam  (Fig.”. 17).  When 
designed  for  subsonic  or  low  supersonic  Mach 
numbers,  the  lips  are  blunt  and  In  a  supersonic 
flow,  a  normal  shock  wa\e  appears  in  ft*'  of  the 
intake.  At  critical  flow  conditions,  tins  shock 
is  located  in  the  int;:'  entry  plane.  The 
pressure  recovery  obtained  i .  just  lower  than  the 
efficiency  oT  the  normal  shoe!  ive  (Fig.”. 18), 
the  difference  resulting  from  vixens  offer*  ; 


This  type  of  intake  has  notable  advantages* 

high  simplicity  with  consequences  on  mass, 
cost  .  des Ign. . . 

good  Integration  with  any  possible  front  shape, 
low  sensitivity  to  changes  in  incidence  end 
sideslip  angle. 

jL LI  J_± _ F 1  vi sh  |  nt  aket 

The  definition  and  working  principle  are 
described  in  Figure  7  t*).  these  intakes  can  be 
wholly  integrated  In  u  fuselage,  without  external 


L2J. i2 _ Supersonic  intakes 

In  this  section,  we  consider  -m ss \ les  flying  at 
Mach  numbers  above  about  1  S-2  for  which  Pitot 
intakes  are  no  longer  .  rricient. 

At  the  end  of  World  War  !!,  0SWAT1TCH  proposed 
new  supersonic  compression  concepts  whose 
principles  are  recalled  in  Figure  7.20. 
Theoretically  .i  compression  ramp  can 
prof—sstvely  deflect  the  upstrenm  Flow,  until 
sonic  i"  ->w  is  obtained;  after  that,  a  subsonic 
diffuser  continues  the  deceleration.  Tin's 
tscntrupic  compression  is  realised  without  shock 
W.iws  and  only  the  friction  on  the  walls 
increases  the  entropy.  Three  variants  exist  as 
shown  in  Figure  7.20:  t  lie  compression  an  he 
completely  external,  completely  internal  or  a 
mixture  of  the  two. 


EXTERNAL  ;  OKCuESSlON  :N  I IPNAl  COMPRESSION 


MinFll  tUMPP'  'VON 


jOSWAJ  . 

FIG  7  20  TYPES  OF  SUPERSONIC  COMPRESSION 

The  pressu.  .*  recoveries  theoretically  possible 
with  th.'se  intakes  are  very  high,  but  in 
pract’ce.  some  modifications  are  necessary.  For 
several  reasons,  the  isentroplc  rumps  are  often 
changed  into  mu ! t i -wedge  ramps  because  (a)  the 
leading  edge  is  too  slender,  and  (b)  the  ramp  Is 
long  and  is  too  dlfflco. t  to  manufacture.  The 


nIG  7. 18  PITOT  INTAKE 
PRESSURE  RECOVtRY 
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compression  profile  is  also  only  curreect  for  one 
Mach  number  and  Incidence  and  a  continuous 
compression  cannot  be  achieved  in  practice  with 
small  intakes.  Thus  compression  is  often 
obtained  by  successive  flow  deflections  initiated 
by  a  succession  of  inclined  shock  waves. 

Another  restriction  is  that  in  practice  the  Mach 
number  at  t lie  end  of  supersonic  compression  must 
be  greater  than  one  (generally  a  Lout  1.4).  For 
external  supersonic  compression,  this  results 
from  conditions  at  the  focus  point  of  the  oblique 
compression  waves  which  Imposes  a  limited  overall 
deflection.  For  internal  compression,  the 
minimum  section  must  be  larger  than  the  sonic 
throat  area  to  allow  flow  starting. 

A  mixed  internal  and  external  supersonic 
compression  is  a  good  compromise  for  upstream 
Mach  nurbers  over  about  2.5;  the  relative  "merit” 
i.e.  a  combination  of  both  internal  efficiency 
and  external  drag  for  the  various  compression 
concepts  is  shown  in  Figure  7.21.  This  Figure 
also  indicates  the  potential  benefits  on 
performance  that  can  be  available  by 
incorporating  variable  geometry  into  an  intake. 
By  adapting  the  compression  geometry,  cowl  angle 
or  aft  spill  system  to  suit  the  flight 
conditions,  increased  performance  and  flow 
stability  become  available  for  the  price  of 
complexity,  weight  and  cost. 


FIG  7.21  APPLICABILITY  OF  INTAKE  TYPES 
OVER  A  RANGE  OF  MACH  NUMBERS 


For  t lie  design  of  compression  ramps,  it  is  much 
easier  to  choose  two-dimensional  flows;  this 
leads  to  two  main  types  of  intake:  axlsymmetrlc 
and  rectangular. 


Some  variants  are  possible: 

a  complete  axisymmetr ic  intake, 
a  half  intake, 

-  u  partial  intake,  which  can  be  located  under 
a  wf ng/body  Junction. 

Figure  7.23  presents  some  axisymmetric  intake 
geometries  studied  in  France,  with  different 
compression  profiles.  Pressure  recoveries 
obtained  are  compared  In  Figure  7.24;  the 
advantage  of  an  interna]  boundary  layer  bleed  and 
of  a  progressive  compression  central  body  is 
highlighted.  Figure  7.25  shows  that  the  best 
intake  at  zero  incidence  (isentropic  profile)  is 
more  sensitive  to  the  angle  of  incidence  and  a 
compromise  must  therefore  be  established.  It  Is 
also  necessary  that  the  cone  shock  is  outside  the 
cowl  lip  at  a  -  0  to  obtain  the  best  performance 
at  incidence,  but  additional  drag  will  result 
from  the  consequent  flow  spillage  at  a  -  0* 


FIG  7.23  AXISYMMETRIC  1 JTAKE  GEOMETRIES 
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273 Zl  Axisymmetric  and  derived  intakes 


FIG  7  24  AXISYMMETRIC  INTAKE  PERFORMANCE 


A  sectional  view  of  an  axisymmetric  intake  is 
given  in  Figure  7.22.  it  is  possible  to  provide 
an  internal  boundary  layer  bleed  at  t lie  end  of 
the  central  body;  the  How  tints  captured  can  be 
sucked  out  through  hollow  struts. 


FIG  7.22  AXISYMMETRIC  ANO  0ERIVE0  INTAKES 
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Other  data  on  pressure  recovery  and  flow  capture 
for  avisymmetrlc  Intakes  are  given  In  Section  5 
of  Chapter  I . 

Axi symmetric  intakes  have  a  number  of  advantages: 


Rectangular  intakes  are  very  sensitive  to 
sideslip  angle  (Fig. 7. 28).  This  effect  can  be 
reduced  by  cutting  out  some  parts  of  the  sidewall 
as  shou.ii  in  Figure  7.29  but  pressure  recovery 
increase^  are  accompanied  by  mass  flow  tosses. 


-  good  structural  rigidity,  (and  hence  lower 
mass), 

-  possible  high  performance, 

-  no  roll  effects, 

-  medium  incidence  sensitivity, 

-  possibility  of  variable  geometry  by  central 
body  translation. 

They  must  be  compared  with  the  drawbacks: 

-  maximum  performance  at  zero  incidence, 

-  difficulty  of  closing  the  intake  during  the 
aircraft  carriage  phase. 

For  if..*  derived  intakes,  the  ^incorporation  of 
sidewalls  lead.  to  lower  performance:  the 

attitude  sensitivity  (incidence  and  sideslip 
angle)  is  higher,  (which  may  or  may  not  be 
favourable);  and  the  Integration  with  diverters 
is  more  di ff icul t . 

2  7  T  2  2  Rectangular  and  derived  intakes 

A  sectional  view  oT  a  rectangular  intake  is  shown 
in  Figure  7.26.  It  is  possible  to  modify  this 
geometry  by  wrapping  the  Intake  partially  or 
completely  around  the  fuselage.  The  latter  case 
leads  to  an  annular  intake  where  its  low  height 
compared  with  the  body  radius  leads  to  quasi 
two-dimensional  flow  locally. 


^covu 


FIG  7.26  RECTANGULAR  AND  DERIVED  INTAKES 


SIC’  ANGULAR  'NT »'KS  iMj  q  ^  •  :  ?l 
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FIG  7  27  INCIDENCE  EFFECT  ON  RECTANGULAR 
INTAKE  PERFORMANCE 

Contrary  to  axi symmetric  intakes  for  which 
maximum  pressure  recovery  is  obtained  at  zero 
incidence,  the  performance  of  rectangular  intakes 
^pressure  recovery  and  mas.  flow  ratio)  can 
increase  with  inci>.ise  in  incidence  (Fig. 7. 27). 
A  limit  uppears  when  the  inclined  shock  waves 
become  strong.  The  hi,  i deuce  effect  is 

attei1  uated  For  upstream  Mach  numbers  L-.-t  than 
the  shock-on-lip  value  (design  Mach  number) 


FIG  7. 28  SIDESLIP  ANGLE  EFFECT  ON 

RECTANGULAR  INTAKE  PERFORMANCE 


FIG  7.29  SIDEWALL  SHAPE  CHANGES 


Internal  boundary  layer  bleeds  are  even  more 
necessary  than  for  axisymmetric  intakes  to  obtain 
high  pressure  recovery.  One  located  at  the  end 
of  the  compression  ramp  is  practically  mandatory 
and  others  a-e  useful:  sidewalis  can  be 

perforated  at  the  location  of  the  shock  wave,  the 
cowl  can  be  also  perforated  also  or  equipped  with 
a  large  slot  as  shown  in  Figure  7.30.  The 
advantage  of  boundary  layer  control  increases 
when  M0>Mg o.L-  ‘,n(*  intake  is  ' overadapt ed’ 

or  operating  above  its  design  Mach  number  (see 
2. 3. 2. 3).  It  should  be  noted  that  internal 
bound;;:  y  layer  bleeds  increase  pressure  recovery, 
at  »  "xpense  oT  mass  flow  losses,  and  improve 
intern..*  flow  stability  if  the  ramjet  generates 
low  frequency  instahi I i t i is . 
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FIG  7.30  COWL  BOUNDARY  LAYER  BLEED  EFFECT 
ON  RECTANGULAR  INTAKE 

Correct  diffuser  geometry  is  also  wry  important 
for  achieving  high  pressure  recovery  Figs  7.31 
to  7.33  show  some  results  with  an  overadapted 
rectangular  intake  In  this  case,  the  shod 
waves  from  the  supersonic  compression  ramp 
penetrate  the  intake  and  Impact  the  internal  wall 
of  the  cowl  and  large  separat tons  generally 
appear.  With  a  fixed  geometry,  very  common  for 
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missile  Intakes,  these  cases  cannot  be  avoided. 
For  such  configurations,  Figure  7.33  shows  that 
large  diffusion  rates  should  be  avoided. 

Rectangular  intakes  have  the  following 
advent  r.ges : 

-  possible  high  performance, 
possibilities  of  variable  geometry, 

-  possibilities  of  closing  the  intake  by 
Increasing  the  front  ramp  angle/ 

-  favourable  incidence  effect. 

Their  disadvantages  are:~ 

-  structural  rigidity  problems,  leading  to 
Increased  mass, 

-  the  necessity  for  internal  boundary  layer 
bleed(s)  to  obtain  acceptable  pressure 
recovery. 

high  sensitivity  to  sides' ip  angle. 

Ipp  INTERNAL  0OUNOARY  LAYER  (I  CEO 
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FIG  7 31  DIFFUSER  PROFILE  EFFECT  ON 
RECTANGULAR  INTAKE 
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necessary  to  chose  a  design  Mach  number  MD  which 
is  the  result  of  a  compromise.  It  is 
generally  taken  to  be  the  Mach  number  at  which  it 
Is  first  possible  to  operate  the  intake  with  all 
the  compression  system  shocks  focussed  on  the  lip 
(le  Mq-Ms  q  ^).  At  and  above  this  design  Mach 
number,  the  capture  flow  ratio  may  be  unity  If 
the  engine  demand  is  such  as  to  match  either  at  a 
critical  cr  supercritical  condition,  without  a 
spilled  flow  drag  contribution.  In  pressure 
recovery  terms,  an  increased  rate  oT  reduction  of 
pressure  recovery  with  Mach  number  results  than 
Is  usual  for  critical  type  point  operation.  This 
follows  from  the  Increasingly  swept  back  shock 
structure  entering  the  intake  which  induces  large 
boundary  layer  >  shock  wave  interactions.  (See 
Section  2  of  Chapter  I). 

Below  the  design  Mach  number,  the  standing  off  of 
any  shocks  from  the  Up  leads  to  a  spilled  flow 
drag  component.  Irrespective  of  engine  demand. 
Such  an  operation  is  more  likely  to  entail 

subcritical  operation,  thus  requiring  an 
assessment  of  flow  stability  margins,  whilst  at 
Mach  numbers  above  design  the  matching  dictates  a 
progressively  supercritical  regime  and  hence 
increasing  flow  distortion  problems. 

If  the  design  Mach  number  Is  low  (Case  1  in 

Figure  7  34).  the  pre-entry  drag  is  low  below 
this  Mach  number,  but  above  a  thrust  loss 

appeals.  For  the  opposite  condition.  (Case  2), 
with  a  high  design  Mach  number  the  missile 
develops  high  thrust  but  acceleration  is  reduced 
when  the  high  pre  entry  drag  is  taken  Into 

account . 


FIG  7.34  IMPLICATIONS  OF  DESIGN  MACH  NUMBER 


Design  Mach  number  choice  is  more  difficult  if 
the  Mach  number  range  is  wide  and  if  transonic 
flight  Is  neces  sr.ry  (eg  If  a  turboje*  engine 
without  rocket  booster  Is  used).  For  a  large 
Mach  number  range,  variable  geometry  for  In’.Ve 
(and/c r  nozzle  throat)  has  to  be  content's* ed  but 
this  has  to  be  weighed  against  the  lar  release 
In  complexity. 


F|G  7.33  EFFECT  OF  CHANGE  OF  SUBSONIC 
DIFFUSER  SHAPE 

2  7  3  2.3  Design  Mach  Number 


Very  generally,  missiles  are  equipped  with  fixed 
geometry  intakes  for  reasons  of  cost  and 
reliability  but  often  they  have  to  fly  over  a 
lar Mach  number  range.  Consequen  ly.  It  Is 


2  1  3  2  C  Intake  size 

The  selection  of  the  size  oT  an  intake  Is  an 
Important  optimisation  procedure  with 

Implications  for  both  cits  lie  performance  and 
manoeuvre  capability. 


FIG  7.35  RAMJET  INTAKE  SIZING 
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!t  is  ‘necessary  to  obtain  a  compromise  between 
internal  performance  and  external  drag,  (without 
forgetting  the  pre-entry  drug  penalties  at  low 
Mach  numbers).  The  intake  must  operate  in  a 
stable  regime  and  lew  engine  flow  distortion  is 
necessaiy  if  the  engine  is  a  turbomachine;  for  a 
ramjet,  the  sensitivity  to  distort ?on  is  lower. 
Some  aspects  of  ramjet  intake  sizing  are 
illustrated  in  the  Figure  7.35  for  .t  design  Mach 
number  of  2.5.  It  should  be  noted  that  a  good 
choice  for  intake  size  is  .not  easy. 

I  7,3.2  5  Three -d {mens  i  onal _ 1  nt  akes 

Wi.h  three-dimensional  intakes  there  arc  many 
possible  geometries.  There  are  however 

difficulties  associated  with: 

tiie  theoretical  op’  imisat  ion  of  the 
ompression  ramp, 

manufacture  of  the  model  and  wind  tunnel 
tesr  mg. 


CHIN  INI  AKfc  |MS  o  L.  ~  Z*lbl 
SIDESLIP  ANGLE  lo  -0) 
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FIG  7.38  SIDESLIP  ANGLE  EFFECT  ON  CHIN  INLET 


This  leads  to  more  expensive  research  and 
development.  Thrc**  typos  of  three-dimensional 
intake  are  presented  below. 

(a)  Chin  intake  These  intakes  use  the  windward 
upstream  part  of  the  missile  ogival  nose  ns  a 
supersonic  compression  ramp.  The  nose  .an  be 
inclined  to  increase  the  windward  compression  for 
the  intake  and  to  decrease  the  external  drag  of 
t  lie  leeward  surface  (Fig. 7. 36).  The  diffuser 
follows  the  bottom  of  the  ogival  nose,  the  duct 
cross-sect  ion  changing  from  an  annular  segment  to 
a  kidney- shaped  duct.  It  is  possible  to  add 
wedges  just  in  f**i>nt  of  the  intake  entry  to 
imrease  the  external  compression. 


CONE  AX’S 


View  A  view  b 


(b)  "Swedish”  intakes.  For  four- intake 

missiles,  side  mounted  intakes  must  exhibit 
satisfactory  performance  at  a  sideslip  angle; 
this  led  •tosandc'*  to  propose  three-dimensional 
intakes.  The  first  one  is  obtained  by 

juxtaposition  of  two  rectangular  intakes. 
Therefore,  in  a  side  position,  one  of  the  two 
intal.es  works  at  a  positive  incidence  (favourable 
effect)  with  very  limited  sideslip  angles. 
Unfortunately,  the  second  one  is  then  at  a 
negative  incidence  and  consequently  its 
performance  is  low.  The  mixture  of  both  captured 
flows  leads  to  a  pressure  recovery  essentially 
imposed  by  the  worst  intake,  which  means  that  the 
final  result  is  not  good,  as  is  shown  in  Figure 
7  39. 

Tlio  second  typa  of  three-dimensional  intake 
proposed  hy  kosnnder  is  also  a  juxtaposition  of 
two  intakes  with  slightly  rolled  compression 
ramps.  As  above  the  results  are  not  very 
satisfactory  (Fig. 7. 39). 


FIG  7.36  CHIN  INTAKE  GEOMETRIES 
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FIG  7.39  SIDESLIP  ANGLE  EFFECT  ON ’’SWEDISH"  INTAKES 
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0  *  '  it  or"  -«  o  *  i  t: 

FIG  737  INCIDENCE  EFFECT  ON  CHIN  INLET 

1  ’rated  under  the  fo.ohody.  these  intakes  are 
sensitive  to  incidence  as  shown  in  Figure  7.37 
hut  only  slightly  to  sideslip  angle  (Fig. 7.38). 
These  sensitivities  are  accentuated  at  Mach 
numbers  above 


(O  Hypersonic  intakes  Advanced  studies  are 
being  carried  out  on  hypersonic  missiles  in  the 
USA.  F  igure  7.40  shows  an  example  of  a  possible 


FIG  7. AO  HYPERSONIC  INTAKES 
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intake  for  such  a  missile  powered  by  a  se''atnjpt 
(Supersonic  Combustion  Ramjet).  It  is  based  on 
internal  supersonic  compression  but  has  had  to 
have  large  amounts  of  the  cowl  cut  away  to  allow 
storting  of  the  internal  How. 

1  -7*  FUSELAGE  FLOW  HR,;; 

Operation;.!  constraint*;  lead  to  locating  the 
intake(s)  downstream  *.»r  the  mi ! itan  payload  and 
therefore  In  the  fuselage  flow  field.  -Study  cf 
this  flow  field  i*  necessary  to  determine 
favourable  Intake  locations.  To  obtain  high 
performance,  low  velocity  fields  are  sought  and 
low  energy  fields  (boundary  layers  and  vortices) 
are  avoided. 


JAvtfiTto  rktacsula.*  .vr*K(s 
-  a  t  -  v 
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FIG  7  43  EFFECT  OF  OGIVE  NOSE  SHAPE 


2  7  *»  1  Fuse  1  age  wi  th  circular  cross-sect  ions 

At  the  present  time,  this  fuselage  geometry  is 
almost  always  chosen  for  reason:,  of  ease  of 
manufacture,  simplicity,  structural  stiffness  and 
hnhit.  Therefore,  it  is  useful  to  analyse  its 
external  flow  field. 


2  7  L  1 '?  Zero  incidence 


Zero  and  very  low  incidences  are  typical  of 
wruise  at  low  altitude  and  the  inviscid  flow  can 
be  analysed  relatively  easily. 

A  hlunt  nose  causes  a  detached  bow  shock  wave 
generating  a  loss  in  total  pressure  and 
''onsequent  ly ,  intakes  located  downs  ream  have 
limited  performance  (Fig. 7. 41).  Tnis  effect 
increases  with  increase  in  flight  Mach  number. 


rt  fuselage  has  two  parts:  jn  og.val  nose  and  a 
cylinder.  A  break  in  the  curvature  appears  at 
the  junction  and  produces  an  over  velocity  region 
(Fig. 7. 42)  that  is  unfavourable  for  the  *  .it  ion 
of  intakes.  According  to  the  ogive  shape,  this 
discontinuity  is  more  or  less  pr  unced  and 
therefore  the  effect  on  Intake  performance 
varies,  as  is  shown  in  Figure  7.43.  On  the  other 
hard  actually  on  the  ogive,  there  is  an 
undervelocity  area  favourable  for  intake  location 
(Fig. 7. 44). 


FIG  7  41  EFFECT  OF  NOSE  BLUNTNESS 
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FIG  7  42  OGIVAL  NOSE  /  CYLINDER  COMBINATION 
-SURFACE  MACH  NO  DISTRIBUTION 
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FIG  744  INTAKES  AROUND  THE  OGIVAL  NOSE 


Viscous  effects  must  be  added  to  define  t  lie 
fuselage  flow  field  completely.  Along  the 

surface,  friction  generates  a  boundary  layer  and 
diverters  are  necessary  to  spill  this  low  energy 
air  flow  out  of  the  intakes,  thereby  capturing  n 
higher  energy  air  flow.  Figure  7.45  shovs  two 
examples  of  differing  boundary  layer  thickness  on 
a  fuselage;  when  the  intakes  are  moved 
downstream,  higher  diverters  are  required  and 
cause  a  higher  drag. 

THICKNESS 

f  U  -  0  4  .n 
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HG  7.45  TURBULENT  BOUNDARY  LAYERS 

for  conventional  missiles,  Reynolds  numbers  ar ? 
sufficient  to  obtain  turbulent  boundary  layers 
that  satisfactorily  withstand  the  pnsiii'c 

pressure  gradients.  that  are  created  tT  r 

example)  by  diverters  or  incident  shock  wave.. 
For  missiles  riving  at  high  Mach  numbers.  ;  id 
therefore  at  high  altitude,  it  i.>;  possible  to 
have  laminar  boundary  layers  on  the  fusel  ge 
surface  just  in  front  of  s ide -mount ed  inta  es 
(Fig.  7.46).  In  this  case,  the  boundary  layer  is 
very  sensitive  to  positive  pressure  gradients  »nd 
separation  can  be  generated  modi  Tying  the  low 
Hold  in  front  of  the  intakes  An  example  is 
given  in  Figure  7.4?  with  underadapted  int  •  ,*s 
It  is  necessary  to  provide  forward  eon pre  ■. i on 
ramps  spilling  the  fuselage  boundary  lyer 

upstream  .»f  tne  intakes  to  limit  interact  Ions 
with  shock  waves  from  the  intake  compre'sion 
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ramps;  without  these  additional  elements,  is  very 
performance  much  lower. 


FIG  7.4b  80UNDARY  LAYERS 


transverse  overve loc i t lcs  with  the  longitudinal 
velocity  leads  to  the  two  unfavourable  effects 
for  intakes  of  higher  total  velocity  and 
incidence . 

On  the  other  hand,  missile  Incidence  induces  an 
undervelocity  In  the  windward  area  (Fig, 7. 49). 
It  should  be  not?d  that  on  the  leeward  side  there 
Is  a  small  reduction  in  velocity  downstream  of 
the  ogival  nose-cylinder  junction  (Fig. 7. 50). 


m0  -  2.01 


This  analysis  shows  there  are  two  interesting 
locations  for  intakes: 

-  around  the  ogival  nose,  upstream  of  the 
junct ion, 

-  around  t lie  cylindrical  body  two  cr  three 
diameters  downstream  of  the  junction. 

For  the  first  location,  some  drawbacks  appeal: 

a  long  diffuser, 

-  mass  and  friction  drag  increases, 

-  forward  location  of  the  centre  of  pressure, 


(HASEL  •  LANKFORD  •  ROBINS] 

FIG  7.  49  TRANSVERSAL  FLOW  EFFECTS 
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combination  of  functions. 

For  the  second  location.  there  is  a  high 
sensitivity  to  incidence  and  sideslip  angle  that 
is  generally  but  not  always  unfavourable. 

2  7  uj  2  Nonzero  incidence 

I h i s  a 1 1 i t ude  i s  c ommon  to  flights  at  high 
altitude  and  i,i  manoeuvres.  Figure  7.48  shows 
the  nature  of  the  inviscid  transverse  flow  around 
a  cylinder  body  at  incidence.  Slender  body 
theory  indicates  that  there  are  lateral 
overve I cc i l y  areas.  The  combination  of  these 


FIG  7  46  INVISCID  TRANSVER1AL  FLOW 


FIG  7  50  LONGITUDINAL  MACH  NO.  DISTRIBUTION 
IN  FLOWFIELD  AT  r  =  D 


With  the  fuselage  at  incidence,  t  lie  boundary- 
layer  moves  from  the  windward  side  to  the  leeward 
side.  Consequently,  at  the  bottom,  the  boundary 
layer  is  thinner  and  therefore  favourable  for 
Intake  location  (Fig. 7. 51).  At  the  top.  it 
becomes  thicker  and  then  under  the  positive 
pressure  gradient  effect,  separates  from  the 
surface  to  generate  vortices  (Fig  7  57).  Figure 
7.54  specifies  the  longitudinal  location  of 
vortex  separation  position  versus  incidence  for 
various  fuselages  and  Figure  7.54.  the  location 
of  vortex  cores. 


a  j  «  *  *  W  W  K»CIO*NCt 
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FIG  7. 51  BOUNDARY  LAYERS 


75 


seen  on  Figure  7.55  which  synthesizes  these 
results. 


JlMCtOtNCl 


FIG  7.55  FLOWFIELD  VARIATION  AROUND  MISSILE  BODY 


2  7.5  MISSILE  CONFIGURATION 

The  location  of  intakes  on  a  fuselage  is  the 
result  of  a  trade-off  between  different 
constraints: 


-  high  internal  performance  (pressure  recovery 
and  mass  flow  rate)  depending  on  fuselage  flow 
field  and  type  of  intake; 

external  aerodynamic  characteristics  (drag, 

1 i ft -to-drag  ratio,  cruise  angle  of  attack, 
maximum  lift...)  often  depending  on  the  use  of 
intakes  with  their  diffuser  as  lifting 
sur faces ; 

-  operational  constraints: 

overall  dimensions  (aircraft  carriage  ), 
separation  of  functions, 
visibility  ; 

-  and  the  steering  chosen  depending  on  possible 
rr.i  ss  ions . 

There  are  a  large  number  of  parameters  and 
therefore  many  fossible  configurations. 

2  7  5  1  Electromagnet  \  c  detection 


FIG  7  53  LONGITUDINAL  LOCATION  OF 
VORTEX  SEPARATION  POSITION 


REPARATION  POINT 


FIG  7  5A  LOCATION  OF  VORTEX  CORES 


1  he  foregoing  analysis  shows  iwo  unfavour.  il>i  e 
i  nl  uk'*  Inrat  ions  : 


In  spite  of  the  cii  f  f  f  c:.il  ty,  a  compromise  must  be 
made  between  per forniar.re  and  detection.  Intakes 
contribute  largely  to  overall  Radar 
Cross-Section.  by  themselves  and  by  their 
interactions  with  the  body  (Fig. 7. 56).  The 
R  C.S.  value  differs  according  to  the  form  of  the 
intake.  The  presence  of  appropripte  materials, 
suitably  located  both  inside  and  outside  the 
intake  is  very  effective  for  decreasing  the 
R.C  S.  Reflections  of  electromagnetic  waves  from 
the  intake/body  interface  can  also  be  reduced  by 
geometrical  mod* ficat ions  and  appropriate 
materials. 

•  ISOLATED  INTAKES 
SCATTERING  CENTRE  S: 

•  Pn'NT 

•  COWl  UP 

-DIFFUSER 


•  MOUNTED  INTAKIS 

RIFUCUONOI  *HE 
ELECTROMAGNETIC  WAVES 


the  leeward  s  i  .ie  with  its  thick  houndaiy  Livers 
and  vort i res . 

th*»  sides  with  their  n\fr  .« I  o«  it  ie<  and  high 
local  i  nc  i  de in* t'S 


FIG  7  56  RADAR  REFLECTION 

2  7  ‘  -  s-  Types  •  f  steering 

-  ’ s  -  ~ _ iJsd'L-  ig.-utrn  st.m uu 


It  sho-j  1  d  bo  noted  that  at  liig!.  m< 
the  vortices  are  well  formed,  an  a 
be  supplied  efficient  1)  if  it  is 
between  hem.  on  the  'eewaul  side. 


i  d<  n- 1*  who  re  With  t  L .  .s  t  ype 
i  intake  can  poswib1**  in  an 

local  i-d  just  axial  symmetry 

this  t  an  i>c  to  inis  control 


of  steering,  load  factors  are 
y  roll  direction,  missiles  with 
lorucffornO  art-  perfectly  suited 
mode  liig.  7  5“»  7 
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For  manoeuvres,  response  times  are  very  short. 
Nevertheless,  limits  appear  at  high  incidence 
with  ait -mounted  Intakes  and  configurations  are 
not  optimal  because  of  the  large  wetted  surfaces 
giving  high  friction  drag. 
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FIG  7.57  TYPES  OF  MISSILES  STEERING 


2  7  5  2  2  Bank-to-turn  steering 

In  this  case,  load  factors  are  essentially  in  the 
pitch  plane  which  imposes  missile 
conf igurations  with  a  plane  of  symmetry  Fig. 7. 57. 
This  type  of  control  has  advantages: 

-  possible  high  load  factors, 

-  better  lift-to-drag  ratios, 

-  favourable  incidence  effects  at  high  altitude 
ar.d  high  Mach  number  cruise  flight. 

Obviously,  some  drawba*.  ks  appear: 

-  sensitivity  to  sidesHp  angle, 

-  some  limitations  of  negative  incidence  angle 
and 

longer  response  times,  but  these  may  be  amply 
compensated  for  by  the  higher  load  factors. 

2  7  5  3  Possible  confi  gurat  ions  with  circular 
fuselage 

7  7  ^  ?  1  One  intake 
( c) _ Nose  intake. 

The  nose  intake  is  axi symmetric;  its  performance 
is  described  in  2  7  3.2.1.  It  i«;  a  suitable 
location  for  skid-to-turn  steering.  High 

pressure  recoveries  are  possible  with  low 
incidence  sensitivity  and  without  roll  effects. 
In  practice,  these  intakes  are  no  longer  used  for 
militaiy  applications  because  all  the  functions 
are  combined;  it  has  the  worst  possible 
integral  ion. 

LU _ Chin  intake. 

This  type  of  intake  Is  described  In  ?  7.3. 2. 5. 

It  is  suited  to  bank-lo-turn  steering  with  high 
performance,  low  drag  at  zero  incidence  and  very 
limited  overall  dimensions. 

Unfortunately,  functions  are  partially  combined; 
compatibility  of  the  electromagnetic  homing 
device  and  the  intake  is  difficult  to  achieve. 
From  the  structural  standpoint,  i ho  diffuser  must 
k  . ve  two  fixed  attachment  points  on  the  fuselage 
(Intake  and  ramjet  combustion  chamber)  creating 
problems  of  thermal  expansion. 

The  Intake  provides  no  lift  and  consequently  the 
normal  force  slope  C^0  is  limited.  Without  added 
wings,  this  leads  to  h.gber  cruise  incidence  and 
thereby  to  higher  Induced  drag.  Incidence 
limitations  can  also  appear. 

... > U _ AnnuUr  trunk ; 

The  annular  intake  Is  wrapped  around  the  ent *  re 
fuselage.  For  an  entry  section  determined  by  the 
ramjet  ^  0.>),  very1  small  heights  are 

necessary  (lt'D/8).  Consequent  1  y .  two  options  are 
poss i ble : 


-  there  Is  no  fuselage  boundary  layer  bleed  and 
very  low  performance  is  obtained  (Fig. 7. 58), 
even  if  a  small  compression  ramp  Is  located 
just  In  front  of  the  Intake; 

-  the  intake  is  Isolated  from  the  fuselage  by  a 
bleed  and,  in  this  case,  difficulties  appear  In 
sucking  away  the  boundary  layer. 


For  both  solutions,  the  intake  is  very  close  to 
the  fuselage  and  the  incidence  effect  is  then 
very  unfavourable.  The  Russians  have  reduced  this 
difficulty  with  their  "SA4  CANEF"  missile  by 
using  movable  wings  which  give  lift  while  keeping 
the  body  at  very  low  incidence  (Fig.  7.59).  It 
should  be  noted  that  integration  is  better  than 
for  nose  intakes  but  performance  is  poor. 


IBRAJNIKOFF} 


FIG  7.58  ANNULAR  INTAKES 


FIG  7.59  SA4  GANEF  (USSR) 


J_d] _ Bottom-mounted  intakes 

Locating  the  intakes  at  the  bottom  of  the  missile 
(windward  side)  is  an  excellent  solution,  well 
suited  to  bank-to-turn  steering.  Performance  is 
high  and  it  is  possible  to  use  the  favourable 
incidence  effect,  especially  for  high  Mach  number 
cruise  at  high  altitude. 

Functions,  such  as  detection,  attack  and 
propulsion,  are  well  separated  and  a  high  degree 
of  compactness  is  obtained. 

Different  types  of  intake  can  be  adopted  Tor  this 
I ocat ion  (Fig  7.00): 
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FIG  7  60  BOTTOM  MOUNTED  INTAKES 


-  half  axlsymmetric, 
axlsymmetric, 

-  rectangular,  partially  wrapped  or  not. 

For  the  last  type,  two  options  are  possible: 

-  the  classical  position  with  the  compression 

ramp  close  to  the  body, 
the  inverted  position  in  which  the  flow  is 
deflected  towards  the  body. 

The  second  solution  allows  a  gain  in  performance 

if  negative  incidence  is  required. 


2  AXISYMMETRIC  INTAKES 
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From  the  results  of  the  luselage  flow  field 
study,  it  can  be  seen  that  there  are  few  benefits 
to  be  gained  from  locating  intakes  at  the  top  of 
the  missile  (leeward  side),  except  for  missiles 
with  low  manoeuvrability  whose  incidence 
variations  are  small. 


Nevertheless,  certain  advantages  are  possible: 

low  electromagnetic  detection  (the  intake  is 
hidden  from  ground  based  radars  by  the  body) , 

optimum  overall  dimensions. 

The  ALCM  for  instance  is  more  easily  stored  in 
the  Boeing  B52  bomb  bays  (Fig. 7. 61). 


FIG  7.61  A.L.C.M.  IN  B52  BOMBING  BAY 


The  following  Figures  show  some  results 
concerning  single  Intake  performance.  Pressure 
recovery  differences  between  windward  and  leeward 
sides  increases  with  incidence  (Fig. 7. 62).  This 
effect  can  be  put  to  advantage  by  moving  intakes 
from  the  sides  to  the  bottom  (Fig. 7 .63) .  On  the 
other  hand,  when  the  intakes  are  located  near  the 
top,  and  consequently  in  the  vortices,  this 
configuration  is  unfavourable  (Fig. 7. 64).  This 
effect  is  Increased  i  c  the  diverter  height  is 
small  because  the  Intakes  capture  the  fuselage 
boundary  layer  (Fig. 7. 65). 


FIG  7. 63  ROLL  POSITION  EFFECT 


SINGLE  RECTANGULAR  INVERTED  INTAKE 
xyD  -  8  h/D  =*  0.053 


FIG  7.64  ROLL  POSITION  EFFECT 


SINGLE  HALF  AXISYMMFTRIC  INTAKE 

Mo-I.M  XJO-li 
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FIG  765 ROLL  POSITION  EFFECT 


SINGLE  RECTANGULAR  INTAKE 
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Pitot  intakes  have  increasingly  poor  pressure 
recovery  at  Mach  numbers  above  1.5.  However  at 
subsonic  speeds  they  are  used  universally  on 
missiles  wi-'h  air  breathing  engines  and  are 
usually  placed  well  to  the  rear  of  long  bodies 
and  feed  air  to  a  turbojet  via  a  short  S  bend 
duct.  Figure  7.66  shows  such  an  example  with 
some  details  of  the  SEA  EAGLE  missile  developed 
by  British  Aerospace. 

Subsonic  missile  Intake  studies  have  highlighted 
some  particular  points.  Correct  design  of  short 
S  bend  duct  Is  very  Important  to  reduce  the  total 
pressure  losses.  The  main  parameters  are  throat 
Mach  number,  offset  divergence,  length  and  entry 
plane  cant  (See  sect  Ion  5  of  Chapter  7  1 


FIG  762  INCIDENCE  EFFECT 


The  role  of  entry  plane  stagger  or  cant  In 
reducing  the  sensitivity  of  aircraft  fuselage 


FIG  7.66  SEA  EAGLE  MISSILE 

side  intakes  to  the  effects  of  incidence  have 
been  fully  discussed  in  Section  5.  Cant  however 
can  be  used  in  a  diffeit...  way  for  an  underbody 
intake.  In  this  case  the  initial  bend  of  the  S 
duct  is  reduced  in  extent  so  naturally  inclining 
the  entry  plane  from  its  usual  position  at  right 
angles  to  the  free  stream  direction.  Movement 
forward  of  the  outer  lip  then  staggers  the  intake 
and  restores  the  entry  pi.*'*  to  its  original 
position.  The  effect  of  stagger  is  advantageous 
at  both  o  0*  and  20  (Fie  7.67)  but  the  best 
performance  is  achieved  by  a  combination  of  a 
small  initial  bend  and  a  moderate  amount  of 
stagger  (Fig  7.68) . 


FIG  7.67  PERFORMANCE  OF  INSTALLED  CANTED 
INTAKE  WITH  (M2)  &  WITHOUT(MI)  STAGGER 


FIG  7.68  PERFORMANCE  OF  INSTALLED 

SEMI -CANTED  INTAKE  WITH  STAGGER 
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With  twin  intakes,  bank-to-turn  steering  is  a 
natural  choice.  Generally,  intakes  are  located 
In  the  windward  flow  field.  The  roll  location 
results  from  a  compromise: 

If  the  intakes  are  diamet r leal iy  opposed  (7  -  0) 
riv.  7  69).  nacelle  incremental  normal  force  is  a 
maximum  and  rectangular  lntakos  are  more 
favourable  than  axl synvnet  r  1c  ones.  This 

configuration  is  aiso  best  for  supplying  air  to 
the  ramjet  chamber. 


FIG  769  TWIN  INTAKES  =  ROLL  POSITION  EFFECT 
ON  INCREMENTAL  NORMAL  FORCE 


FIG  7.70  TWIN  RECTANGULAR  INTAKES  =  EFFECT  OF 
ROLL  POSITION  AND  INTAKE  ORIENTATION 


FIG  7.71  TWiN  INTAKES  :  ROL.  POSITION  EFFECT 
FOR  DIFFERENT  INTAKE  TYPES 

On  the  other  hand,  if  the  intakes  are  moved 
towards  the  bottom,  the  internal  performance 
increases  (Fig. 7. 70)  and  this  effect  is  increased 
-Ith  incidence,  more  or  less  according  to  the 
type  of  intake  (Fig  7.71). 

mjol  **•-*  xa)-«  »«o 


Figures  7.72  and  7.73  show  the  effects  of  frontal 
shape  and  diverter  height  for  two  diametrically 
opposed  rectangular  intakes. 

Longitudinal  location  has  some  effect  on  internal 
performance,  centre  of  pressure  and  diffuser  mass 
but  normal  force  is  only  slightly  modified. 

As  above,  different  types  of  intake  are  possible: 
half  axi symmet r ic,  axisymmet rJc,  rectangular  ... 
and  their  performance  can  be  increased  still  more 
by  shielding  with  wings  or  adding  shields  (  2.7. 
5.4). 


Mso.l-2.1S  M»“2  X/D-6.3  Ac/S-0.«  H/w-l 


FIG  7.73  TWIN  INTAKES  >  DIVERTER  HEIGHT  EFFECT 


2  7  5  3  l*  Three  intakes 

Two  types  of  three-intake  configurations  appear 
according  to  the  chosen  steering  mode. 

For  bank-to-turn  steering,  configurations  are 
obtained  by  adding  one  bottom-mounted  intake  to 
twin  side  intakes,  not  necessarily  of  the  same 
type  (Fig. 7. 7 4). 

For  skid-to-turn  steering,  three  identical 
'.takes  are  mounted  on  the  fuselage,  at  equal 
intervals.  Control  with  three  Intakes  and 
thereby  with  three  fir*  Is  more  complicated  but 
partial  integration  in  th»  aircraft  fuselage  can 
be  an  advantage  (Fig. 7. 74). 


BANK-TO-TURN  STEERING 


SKID-TO-TURN  STEERING 


FIG  7  74  THREE  INTAKES 


LI —li _ to'.i.r.  InuLes 

Cruciform  configurations  are  well  suited  to 
skid-to-turn  steering  but  possible  load  fat  u>i  s 
at i  limited  by  leeward  intake  performance. 

It  should  I*.  noted  that  1  i  .t  u*-dr  «g  ratios  of 
these  coni  igur-H  ton>  are  not  oj.'i»u*i.  two  intakes 
are  sufficient  to  give  the  lift  u  »d  the  other  two 
lead  to  additional,  mainly  r  1  *  >  drag 


Different  types  of  intake  can  be  mounted  on 
cruciform  missiles:  half  axisymmet ric , 

axisymmet r 1c,  rectangular  (classical  or 
Inverted*)  or  others,  like  Swedish  intakes. 
Figure  7.75  presents  a  comparison  of  these 
principal  types,  assuming  entry  areas  and 
diverter  heights  to  be  identical. 


*  Tfie  specific  properties  o?  inverted  intakes 
are  considered  in  2.7  5.3.5(d) 


Half  axi  symmetric  intakes  lead  to  a  lower  span 
and  thereby  a  lower  lift  (Fig. 7. 76)  which,  at  a 
given  load  factor,  imposes  a  higher  incidence; 
lift  is  a  maximum  when  two  intakes  are 
diametrically  opposed.  The  broader  intake,  with 
a  given  diverter  height,  has  a  higher  drag  (half 
axisymmet ric) .  For  the  inverted  rectangular 
Intake,  the  cowl  is  partially  in  the  fuselage 
boundary  layer  and  thereby  drag  is  reduced.  On 
the  other  hand,  the  half  axisymmetric  Intake,  for 
a  given  entry  area,  has  greater  cowl  frontal  area 
and  consequently  has  higher  drag. 


AXISYMMETRIC  i  RECTANGULAR 
HALE  COMPLlTfJCULSSICAL  INVERTED 


FIG  7.75  COMPARISON  OF  DIFFERENT  TYPES 
OF  INTAKE 


i  -i  i  Particular  aspects  of  four  intake 

conf Iturai Ions 

Before  presenting  some  effects  of  four  intake 
configurations  on  internal  performance,  we  have 
to  define  a  new  pressure  recovery  parameter 
allowing  comparison  of  various  configurations, 
which  take  into  account  every  possible  roll 
position  This  parameter  assumes  that  ramjet 
exit  tb*v»at  size  as  well  as  fuel-io-air  rat  lo  ore 
fixe-*  ,  Undt  r  these  conditions,  if  maximum 
r,ight  angle  of  Incidence  is  0|  (Fig.  7.77),  the 
intake  character i st  io  obtained  for  the  worst  roll 
position  at  this  incidence  determines  ramjet  exit 
t hi  oat  size.  Thus,  at  lower  Incidences,  maximum 
intake  performance  cannot  be  used;  the  constant 
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engine  demand  fixes  the  "pressure  recovery  usable 
at  zero  incidence"  for  the  range:  O-aj . 
Obviously,  if  it  is  possible  to  control 
fuel-to-air  ratio  in  flight  with  incidence  and 
roll  angle  then  higher  pressure  recoveries  can  be 
used. 


CRITICAL  POINT 


FIG  7.77  PRESSURE  RECOVERY  PARAMETERS 


A  further  source  of  intake  problems  can  arise 
from  the  use  of  multi-duct  arrangements  which 
join  in  a  ''.ingle  duct  at  some  internal  position. 
At  *his  confluence,  it  is  found  that  the  static 
pressure  level  is  common  to  all  ducts,  which 
might  imply  that  the  total  pressure  recovery  for 
the  individual  entries  is  similar  a-so.  In 
practise,  however  the  overall  system  pressure 
recovery  is  determined  by  the  pressure  recovery 
of  the  lowest  performing  individual  duct. 
Consequently,  to  obtain  overall  system  pressure 
recovery  increases,  we  have  to  improve  the  lowest 
performing  intake  by  for  example,  moving  the 
forebod;-  rt  ices  away  from  the  leeward  intakes. 
This  ii-  considered  in  more  detail  in  the  next 
section  where  the  effect  of  wings  and  strakes  on 
the  fuselage  flow  field  is  discussed. 

Very  generally,  for  multi-intake  supersonic 
missiles,  wind  tunnel  tests  show  that,  when 
downstream  compression  increases,  the  worst 
operating  intake  operates  suberi t ical ly  and  the 
other  intakes  operate  in  the  supercr i t ica 1 
regimes  to  obtain  the  same  pressure  recovery.  In 
practice  when,  the  stability  limit  of  the 
subcritical  intake  is  obtained  it  is  not 
necessary  to  continue  the  test:..  Nevertheless, 
it  is  possible  to  continue  and  l*.  :”;ecut  i  ve 
characteristics  highlighting  the  limits  of  the 
different  intakes  of  the  missile  (Fig. 7. 78)  are 
observed . 


FIG  7.78  MULTIPLE  INLET  INSTABILITY 


'  CJ - Elite'  of  diverter  height  variation 

Figure  7  79  shows  the  effect  of  diverter  height 
variation  using  the  PR  (usab'.e)  parameter;  a 
compromise  between  drag  and  pressure  recovery  is 
necessary  Figure  7  80  shows  tl:at  this  effect  is 
similar  for  all  intake  types, 


4  RECTANGULAR  INTAKE  MlfSILE 
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FIG  7  79  EFFECT  OF  DIVERTER  HEIGHT  VARIATION 
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FIG  7.80  EFFECT  OF  DIVERTER  HEIGHT  VARIATION 


Li! _ Effect  qC  longitudinal  location  of 

1 ntakes 


The  effect  of  longitudinal  intake  location 
appears  in  Figure  7.81.  With  upstream  locations, 
over-ve loc i t ies  generated  by  the  ogl ve-cy 1 i nder 
junction  decrease  the  performance .  The  same 
result  is  obtained  with  downstream  locations 
where  vortices  and  fuselage  boundary  layer 

4  RECTANGULAR  i.VTAKEN 
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FIG  7  81  LONGITUDINAL  INTAKE  LOCATION 
(RECTANGULAR  INTAKES} 

increase  in  size  With  about  30  ogival  nose 
length,  a  good  compromise  between  these  two 
effects  appears  for  an  intake  location  at  about 
5-60  from  the  nose  (Fig  7.82).  This  conclusion 
is  correct  for  intakes  having  a  compression  ramp 
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near  the  fuselage  (classical  rectangular  or 
ax! symmet r ic  Intakes)  which  are  sensitive  to  the 
flow  field  near  the  surface. 

4  HALF  SYMMETRIC  INTAKE 


FIG  7.82  LONGITUDINAL  INTAKE  LOCATION 
(HALF  AX1SYMMETRIC  INTAKES) 


FIG  7.84  EFFECT  OF  INTAKE  LOCATION  ON  NORMAL 
FORCE  COEFFICIENT  &  CENTRE  OF  PRESSURE 
POSITION  AT  ZERO  ROLL  ANGLE 

the  0-5  degree  incidence  range  For  higher 
incidences,  the  i  indward  intake  capturing  the 
larger  part  of  the  mass  flow  is  no  longer 
obstructed  by  its  diverter. 

If  t*.te  intake  is  lorated  dov,,.  diverters 

aie  located  on  the  cylindrical  body  and  are 
therefore  correctly  aligned.  At  zero  Incidence, 
intakes  are  supplied  efficiently  but  at  roughly 
10  degrees,  a  leeward  separation  appears  and 
leads  to  „  large  mass  flow  loss. 


FIG  7.83  LONGITUDINAL  INTAKE  LOCATION 

Figure  7.83  shows , 
for  four  inverted  rectangular  Intakes,  the 
overvelocity  generated  by  the  ogive  cylinder 
junction  is  well  compensated  by  increase  of 
local  Incidence  on  the  intake  compression  ramp. 
With  these  intakes,  internal  performance,  for  a 
forward  location  is  good  at  high  incidence. 
However,  there  are  the  effects  on  external 
aerodynamics  of  a  slight  variation  of  norma! 
force  coefficient  and  a  forward  incremental 
movement  of  the  centre  of  pressure  (Fig  7.84) 
which  is  destabilizing.  A  mass  increase  appears 
also  with  these  longtr  nacelles. 

For  intakes  near  the  Junction,  some  difficulties 
can  appear,  especial 1\  at  high  Mach  numbers  with 
a  laminat  fuselage  boundary  layer  Sharp  pointed 
diverters.  (Fig. 7. 85).  loca.ed  in  front  of  the 
cow!.  al!v*ws  inverted  intakes  to  start.  but 
interactions  occur  with  the  boundary  layer.  With 
intakes  located  upstream,  at  low  incidence,  the 
diverters  are  not  aligned  with  the  local 
incidence  and  partially  mask  the  intake  entry 
area,  large  mass  flow  losses  are  thus  caused  in 


An  intermediate  location,  with  fo reward 
compression  ramps  instead  of  divertors,  allows 
intake  starting  and  gives  best  internal 
performance . 
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FIG  785  LONGITUDINAL  INTAKE  LOCATION 
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J_dJ _ Effect  of  intake  inversion 


It  Is  possible  to  relate  incidence  sensitivity  to 
location  rtf  the  lniti.,1  point  of  supersonic 
compress  ion.  Half  ax i symmetric  and  classical 
rectangular  intakes  initiate  compression  close  to 


the  fusel 

ago; 

already,  at  low  incidence, 

they 

capture 

the 

fuselage 

b  undary  laver 

and 

performance 

is  low; 

higher  diverters 

are 

necessary 

to 

limit  this 

incidence  effect 

but 

increase  the  drag.  The  half  a*  i  -.ymmet  ric  intake, 
the  broader  one,  captures  n*..*.-  ui  the  'ow  energy 
flow  and  is  the  poorer  solution  (Fig  7.86). 
Internal  performance  increases  with  height  of  the 
initial  compression  point:  inverted  rectangular 
and  half  axisymmet r Ic  Intakes  are  less  sensitive 
to  incidence  (Fig.  7.87  &  7.88).  It  should  be 
noted  that  inverting  half  axlsymmetric  intakes 
does  not  give  a  large  pressure  recovery  increase 
and  can  i«.ad  to  various  structural  difficulties. 

I'V"  2  X/D  -  8  h/D  “  0.053 


FIG  7  86  FOUR  SI0E  INTAKES  ■  USABLE  PRESSURE 
RECOVERY  AT  ZERO  INCIDENCE 


FIG  7  87  EFFECT  OF  RECTANGULAR  INTAKE 
INVERSION 


FIG  7  88  c-  v  "■  1 

EFFECT  OF  HALF-AXISYMMETRIC  INTAKE  INVERSION 


Figures  7.89  arid  7.90  compare  rectangular 
intake  performance,  respectively  at  Mach  no  6  and 
2.  according  as  to  whet  lie  r  they  are  classical  or 
inverted.  In  both  cases,  inverted  intakes  are 
tiie  best.  Figure  7.89  shows,  in  particular,  a 
large  increase  in  pressure  recovery  land  mass 
flow  ratio)  for  the  intake  located  on  the  leeward 
side.  It  should  be  recalled  that  the  worst 
intake  imposes  too  overall  pressure  recovery. 
Concerning  the  structural  rigidity  of  intakes, 
axisymmet ric  ones  are  lighter  (Fig.  7.75). 
However  if  we  consider  the  ramjet  combustion 
chamber,  the  ere  ry  width  is  a  minimum  for 
rectangular  intah-  :  and  thereby  the  chamber  mass 
is  also  a  minimum 


FIG  7.89  FOUR  SIDE  INTAKES  ' 

CLASSICAL  &  INVERTED 
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FIG  7  90  FOUR  SIDE  INTAKES: 

CLASSICAL  &  INVERTED 

In  conclusion,  the  chart  of  Figure  *■*  75 
demonstrates  the  advantages  of  inverted 
rectangular  intakes,  or  even  axisymmet ric  ones 
for  cruciform  conf igurat tons. 

Figure  7.91  presents,  for  a  configuration  with 
four  inverted  rectangular  intakes,  the  effects*  of 
certain  simplifications  to  obtain  "rustic"  or 
simplified  intakes;  diffuser  length,  internal 
boundary  layer  bleed  and  mu! t i -wedge -ramps  are 
very  important  elements  for  high  performance  It 
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FIG  7  91  FOUR  SIDE  "RUSTIC"  INTAKES 
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is  possible  to  Increase  the  pressure  recovery  of 
such  Intakes  (Fig.  7.92)  by  cutting  back  the 
sidewalls  to  reduce  the  local  sideslip  angle 
sensitivity  but  mass  flow  losses  appear. 


FiG  792  EFFECT  OF  SIDEWALL  SHAPE  FOR  FOUR, 
INVERTED  RECTANGULAR  INTAKES 


Figure  7.93  shows  a  small  normal  force  increase 
and  a  smaller  variation  of  centre  of  pressure 
position  with  incidence  for  a  four  rectangular 
intake  missile  by  comparison  with  a  twin  intake 
missile.  The  same  results  are  obtained  with  half 
ax irymmet r ic  intakes. 


FIG  7.93  NORMAL  FORCE  COEFFICIENT  &  CENTRE  OF 
PRESSURE  LOCATION  FOR  RECTANGULAR 
INTAKES  ON  A  BODY 


As.  for  twin  intake*,  longitudinal  location  is  a 
compromise  taking  into  account: 


integration  it-  easy  and  inverted  rectangular 
intakes  can  be  used,  without  storting  flow 
problems . 

They  are  counterbalanced  by  certain  drawbacks: 
the  large  number  oT  intakes,  leading  to  a  more 
expensive,  heavier  missile  with  a  higher  drag, 

-  the  small  intake  height  resulting  in  low 
internal  performance  and  a  high  Incidence 
sensi t ivi ty . 


2.7.5  4  Fuselage  equipped  with  wings  or  strakes 
?  "  5  4  1  Wines 

It  is  possible  to  add  wings  to  a  fuselage  with 
the  aim  of  improving  the  flow  field  uniformity  in 
front  of  intakes  when  located  in  their  windward 
flow  field.  This  leads  to  a  lower  local  Mach 
number,  the  wings  effectively  becoming  first 
compression  lamps. 

These  favourable  effects  for  intake  performance 
are  counterbalanced  by  certain  drawbacks: 

flow  passes  around  the  wings  and  induces  a 
local  sideslip  angle  which  can  be  deleterious, 
especially  for  rectangular  intakes, 
wing  size  must  be  sufficient  to  achieve  a 
significant  effect;  Figure  7.95  compares 
pressure  recoveries  obtained  with  various  wing 
shapes  and  shows  the  importance  of  the  span. 

-  missile  overall  dimensions  are  thereby 
increased,  and  wings  located  upstream  of 
intakes  move  the  centre  of  pressure  forward. 

With  the  aim  of  limiting  the  local  sideslip 
angle,  it  is  possible  to  add  a  sidewall  to  the 
wing  tip  as  shown  in  Figure  7.95. 

2  HtC’ANGUl 4R INI AKti 


X/0  =  7  5  n/o-.  0  09  H„:2  6 


the  fuselage  flow  field, 
diffuser  length, 
centre  of  pressure. 

possibly,  particular  attachment  points  on  the 
fusel  age . 

It  is  possible  to  increase  the  performance  of 
four-intake  conrigurai Ions  by  mounting  si  rakes 
along  the  fuselage  or  adding  moving  wings  as  for 
I  lie  Russian  "SA6  GAINFUL"  missile  (Fig  7.94). 


W  --  -v.'Lj— /.!: 
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FIG  7.94  SA.  6  GAINFUL  (USSR) 


FIG  7.95  WING  EFFECT 

Under  these  conditions.  the  overall  span  Is 
limited  and  pressure  recovery  is  increased.  A 
variant  is  presented  in  Figure  7.96,  a  shield 
Integrated  with  the  rectangular  Intake,  replaces 
the  wing  with  Its  sidewall.  From  a  structural 
standpoint,  it  is  caster  to  design  an  Intake  with 
n  shield  than  to  attach  wings  to  a  fuselage. 

The  favourable  effect  of  wings  or  shields 
Increases  with  positive  Incidence.  A  limit 
appears  when  the  intake  becomes  unde i adopted  as 
the  local  Mach  number  decreases.  It  Is  obvious 
that  a  fuselage  equipped  with  wings  leads  to 
bonk-to-turn  steering. 

FUSt  LAGS  iQUW«0  WITH  KING  IN**.KIWJIW  SM11L0 


v  7  S  'i  t  More  than  four  intakes 

Swedish  studies  have  been  carried  out  with 
eight -intake  configurations.  The  possible 

advantages  are; 

low  overall  dimensions, 

a  "pseudo" -annular  Intake  for  which  diverter 


FIG  7.96  INTAKE  WITH  SHIELD 


SPAN  V  ’B\ 


St  rakes  are  located  along  the  fuselage,  upstream 
of  the  intakes.  Four  st rakes  alloy  axial  symmetry 
of  the  missile,  which  is  useful  for  maintenance 
oT  skid-to-turn  steering. 

The  advantage  of  those  st rakes  is  to  modify  the 
structure  of  the  v-  .  tices  appearing  at  the  top  of 
a  fuselage  at  incidence,  four  small  vortices 
replace  the  two  large  ones.  Figure  7.97 
presents  visualisation  results  showing  these  four 
vortices.  UK  studies  suggest  locating  the 
strokes  just  in  front  of  the  intakes.  Figure 
7.98  shows  the  gain  in  performance  increase  so 
obtained  with  a  four  rectangular  intake  missile. 
It  is  possible  to  optimize  the  strake  effect  on 
intake  performance;  the  main  parameters  are 
length,  longitudinal  location  and  span  (Fig. 
".99).  The  roll  location  effect  is  discussed 
later. 

IBASLO  ON  VAPOUM  SCRI  IN  ML.  ;'|f  MEN SSi 


FIG  7.97  FLOW  FIELD  AROUND  FUSELAGE 
EQUIPPED  WITH  STRAKES 
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FIG  798  STRAKE  EFFECT  ON  4 
RECTANGULAR  INTAKES 


lii  1  ranee,  for  the  majority  of  tests,  strokes 
I ia \ e  been  located  between  intakes,  ns  presented 
in  figure  7  100.  With  rectangulai  intakes,  the 
results  were  not  \ery  good,  hut  they  were  more 
promising  with  a\ i  sviwnet  r  ic  intakes  as  presented 
in  figue  7.101.  In  this  last  case,  the  roll 
angle  effect  is  very  small  and  the  worst  Intake 
charncterist ic  is  clearly  improved 

Recent  wind  tunnel  testing  with  ax  i  sytnmet  r  i  c 
intakes  has  shown,  for  the  chosen  strak*»s.  that 
location  between  Intakes  was  the  most  favourable 
for  the  0  S  degree  incidence  tange. 

As  previously  with  wings,  st rakes  slightly  move 
the  centre  of  pressure  upstream  and  Increase  drag 
’ind  normal  fcrce.  figure  7.102  she.**  such 
results  for  variation  of  roll  angle  for  »wo 
lour- intake  missiles  I  he  effects  are  the  same 
for  the  rc  'angular  or  half  axlsymmot rlc  intakes 


FIG  7.99  STRAKE  GEOMETRY  &  LOCATION  FOR 
OPTIMUM  INTAKE  PERFORMANCE 


FIG  7 101  STRAKE  EFFECT  ON  4  AXiSYMMETRIC  INTAKES 
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If  missile  angte  of  incidence  is  limited  to  about 
4-5  degrees,  st rakes  are  not  worthwhile.  Above 
this  value,  according  to  their  location  and  size, 
st rakes  improve  performance,  but  within  a  limited 
range . 


Fig  7.105  summarises  the  results  showing 
the  effect  of  forebody  strakes  on  intake  pressure 
recovery  for  a  wide  range  of  intake  configuration 
with  sketches  of  the  vortices  entering  or  not  the 
intakes  according  to  incidence  and  the  presence 
or  absence  of  the  strake. 


ill!  FustUte  with  rtonclrculir  crot»-ttc( lorn 

For  manufacturing  reasons,  it  is  easier  to  build 
missiles  with  a  cylindrical  body.  However,  to 
increase  performance  and  with  the  possibilities 
of  new  manufacturing  methods,  fuselages  with 
noncircular  cross-sect  ion  can  be  envisioned  and 
various  objectives  can  be  considered: 

-  optimum  integration  of  the  intake(s)  in  the 
fuselage  flow  Field, 

-  a  decrease  in  drag, 

-  an  increase  in  lift-co-drag  ratio, 

-  a  smaller  Radar  Cross-Section, 

best  design  for  carriage  under  aircraft. 


FIG  7102  EFFECT  OF  F0REB0QY  STRAKES  ON  NORMAL 
FORCE  COEFFICIENT  &  CENTRE  OF  PRESSURE  POSITION 


Interest  in  these  configurations  increases  with: 

-  long  ranges, 

-  h*gh  flight  Mach  numbers, 

-  high  flig‘-t  altitudes/ 

-  bank-to-turn  sti.  ring. 

Obviously,  certain  difficulties  of  internal 
arrangement  appear  and  also  manufacturing  and 
structural  problems,  make  the  missile  more 
expensive. 

Different  shapes  of  fuselage  are  possible. 
Figure  7.104  shows  two  examples  but  other 
cross-sect  lor.s  can  also  be  considered: 
elliptical,  square,  etc. 

Wave-riders  are  designed  according  two 
principles: 


-  the  top  is  formed  from  the  shape  of 
non-deflected  streamlines  (minimum 
drag), 

-  the  shock  wave  Induced  by  the  bottom  surface 
Is  confined  by  the  leading  edges 

(maxlji.'im  lift). 

-  WAVE  RIDERS 


fIG  7.104  EXAMPLES  OF  FUSELAGE  WITH 
NON-CIRCULAR  CROSS  SECTIONS 


With  this  donign,  it  Is  easier  ?o  locate  an 
intake  in  the  windward  part  to  obtain  high 
internal  performance  but  the  difficulty  is  that 
the  design  Is  for  one  angle  of  Incidence  and  one 
upstream  Mach  number.  It  Is  not  obvious  how 
performance  varies  from  this  particular 
condit Ion. 


FIG  7.103  SUMMARY  OF  EFFECT  OF  F0REB00Y  STRAKE 
ON  PRESSURE  RECOVERY  OF  VARIOUS  INTAKE 
IN  CONVENTIONAL  &  INVERTED  POSITIONS 


The  other  configuration  presented  in  Figure  7.104 
concerns  a  lenticular  fuselage.  It  is  designed 
with  the  following  principles: 
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-  to  increase  the  span,  with  a  constant 
cross-section  (therefore  the  same  volume)  in 
order  to  obtain  higher  lift-to-drag  ratios. 

-  to  create  sharp  leading  edges  in  order  to 
generate  strong  vertices  which  will  increase 
t^e  lift. 

Such  a  design,  the  “FIACRE*  project,  is  now  under 
study  in  France  at  ON  ERA  (Fig. 7. 105).  It  is 
obvious  that  the  intake  1 oca' ion  looks  siwilar  to 
that  on  the  Fill  aircraft. 


FIG  7. 105  FRENCH  FIACRE  PROJECT 


^iPEsrotwno:  depict ion 

For  missiles,  prediction  of  internal  performance 
requires  considering  many  cases:  generally,  only 
one  intake  geometry  is  used,  but  over  a  very 
1 -rge  flight  envelope  (M0,xtf)  In  addition, 
hign  integration  requires  finding  manv 
comproy:’ scs  between  infrnal  aiwl  external  fiow 
consider jt ions. 
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FIG  7. 107  RESULTS  FROM  EULER  CALCULATIONS 


The  senl -eapi  ric»l  Approach  Is  based  on  three 
components.  The  supersonic  compression  Is 
calculated  theoretically,  the  hroat  field  with 
Its  boundary  layer  bleeds  is  .looted  from  data 
banks  and  semi -empi rical  metho.  .  are  used  for  the 
diffuser  (Flg.7.10S>.  The  overall  presr»*-e 
recovery  Is  estimated  by  multiplying  the  tl 
efficiencies  previously  calculated. 

The  experimental  approach  Is  based  on  models 
tested  In  arlnd  tunnels.  This  method  Is  perhaps 
expensive  but  it  the  only  accurate  one. 
Seml.ai^plrlct-I  methods  a.-a  used  to  limit  the 
nsnlier  of  models  tc  be  tested. 


Three  approaches  nan  bi  considered:  tneoret ical . 
experimental  or  semi etenf r lea  1 . 

The  theoretical  approach  Is  not  yet  accurate 
enough  because  viscous  effects  ere  difficult  to 
evaluate  accrately.  When  that  becomes  possible, 
the  calculation  times  Kill  still  be  very  long, 
even  with  future  computers.  In  addition,  ther.- 
will  be  many  cases  to  calculate. 

in  contrast,  an  experimental  approach  Is  accurate 
but  expensive.  In  any  case,  such  tests  are 
necessary  for  air-breathing  missile  development. 

The  semi -empirics I  approach  to  reduce  the  number 
of  wind-tunnel  tests  Is  very  useful,  despite  Its 
1  iiri  ted  accuracy. 


1  THEORETICAL  CALCULATIONS 

2  DATA  BANK 

3  SEMKEMPiRiCAL  METHODS 

^  =  PP,  X  PR^  x  P&3 


F!6  7.108  SEMI- EMPIRICAL  APPROACH 


?  7  F  1 


A  theoretical  approach  essentially  for  design  is 
possible  either  with  inclined  shock  wave  theory 
cr  by  solving  the  Euler  equations,  bu*.  It  does 
not  provide  accurate  data  on  pressure  recovery. 
Examples  of  such  results  are  given  in  Figures 
7.106  and  7.107.  Detailed  adjustments  such  as 
boundary  layer  control  or  local  shape 
modifications  cannot  be  based,  for  the  moment,  on 
calculat ions. 


fttCTAMCULAA  *«l 
IFlNlTI  VOUAl£-  IUUR  EOOATlOMl 

M,*  2-69  CT*0 


tUfCRCRITlCAl 

M«IMC 


CRITICAL 

MOIHC 


FIG  7106  RESULTS  FROM  EULER  CALCULATIONS 


Hi-L£teJLt.fclA  firgund-Allc  fuselage 

A  theoretical  approach  is  possible  without 
difficulties  at  low  incidence;  for  different 
fuselage  shapes  the  Euler  equations  can  be  solved 
and  associated  with  boundary  layer  calculations. 
These  results  are  necessary  to  choose  the 
location  of  the  intakes. 

At  moderate  incidence,  prediction  of  the  vortex 
separation  lines  on  the  ogival  nose  is  difficult 
and  It  is  no  longer  possible  to  dissociate 
inviscid  flow  field  calculation  Trom  boundary 
layer  calculation.  In  addition,  if  separation  is 
initiated  correctly  In  the  calculation,  it  is 
necessary  to  verif>  that  viscous  effects  in  the 
vortices  are  correctly  taken  into  account  by  the 
method  chosen. 

At  the  moment,  the  experimental  approach  is  the 
most  accurate  method  for  tracking  the  vortices 
and  flow  field  analysis  can  be  carried  out  with 
small  five  hole  probes.  An  example  of  such  a 
probing  is  shown  in  Figure  7.109;  the  diameters 
of  the  fuselage  and  probes  were  100  and  3 
millimeters  respectively. 
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FIG  7.109  FLOWFiELD  AROUND  A  CYLINDRICAL 
FUSELAGE 

2,7  6.3  Mourned  intakes 
2  7  6  31  On*  intake 

Given  the  fuselage  flow  field,  it  is  possible  to 
calculate  average  values  In  the  Intake  capture 
area  Ac  for  Mach  number  M,  total  pressure  Pt , 
incidence  a  and  sideslip  angle  0.  The  intake  can 
then  be  regarded  as  located  In  this  uniform  flow 
field  as  an  isolated  intake. 


ONC  MVfHTIO  MCTAJMUUA  MTAKf 

'A"2-7  WO*» 


FIG  7.1  II  COMPARISON  OF  CALCULATION 
&  EXPERIMENT 


A  reasonable  agreement  is  generally  observed. 
Larger  deviations  are  obtained  when  intakes  are 
located  In  the  vortices  or  at  Mach  numbers  lower 
than  the  shock-on-1  ip  Mach  number.  In  this 
second  case,  interactions  appear  in  front  of  the 
intake;  they  result  from  the  Impact  of  the  shock 
waves  created  by  the  compression  ramp  on  the 
fuselage  boundary  layer.  For  a  large  capture 
area,  the  average  values  account  poorly  for  the 
flo.v  distortions  and  deviations  appear  again. 


Data  from  "rind-tunnel  tests  can  be  used: 

0. 


ISOLATED  INTAKE 


-  f(M,a,0)) 


and  PR |  j  -  g(M.o.d)- 


The  mounted  intake  performance  is  then  given  by: 


1  1A11  Several  Intakes 

If  several  intakes  .(n)  are  mounted  on  a  fuselage 
and  supply  the  same  engine,  the  performance  of 
each  mounted  intake  (i)  is  calculated  first 
according  to  the  previous  method. 

4PR«.,1  »,th  1  <n 


£1 

Uc,MOUNTEn  iNTAKE** 


im  x  ffr  l ,  iy 
IV,.,.  PT0  IW 


where  J(M)- 


MM) 


Ill 

2  1 

_  X  _ 

7+1 J  M 


2 


M7 


— 

2(y-l) 


Then,  the  overall  mass  flow  ratio  is  obtained  by 
sunning: 


and  the  overall  pressure  recovery  is  considered 
to  be  equal  to  the  minimum  pressure  recovery  of 
the  different  mounted  Intakes 


and 


prm.,.  -  PR,.,X^ 


<pr)overall  -  <WtM.I|> 

1-1  ,n 


Figures  7.110  and  7.111  show  comparisons  between 
such  calculations  and  wind-tunnel  test  results. 

ONI  INVERTED  ftICTANQuiAR  INTAKE 
“*.O.L“i7  d-7.fi*  X/D- 5 


This  method  is  not  perfect  and  final  tests  are 
necessary  with  intakes  mounted  on  the  fuselage, 
but  this  semi -empirical  approach  for  the  missile 
design  can  now  limit  the  wind-tunnel  tests 
necessary  to  define  the  location  of  the  intakes 
(longitudinal  position,  roil  angle  location  and 
diverter  height).  Currently  wind-tunnel  tests 
can  also  be  useful  to  validate  this  method  for 
new  configurations. 


The  previous  sections  gave  a  rapid  survey  of 
knowledge  on  missile  intakes.  A  general  synopsis 
must  now  be  made  to  suggest  design  concepts  for 
future  supersonic  a i •’-breathing  missile  with  high 
performance,  taking  into  account  four  essential 
points:  detection,  manoeuvrability,  penetration 
and  range. 

Some  initial  data  are  necessary  at  the  bes’nning: 
mission(s),  level  of  detection  and  overall 
dimensions . 
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According  to  the  chosen  type  of  steering,  a 
sketch  of  the  missile  can  be  drawn;  the  number 
and  type  of  intakes  are  generally  determined  at 
this  juncture.  It  is  then  possible  to  estimate 
mass,  overall  external  aerodynamic  coefficients 
and  possible  maximum  internal  performance  for 
intakes  and  engine. 

Calculations  of  various  trajectories  are  used  to 
definite  an  optimal  "continuously  flexible" 
missile  whose  Internal  sections  (Ac,  Ath,  Ajj) 
could  vary  versus  time,  according  to  upstream 
Mach  number  and  flight  angle  of  Incidence. 

Intake  design  and  its  integration  with  the 
fuselage  are  then  specified  to  satisfy,  as 
closely  as  possible,  requirements  previously 
calculated.  A  compromise  is  necessary  to  obtain, 
if  possible,  a  single  fixed  geometry.  An 
estimate  of  intake  performance  can  then  be 
carried  out.  (PR  and  A0/Ac-g(Mo,a)) . 

New  calculations  of  various  trajectories  will 
give  the  optimal  "Inflexible"  missile  and 
aerodynamic  models  will  be  built.  If  the  type  of 
intake  is  new,  tests  with  Isolated  Intakes  will 
be  necessary;  if  not,  tests  in  wind  tunnels  on 
mounted  intakes  will  be  sufficient.  Overall 
external  aerodynamic  coefficients  will  be 
measured  and  Radar  Cross-Sections  will  be 
spec! f led. 

From  the  experimental  data,  external  missile 
geometry  together  with  its  internal  arrangement 
will  be  settled  and  its  performance  will  be 
estimated  at  this  stage  of  the  design. 

Improvements  will  be  necessary  to  obtain  the 
specification  values  or  to  increase  possible 
performance.  Two  remarks  can  be  made: 

-  ultimate  improvements  are  always  minor  but 
very  expensive; 

-  modifications  must  be  studied,  making  sure  of 
the  effective  performance  gains  for  the 

miss  'ons. 

Some  intake  improvements  can  be  unprofitable 
taking  various  adjustments  into  account.  For 
example.  if  the  missile  must  have  high 
manoeuvrability,  the  ramjet  exit  throat  size  will 
be  determined  according  to  the  intake  performance 
at  high  incidence  anci  sometimes,  the  best 
performance  at  zero  incidence  is  not  used,  except 
at  low  Mach  number  during  the  acceleration  phase. 

2  7  8  CONCLUSION 

Air-breathing  propulsion,  In  particular  for  a 
ramjet,  presents  some  new  advantages  for  military 
applications.  This  results  from  obtaining  low 
volume  configurations  and  recent  progress  made  In 
sensors,  valves,  engine  control  systems  and 
airborne  computers. 

The  existing  realisations  are  mainly  based  on 
experimental  data  concerning: 

internal  performance, 

-  external  aerodynamics, 

-  and  electromagnetic  detection. 

The  design  and  development  of  future 
air-breathing  misjlles  follow  the  current  trends 
described  below. 

New  computation  codes  will  be  very  useful  for 
design.  Flow  fields  around  fuselages  with 
circular  or  noncircul^r  sections  will  be 
accurately  known.  For  intakes,  major 
improvements  are  still  necessary  to  take  into 


account  viscous  effects  In  these 
three-dimensf onal  flow  fields. 

The  use  of  semi -empi r leal  methods  Is  an  excellent 
means  for  performance  prediction  and  for  reducing 
the  number  of  wind-tunnel  tests  and  models 
required. 

Wind-tunnel  tests  will  still  be  necessary  for  a 
very  long  time;  although  expensive,  they  are  the 
only  way  of  obtaining  accurate  data  on 
performance  at  a  number  of  attitudes  and  Mach 
numbers  as  soon  as  the  model  Is  built. 

Research  on  new  missile  configurations  imposes 
the  need  for  low  detection  (e lecc romagnet  1c  and 
Infrared)  which  can  be  obtained  from  studies  on 
the  intake  geometry  and  materials.  Longer  ranges 
and  higher  flight  Mach  numbers  will  be  possible 
with  bank-to-turn  steering  and  fuselages  with 
non-circular  cross-sections  integrated  with 
intakes . 
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CHAPTER  3 

NUMERICAL  SIMULATION  OF  INTAKES 


3.1  INTRODUCTION 


The  design  of  high  speed  air  intakes  for 
aircraft  has  been  significantly  affected 
by  the  recent  development  of  computational 
fluid  dynamics  methods  for  analysis.  CFD 
provides  the  designer  with  flow  field 
solutions  for  air-intake  geometries  that 
are  more  detailed  and  provide  more 
information  than  wind-tunnel-test-data.  In 
general  these  solutions  do  not  replace 
wind  tunnel  test  but  rather  compliment  the 
experimental  methods  to  provide  greater 
insight  and  understanding  to  the  detailed 
flow  interactions  that  greatly  affect  the 
performance  of  air  intakes.  As  a  result, 
the  resulting  designs  can  be  expected  to 
exhibit  superior  performance 
characteristics. 


Since  CFD  provides  such  a  powerful  design 
tool,  the  Working  Group  elected  to  perform 
an  evaluation  of  the  current 
state-of-the-art  in  CFD  analysis.  The 
approach  for  this  evaluation  was  ro  select 
a  number  of  test  cases  for  which  rather 
detailed  experimental  data  were  available 
and  to  solicit  investigators  from  the  NATO 
countries  to  provide  solutions  to  the 
selected  test  cases.  These  solutions  were 


compared  with  experimental  data  and  with 
other  solutions  in  order  to  provide  the 
Working  Group  a  global  overview  of  the 
effectiveness  and  accuracy  of  CFD  as  a 
design  tool.  The  comparisons  were  not 
intended  to  serve  as  a  validation  of  CFD, 
but  rather,  give  an  indication  of  the 
viability  of  CFD  for  design  application. 


Eight  test  cases  were  selected  for  the 
evaluation  as  summarized  briefly  in 
Table  2.1.  The  test  cases  were  chosen  to 
range  in  complexity  from  normal-shock/ 
boundary-layer  interaction  to  full 
forebody-inlet  combinations. 


Computations  were  solicited  from  a  large 
number  of  organizations  and  individual 
researchers  within  the  NATO  countries.  A 
total  of  twenty-seven  calculations  were 
received  from  ten  contributors.  The 
Working  Group  wishes  to  express  its 
sincere  thanks  to  those  who  agreed  to 
perform  the  calculations  and  followed 
through  with  the  results  that  appear  in 
this  report. 


TEST  CASE  FLOW  TYPE  NUMBER  OF  CALCULATIONS 

1  Transonic  Normal  Shock/Turbulent  2 

Boundary  Layer  Interactions 

2  Glancing  Shock/Boundary  5 

Layer  Interaction 

3  Subsonic/Transonic  Circular  Intake  3 

4  Subsonic/Transonic  Semi-circular  Intake  1 

5  Supersonic  Circular  Pitot  intake  2 

6  2D  Hypersonic  intake  10 

7  Mixed  Compression  Intake  2 

8  Intake/Airframe  Integration  2 


TABLE  2.1  TEST  CASES  FOR  CFD  CALCULATIONS 
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3.2  CFD  METHODS  FOR  INLETS 


LIST  OF  SYMBOLS  FOR  3.2 

Symbol  Meaning 

coefficient  of  specific  heat 
cp  constant  pressure 

Cv  constant  volume 

Er  total  energy 

H  total  enthalpy 

p  pressure 

<3  heat  flow 

Re  Reynolds  number 

T  temperature 

x,y,z  directions 

u,v,w  velocity  components 

k  coefficient  of  thermal 

conductivity 

^  second  coefficient  of 

viscosity 

M  first  coefficient  of 

viscosity 

p  density 

r  stress 


3.2.1  INTRODUCTION 

In  this  section  we  shall  discuss  some  of 
the  aspects  involved  with  computational 
fluid  dynamics  (CFD)  analysis  for 
intakes.  CFD  encompasses  many  related 
disciplines  including  grid  generation, 
flow  solvers,  solution  algorithms, 

turbulence  models,  processing  and  post  - 
processing  hardware  and  software.  In 
each  of  these  areas,  the  user  must 
exercise  careful  judgement  in  choosing 

from  several  available  methods  to  solve 
his  particular  flow  problem.  We  will 
consider  these  aspects  of  CFD  to  provide 
the  reader  with  an  overview  of  the 
topic,  and  to  provide  a  background  for 
the  following  section  in  which 

comparisons  will  be  made  between 

computations  and  experimental  results. 
The  reader  is  referred  to  several 

excellent  texts  on  CFD  which  have 
appeared  in  the  literature  recently,  Ref 

2.1  to  2.5,  to  provide  more  details 
involved  in  this  discipline. 

3.2.2  GRID  GENERATION 

The  CFD  analysis  process  begins  with  a 
numerical  description  of  the  physic*! 
problem  to  be  studied.  First,  the 

physical  objects  around  which  or  tnrough 
which  the  air  flows  must  be  described 

numerically.  This  is  common1/  described 
as  surface  grid  generation.  After  the 
surfaces  have  been  described,  the  flov 
domain  which  is  confined  by  the  surface 
grid  and  any  free  surfaces  must  also  be 
described  numerically.  This  is  unmonly 
described  as  field  grid  generation.  We 
will  consider  each  of  these  grids 

separately  and  will  also  discuss 
possible  problems  which  arise  in  the 
generation  of  these  grids. 


3. 2.2.1  Surface  Grids 

The  generation  of  accurate  surface  grids 
continues  to  be  one  of  the  :si 
difficult,  and  time-consuming  problems 
facing  intake  CFD  us;*rs.  As  shown  in 
Section  2.5.1,  actual  intake  geometries 
are  often  quite  complex  with  hig/ay 
three  dimensional  contours.  For  many 
applications,  small  changes  in  this 
geometry  can  result  in  large  changes  in 
the  flow  field.  This  is  particularly 
true  in  supersonic  and  hypersonic 
intakes  which  generate  shock  waves  or 
expansion  fans  with  change  in  surface 
geometry.  The  need  for  accurate 
modeling  of  physical  surfaces  is  quite 
obvious.  There  are  several  ways  in 
which  surfaces  can  be  specified  for 
surface  grid  generation.  For  relatively 
simple  geometries,  the  surface  may  be 
specified  algebraically,  i.e.  with 


polynomial  spline  curve  fits  which 
define  the  surface  in  space.  Fcr  some 
complex  geometries  it  is  possible  to 
prescribe  local  curve  fits  for  parts  of 
the  configuration.  This  leads  to  a  zonal 
method  of  prescribing  each  local  feature 
and,  in  some  logical  way,  patching  them 
together  to  produce  the  total  surface 
grid.  This  method  works  well  with 
various  block  flow  solvers  and  block 
field  grid  generation  techniques.  For 
some  complex  geometries,  only  local 
surface  grid  points  are  known.  The 
person  generating  the  grid  is  then  left 
with  the  choice  of  either  curve  fitting 
these  grid  points  (if  possible)  or  of 
constructing  a  grid  on  the  known  points. 
The  danger  with  curve  fitting  is  that, 
in  most  cases,  the  curve  fits  only 
approximate  the  actual  surface  in  some 
sense.  For  some  applications  that  may  be 
all  that  is  required,  for  others  it  may 
introduce  serious  errors  in  the  geometry 
and  therefore  in  the  flow  field.  On  the 
other  hand,  to  construct  a  grid  using 
known  points  can  be  very  expensive  in 
terms  of  time  and  computer  resources  and 
may  introduce  other  problems  into  the 
field  grid  which  must  match  the  surface 
grid  at  its  boundaries.  Because  the 
generation  of  accurate  complex  surface 
grids  is  sc  labor  intensive,  many  of  the 
recently  developed  grid  generation  codes 
are  designed  for  ooeration  on 
interactive  graphics  workstations.  This 
allows  the  person  generating  the  grid  to 
see  and  interact  with  the  grid 
generation  process  in  a  timely  fashion. 

Fig  2.1  shows  a  surface  grid  generated 
for  the  computation  of  the  Tailor-Mate 
intake/airframe  compatibility  test.  This 
computation  was  performed  by 
Aerospatiale  in  support  of  Test  Case  8 
reported  in  Section  3.3.8.  This  grid 
includes  the  forebody,  canopy,  intake, 
intake  transition  duct,  and  boundary 
layer  diverter.  The  complex  geometry, 
including  square  to  round  transition  of 
the  intake  duct,  is  evident.  Also 
apparent  are  the  zonal  boundaries  where 
the  grid  density  is  changed. 

3. 2. 2. 2  Field  Grids 

Once  the  surface  grid  has  been 
generated,  the  CFD  user  murt  generate  a 
computational  grid  for  the  flow  path  of 
interest.  Generation  of  the  field  grid 
introduces  some  additional  problems  and 
considerations  for  the  CFD  user.  The 
current  state  of  CFD  demands  a  strong 
link  between  the  flow  solver  and  the 
grid  structure.  The  quality  of  the 
final  flow  solution  directly  depends  on 
certain  aspects  of  the  field  grid, 
including  sufficient  grid  resolution 
near  high  flow  gradients,  grid 
smoothness  and  minimum  skewness, 
particularly  near  surfaces.  The  use  of 


FIG  2.1  SURFACE  GRID  FOR 
COMPLETE  TAILOR-MATE  CONFIGURATION 


solution  adaptive  grids,  or  multigrid 
algorithms,  also  causes  a  strong  tie 
between  the  flow  solver  and  the  field 
grid.  Often  assumptions,  or 

limitations,  in  the  flow  solver  or  its 
boundary  condition  specification  impose 
additional  constraints  on  the  grid 
generation  process.  When  generating  the 
field  grid,  the  surface  grid  will 
constitute  part  or  all  of  the  boundary 
for  the  field  grid.  Often  the  flow 
domain  is  decomposed  into  a  number  of 
regions  which  are  each  gridded 
separately  and  the  interface  between 
regions  becomes  new  internal  boundaries 
to  the  flow  solver.  There  are  many 
possible  ways  to  generate  a  field  grid 
for  each  region,  but  to  maintain  some 
degree  of  grid  smoothness  and 
orthogonality,  the  flow  domain  is 
usually  mapped  onto  a  Cartesian 
computational  grid  using  a  differential 
equation  solver.  Depending  on  the  form 
of  this  mapping,  different  types  of 
grids  can  be  generated  with  different 
amounts  of  clustering  in  strategic 
locations.  Unfortunately,  the  solution 
of  the  differential  equations  for  grid 
generation  can  require  computer 
resources  which  approach  those  required 
for  the  flow  solution.  Research 
continues  to  find  ways  to  reduce  the 
time  and  storage  required  for  grid 
generation. 

Figure  2.2  shows  a  sample  of  a  field 
grid  for  the  flow  past  a  wedge  for  Test 
Case  2.  Shown  in  the  figure  are  three 
intersecting  grid  planes;  one  plane  is 
near  the  wedge  surface,  one  plane  is 
near  the  wall  surface  to  which  the  wedge 
is  attached,  and  the  third  plane  is 


perpendicular  to  the  wall  and  intersects 
the  wedge.  The  flow  in  this  figure  would 
be  from  right  to  left.  The  clustering  of 
the  field  grid  to  resolve  boundary 
layers  near  the  surface  is  clearly 
evident  as  is  the  streamwise  clustering 
near  the  wedge  leading  edge.  For  this 
grid  hyperbolic  tangent  packing 
functions  were  used  to  smoothly  cluster 
the  grid  near  surfaces. 


FIG  2.2  FIELD  GRID  FOR  GLANCING 
SHOCK/BOUNDARY  LAYER  INTERACTION . 


There  are  two  areas  of  grid  research 
which  may  have  great  future  impact  on 
the  use  of  CFD  for  intake  analysis.  The 
first  is  solution  adaptive  gridding, 
whicn  has  been  studied  for  some  time  and 
is  beginning  to  be  used  in  some  analysis 
packages.  In  this  technique,  the  grid 
used  for  solution  is  changed  during  the 
solution  process  to  concentrate  grid 
points  in  the  areas  of  high  flow 
gradients.  This  results  in  an  improved 
solution  using  fewer  grid  points, 
although  one  must  pay  s  'me  overhead  for 
adapting  the  grid.  The  second  area  of 
research  is  the  use  of  unstructured 
grids.  As  the  name  implies,  these  grids 
have  no  set  structure.  Each  grid  cell 
need  not  be  rectangular;  in  fact  they 
may  be  three,  four,  five  or  more  sided. 
There  are  usually  no  discernible  planes 
of  grid  points;  the  points  can  be 
randomly  distributed  through  the  domain 
and  connected  through  some  algorithm. 
These  grids  are  well  suited  for  the 
complex  geometries  of  modern  aircraft. 
There  are  currently  some  algorithms 
available  to  generate  these  types  of 
grids,  and  work  is  proceeding  on  the 
development  of  solution  algorithms, 
turbulence  models  and  stability 
parameters  for  this  type  of  grid. 


3.2.3  FLOW  SOLVERS 

Within  the  intake  aerodynamics  community 
there  are  many  different  computational 
schemes  available  to  the  user.  In  this 
section  we  will  investigate  some  of 
these  schemes  to  provide  a  background 
for  the  computational  results  to  be 
discussed  in  the  next  section.  The  VKI 
has  recently  conducted  a  short  course  on 
intake  aerodynamics,  with  a  special 
emphasis  on  the  CFD  methods.  Ref  2.6, 
which  forms  a  basis  for  this  section  of 
the  report. 

3.2. 3.1  Flow  Equations 

The  most  general  set  of  equations  for 
the  flow  of  air  through  intakes  are  the 
Navier-Stokes  (NS)  equations.  These 
equations,  given  in  Fig  2.3,  simply 
express  the  conservation  of  mass, 
momentum  and  energy  for  a  fluid  system. 
For  simplicity,  the  equations  are  shown 
here  in  two-dimensional  conservation 
form  for  a  Cartesian  coordinate  system. 
In  order,  these  are  the  continuity,  x- 
momentum,  y-momentum,  and  energy 
equation.  There  are  several  different 
possible  formulations  of  the  energy 
equation;  this  is  the  total  energy 
formulation.  To  complete  the  set  of 
equations,  some  auxiliary  equations 
desc: ibing  the  shear  stress,  heat 
transfer,  and  equation  of  state  of  the 
gas.  are  given  in  Fig  2.4.  These 
equations  are  a  coupled  set  on  non¬ 
linear  'second-order  partial  differential 
equations  and  are  therefore  very 
difficult  to  solve.  To  solve  this 
system  of  equations,  one  must  specify 
some  initial  flow  conditions  and 
boundary  conditions  appropriate  for  the 
problem  being  considered.  The  choice  of 
boundary  conditions  is  particularly 
crucial  for  flow  problem  modeling 
because  it  is  through  the  boundary 
conditions  that  the  unique  features  of  a 
problem  are  specified.  The  NS  equations 
in  the  internal  flow  domain  are  the  same 
for  all  problems,  it  is  only  the 
boundary  surface  and  boundary  equations 
on  the  surface  that  change  from  problem 
to  problem.  within  intakes,  the 
specification  of  proper  boundary 
conditions  is  even  more  important 
because  one  is  ultimately  interested  in 
what  happens  on  the  surface  or  at  the 
exit  of  the  intake  which  typically  falls 
on  a  computational  boundary. 
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FIG  2.3  TIME -AVERAGED  NAVIER- 
STOKES  EQUATIONS. 
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term  makes  the  x-momentum  equation 
elliptic  for  subsonic  portions  of  the 
flow.  Various  treatments  of  this 
pressure  gradient  term  have  produced 
various  versions  of  the  PNS  analysis. 
PNS  codes  are  typically  faster  and 
require  less  computer  storage  than 
equivalent  full  NS  codes,  but  car.  only 
be  used  for  those  physics  problems  which 
do  not  violate  any  of  the  simplifying 
assumptions  for  the  analysis. 
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FIG  2.5  PARABOLIZED  NAVIER-oTOKES 
EQUATIONS. 


FIG  2.4  AUXILIARY  EQUATIONS. 


Researchers  can  often  obtain  meaningful 
solutions  to  specific  problems  by 
solving  some  subset  of  the  full  NS 
equations.  If  one  is  able  to  neglect  the 
normal  viscous  iorces  in  some  principal 
flow  direction  the  NS  equations  can  be 
reduced,  or  "parabolized",  to  produce  a 
set  of  equations  which  are  much  simpler 
to  solve  than  the  full  NS  equations. 
Fig  2.5  shows  one  formulation  of  the 
Parabolized  Navier-Stokes  (PNS) 
equations.  This  set  still  retains  the 
continuity,  x-  and  y-momentum,  and 
energy  equations.  This  particular  set 
of  equations  has  been  written  for  steady 
flow  in  the  x-direction,  has  folded  in 
the  auxiliary  equations  for  the  stresses 
and  contains  the  total  enthalpy 
formulation  of  the  energy  equation. 
Except  for  the  pressure  gradient  term  in 
the  x-momentum  equation,  these  equations 
are  of  mixed  hyperbolic-parabolic  type 
in  x  and  can  be  solved  by  a  forward 
marching  scheme.  The  pressure  gradient 


If  one  is  able  to  neglect  all  viscous 
forces  and  heat  conduction  in  the 
problem  the  NS  equations  can  be  reduced 
to  the  inviscid  Euler  equations.  These 
equations  are  shown  in  Fig  2.6  for 
steady  flow.  While  these  equations 
cannot  be  used  for  viscous  dominated 
flow  problems,  they  can  be  used  to  study 
the  inviscid  portions  of  intakes, 
particularly  with  shock  waves.  Because 
the  viscous  portions  of  the  flow  have 
been  nealected,  fewer  grid  points  are 
needed  in  an  Euler  solution  and  the 
solution  is  computed  much  faster  than 
with  a  full  NS.  If  the  flow  is 
supersonic,  the  Euler  equations  can  be 
solved  by  the  method  of  characteristics, 
an  extremely  fast  solution  technique 
often  used  for  high  speed  intake  design 
when  coupled  to  a  boundary  layer 
analysis.  The  Euler  equations  are  often 
used  to  test  new  "FD  solution  techniques 
before  using  the  .  techniques  in  full  NS 
because  they  maintain  many  of  the 
numerical  features  of  the  NS  equations. 
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FIG  2.6  EULER  EQUATIONS. 


3. 2. 3. 2  Solution  Algorithm'- 

We  will  now  consider  some  numerical 
techniques  to  solve  the  v_quat.i.on  sets 
described  in  the  previous  section.  Once 
again,  there  are  a  variety  of  techniques 
currently  available  to  the  user  and  new 
techniques  are  being  developed  world 
wide.  There  are  two  principal  classes 
of  CFD  analysis,  differential  and 
integral,  and  we  shall  now  consider  each 
of  these  separately. 

The  majority  of  CFD  analysis  currently 
employs  finite  difference  techniques  for 
the  differential  equations.  In  this 
method  the  differential  equations  are 
approximated  by  difference  equations 
which  are  solved  numerically.  The 
differencin'-  can  take  many  different 
forms;  for  ard,  backward,  central,  two 
point,  three  point,  etc.,  with  each  of 
the  forms  having  certain  advantages  for 
certain  types  of  problems.  Once  the 
equations  have  been  differenced,  there 
are  several  different  forms  of  solution 
algorithm  available  to  the  user,  again, 
with  each  having  its  own  advantages. 
The  explicit  algorithms  are  relatively 
easy  to  code  and  easily  adaptable  to 
vector  cr  parallel  processing  machines, 
but  have  certain  stability  limitations 
which  can  increase  the  amount  of 
computing  tii.e.  Implicit  algorithms  are 
harder  to  code  but  for  certain  problems 
have  better  stability  characteristics 
than  explicit  schemes  and  converge 
faster.  The  problem  ot  numerical 
instabilities  has  lead  researchers  to 
introduce  artificial  damping  into  many 
algorithms  and  to  the  development  of 
new,  more  stable  methods  of  differencing 
the  equations.  Slow  convergence  of 
certain  relaxation  algorithms  have  lead 
to  acceleration  scheme!',  such  as  multi- 


gridding  or  matrix  pre-conditioning,  all 
with  the  intent  of  decreasing  the  total 
computational  work  load,  time  and 

expense.  The  many  efforts  to  produce 
faster,  more  robust  solvers  have  lead  to 
many,  different,  specialized  computer 
codes  in  the  field,  which  can  be 
confusing  to  a  potential  user. 

A  more  recently  developed  algorithm  for 
solution  of  the  flow  equations  .s  the 
finite-volume  method,  Ref  2.7  to  2.9. 

In  this  method,  the  flow  variables 
within  a  grid  cell  are  integrated  to 
produce  an  average  flux  across  cell 

boundaries.  These  fluxes  are  then  used 
in  the  evaluation  of  terms  in  the  finite 
difference  equations.  Several  differen* 
methods  have  been  proposed  for  th 
treatment  of  the  flux  terms,  product  :■$ 
several  different  formulations  o-  .he 
method.  The  different  methods  each  jve 
an  advantage  for  a  particular  typ-.  of 
flow  problem.  These  flow  solve. .  are 

particularly  well  suited  foL  chock 
capturing  within  high  speed  flow 
problems . 

The  finite  element  method,  which  is  also 
an  integral  method,  has  its  roots  in 
structural  analysis.  This  method  solves 
the  system  of  equations  by  discretizing 
the  flow  domain  into  a  series  of  small 
elements  which  share  common  points  or 
nodes.  Within  each  element,  a  functional 
form  of  the  variation  of  the  flow 
variables  is  assumed.  The  constants 
multiplying  there  functions  are  then 
determined  by  solution  of  the 
variational  form  of  the  differential 
equations,  i.c.  the  NS,  PNS  or  Euler 
equations.  This  method  has  advantages 
and  disadvantages  relative  to  finite 
difference.  The  chief  advantage  is  the 
inherent  flexibility  in  the  meshes  which 
this  method  supports,  including  the  new 
unstructured  grids.  The  chief 

disadvantage  is  the  overhead  in  computer 
storage  required  to  define  t.he  elements 
and  their  nodes.  In  the  futu»*,  we  nay 
see  more  applications  of  the  finite 
element  method  for  intake  analysis. 

3. 2. 3. 3  Turbulence  Models 

In  theory,  tne  full  Navier-Stokes 
equations  could  be  solved  for  the 
continuum  flow  through  an  intake  at  any 
speed  including  turbulence  effects.  In 
reality,  the  length  and  time  scales 
associated  with  turbulence  are  much  too 
small  to  be  resolved  within  a  realistic 
configuration  at  this  time,  and  so  the 
CFD  user  normally  models  the  effects  of 
turbulence  on  the  flow.  There  are 
currently  several  different  methods  for 
modeling  turt  1  f'nce  effects  available  to 
the  CFD  user,  of  2.10  to  2.13.  Most  of 
the  models  locally  increase  the 
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conductivity  to 
diffusion  due 
coef  f icient 
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"effective" 

:  ef f icients 
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the  change 


viscos:*y  thermal 

account  for  increased 
to  turbulence.  The 
of  /iscosity  and  thermal 
are  then  referred  to  aj 
viscosity  and  conductivity 
and  the  NS  equations  remain 
Different  techniques  are 
determine  the  magnitude  of 
in  coefficient  ranging  from 


f  pie  algebraic  equations  to  the 
solution  of  coupled  differential 
equations.  The  more  sophisticated 
models  include  more  cf  the  physics 
concern1 ng  turbulence  than  the  rimpler 
models,  although  they  have  a  higher 
computational  overhead.  All  current 
turbulence  models  require  some  type  of 
empirical  constants  which  Bre  usually 
determined  through  correlation  with 
e.\p**ri  mental  data.  This,  of  course. 


int reduces 
concerning 
when  it  i i 
different 
experiment . 


some  levels  of  uncertainty 
the  accuracy  of  the  model 
applied  tc  problems  which  are 
from  the  correlation 
Turbulence  modeling  will 
continue  to  be  an  area  for  CFD  research 
in  yea:s  to  come. 


Table  3.2.1  Codes  used  in  CFD  Assessment 

CODE  USER  TYPE  TEST  CASE 

PARC3D  SVERDRLT  -AEDC  NS  12  6  8 

SVERDRUP-CLEVE.  2  7 


HAWK 3D 
FALCON 
PSPSI-S 
NS2D 


FLU3M 


F.NSFL2D 

IKAP.US 


GENERAL  DYNAMICS  NS  2 

GENERAL  DYNAMICS  NS  6 


NASA-LEW1S 

PNS 

2  6 

ONERA 

NS 

2 

AEROSPATIALE 

6 

AEROSPATIALE 

Ef 

6  8 

ARA 

EU 

:  4 

EUBL 

5 

CORNIER 

NS 

5 

DCRNIER 

NS 

3  6 

3.2. 3.4  Cu  ent  Status 


RAN SAC  BAE 


NS  3 


As  desrribed  ?r.  Section  3.1,  there  have 
been  eight  proposed  test  cases  for  t.he 
CFD  evaluation  in  this  study,  and  there 
have  been  eleven  contributors  us;-'o  a 
variety  of  computer  codes  and  twenty  two 
calculations.  In  t...is  section  we  will 
provide  a  brief  aescripticn  of  these 
codes  for  future  reference .  Table  3.2.1 
gives  an  overview  of  the  computer  codes 
used  in  this  study.  The  left  column 
gives  the  name  of  the  code,  sometimes  a 
meaningful  acronym,  sometimes  not.  The 
second  column  identifies  the  user  of  the 
code  by  affiliation,  the  third  g;ves  the 
type  of  code,  and  the  fourth  the 
particular  test  cases  against  which  this 
code  was  applied.  More  details  on  the 
codes  and  tne  calculations  can  be  found 
in  the  microfiche  supplement  to  this 
report . 

The  PARC3D  code.  Ref  2.14  was  used  by 
>tv\;ral  cor.v  ributors  in  the  Uo ,  This 
cede  i-5  a  derivative  of  the  NASA  Ames 
developed  ARC  codes,  which  employs  a 

Beam- naming  approximate  factorization 
scheme  to  solve  the  NS  equations  by 

niamMnq  the  time  dependent  equations  to 
steady  state  and  usually  employs  a 
Baldwin-Lomax  algebraic  turbulence 
model.  The  code  used  a  diagonalized 
form  of  the  implicit  matrices  for 
efficient  execution  times  and  a 

Jame?on-st yle  artificial  dissipation 
scheme  to  stabilize  the  scheme  near 
shock  waves.  There  are  many  different 
vorsloMU  of  the  PARC3D  code  in  the 
field-  users  typically  modify  the 
turbulence  model  for  their  particular 


NSFLEX  MBB  NS  1  6 


problem,  and  some  have  introduced  block 
grid  solvers  ir.to  the  basic  code.  The 
basic  code  supports  a  variety  of 
boundary  conditions  which  are  solved 
explicitly.  For  subsonic  outflow 
boundaries,  a  static  pressure  is 
specified  and  density  and  velocity  are 
extrapolated  in  the  basic  code.  The 
group  at  CALSPAN  has  used  an  implicit, 
approximate  factorization  scheme  of  Beam 
and  Warming  with  a  Chimera  domain 
decomposition  to  study  test  case  3.  This 
code  supports  both  Baldwin-Lomax  and  two 
equation  turbulence  models.  The  HAWK 3D 
code  is  a  specially  modified  version  of 
the  PARC3D  code  which  was  used  by 
General  Dynamics.  This  code  employs  a 
two-equation  k-kl  turbulence  model,  Ref 
2.13,  not  available  in  the  basic  PARC3D 
code.  The  FALCON  code  was  also  used  by 
General  Dynamics  to  study  test  case  6. 
This  code  is  a  finite  volume  solver 
which  uses  Roe's  flux  difference 
splitting  to  solve  the  2D  or  3D  NS 
equations.  The  code  contains  a  multi- 
blocking  capability  and  a  Baldwin-Lomax 
algebraic  turbulence  model.  For  this 
supersonic  test  case,  flow  quantities 
were  extrapolated  at  the  downstream 
boundary.  The  PEPSI-S  code,  Ref  2.15, 
was  used  to  solve  several  of  the 
supersonic  test  cases.  This  code  solves 
the  PNS  equations  using  a  Briley- 
McDonald  LBI  scheme  to  make  a  single 
sweep  in  the  predominately  supersonic 
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flow  direction.  The  code  has  a  variety 
of  turbulence  models  available,  the 
algebraic  McDonald-Camarata  was  used  for 
case  2,  a  version  modified  for 
compressibility  was  used  for  case  6,  and 
a  one  equation  turbulent  kinetic  energy 
model  was  used  for  case  7.  A  variety  of 
boundary  conditions  are  also  available 
to  this  code,  including  distributed  mass 
removal  for  the  bleed  regions  of  test 
case  7.  Because  this  code  is  used  only 
for  supersonic  flows,  and  is  a  single 
sweep  code,  the  downstream  computational 
boundary  is  the  last  solution  plane  and 
is  not  specified  by  a  boundary 
condition,  ^he  NS2D  code,  Ref  2.16,  was 
adapted  for  air  intakes  (and  used  here 
for  test  case  6)  from  the  code  used  by 
ONERA,  Ref  2.17  and  2.18,  for  test  case 
2.  This  code  solves  the  Reynolds 
averaged  NS  equations  by  a  centered 
explicit  finite  difference  scheme  with  a 
multigrid  convergence  accelerator.  The 
discretization  is  performed  using  a 
two-step  Lax-Wendroff  type  scheme  with 
the  dissipative  terms  being  taken  into 
account  following  Thommen's,  Ref  2.19, 
ideac.  The  code  employs  an  algebraic 
turbulence  model  developed  by  Michel  et 
al.,  Ref  2.20.  The  FLU3M  code.  Ref  2.21 
ar.d  2.22,  was  used  to  analyze  test  case 
6  and  8.  This  code  was  developed  by 
ONERA  and  Aerospatiale  for  multiblock 
grrri?  •.  “.h  an  emphasis  on  supersonic  and 
hyper  .  .  c  lows.  The  code  solves  the 
Euler  *  gu'itj.or.s  by  an  implicit  upwind 
TVD  finite  voLume  scheme  of  van  Leer's 
MUSCL  type.  Its  implicit  part  consists 
of  an  ADI  like  inversion  in  cross- 
section  planes  coupled  with  a  Gauss- 
Seidel  relaxation  in  the  third 
direction.  The  ARA  Euler  '"ultiblock 
method  is  based  on  the  scheme  originally 
proposed  by  Jameson  et  al.,  Ref  2.23.  It 
is  s  finite  volume  scheme  with 
explicitly  added  artificial  dissipation. 
The  mu^ti-stage  -  time-stepping  scheme 
uses  total  enthalpy  acceleration  anu  a 
variable  time  step  supported  by  reni-Mal 
smoothing,  Ref  2.24,  For  test  case  5, 
viscous  effects  were  included  by 
performing  boundary  layer  calculations 
using  resuits  from  the  Euler 
calculations.  Details  of  the  boundary 
layer  method  can  be  found  in  Ref  2.25. 
Ikarus  is  a  three-dimensional  Navier- 
Stokes  code  derived  from  ENSFL2D  which 
is  a  two-d imensional/axisymmet ric  code 
for  the  solution  of  the  Euler  and 
Navier-Stokes  equations.  Both  codes  are 
based  cn  the  finite  volume  spatial 
discretization  and  the  Runge-Kutta  type 
time  integration  presented  by  Jameson  et 
al,  Ref  2.22.  The  solution  method  is 
characterized  by  explicit  artificial 
viscosity,  local  time  stepping,  implicit 
residual  smoothing,  multilevel  grid 
teennique  accompanied  by  multigrid 
strategy  within  each  grid  l^vei .  The 
viscous  terms  in  the  Navier-Stoxes 


equations  are  simulated  in  full  and 
their  thin  layer  approximation.  The 
Baldwin-Lomax  ’ urbulence  model  (with 
modif icationsi  is  used.  Details  for 
ENSFL2D  can  be  found  in  Ref  2.26  and  for 
Ikarus  in  Ref  2.27.  RANSAC  is  a  three 
dimensional,  cell  centered,  finite 
volume,  implicit,  pressure  correction 
method  for  the  solution  of  the  Reynolds 
averaged  Navier-Stokes  equations.  A 
non-staggered  grid  pressure  correction 
algorithm  due  to  Rhie,  Ref  2.28,  is 
employed,  in  which  the  addition  of 
explicit  fourth  order  dissipation  terms 
damp  out  pressure  instabilities  in  the 
momentum  equations.  For  the  momentum 
equations,  the  scheme  enforces  central 
differencing  for  very  slow  flows  and 
upwind  differencing  for  fast  flows.  The 
linearization  of  the  transport  equation 
for  all  the  cells  creates  a  coefficient 
matrix  that  is  septadiagonal .  The 
matrix  inversion  is  performed  by  an 
over-relaxation  black/red  iterative 
matrix  inversion  technique  which  takes 
two  sweeps  through  the  mesh  on  each 
iteration.  For  turbulent  closure  the 
standard  k-e  model  is  used,  Ref  2.29. 
NSFLEX,  Ref  2.30,  is  a  finite  volume 
Navier-Stokes  code  for  subsonic, 
transonic  and  hypersonic  flows  developed 
at  MSB.  its  basir  is  the  Euler  method 
EUFLEX,  Ref  2.31,  for  the  conservative 
Euler  equations.  The  fluxes  at  the  cell 
faces  are  determined  by  a  linear  Riemann 
problem  using  a  nominally  third  order- 
accurate  characteristic  flux 

extrapolation  scheme  of  MUSCL  type.  Ref 
2.32.  At  strong  shocks  the  method 
switches  to  a  modified  flux  vector 
splitting  method.  The  switching  between 
the  two  methods  is  accomplished  by  an 
improved  flux  limiter  of  the  van  Albada 
type.  The  resulting  unfactored 
difference  equations  are  solved  in  their 
implicit  and  time  depending  form  by  a 
point  Gauss-Seidel  method.  The  viscous 
fluxes  are  approximated  by  central 
differences.  The  turbulence  model  is 
that  of  Baldwin-Lomax .  The  code  has  a 
block  and  real  gas  capability. 

3.2.4  PROCESSING  AND  POST- PROCESSING 

The  increased  use  of  CFD  for  intake 
analysis  has  been  made  possible  by  the 
increased  availability,  speed  and 

storage  of  supercomputers.  Central 
computing  facilities,  such  as  the  NAS  at 
NASA  Ames,  have  pioneered  the 

development  of  hardware  required  to 
solve  complex  flow  problems.  Some  ol  the 
new  chip  and  mainframe  architectures  are 
now  being  made  available  on  less  costly 
local  computers.  At  the  same  time,  new 
and  improved  compilers,  operating 
systems,  and  other  forms  of  softwar* 
have  enabled  users  to  take 
advantage  of  the  new  compu 
architectures,  particularly  in  the  area 


of  code  vectorir  '*•  i  on  and 
parallelization.  This  increase  in 
computational  capability  has  spurred  on 
the  development  of  high  speed  graphics 
workstations  for  the  post-procersing  and 
analysis  of  computed  results.  The 
workstation  no'--  provides  the  CFD  user 
with  the  ability  to  visualize  and 
understand  complex  flow  fields  which  was 
not  available  even  five  years  ago. 
Software  packages,  such  as  PL0T3D,  GAS, 
and  FAST,  coupled  to  high  speed 
workstations  are  revolutionizing  the  way 
engineers  will  design  components.  As 
previously  mentioned,  the  generation  of 
suitable  grids  for  CFD  has  been  greatly 
assisted  by  interactive  graphic- 
packages,  such  as  GRIDGEN3D,  which 
operate  on  workstations. 
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3.3  ANALYSIS  0 T  TEST  CASES 

3.3.1  Test  case  1  - 
Transonic  Noiul  shock/ 

Turbulent  Boundary  Layer  Interactions 

3. 3. 1.1  INTRODUCTION 

Flows  around  or  inaidt  high  speed  vehicles 
are  usually  accompanied  by  shocks 
interacting  with  boundary  layers. 
Depending  on  shock  strength  these 
interactions  can  be  the  reason  for 
boundary  layer  separations  that  can 
heavily  degrade  the  perforsance  of  the 
propulsion  svstess  of  the  vehicles.  CfD 
methods  therefore  must  be  able  to  simulate 
these  flow  phenosena  correctly. 

The  ptobles  selected  has  been  used  for 
calculations  before  around  1943  (Ref  3.1.1 
has  been  published  in  1946).  It  was  hoped 
that  in  the  seen  time  progress  in  CFD 
■ethods  made  it  possible  to  give  better 
agreement  between  experiment  and 
computations  than  at  that  tiae. 

3. 3. 1.2  PROBLEM  DESCRIPTION 

The  experiments  for  this  test  case  have 
been  performed  in  a  *two-di»enr.ional* 
tunnel  tne  sain  features  of  which  are 
given  in  rig  3.1.1.  All  tests  were 
performed  at  tne  sons'  freestrea* 
conditions  p, ,  -  96  kPa  and 
Tt  „  -  300*  K-  For  the  fornation  of  the 
shock  interchangeable  bunps  are  »ounted  on 
the  upper  and  lower  wall  of  the 
rectaroular  test  section.  The  position  of 
the  shock  on  these  bumps  is  determined  by 
the  adjustable  second  throat  downstream  of 
the  test  section,  flow  variables  at  three 
different  nominal  Mach  numbers  at  the 
shock  of  Na  -  1.3  (called  test  case  1.1}, 
1.45  (called  test  case  1.2),  and  1.37 
(called  test  case  1.3)  due  to  three 
differently  shaped  inserts  had  been 
measured  by  a  two-color  laser  vel ocimeter . 
The  flows  depicted  small  to  large 
separation  respectively  at  the  foot  of  the 
shock  inside  the  boundary  layer.  The 
boundary  layer  is  considered  turbulent 
without  any  information  from  experiment 
about  transition.  The  tunnel  wall  is 
assumed  to  be  adiabatic. 

The  test  data  available  from  the 
experiments  are  the  mean  velocities,  the 
mean  Reynolds  stress  tensor  components, 
the  kinetic  energy  (assuming  that  w>  - 
(u*+vl)/2  ),  turbulent  shear  stress 
profiles  and  static  wall  pressures.  The 
experiments  can  be  considered 
two-dimensional  for  the  small  and 
moderately  separated  case.  The  case  with 
larger  separation  showed  a  "rather  strong 
distortion  of  the  reattachment  line"  (Ref 
3.1.2).  So  for  this  case  three-dimensional 
calculations  would  have  been  appropriate. 

Total  pressure  and  total  temperature  are 
known  from  experiment  and  can  be  used  at 
the  entrance  boundary  condition  for  the 
calculations.  Unfortunately  the  dimensions 
of  the  second  throat  downstream  of  tha 
test  section  are  not  known.  It  was 
therefore  recommended  to  use  the  static 
wall  pressure  measured  during  experiment 
at  the  exit  boundary  of  the  computational 
domain.  The  consequence  of  this  is  that 
the  calculations  had  to  be  repeated  with 
different  exit  pressures  until  the  shock 


locstion  of  the  celculstion  agreed  with 
that  of  the  experiment. 

Details  of  the  experiments  can  be  found  in 
Refa  3.1.3  to  3.I.S. 


3. 3. 1.3  CfD  TECHNIQUES 

This  test  cate  was  attempted  by  two 
different  research  groups  (tee  table  3.2.1 
in  section  3.2).  Both  used  two-dimensional 
code  versions  for  their  calculations  which 
solved  the  Navier-Stoket  equations.  The 
Sverdrup  Tenn.  group  uted  the  RARC2D  code 
in  which  the  algebraic  Baldwin/Lomax 
turbulence  model  ie  incorporated.  The 
result*  are  designated  (NS2)  in  the 
figure*.  The  grid  contained  9050  grid 
points  with  approximately  fifty  grid  lines 
within  the  boundary  layer.  The  flow  case 
with  large  separation  (test  cate  1.3)  hat 
not  been  calculated. 

The  group  from  RBB  used  their  NSFLEX  code 
together  with  the  haltfwin/Lomax  turbulence 
model.  The  calculations  were  performed 
assuming  turbulent  flow  in  all  boundary 
layers.  The  result*  are  designated  (NS1) 
in  the  figures.  Because  the  geometry  for 
test  cases  1.1  and  1.2  is  symmetric  only 
half  of  the  actual  flow  field  wet 
simulated  with  a  symmetry  boundary 
condition  on  the  center  line.  For  test 
esse  1.3  (one-*  Ted  bump)  the  complete 
flow  field  had  to  be  simulated.  The  grid 
for  test  case  1.1  had  209  points  in  flow 
direction  and  50  points  normal  to  it. 
Results  (i.e.  static  wall  pressures,  mean 
velocity  profiles,  Reynolds  stress 
profiles  and  Itolines  of  Nach  number)  with 
a  grid  with  twice  the  number  of  points 
normal  to  the  flow  and  a  higher  grid 
refinement  at  the  wall  agreed  with  those 
from  the  coarser  grid-  However,  in  order 
to  reach  the  same  shock  location  with  the 
fine  grid  a  reduction  of  the  exit  static 
pressure  (from  p/Pt,  "  0.6739  to  p/pt 0  * 
0.6527)  was  necessary  (Ref  3.1.6).  For 
test  case  1.2  a  grid  vith  236*50  points 
for  the  half-model  was  used.  The  increase 
of  points  in  flow  direction  (compared  with 
test  case  1.1)  was  considered  necessary  to 
be  able  to  better  resolve  the  separation 
region  existing.  The  flow  of  test  case  1.3 
was  calculated  with  a  grid  of  239*100  and 
239*200  points,  i.e.  with  the  same  grid 
resolution  as  the  other  test  cases  and 
again  the  same  results  tor  both  grids.  For 
a  converged  solution  about  20000 
iteration*  were  necessary  for  test  cases 
1.1.  and  1.3.  Test  case  1.2  was  converged 
after  approximately  30000  iterations.  The 
computations  required  8.0*10"'  seconds  per 
grid  point  and  iteration  on  a  SIEMENS 
VP200  vectorcoaputor. 


3. 3. 1.4  RESULTS 

3. 3. 1.4.1  Tost  Case  1.1  -  M  -  1.3 

Static  Nall  Pressure  Distributions 

rigs.  3.1.2  and  3.1.3  show  a  coaparison  of 
the  computed  and  experimental  static  wal* 
pressure  distribution*  (scaled  by  the 
tunnel  total  pressure  pt()  along  the  lower 
and  upper  wall  respectively.  (The 
coordinate  X  along  the  tunnel  wall  is 
scaled  by  the  tunnel  height  h,  -  0.1  a). 
Experimental  data  is  shown  by  the  symbol 
while  the  analysis  are  shown  by  different 
style  lines.  The  static  pressure  is 
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plotted  as  a  function  of  the  coordinate  X 
along  the  tunnel  axis.  As  can  be  seen  the 
shock  standing  at  the  downstream  end  of 
the  tunnel  wall  insert  spans  the  whole 
tunnel  width  with  the  same  x-station  at 
the  lower  and  upper  tunnel  wall.  The 
static  pressure  distribution  ahead  of  the 
shock  compares  well  between  both  solutions 
NS1  and  NS2  and  experiment.  Whereas  in  the 
solution  NSl  the  foot  of  the  shock  is 
nearly  exactly  at  the  same  X-station  as  in 
the  experiment  in  solution  NS2  the  shock 
foot  is  slightly  ahead  of  the  experimental 
one.  This  is  somewhat  surprising  because 
solution  NS2  shows  a  lower  static  pressure 
at  the  exit  of  the  test  section  (at 
X/h,-3.5)  than  solution  NSl.  From  this 
pressure  difference  one  woulu  expect  quite 
the  opposite  in  shock  location  between  NSl 
and  NS2.  The  pressure  behind  the  shock 
(between  X/ht-1.6  to  2.1)  is  overpredicted 
by  both  calculation  methods. 

Mean  Velocity  Profile 

Here  only  a  selection  of  mean  velocity 
profiles  (scaled  by  0,..,  »  386  m/sec  - 

from  experiment)  at  five  X-stations  is 
shown  in  Figs.  3.1.4  to  3.1.8;  figures 
supplementary  to  the  ones  shown  in  this 
section  can  be  found  in  Appendix  3.3.1.  At 
the  station  iust  ir  front  of  the  shock 
(X/h,-1.4)  solution  NSl  underpredicts  the 
velocities  whereas  NS2  tear  the  wall 
underpredicts  and  above  that  layer 
slightly  overpredicts  the  velocities.  This 
situation  changes  inside  the  shock 
(rigs.  3.1.5  and  3.1.6)  in  that  now  both 
solutions  underpredict  the  velocities  by  a 
noticeable  amount.  That  solution  NSl  even 
produced  negative  velocities  can  be  seen 
in  Fig.  3.1.6.  A  separation  of  this  small 
size  could  not  be  recognized  in  the 
measured  data  due  to  the  larger  distance 
of  the  first  measuring  point  above  the 
wall.  The  differences  between  calculations 
and  experiment  become  smaller  further 
downstream  (Fig.  3.1.7).  This  figure  also 
indicates  differences  in  the  laminar 
sublayer  where  the  experiment  depicts  a 
fuller  velocity  profile  than  the 
calculation.  Solution  NS2  agrees  better 
with  the  "free-stream"  velocity  which  is 
underpredicted  by  NSl  (Fig.  3.1.8).  This 
is  in  agreement  with  the  static  pressure 
difference  at  the  exit  of  the  test 
section.  However,  the  boundary  layer 
profile  is  fuller  in  solution  NSl  and 
closer  to  experiment  near  the  wall  than  in 
solution  NS2  (Fig.  3.1.8). 


Shear  Stress  Profiles 

Shear  stress  data  have  been  supplied  for 
solution  NSl  only.  They  are  plotted  in 
Figs.  3.1.9  to  3.1.13.  for  the  same 
X-stations  as  the  velocity  profiles.  Near 
the  wall  the  Reynolds  stress  in  the 
calculations  is  generally  smaller  than  in 
experiment.  The  calculation  delivers  e 
maximum  whose  magnitude  is  lower  in  the 
upstream  part,  becomes  higher  inside  the 
shock  and  reduces  to  values  again  that  are 
smaller  than  that  of  the  experiment.  The 
distance  of  the  maximum  from  the  wall  is 
larger  in  solution  NSl  than  in  the 
experiment  around  the  downstream  side  of 
the  shock.  Upstream  and  downstream  of  this 
area  there  is  a  good  agreement  in  this 
variable.  Figs.  3.1.12  and  3.1.13  seem  to 
indicate  some  small  scatter  in  the 
measurements  closest  to  the  wall. 


CFD  Flow  Field 

One  variable  to  check  the  quality  of  a 
calculated  intake  flow  is  the  variation  of 
mass  flow  along  the  duct  center  line.  For 
the  solution  NSl  this  mass  flow  variation 
is  plotted  in  Fig.  3.1.14.  It  can  be  seen 
that  except  in  the  shock  region  the  mass 
flow  in  the  test  section  does  deviate  from 
the  mass  flow  entering  the  intake  on  the 
left  by  less  than  0.1  percent.  Figures 
showing  lines  of  constant  Mach  numbers  and 
pressure  coefficient  for  solution  NSl  can 
be  found  in  the  microfiche. 

3. 3. 1.4. 2  Test  Case  1.2  -  N  -  1.45 

Static  Wall  Pressure  Distributions 

Figs.  3.1.15  and  3.1.16  show  a  comparison 
of  the  computed  and  experimental  static 
wall  pressure  distributions  (scaled  by  the 
tunnel  total  pressure  pt0)  along  the  lower 
and  upper  wall,  respectively.  (The 
coordinate  X  along  the  tunnel  wall  is 
scaled  by  the  tunnel  height  ht  -  0.1  m). 
Experimental  data  is  shown  by  the  symbol 
while  the  analysis  are  shown  by  different 
style  lines.  The  static  pressure  is 
plotted  as  a  function  of  the  coordinate  X 
along  the  tunnel  axis,  as  can  be  seen  the 
shock  standing  at  the  downstream  end  of 
cha  tunnel  wall  insert  spans  the  whole 
tunnel  width  with  the  same  X-station  at 
the  lower  and  upper  tunnel  wall.  The 
static  pressure  distribution  ahead  of  the 
shock  compares  well  between  both  solutions 
NSl  and  NS2  and  experiment,  whereas  in  the 
solution  NSl  the  foot  of  the  shock  is 
nearly  exactly  at  the  same  X-station  as  in 
the  experiment  in  solution  NS2  the  shock 
foot  is  slightly  ahead  of  the  experimental 
one.  This  shock  location  difference  is  to 
be  expected  from  the  difference  of  the 
static  pressures  between  the  two  solutions 
at  the  exit  of  the  test  section  where  the 
pressure  of  NSl  is  higher  than  that  of 
NS2 .  The  pressure  behind  the  shock 
indicates  the  beginning  of  a  plateau  which 
is  to  be  expected  in  a  flow  just  starting 
to  separate.  The  pressure  in  this  area  is 
overpredicted  by  both  calculation  methods. 
NSl  exhibits  a  distinctive  and  longer 
plateau  whereas  NS2  seems  to  possess  a 
shorter  plateau  than  the  experiment.  After 
the  separation  region  the  pressure  in  NSl 
is  smaller  than  that  of  the  experiment. 
Its  positive  slope  indicates  a  steadily 
decelerated  flow  down  to  the  intake  exit. 
The  pressure  of  solution  NS2  behind  the 
shock  is  larger  than  that  of  experiment 
but  it  is  leveling  off  similar  to  the 
experiment.  For  X/h,  larger  than  about  3.5 
both  flows  i.e.  that  of  the  experiment  and 
of  solution  NS2  are  no  longer  accelerated 
by  the  static  pressure  which  is  in 
contrast  to  solution  NSl. 


Mean  Velocity  Profiles 

Here  only  a  selection  of  mean  velocity 
profiles  (scaled  by  0,.,,  -  418  m/sec  - 

from  experiment)  at  five  x-stations  is 
shown  in  Figs.  3.1.17  to  3.1.21;  figures 
supplementary  to  the  ones  shown  in  this 
section  can  be  found  in  Appendix  3.3.1. 
All  velocities  are  scaled  by  the  maximum 
velocity  taken  from  experiment.  At  the 
station  in  front  of  the  shock  (see  Fig. 
3.1.17  -  X/ht»1.6)  solution  NSl  under- 
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predicts  the  velocities  even  showing 
negative  velocities,  i.e.  separation,  near 
the  wal 1 . Solution  NS2  near  the  wall  does 
not  produce  negative  velocities  and 
overpredicts  the  velocities  above  the 
"wall  layer".  The  measurements  are  not 
close  enough  to  the  wall  to  recognize 
separation.  This  situation  changes  closer 
and  inside  the  shock  (Figs.  3.1.18  and 
3.1.19)  in  that  now  both  solutions 
underpredict  the  velocities  by  a 
noticeable  amount.  The  separation  bubble 
in  solution  NS1  is  steadily  growing. 
Separation  is  indicated  in  solution  NS2  at 
X/ht "1.95  and  X/ht-2.0.  Negative 
velocities  are  reported  from  experiment  at 
X/h, -2.0  only.  The  differ-nces  between 
calculations  and  experiment  become  smaller 
further  downstream  (Fig.  3.1.21).  Solution 
NS2  agrees  better  with  the  "f ree-stream" 
velocity  which  is  underpredi-.ed  by  NS1 
(Fig.  3.1.21).  The  boundary  layer  profile 
is  fuller  in  solution  NS2  and  somewhat 
closer  to  experiment  near  the  wall  than  in 
solution  NS1  which  still  shows  negative 
velocities  (Fig.  3.1.21). 

Shear  Stress  Profiles 

Shear  stress  data  have  been  supplied  for 
solution  NS1  only.  Representative  plots 
are  given  -o  Figs.  3.1.22  and  3.1.23.  In 
Appendix  3.3.1  the  plots  at  the  other 
X-stations  can  be  found.  Near  the  wall  the 
Reynolds  stress  in  the  calculations  is 
generally  smaller  than  in  experiment.  In 
front  and  inside  the  shock  the  calculated 
maximum  in  the  Reynold  stress  is 
underpcedicted  and  the  distance  from  the 
wall  where  this  maximum  occurs  is  much 
larger  than  in  the  experiment  (Fig. 
3.1.22).  Downstream  of  X/ht»2.0  this 
distance  from  the  wall  of  this  maximum 
comes  nearer  to  experimental  one,  however 
the  magnitude  of  the  Reynolds  stress  is 
still  underpredicted  (Fig.  3.1.23).  This 
figure  also  shows  that  the  boundary  layer 
of  solution  NS1  is  much  thinner  than  that 
of  the  experiment  (see  also  Fig.  3.1.21). 

CFD  Flow  Field 

For  the  solution  NS1  the  mass  flow 
variation  in  the  intake  duct  is  piotted  in 
Fig.  3.1.24.  It  can  be  seen  that  except  in 
the  shock  region  the  mass  flow  in  the  test 
section  does  deviate  from  the  mass  flow 
entering  the  intake  on  the  left  by  less 
than  0.1  percent.  Figures  showing  lines  of 
constant  Mach  numbers  and  pressure 
coefficient  for  solution  NS1  can  be  found 
in  the  microfiche. 


3. 3. 1.4. 3  Test  Case  1.3  -  M  -  1.37 

Static  Wall  Pressure  Distributions 

F'gs.  3. 1.2.8  and  3.1.26  show  a  comparison 
of  the  computed  and  experimental  static 
wall  pressure  distributions  (scaled  by  the 
tunnel  total  pressure  pt „ )  along  the  lower 
and  upper  wall,  respectively.  (The 
coordinate  x  along  the  tunnel  wall  is 
scaled  by  the  tunnel  height 
ht  -  0.096  m) .  Experimental  data  is  shown 
by  the  symbol  while  solution  NS1  is  shown 
by  a  solid  line.  The  static  pressure  is 
plotted  as  a  function  of  the  coordinate  x 
along  the  tunnel  axis.  As  can  be  seen  the 
shock  standing  at  the  downstream  end  of 
the  tunnel  wall  insert  spans  the  whole 


tunnel  width.  Because  the  insert  in  the 
tunnel  is  one-sided  only  the  foot  of  the 
shock  at  the  lower  wall  is  more  upstream 
than  at  the  upper  tunnel  wall.  The  static 
pressure  distribution  ahead  of  the  shock 
compares  quite  well  between  the 
calculation  and  the  experiment.  The 
pressure  on  the  lower  wall  indicates  the 
typical  separation  plateau  both  in 
experimental  data  and  in  the  calculation 
(Fig.  3.1.25).  However,  the  calculation 
overpredicts  the  plateau  pressure.  Between 
stations  X/ht-3.2  and  4.2  the  calculated 
pressure  on  the  lower  wall  is  smaller  than 
the  measured  one.  For  X/ht  larger  than  4.2 
the  measured  pressure  drops  considerably 
below  the  calculated  one  indicating  a 
strong  local  acceleration  of  the  flow 
which  is  much  smaller  in  the  calculation. 
The  static  pressure  on  the  upper  wall 
(without  separation?)  agrees  with  that  of 
the  experiment  (Fig.  3.1.26). 


Mean  Velocity  Profiles 

Here  only  a  selection  of  mean  velocity 
profiles  (scaled  by  U.«,K  -  403  m/sec  - 

from  experiment)  at  five  X-stations  is 
shown  in  Figs.  3.1.27  to  3.1.30;  figures 
supplementary  to  the  ones  shown  in  this 
section  can  be  found  in  Appendix  3.3.1. 
All  velocities  are  scaled  by  the  maximum 
velocity  taken  from  experiment.  The 
lateral  extent  of  the  separation  bubble  is 
overnredicted  by  NS1  for  X/ht  less  than 
2.865  and  underpredicted  downstream  of 

that  station.  The  "inviscid"  core  velocity 
is  underpredicted  in  the  whole  flow  field. 
The  most  downstream  point  of  the 
separation  bubble  at  about  X/ht-3.385 
agrees  between  calculation  and  experiment 
(see  figure  in  Appendix  3.3.1).  The 
boundary  layer  thickness  is  underpredicted 
by  NS1  for  X/ht  larger  than  2.969. 

Shear  Stress  Profiles 

Representative  plots  are  given  in 
Figs.  3.1.31  to  3.1.34.  In  Appendix  3.3.1 
the  plots  at  the  other  x-stations  can  be 
found.  Near  the  v-1)  the  Reynolds  stress 
in  the  calculations  is  generally  smaller 
than  in  the  experiment.  At  the  beginning 
of  the  shock  the  calculated  maximum  in  the 
Reynolds  stress  is  underpredicted  and  the 
distance  from  the  wall  where  this  maximum 
occurs  is  larger  than  in  the  experiment 
(Fig.  3.1.31).  Downstream  of  X/h,-2.917 
the  distance  from  the  wall  of  this  maximum 
is  smaller  in  the  calculation  than  in 
experiment.  The  magnitude  of  this  maximum 
is  underpredicted  always.  Relaxation  of 
the  turbulence,  i.e.  reduction  of  the 
maximum  of  the  Reynolds  stress,  becomes 
noticeable  in  the  experiment  downstream  of 
X/h,-3.385.  In  the  calculation  the 
relaxation  is  negligible  due  to  either  the 
pressure  gradient  or  to  the  turbulence 
model . 


CFL  Flow  Field 

For  the  solution  NS1  the  mass  flow 
variation  along  the  duct  center  line  is 
plotted  in  Fig.  3.1.35.  It  can  be  seen 
that  except  in  the  shock  region  the  mass 
flow  in  the  test  section  does  deviate  from 
the  mass  flow  entering  the  intake  on  the 
left  by  less  than  0.1  percent.  Figures 
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showing  lines  of  constant  Mac-h  numbers  and 
pressure  coefficient  for  solution  NS1  can 
be  found  in  the  microfiche. 


3. 3. 1.5  CONCLUSIONS 

Both  methods  applied  used  the 
Baldwin/Lomax  turbulence  model.  It  is 
known  that  this  model  is  not  very  good  for 
flows  with  separation.  This  general 
statement  can  be  made  for  the  flows 
analysed  in  this  test  case  too. 
Unfortunately,  from  the  fact  that  no 
calculation  results  with  an  alternate 
turbulence  model  have  been  presented,  it 
can  not  be  deduced  that  no  better  model 
exists.  Definitely  it  is  very  badly 
needed. 

On  the  other  hand  there  are  questions  also 
for  the  experimental  people.  CFD  needs 
detailed  data  on  the  boundaries  of  the 
computational  domain,  in  this  case  at  the 
entrance  and  exit  of  the  test  section. 
These  data  have  not  been  collected  for  the 
flows  considered.  It  would  be  worthwhile 
to  repeat  those  tests  and  gather  all  the 
data  needed  for  a  more  detaiiea  comparison 
than  was  possible  here.  The  question  of 
the  accuracy  of  the  test  data  should  also 
be  raised.  Raising  this  question  does  not 
mean  that  the  data  presented  here  are  in 
doubt.  But  in  a  future  effort,  i.e.  future 
comparison,  the  dependency  of  the  measured 
data  on,  for  example,  particle  size  or 
laser  power  should  be  investigated.  It 
should  also  be  determined  how  close  to  the 
wall  the  measuring  technique  selected  does 
deliver  correct  data. 
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FIG.  3.1.3  TEST  CASE  1.1:  STATIC  WALL  PRESSURE  ON  UPPER  TUNNEL  WALL 


FIG.  3.1.4 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.1 


FIG.  3.1.5 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.1 
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FIG.  3.1.6 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.1 
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FIG.  3.1.7 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.1 


FIG.  3.1.8 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.1 


FIG,  3,1.9 

SHEAR  STRESS  PROFILES 
TEST  CASE  1.1 


FIG.  3.1.10 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.1 


FIG.  3.1.11 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.1 
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FIG.  3.1.12 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.1 


FIG.  3.1.13 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.1 
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FIG.  3.1.14  TEST  CASE  1.1:  MASS  FLOW  LOSS  ALONG  DUCT  IN  SOLUTION  NS1 
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FIG.  3.1.15  TEST  CASE  1.2:  STATIC  WALL  PRESSURE  ON  LOWER  TUNNEL  WALL 
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FIG.  3.1.16  TEST  CASE  1.2:  STATIC  WALL  PRESSURE  nN  UPPER  TUNNEL  WALL 
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FIG.  3.1.17 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.2 


FIG.  3.1.18 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.2 
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FIG.  3.1.19 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.2 


FIG.  3.1.20 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.2 


FIG.  3.1.21 

MEAN  VELOCITY  PROFILES 
TEST  CASE  1.2 
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FIG.  3.1.22 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.2 
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SHEAR  STRESS  PROFILES 

TEST  CASE  1.2 
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FIG.  3.1.25  TEST  CASE  1.3:  STATIC  WALL  PRESSURE  ON  LOWER  TUNNEL  WALL 
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FIG.  3.1.26  TEST  CASE  1.3:  STATIC  WALL  PRESSURE  ON  UPPER  TUNNEL  WALL 
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SHEAR  STRESS  PROFILES 

TEST  CASE  1.3 


FIG.  3.1.32 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.3 


FIG.  3.1.33 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.3 


FIG.  3.1.34 

SHEAR  STRESS  PROFILES 

TEST  CASE  1.3 
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AGARD  WG  13,  Test  Case  1.2  AGARD  WG  13,  Test  Case  1.2 
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3.3.2  Test  Case  2  - 

Glancing  Shock/Boundary  Layer 

Interaction 

3. 3. 2.1  INTRODUCTION 

The  assessment  of  the  ability  of 
computational  fluid  dynamics  (CFD)  to 
accurately  model  Intake  flow  fields  is 
being  conducted  in  a  two  step  process. 
First,  the  ability  of  the  codes  to  model 
simple  flow  fields  which  highlight  only 
one  basic  flow  mechanism  will  be 
assessed.  Second,  the  ability  of  the 
codes  to  model  actual  intake  flow  fields 
with  all  of  its  complexity  will  be 
assessed.  This  initial  assessment  of 
codes  for  basic  flow  mechanisms  is 
required  because  full  component  tests  do 
not  typically  hatte  the  large  quantities 
of  data  necessary  to  resolve  all  the 
features  in  Che  flow  field.  There  are 
often  interactions  between  basic  flow 
mechanisms  in  full  configurations  which 
make  interpretation  of  the  results  more 
difficult  than  with  a  single 
interaction.  With  this  in  mind.  Test 
Case  2  has.  been  chosen  to  assess  the 
ability  of  CFD  codes  to  model  a  single, 
three-dimensional  shock  wave/boundary 
layer  interaction  which  often  occurs  in 
nigh  speed  rectangular  intakes.  The 
perspective  here  is  not  to  do  a  detailed 
study  of  this  interaction;  this  and 
other  shock  wave-boundary  layer 
interactions  have  previously  been  the 
subject  of  AGARD  studies.  Ref  3.2.1. 
The  purpose  of  this  study  is  to  asses 
the  accuracy  of  CFD  codes  which  are 
designed  for  full  intake  modeling  by 
testing  their  ability  to  model  a  single 
flow  phenomenon. 

3. 3. 2. 2  PROBLEM  DESCRIPTION 

The  problem  to  be  considered  is 
geometrically  simple;  a  ten  degree  wedge 
is  mounted  on  a  fiat  plate  which  extends 
upstream  of  tne  wedge  leading  edge.  A 
supersonic  freestream  flow  sweeps  along 
the  plate  and  strikes  the  wedge.  The 
shock  wave  generated  by  the  wedge 
interacts  with  the  boundary  layer  formed 
on  the  plate  to  produce  a  highly  three- 
dimensional  supersonic  flow  field.  This 
type  of  interaction  occurs  in  high 
speed  intakes  when  the  oblique  shock 
wave,  formed  by  a  compression  wedge 
interacts  with  the  boundary  layer  formed 
on  a  sidewall,  as  discussed  in  Section 
2*4.5.  The  glancing  shock/boundary 
layer  interaction  has  been  studied  by 
numerous  authors  both  experimentally  and 
analytically,  Refs.  3.2.1  through  3.2.5. 
The  particular  flow  field  to  be  modeled 
in  this  study  has  been  experimentally 
investigated  by  Oskam,  Vas  and 
Bogdonoff,  Ref  3.2.2.  Fig.  3,2.1. 
presents  a  schematic  diagram  of  their 
wind  tunnel  test  section  showing  the 


FIG  3.2.1  SCHEMATIC  DRAWING  OF 
GLANCING  SHOCK/BOUNDARY  LAYER 
INTERACTION  TEST  GEOMETRY. 


location  of  the  shock  generating  wedge, 
the  flat  plate  and  the  incident  and 
reflected  shock  waves.  In  this  study, 
the  nominal  Mach  number  upstream  of  the 
wedge  was  2.94  at  a  Reynolds  number  of 
1.76  E6 . 

Various  models  of  this  interaction  have 
been  proposed,  although  all  of  them 
contain  the  following  features.  In  the 
inviscid  core  region,  away  from  the 
plate  and  wedge  boundary  layers,  the 
high  energy  fluid  is  turned  parallel  to 
the  wedge  surface.  In  the  viscous 
region  near  the  plate,  the  low  energy 
fluid  is  turned  much  more  than  the  wedge 
angle,  nearly  following  the  shock  wave 
angle.  In  the  lowest  portion  of  the 
plate  boundary  layer,  this  turning 
occurs  upstream  of  the  inviscid  shock 
location.  A  strong  secondary  flow  is 
present  in  the  viscous  region  with  fluid 
moving  along  the  plate  from  the  wedge 
toward  the  shock  wave.  This  cross  flow 
near  the  plate  causes  the  plate  boundary 
layer  to  thicken  in  the  vicinity  of  the 
shock  and  to  thin  down  near  the  wedge. 
Previous  computational  models  of  this 
flow  field.  Refs  3.2.6  through  3.2.7 
have  indicated  a  vortex-like  swirling  of 
the  flow  near  the  plate  and  slightly 
downstream  of  the  shock  wave.  Surface 
oil  flows  and  static  pressure 
distributions  on  the  plate,  downstream 
of  the  shock  wave  show  a  nearly  conical 
flow  distribution. 

There  were  three  principal  types  of  data 
taken  in  the  experiment.  Surface  static 
pressures  were  measured  along  the  plate 
across  the  shock  wave  at  a  variety  of 
distances  from  the  wedge  leading  edge. 
Additionally,  a  traversing  nulling  pitot 
probe  was  used  to  determine  both  pitot 
pressure  and  flow  yaw  angle  at  selected 
locations  through  the  interaction.  The 
yaw  angle  was  measured  in  a  plane 
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parallel  to  the  flat  plate.  Comparisons 
will  be  made  between  the  results  of 
calculations  and  these  measurements. 
All  of  the  comparisons  for  this  case  are 
presented  in  appendix  3.3.2. 

3. 3. 2. 3  CFD  TECHN  QUES 

This  test  case  was  attempted  by  five 
different  research  groups  as  noted  in 
Table  3.2.1  in  section  3.2.  The 
analyses  techniques  included  Reynolds- 
Averaged  Navier-Stokes  (NS)  and 
Parabolized  Navier-Stokes  (PNS) .  The  NS 
analysis  included  three  different 
versions  of  Beam-Warming  solvers.  The 
General  Dynamics  group  used  the  HAWK3D 
code  with  a  k-kl  turbulence  model, 
designated  (MSI)  for  comparison 
purposes,  while  the  groups  from 
Sverdrup-AEDC  and  Sverdrup-LERC  used 
the  PARC3D  code  with  a  Baldwin-Lomax 
turbulence  model,  designated  (NS3)  and 
(NS4)  for  comparisons.  The  group  from 
ONERA,  designated  (NS2) ,  used  an 
explicit  Lax-Wendroff  solver  with  a 
Michel  algebraic  turbulence  model  The 
PNS  analysis  was  performed  at  NASA-Lewis 
using  the  PEPSIS  code,  a  Briley-McDonald 
single  sweep  LB  I  solver  with  a 
McDonald-Camarata  mixing  length 
turbulence  model.  Details  of  the  various 
analyses  are  to  be  found  in  the 
microfiche  supplement  of  this  report. 

3. 3. 2. 4  RESULTS 

Static  Pressure  Distributions 

Figs.  3.2.2  and  3.2.3  show  a  comparison 
of  the  computed  and  experimental  static 
pressure  distributions  on  the  plate  at 
two  different  locations.  Experimental 
data  is  shown  by  the  symbols  while  the 
various  analyses  are  shown  by  different 
style  lines.  The  static  pressure 
distribution  on  the  plate  is  shown  as  a 
function  of  distance  from  the  wedge  at  a 
specified  distance  from  the  wedge 
leading  edge.  Fig.  3.2.2  is  located  at 
5.1  inches  from  the  leading  edge  of  the 
wedge.  Considering  the  figure  from 
right  to  left,  the  pressure  is  seen  to 
increase  from  a  free  stream  value  of  one 
to  a  value  of  nearly  two  at  the  wedge 
surface.  The  pressure  increase  is  not 
abrupt,  as  one  would  expect  across  a 
shock  wave,  but  is  seen  to  be  a  gradual, 
distributed  increase  to  the  wedge.  A 
more  careful  examination  shows  that  the 
initial  increase  in  the  pressure  occurs 
upstream,  to  the  right,  of  the  shock 
wave.  The  pressure  then  reaches  a 
plateau  value  in  the  vicinity  of  the 
shock  and  increases  again  downstream  of 
the  shock  towards  the  wedge  surface. 
Considering  the  CFD  results,  we  see 
that,  in  general,  both  NS  and  PNS 


FIG  3.2.2  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  WALL  STATIC 
PRESSURE  DISTRIBUTION  AT  X=5 . 1 
INCHES. 


calculations  have  qualitatively  modeled 
this  pressure  variation.  The  NS1 
solution  has  correctly  predicted  the 
upstream  influence,  the  location  and 
strength  of  the  plateau,  and  the 
increase  into  the  wedge.  The  NS2 
solution  does  an  excellent  job  in  the 
plateau  and  near  wedge  region,  but 
slightly  overpredicts  the  upstream 
influence  of  the  interaction.  The  PNS 
solution  has  correctly  predicted  the 
upstream  influence  while  overpredicting 
the  pressure  levels  downstream  of  the 
shock.  The  NS3  solution,  while  slightly 
underpredicting  the  upstream  influence, 
has  accentuated  the  plateau  region  near 
the  shock  wave.  The  NS4  solution  has 
greatly  underpredicted  the  upstream 
influence  and  has  missed  the  pressure 
plateau.  A  similar  pattern  is  seen 
farther  downstream  at  X=9.1  as  shown  in 
Fig.  3.2.3.  The  shock  has  moved  farther 
from  the  wedge  surface  at  the  left  and 
the  entire  interaction  has  moved  towards 
the  right.  The  experimental  data  does 
not  extend  upstream  far  enough  to  allow 
detailed  comparisons.  Once  again,  the 
NS1  and  NS2  analyses  very  closely 
predict  the  experimental  results,  the 
PNS  analysis  overpredicts  the  plateau 
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FIG  3.2.3  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  WALL  STATIC 
PRESSURE  DISTRIBUTION  AT  X=9 . 1 
INCHES. 


region  and  the  NS3  calculation  has 
overaccentuated  the  formation  of  the 
plateau.  The  NS4  analysis  continues  to 
miss  the  upstream  influence  and  the 
pressure  plateau. 

Pitot  Profiles 

Figs.  3.3.4  and  3.2.5  show  comparison  of 
CFD  results  and  experimentally  measured 
pitot  profiles  in  the  glancing 
shock/boundary  layer  interaction.  These 
profiles  were  picked  as  representative 
of  the  CFD  results;  all  of  the 
comparisons  are  given  in  Appendix  3.3.2. 
As  with  the  previous  pressure  plots,  the 
experimental  data  is  given  by  the 
symbols  while  the  various  style  lines 
depict  the  CFD  results.  Fig.  3.2.4 
shows  a  pitot  profile  normal  to  the 
plate  and  located  3.6  inches  from  the 
wedge  leading  edge  and  2.9  inches  from 
the  corner  formed  by  plate  and  the 
wedge.  This  rake  location  is  upstream 
of  the  inviscid  shock  location  and 
represents  an  inflow  condition  to  the 
interaction.  The  flow  calculations  were 
to  begin  near  the  wedge  leading  edge, 
and  therefore  this  rake  location  will 
test  the  codes  ability  to  hold  a 
prescribed,  incoming,  turbulent  boundary 
layer  profile.  Considering  the  curve 
from  left  to  right,  the  value  of  pitot 
pressure  i3  given  along  the  horizontal 
axis  with  increasing  distance  from  the 
plate  along  the  vertical  axis.  This 


FIG  3.2.4  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  PITOT  PRESSURE 
DISTRIBUTION  AT  X=3 . 6  AND  Y=2 . 9 
INCHES. 


orientation  of  the  curves  was  chosen  to 
be  consistent  with  the  data  reports. 
The  flattened  profile  is  typical  of  a 
turbulent  flat  plate  boundary  layer. 
Considering  the  CFD  results,  we  see  that 
all  five  analyses  agree  fairly  well  wi--h 
the  data,  although  all  of  the  analyses, 
except  the  NS2,  are  slightly 

overpredicting  the  boundary  layer 
thicxr.ess.  The  NS1  analysis  most 
correctly  models  the  external  flow,  to 
the  right,  while  maintaining  the 
turbulent  boundary  layer  profile.  The 
NS2  analysis  maintains  a  turbulent 
profile  with  the  correct  boundary  layer 
thickness.  The  PNS  analysis  has  also 
maintained  the  turbulent  boundary  layer 
shape,  yet  is  overpredicting  the 
thickness  of  the  boundary  layer.  The 
NS3  analysis  is  also  overpredicting 
boundary  layer  thickness,  although  its 
shape  has  become  more  like  a  rounded 
laminar  profile.  The  NS4  analysis  nas  a 
non-physical  oscillation  in  the  profile 
near  the  wall  and  overshoots  the  free- 
stream  pitot  pressure  near  the  boundary 
layer  edge.  Both  of  the  features  may  be 
symptoms  of  turbulence  model  problems . 
Fig.  3.2.5  shows  a  pitot  profile  normal 
to  the  plate  and  located  7.1  inches  from 
the  wedge  leading  edge  and  .75  inches 
from  the  corner  formed  by  piate  and  the 
wedge.  This  rake  location  is  far 
downstream  of  the  inviscid  shock 
location  and  represents  an  outflow 
condition  from  the  interaction.  This 
profile  is  somewhat  similar  to  a 
turbulent  boundary  layer  profile,  except 
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FIG  3.2.5  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  PITOT  PRESSURE 
DISTRIBUTION  AT  X=7 . 1  AND  Y=0.75 
INCHES . 


near  the  wall,  at  the  left.  The  near¬ 
horizontal  portion  of  this  curve 
resembles  boundary  lay°r  profiles  in  tt_ 
vicinity  of  flow  separation. 
Considering  the  CFD  results,  we  see  that 
the  NS1,  NS2  and  NS4  analyses  have 
predicted  this  feature,  with  the  NS4 
analysis  overpredicting  the  pressure 
level  and  the  NS1  analysis  smoothing  the 
feature  somewhat.  The  NS1,  NS2,  NS4  and 
PNS  analyses  have  maintained  the 
turbulent  boundary  layer  shape  through 
the  interaction  and,  in  general,  aive 
good  prediction  of  the  profile  shape. 
The  NSI  analysis  overpredicts  the  pitot 
pressures  near  the  free  stream  for 
reasons  which  are  detailed  in  the 
microfiche.  The  NS2  analysis  is 
slightly  overpredicting  the  boundary 
layer  thickness  while  correctly  modeling 
the  near  wall  region.  The  NS3  analysis 
has  produced  a  laminar-type  boundary 
layer  profile  and  has  returned  little  of 
the  complex  profile  seen  in  the 
experiment . 

Yaw  Angle  Surveys 

A  comparison  of  the  CFD  and  experimental 
yaw  angles  is  given  in  Figs.  3.2.6  and 
3.2.7.  As  previously  mentioned,  the  yaw 
angle  is  measured  in  a  plane  parallel  to 
the  flat  plate.  The  particular  profile 
of  Fig.  3.2.6  was  taken  at  7.1  inches 
from  the  wedge  leading  edge  and  .75 


inches  from  the  corner  formed  by  the 
plate  and  the  wedge;  the  same  location 
as  the  pitot  profile  Fig.  3.2.5.  The 
figure  shows  the  computed  yaw  angle 
along  the  vertical,  versus  distance 
above  the  flat  plate  along  the 
horizontal.  Cons' dering  the  curve  from 
right  to  left,  c  moves  from  external 
flow  towards  the  wall.  In  the  external 
flow,  the  yaw  angle  is  seen  to  be  nearly 
nine  degrees,  corresponding  to  the  wedge 
angle  and  the  inviscid  turning  of  the 
flow  by  the  shock  wave.  Near  the  wall, 
however,  the  flow  is  s-;en  to  turn  nearly 
twenty-two  degrees,  with  the  break  in 
the  curve  occurring  near  the  edge  of  the 
boundary  layer  from  Fig.  3.2.5.  If  we 
now  consider  the  comparison  of  the  CFD 
results,  ;e  see  that  all  analyses 
properly  model  the  external  flow  and 
predict  increased  turning  near  the 
plate.  While  the  NSI,  NS2,-  NS4  and  PNS 
analyses  nearly  predict  the  wall  flow 
turning  angle,  the  NS3  analysis  slightly 
underpredicts  the  flow  turning.  The  NS3 
analysis  seems  to  predict  the  beginning 
of  the  flow  turning  too  near  to  the 


FIG  3.2.6  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  YAW  ANGLE 
DISTRIBUTION  AT  X=7 . 1  AND  Y=0.75 
INCHES. 
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wall.  A  similar  trend  is  seen  in  Fig. 
3.2.7,  which  is  located  nearer  the 
inviscid  shock  at  1.25  inches  from  the 
corner  formed  by  the  plate  ar.d  wedge. 
As  before,  the  inviscid  portion  of  the 
flow  is  turned  nearly  nine  degrees  Near 
the  wall,  however,  the  flow  is  now 
turned  nearly  thirty  degrees.  All  CFD 
results  predict  an  increased  amount  of 
turning  relative  to  the  previous  results 
with  the  NS1 ,  NS2,  NS4  and  PNS  analyses 
again  nearly  matching  the  data  and  the 
NS3  results  underpredicting  the  turning. 


2,  in. 


FIG  3.2.7  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  YAW  ANGLE 
DISTRIBUTION  AT  X=7 . 1  AND  Y=1.25 
INCHES. 


CFD  Flow  Field 

While  the  previous  sections  of  this 
report  have  dealt  with  a  quantitative 
comparison  of  CFD  results  with 
experiment,  the  CFD  analysis  also 
provides  a  powerful  qualitative 
representation  of  the  test  case  flow 
field.  We  have  previously  compared  the 
experimental  and  computational  values  of 
flow  yaw  angle  in  this  interaction.  The 
results  indicate  that  while  the  free 
stream  is  turned  parallel  to  the  wedge 
surface,  the  flow  in  the  boundary  layer 


is  turned  much  greater  than  the  wedge 
angle.  This  feature  of  the  interaction 
is  clearly  demonstrated  in  Fig.  3.2.8, 
which  shows  computed  particle  traces 
through  the  interaction  from  the 
analysis  at  NASA  Lewis.  The  wedge  is 
located  on  the  left  in  this  figure,  with 
the  wall  at  the  bottom,  and  the  view 
looking  downstream.  Two  lines  of 
particles  have  been  released  upstream  of 
the  wedge,  perpendicular  to  the  wall 
surface.  One  line  is  released  near  the 
wedge  leading  edge  at  the  left,  the 
other  out  near  the  center  of  the  flow 
field  at  the  right.  In  both  cases,  the 
lower  portion  of  the  traces  are  seen  to 
be  swept  more  sharply  to  the  right  than 
the  upper  portions.  The  lowest  traces, 
which  would  correspond  to  surface  oil 
flow  patterns,  are  seen  to  coalesce  into 
a  single  line;  a  feature  which  is  also 
seen  experimentally.  For  the  line  at  the 
left,  the  upper  traces  are  pulled  down 
onto  the  wall  surface  far  downstream 
from  the  wedge  leading  edge,  while  the 
upper  traces  at  the  right  flow  up  and 
over  the  low  energy  flow  on  the  surface. 
Such  detail  leads  to  better 
understanding  of  the  three  dimensional 
nature  of  this  interaction 


Figure  3.2.8  PARTICLE  TRACES 
FROM  CFD  ANALYSIS  OF  GLANCING 
SHOCK  BOUNDARY  LAYER 
INTERACTION. 


3. 3. 2. 5  CONCLUSIONS 

In  general,  the  CFD  analyses  used  in 
this  study,  which  have  been  designed  and 
built  for  full  intake  calculations,  have 
done  a  good  job  of  modeling  this 
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fundamental  three  dimensional 

interaction.  It  appears  that  the 

salient  physical  features  of  the 
interaction  can  be  modeled  with  CFD. 
There  are  some  interesting  differences 
between  the  various  computational 
results,  particularly  concerning  the 
three  similar  NS  calculations.  Since  the 
basic  algorithms  used  here  are  the  same, 
the  differences  can  be  attributed  to 
differences  in  turbulence  models,  the 

way  the  proolem  was  modeled  and  possible 
enhancements  to  the  computer  codes.  In 
this  case,  one  group  chose  to  model  this 
interaction  with  a  plane  of  symmetry, 
thus  doubling  the  grid  resolution  onto 
the  plate,  while  anothe:  allowed  the 

flow  to  slip  along  the  wedge,  thus 
increasing  the  resolution  of  the  shock 

wave.  These  types  of  choices,  which  are 
often  made  in  CFD  analysis,  are  examples 
of  user  involvement  in  the  flow 
solution.  The  current  state  of  CFD 
analysis  still  requires  user  involvement 
in  obtaining  flow  solutions.  The  same 
code  run  on  the  same  computer  by 
different  users  can  often  give  differe: 
answers . 
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Appendix  3.3.2 

Full  Comparison  of  CFD  and  Experiment 

STATIC  PRESSURE  X=5.1  .in. 


3.3.3  Test  case  3  -  Subsonic/Transonic 
Circular  Intake 

3.3.  3.1  INTRODUCTION 

Many  current  military  aircraft  possess 
highly  curved  intake  ducts.  These  ducts 
can  exhibit  boundary  layer  separation 
depending  on  mass  flow  and/or  curvature. 
CFD  could  help  in  the  design  of  those 
ducts  by  identifying  possible  problems  of 
this  nature  at  an  early  stage  of  a 
pioject . 

3. 3. 3. 2  PROBLEM  DESCRIPTION 

The  geometry  for  this  test  case  consists 
of  a  circular  intake  followed  by  an  S-bend 
diffusor  ( RAE  intake  model  2129). 
Fig  3.3.1  shows  its  shape  (and  at  the  same 
time  the  surface  grid  used  by  ARA 
Bedford).  This  intake  is  a  side-mounted 
intake  with  a  horizontal  symmetry  plane. 
The  geometry  of  an  "engine"  bullet  was 
specified  too.  Because  tests  with  a 
serrated  tape  at  different  stations  on  the 
intake  lip  shewed  only  a  small  effect  on 
internal  pe~formar.ee  the  tests  for  this 
test  case  were  performed  without  any 
boundary  layer  trips  attached.  In  order  to 
eliminate  the  problem  of  differing 
entrance  conditions  within  different  codes 
the  solicitors  were  asked  to  calculate  the 
complece  flow  from  free-stream  into  the 
intake  instead  of  just  the  duct  flow. 

The  flow  for  two  mass-flow  ratios  was  to 
be  calculated.  The  test  conditions  for 
test,  case  3.1  (high  mass  flow)  and  test 
case  3.2  (low  mass  flow)  are  summarized  in 
the  following  table: 


Test  Case  3.1  (DP3532) : 


Total  pressure 

Ho 

- 

29.889  in  Hg 

Total  temperature 

Tto 

293  °K 

Flight  Machnumber 

Mo 

“ 

0.210 

Throat  Machnumber 

M,„ 

- 

0.794 

'Non-dimensional ' 

WAT^ 

0.311  iolfTH 

Weight  Flow 

sec 

Compressor  Face 
Machnumber 

M.( 

0.530 

Pressure  Recovery 

PR 

- 

0.920 

Capture  Flow  Ratio 

A0/Ac 

- 

2.173 

Capture  area 

Ac 

25.245  in1 

Test  Case  3.2  (DP3537): 

Total  pressure 

Ho 

29.865  in  Hg 

Total  temperature 

no 

293  0 K 

Flight  Machnumber 

«0 

0.210 

Throat  Machnumber 

Mto 

- 

0.412 

' Non-dimensional ' 

WATcl 

. 

0.197 

Weight  Flow 

sec 

Compressor  Face 
Machnumber 

Me 

o 

"7 

O 

Pressure  Recovery 

PR 

- 

0.9897 

Capture  Flow  Ratio 

A„  /A.. 

- 

1.157 

Capture  area 

Ac 

- 

25.245  in' 

For  Loth  test  cases  the  free-stream  Mach 
number  was  Me  -  0.21.  Angle  of  attack  was 
u  -  0*  without  sideslip. 

The  test  data  available  from  the 
experiments  included  static  pressures, 
total  pressures  and  some  circumferential 
flow  angles  in  the  engine  face  plane.  The 
total  pressures  within  the  boundary  layer 
were  scanned  by  total  pressure  probes  at 
four  circumferential  stations  just  in 
front  of  the  engine  face  plane.  Along  the 
duct  walls  four  rows  of  static  pressure 
taps  were  located. 

All  static  and  total  pressures  are  scaled 
with  the  free  stream  total  pressure  pt 0  . 
Coordinates  are  either  scaled  with  the 
maximum  diameter  of  D>4X  «  6.641  in  or 
with  the  engine  face  radius  R# f  -  3.0  in. 


3. 3. 3. 3  CFD  TECHNIQUES 

This  test  case  was  attempted  by  four 
different  research  groups  (see  table  3.2.1 
in  section  3.2).  BAe  Filton  used  their 
RANSAC  code  which  is  a  three  dimensional, 
cell  centred,  finite  volume,  implicit 
pressure  correction  method  for  the 
Reynolds  averaged  Navi er-Stokes  equations. 
Turbulence  is  modeled  by  the  standard  k-e 
model  with  a  wall  function  in  the  near 
wall  region  which  implies  constant  shear 
stress  and  no  streainwise  pressure 
gradient.  In  order  to  save  computer  effort 
only  half  of  the  S-bend  diffusor  was 
modelled.  Initial  conditions  were 
estimated  by  assuming  a  constant  total 
pressure  up  to  the  entrance  plane  of  the 
calculations.  The  grid  for  this  geometry 
consisted  for  both  test  cases  of  30*24*22 
cells  (axial,  circumferential,  radial).  To 
find  this  grid  a  limited  grid  dependancy 
study  was  carried  out.  For  the  turbulent, 
isenthalpic  flow  calculation  of  test  case 

3.3  100  global  iterations  were  needed. 
This  took  16,544  second:,  of  CPU  time  on  a 
CRAY-YMP.  These  numbers  are  the  same  for 
test  case  3.2.  Their  results  are 
designated  (NSl)  in  the  figures.  ARA 
Bedford  applied  their  Euler  multiblock 
method  whose  flow  solver  is  based  on  the 
explicit  central  difference  scheme 
proposed  by  Jameson  et  al..  Because  of  the 
symmetry  of  the  intake  a  grid  for  the 
half-model  was  constructed  using  38  blocks 
with  approximately  90,000  cells.  A 
circular  cylinder  extension  was  added  to 
bullet  and  diffusor.  Also,  the  external 
part  of  the  cowl  was  doubled  In  axial 
direction.  It  took  16,000  seconds  on  a 
CRAY2  to  calculate  the  5000  iterations 
considered  necessary.  To  construct  the 
grid  one  man  needs  about  half  a  week  and 
1200  seconds  computer  time.  Their  results 
are  designated  (EU)  in  the  figures.  The 
Dornier  group  calculated  the  flow  with 
their  three-dimensional  Nav ier-Stokes  code 
I -:ARUS .  This  is  an  explicit  finite  volume 
code  with  the  Runge-Kutta-type  time 
integration  proposed  by  Jameson  et  al.. 
The  thin-lwycc  approximation  and  the 
Baldw' n-Lomax  turbulence  model  were  used. 
The  assumption  of  fully  turbulent  boundary 
layers  was  applied.  The  grid  was 
constructed  for  the  half-model  of  the 
intake  duct  only.  The  boundary  layer  on 
the  bullet  is  neglected.  However,  the 
computational  domain  is  extended  beyond 
the  engine  face  plane.  The  fine  mesh 
consists  of  99,279  grid  points.  A  sequence 
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of  3  mesh  levels  supported  by  up  to  3 
multigrid  levels  was  used.  Needing  500 
cycles  on  each  mesh  level  it  took  about  4 
to  5  CPU  hours  on  a  CONVEX  C220  (single 
processor)  to  arrive  at  a  converged 
solution.  Their  results  are  designated 
(NS2)  in  the  figures. 

The  CALSPAN  Tenn .  group  used  the  implicit, 
approximate  factorization  scheme  of  Beam 
and  Warming  applying  the  Chimera  domain 
decomposition  technique.  The  right  half  of 
the  duct  was  modeled  by  six  meshes  with  a 
total  of  399,404  points.  A  seventh  mesh 
was  used  during  the  high  mass  flow 
calculations  (test  case  3.2)  to  obtain 
better  resolution  at  the  internal  cowl. 
The  exit  plane  of  the  computational  domain 
was  shifted  by  about  five  duct  diameters 
downstream  from  the  engine  plane.  Both  the 
Baldwin/Lomax  algebraic  turbulence  model 
and  a  two  equation  k-e  turbulence  model 
were  applied.  Approximately  2000  time 
stops  were  required  to  converge  the  flow 
field  with  the  algebraic  turbulence  model. 
Starting  from  this  converged  solution  100C 
additional  time  steps  were  needed  to 
converge  the  k-e  solution.  Their  results 
are  designated  (NS3)  in  the  figures. 

Details  of  the  methods  used  and  the 
results  provided  by  the  originators  are 
given  in  the  microfiche. 


3. 3. 3. 4  RESULTS 

3. 3, 3. 4.1  Test  Case  3.1  -  High  Mass  Flow 

Static  Wall  Pressures  Along  Duct 

A  description  and  interpretation  of  the 
flow  of  this  test  case  using  the 
experimental  data  is  very  difficult.  As 
can  oe  seen  in  Figs.  3.3.2  to  3.3.5  the 
static  wall  pressure  drops  from  the 
stagnation  point  on  the  intake  lip  to 
supersonic  values  (p/pt0  less  than  approx. 
0.52).  All  figures  clearly  show  that  the 
flow  is  supersonic  in  front  of  the  throat 
(X/D,,x -0.09) .  There  is  no  explanation  for 
the  pressure  increase  on  all  four  walls 
between  the  second  and  third  data  point 
from  the  left.  It  seems  that  the  flow 
downstream  of  the  pressure  minimum  goes 
subsonic  again  through  a  lambda  shock 
system  which  could  have  been  triggered  by 
a  separation  bubble  at  the  throat.  There 
is  a  small  pressure  plateau  in  Fig.  3.3.4 
at  about  S/D.,,  -  0.3  which  supports  this 
supposition.  At  least  the  second  leg  of 
this  shock  system  is  hard  to  recognize  in 
the  pressure  plots  due  to  the  relatively 
large  distance  between  the  pressure  taps. 
The  pressure  level  at  the  wall  behind  the 
shock  system  is  already  influenced  by  th- 
first  bend  following  the  constant  area 
duct  piece  with  the  port  pressure  reaching 
higher  magnitudes  than  the  starboard  one. 
In  addition  the  starboard,  top  and  bottom 
pressures  show  a  pressure  drop  that 
indicates  the  acceleration  of  the  flow 
necessary  to  counteract  the  centrifugal 
forces  inside  the  bend  Ix/D, ,,  -  1.0).  On 
the  starboard  side  the  flow  becomes 
supersonic  again  with  a  shock  at  about 
S/D,, ,-1.0.  In  front  of  this  shock  the 
pressure  depicts  a  somewhat  erratic 
behaviour  (the  numerical  people  would  talk 
of  "wiggles").  This  same  behaviour  can  be 
observed  in  test  case  4.1,  The  port 
pressure  levels  off  at  this  station  only 
(rig.  3.3.3). 


The  further  development  of  the  pressure  on 
the  port  side  downstream  in  the  duct  is 
typical,  for  an  S-bend  with  constant  area 
(Fig.  3.3.3)  which  shows  a  deceleration  in 
the  first  bend  and  an  acceleration  in  the 
second  bend,  i.e.  a  sinusoidal  pressure 
distribution.  The  deceleration,  i.e. 
pressure  increase,  close  to  the  duct  exit 
must  be  due  to  the  highly 
three-dimensional  flow  abound  the  engine 
bullet.  The  pressures  at  the  other 
circumferential  stations  reveal  a  steadily 
decelerating  flow  with  a  sudden  reduction 
in  the  deceleration  magnitude  at  X/D.,,  ~ 
'.4.  This  could  be  an  indication  for  a 
-urther  separation  bubble  the  extent  of 
which  cannot  be  derived  from  these  wall 
pressure  plots. 


The  first  comparison  with  calculations 
should  be  with  the  solution  of  ARA  who  did 
an  Euler  calculation  (called  EU  in  the 
figures)  for  this  flow.  As  one  can  see  in 
all  figures  the  pressure  drop  at  the  cowl 
in  the  inviscid  flow  is  not  as  large  as 
that  in  the  viscous  flow.  Qualitatively 
this  is  correct  because  the  Euler 
calculations  have  been  performed  for  the 
mass  flow  given  in  the  experiment.  This 
means  that  in  the  inviscid  flow  the 
velocities  in  the  duct  are  lower  and 
therefore  the  pressures  are  higher  than  in 
reality  due  to  the  missing  displacement 
effect  of  the  boundary  layers.  The 
pressure  increase  between  the  second  and 
third  data  point  in  the  experiment  is  not 
reproduced.  The  reason  for  this  could  be 
either  an  imperfection  in  the  model 
surface  or  a  grid  in  the  calculation  which 
is  too  coarse  to  resolve  this  flow  detail 
sufficiently.  There  is  only  a  small 
supersonic  pocket  on  the  cowl  followed  by 
a  shock  in  front  of  the  throat  of  the 
intake.  From  the  position  of  the  shock  in 
front  of  the  intak-1  it  can  be  deduced  that 
it  does  not  span  the  intake.  Behind  the 
shock  the  flow  is  subsonic,  its  pressure 
at  all  four  circumferential  duct  stations 
is  at  nearly  the  same  level  as  could  be 
expected  for  this  constant  area  duct. 
Because  the  inviscid  Euler  solution  does 
not  know  separation  (at  least  in  theory) 
the  shock  system  on  the  lip  must  be 
different  from  experiment.  The  pressure 
drop  at  the  starboard  wall  at  the 
beginning  of  the  first  bend,  i.e.  the 
acceleration  cf  the  flow,  in  solution  EU 
is  obviously  not  large  enough  for  the  flow 
to  go  supersonic  again.  There  is  no 
indication  of  a  local  shock.  This 

situation  would  have  been  different  if 
instead  of  the  mass  flow  the  pressure  at 
the  engine  face  or  at  the  throat  of  the 
experiment  would  have  been  simulated  in 
the  calculation.  In  that  case  the  flow 
would  have  been  somewhat  closer  to 
experiment. 

The  Navier-Stokes  solution  delivered  by 
BAe  (called  NS1  in  the  figures)  modelled 
the  flow  in  the  S-bend  only.  Their  guess 
of  the  starting  values  gave  a  static  wall 
pressure  that  is  very  close  to  that  of  the 
Euler  solution  EU.  As  can  be  seen  in  the 
figures  the  static  wall  pressure  is  the 
same  on  the  port  and  starboard  position 
but  differs  from  the  value  at  the  top  and 
bottom  position.  From  that  one  could 
conclude  that  the  inflow  into  the  S-bend, 
although  it  is  not  uniform,  misses  all  the 
losses  due  to  the  shocks  on  the  cowl.  This 
must  lead  to  a  totally  different  flow 
inside  the  duct.  Although  the  pressures  in 
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Figs.  3.3.4  and  3.3.5  seem  to  support  this 
assumption  it  definitely  needs  a  more 
detailed  investigation  and  comparison  of 
the  results  than  is  possible  here  to  come 
to  a  final  conclusion. 

The  pressure  distribution  on  the  cowl  in 
the  Navier-Stokes  calculation  performed  by 
Dornier  (called  NS2  in  the  figures)  shows 
a  remarkable  agreement  with  experiment. 
However,  it  reproduces  neither  the 
supersonic  recompression  close  to  the  lip 
highlight  nor  the  second  branch  of  the 
lambda  shock.  Instead  the  flow  in  this 
solution  stays  supersonic  in  the  constant 
area  duct  in  front  of  the  S-bend 
(Fig.  3.3.5).  It  even  accelerates  behind 
the  first  shock  on  the  lip  which  could 
point  to  a  shorter  separation  bubble.  On 
the  starboard  wall  this  supersonic  area 
ends  with  a  relatively  strong 
recompression  or  shock  (Fig.  3.3.5)  after 
the  start  of  the  S-bend  diffuser.  The 
pressure  gradients  on  the  other 
circumferential  wall  positions  are  not 
large  enough  to  indicate  the  existence  of 
another  shock.  This  shock  on  the  starboard 
wall  is  obviouly  very  local  only.  The 
pressure  distribution  in  the  S-bend  comes 
close  to  that  of  the  experiment. 


Static  Pressures  On  Cowl  Lip 

There  is  only  one  figure  shown  here; 
figures  supplementary  to  the  ones  shown  in 
this  section  can  be  found  in  Appendix 
3.3.3.  The  pressures  are  plotted  in  a 
coordinate  system  with  the  origin  at  the 
highlight  of  the  lip-  The  Y- .  ’is  is  normal 
to  the  intake  centreline  with  positive  Y 
values  corresponding  to  the  external  shape 
of  the  lip.  Fig.  3.3.6  depicts  the 
underestimation  of  the  pressure  reduction 
inside  the  intake  by  the  Euler  solution 
EU.  The  location  of  the  stagnation  point 
seems  to  agree  with  that  of  the 
experiment.  However,  the  pressure  taps  are 
not  close  enough  to  determine  its  location 
with  good  accuracy. 

Total  Pressures  In  Boundary  Layer  At 
Engine  Face 

The  solution  NS2  overestimates  the  total 
pressures  on  the  top  and  bottom  walls 
(Figs.  3.3.7  and  3.3.8).  For  this  solution 
there  is  a  good  agreement  on  tire  port  side 
but  the  results  on  the  starboard  side  are 
too  low  (Figs.  3.3.9  and  3.3.10).  The 
total  pressures  given  from  solution  NS1  on 
the  bottom  and  starboard  side  must  be  too 
high  because  this  calculation  did  not 
simulate  the  losses  in  the  lip  shock 
system.  The  total  pressures  even  exceed 
the  total  pressure  of  the  free-stream. 

Engine  Face  Static  Wall  Pressures  And 
Circumferential  Flow  Angles 

These  results  are  plotted  in  Figs.  3.3.11 
and  3.3.12.  (The  circumferential  position 
is  defined  in  figs.  3.3.1  and  3.3.29.) 
Although  solution  NS2  shows  a  good 
agreement  with  experiment  in  the  static 
wall  pressures  there  is  a  large  deviation 
in  the  flow  angles.  The  maximum  flow  angle 
in  solution  NS1  is  close  to  that  of 
solution  NS2  both  in  magnitude  and 
circumferential  location. 


Pressure  (recovery  And  Steady  State 
Distortion 

The  total  pressures  at  the  engine  face 
rake  have  been  integrated  to  give  pressure 
recovery  and  steady  state  distortion 
values.  Two  distortion  parameter  have  been 
calculated.  DCA60  is  a  measure  for  the 
differen~e  between  the  area  weighted  mean 
of  the  cotal  pressure  in  the  engine  face 
and  the  smallest  mean  total  pressure  in  a 
60  degree  sector  in  the  engine  face.  DH 
represents  the  difference  between  the 
minimum  and  maximum  pitot  tube  readings  in 
the  engine  face.  The  pressure  recovery 
specified  here  is  the  ratio  between  the 
area  weighted  mean  of  the  total  pressures 
in  the  engine  face  and  the  freestream 
total  pressure.  In  solution  NS1  the 
pressure  recovery  has  been  calculated 
twice.  The  first  calculation  used  the 
total  pressure  values  at  the  same  position 
as  in  the  experiment.  This  value  can  be 
compared  directly  with  experiment.  The 
second  calculation  used  all  the 
information  on  total  pressure  available 
from  the  calculation  for  the  integration. 
This  value  is  called  "non-weighted"  in 
table  3.3.1.  As  one  can  see  there  is  a 
negligible  difference  between  the  two 
values  in  this  calculated  flow  field. 
Solution  NS2  did  only  the  "non-weighted" 
integration  and  therefore  differs  from 
experiment.  A  comparison  between  the  two 
is  difficult.  Although  the  pressure 
recovery  of  solution  NS2  is  closer  to  the 
experiment  than  that  of  solution  NS1  the 
distortion  values  of  NS2  are  larger  than 
that  of  NS1.  Both  calculation  methods 
overpredict  distortion. 


CFD  Flow  Field 

From  solution  NS2  the  velocity  vectors  in 
the  symmetry  plane  are  plotted  in 
Fig.  3.3.13.  In  this  figure  one  recognizes 
that  the  separation  in  the  S-bend  is  very 
large,  its  height  reaching  nearly  the 
height  of  the  annulus  at  the  engine 
bullet.  Tt  is  this  large  separation  bubble 
that  leads  to  the  underestimation  of  the 
total  pressure  in  Fig.  3.3. '.0.  This  low 
total  pressure  region  can  also  been  seen 
in  the  engine  face  (Fig.  3.3.15)  in  which 
the  lowest  total  pressure  shown  is 
Pt /Pt o ”0 • 7 4 .  This  is  much  lower  than  the 
experimental  value  of  pt/pto-0.82  shown  in 
Fig.  3.3.14.  The  extent  of  the  low  and 
high  total  pressure  areas  is  much  larger 
in  solution  NS2  than  in  the  experiment. 
The  circumferential  location  of  these  two 
regions  is  reproduced  correctly.  That 
solution  NS1  is  different  from  experiment 
due  to  reasons  stated  above  can  again  be 
recognized  in  Fig.  3.3.16.  In  order  to 
show  that  CFD  is  able  to  give  more  insight 
into  the  flow  than  experimental  data  in 
Fi  .  3.3.17  lines  of  constant  Mach  number 

are  plotted  from  solution  NS2.  The  numbers 
attached  to  the  lines  indicate  Mach  number 
levels,  i.e.  increasing  numbers  mean 
increasing  Mach  numbers  and  vice  versa. 
The  expansion  region  on  the  starboard  wall 
at  the  beginning  of  the  S-bend  can  be  seen 
clearly.  However,  there  is  no  indication 
of  a  shock  at  the  end  of  this  expansion 
region  as  has  been  deduced  above  from  the 
pressure  distribution  in  Fig.  3.3.5.  It  is 
the  opinion  of  the  contributors  of  this 
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result  that  in  regions  where  one  could 
expect  shocks  their  grid  could  be  not  fine 
enough.  To  resolve  this  "problem"  more 
detailed  calculations  need  to  be 
performed . 


3. 3. 3. 4. 2  Test  Case  3.2  -  Low  Hass  Flow 

Static  Wall  Pressures  Along  Duct 

Compared  with  test  case  31  the  flow  of 
this  test  case  is  relatively  simple.  The 
flow  stays  subsonic  in  the  whole  intake 
duct.  The  top  and  starboard  wall  static 
pressure  distributions  are  nearly 
identical.  In  Fig.  3.3.18  the  top  one  is 
plotted.  As  before  the  pressures  in  the 
Euler  solution  EU  are  generally  higher 
than  the  measured  ones  due  to  the  missing 
displacement  effects  of  the  boundary 
layer.  The  Navitr-Stokes  solution  NS2 
underpredicts  the  pressure  minimum  on  the 
intake  lip  which  does  mean  that  the 
boundary  layer  in  the  experiment  is 
thinner  than  in  the  calculation  for  which 
a  completely  turbulent  boundary  layer  has 
been  assumed.  Also,  the  pressure  stays 
below  the  measured  one  far  into  the  S-bend 
(X/D.,, -1.8)  where  it  becomes  larger  than 
the  experimental  one.  At  the  engine  face 
both  are  equal.  The  agreement  between  the 
experiment  and  the  solution  NSl  is  very 
good.  On  the  port  wall  (Fig.  3.3.19)  the 
pressures  in  the  S-bend  of  solution  NS2 
are  very  close  to  the  measured  ones 
although  the  entering  flow,  i.e.  the 
pressures  in  the  constant  area  piece,  is 
different.  There  are  bigger  differences 
between  measurement  and  solution  NSl.  The 
biggest  differences  between  solution  EU 
and  the  measurements  inside  the  S-bend  are 
experienced  in  Fig.  3.3.20.  This  could  be 
interpreted  as  the  effect  of  a  separation 
on  that  wall  which  starts  at  about 
X/D.., -1.7. 


Static  Pressures  On  Cowl  Lip 

There  is  a  good  agreement  between  the 
measured  static  pressures  on  the  cowl  and 
the  inviscid  solution  EU  (Fig.  3.3.21). 
More  comparisons  can  be  found  in 
Appendix  3.3.3. 

Total  Pressures  In  Boundary  Layer  At 
Engine  Face 

The  total  pressures  inside  the  boundary 
layer  of  solution  NS2  either  agree  with 
experiment  (Fig.  3.3.24)  or  are  slightly 
underpreuicted  (Figs.  3.3.22  and  3.3.23). 
At  the  starboard  wall  (Fig.  3.3.25)  the 
measurement  presents  a  constant  low  total 
pressure  area  that  is  thicker  than  that  of 
solution  NS2.  In  Figs.  3.3.22  and  3.3.23  a 
slight  shift  in  the  measured  data  close  to 
the  wall  sheds  some  doubt  on  the  accuracy 
of  the  measurement  there. 


Engine  Face  Static  Wall  Pressures  And 
Circumferential  Flow  Angles 

The  measured  static  wall  pressure  in  the 
engine  face  is  reproduced  by  solution  NS2 
except  around  the  270  degree  position 
(Fig.  3.3.26).  This  is  the  same  position 
as  in  Fig.  3.3.25  for  which  it  was 
concluded  above  that  the  size  of  the  low 
total  pressure  area  is  underpredicted  by 
the  calculation.  In  addition  at  this 


location  the  circumferential  flow  angles 
of  NS2  differ  from  measurement  (Fig. 
3.3.27).  Although  for  solution  NSl  the 
static  wall  pressures  are  close  to 
measurement  the  flow  angles  are  not. 

Pressure  Recovery  And  Steady  State 
Distortion 

These  data  are  given  in  table  3.3.2.  Again 
the  values  calculated  by  the  full 
numerical  results  are  designated 
"non-weighted" .  The  pressure  recovery  of 
solution  NS2  is  nearly  the  same  as  in  the 
experiment.  However  its  distortion  is 
different  from  experiment.  Pressure 
recovery  in  solution  NSl  is  smaller  than 
in  the  experiment.  DCA60  of  solution  NSl 
is  about  eight  times  larger  than  that  of 
experiment. 


CFD  Flow  Field 

Velocity  vectors  plotted  from  solution  NS2 
in  the  symmetry  plane  (Fig.  3.3.28) 
clearly  show  a  separation  on  the  starboard 
wall  inside  the  S-bend.  This  separation 
can  be  identified  in  the  plot  of  constant 
total  pressure  lines  in  Fig.  3.3.30  as  the 
area  with  decreasing  total  pressure  on  the 
starboard  side.  If  one  compares  this 
figure  with  the  measured  data  in 
Fig.  3.3.29  one  recognizes  that  in 
solution  NS2  the  extent  of  the  high  total 
pressure  area  is  ove [predicted  and  the 
area  with  low  total  pressure  is 
underpredicted.  The  result  from  NSl  has  no 
resemblance  with  the  measured  data  (Fig. 
3.3.31). 


3. 3. 3. 5  CONCLUSIONS 

It  is  very  difficult  to  come  to  a 
reasonable  conclusion  from  the  comparison 
between  experiment  and  calculations  if  the 
experimental  data  are  so  sparse  as  in  this 
test  case.  However,  from  the  difficulties 
experienced  when  interpreting  the  flow 
from  measured  data  it  became  clear  that 
there  is  a  very  large  potential  in  CFD  for 
flow  diagnostics  which  are  possible  due  to 
the  increased  amount  of  information  on  the 
flow.  This  information  can  be  used  for 
placing  instrumentation  in  intake  models 
and/or  optimizing  intake  shapes  for  better 
performance . 

Because  intake  flows  with  strong  secondary 
flows  are  very  sensitive  to  the  onset  flow 
it  is  very  important  for  the  calculations 
that  the  boundary  conditions  are  specified 
as  exact  as  possible.  Detailed  information 
on  freestream  flow  conditions  and  duct 
exit  flow  conditions  are  needed.  Only  with 
correct  transition  and  turbulence  models 
will  the  results  of  CFD  become  good  enough 
quantitatively  to  be  used  in  actual 
project  work. 

It  still  seems  to  be  an  art  to  produce 
very  good  results  for  complex  intake 
flows.  Only  the  engineer  with  good 
aerodynamic  background  can  decide  where  in 
CFD  grids  need  refinements  to  improve  its 
results. 


result* 
f  roe 


pressure 
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TABLE  3.3.1  ENGINE  FACE  DATA  FOR  TEST  CASE  3.1 


results 
f  rom 

pressure 

recovery 

engine  face 
mean 
static 
pressure 

DCA60 

DH 

experiaent 

0.98971 

0.922 

-0.226 

0.041 

:;si 

0.96822 

0.926 

-1.721 

0.082 

NS  2 

( non-weighted ) 

0.99180 

0.919 

-0.157 

0.090 

TABLE  3.3.2  ENGINE  FACE  DATA  FOR  TEST  CASE  3.2 
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FIG.  3.3.12  TEST  CASE  3.1:  ENGINE  FACE  CIRCUMFERENTIAL  FLOW  ANGLES 


FIG.  3.3.13  TEST  CASE  3.1:  VELOCITY  VECTORS  IN  THE  SYMMETRY  PLANE 

FROM  SOLUTION  NS2 


J 


✓ 


149 


w  nor: 


FIG.  3.3.14  TEST  CASE  3.1:  ENGINE  FACE  TOTAL  PRESSURE  DISTRIBUTION 

FROM  EXPERIMENT 


FIG.  3.3.15  TEST  CASE  3.1:  ENGINE  FACE  TOTAL  PRESSURE  DISTRIBUTION 

FROM  SOLUTION  NS2 


riG.  3.3.16  TEST  CASE  3.1:  ENGINE  FACE  TOTAL  PRESSURE  DISTRIBUTION 

FROM  SOLUTION  NS1 
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FIG.  3.3.17  TEST  CASE  3.1:  LINES  OF  CONSTANT  MACH  NUMBERS 

IN  SYMMETRY  PLANE  FROM  SOLUTION  NS2 
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FIG.  3.3.18  TEST  CASE  3.2:  STATIC  WALL  PRESSURE  ALONG  DUCT  -  TOP 


FIG.  3.3.19  TEST  CASE  3.2:  STATIC  WALL  PRESSURE  ALONG  DUCT  -  PORT 
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FIG.  3.3.24  TOTAL  PRESSURE 

IN  BOUNDARY  LAYER 
AT  ENGINE  FACE  -  PORT 
TEST  CASE  3.2 


FIG.  3.3.25  TOTAL  PRESSURE 

IN  BOUNDARY  LAYER 
AT  ENGINE  FACE  -  STBD 
TEST  CASE  3.2 
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FIG.  3.3.26  TEST  CASE  3.2:  ENGINE  FACF  STATIC  WALL  PRESSURE 
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FIG.  3.3.29  TEST  CASE  3.2:  ENGINE  FACE  TOTAL  PRESSURE  DISTRIBUTION 

FROM  EXPERIMENT 


FIG.  3.3.30  TEST  CASE  3.2:  ENGINE  FACE  TOTAL  PRESSURE  DISTRIBUTION 

FROM  SOLUTION  NS2 
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FIG.  3.3.31  TEST  CASE  3.2:  ENGINE  FACE  TOTAL  PRESSURE  DISTRIBUTION 

FROM  SOLUTION  NS1 
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3.3.4  Test  ca«5e  4  -  Subsonic/Transonic 
Semi-circular  Intake 

3. 3. 4.1  INTRODUCTION 

This  te6t  case  is  very  similar  to  test 
case  3.  However  here  the  circular  intake 
is  replaced  by  a  semi-circular  one 
followed  by  an  S-bend  diffusor  which  ends 
in  a  circular  engine  face  cross-section. 
CFD  was  expected  to  show  the  influence  of 
the  flow  in  the  intake  "corners"  onto  the 
duct  flow.  I.e. ,  the  flow  of  this  test 
case  is  most  likely  more  viscosity 
dominated  than  that  of  test  case  3.  It  is 
also  more  challenging  to  find  a  "good" 
grid  for  the  intake  with  its  "corners" 
than  for  the  round  intake  of  test  case  3. 

3. 3. 4. 2  PROBLEM  DESCRIPTION 


For  both  test  cases  the  free-stream  Mach 
number  was  M0  -  0.21.  Angle  of  attack  was 
a  -  0°  without  sideslip. 

The  test  data  available  from  the 
experiments  included  static  pressures, 
total  pressures  and  some  circumferential 
flow  angles  in  the  engine  face  plane.  The 
total  pressures  within  the  boundary  layer 
were  scanned  by  total  pressure  probes  at 
four  circumferential  stations  just  in 
front  of  the  engine  face  plane.  Along  the 
duct  walls  two  rows  of  static  pressure 
taps  were  located. 


All  static  and  total  pressures  are  scaled 
with  the  free  stream  total  pressure  pt0. 
Coordinates  are  scaled  with  the  maximum 
diameter  of  DB#X  *  6.641  in. 


The  geometry  for  this  test  case  consists 
of  a  semi-circular  intake  followed  by  an 
S-bend  diffusor  (RAE  intake  model  2129). 
Fig.  3.4.1  shows  its  shape  (and  at  the 
same  time  the  surface  grid  used  by  ARA 
Bedford).  The  geometry  of  an  "engine" 
bullet  was  specified  too.  Because  tests 
with  a  serrated  tape  at  different  stations 
on  the  intake  lip  showed  only  a  small 
effect  on  internal  performance  the  tests 
for  this  test  case  were  performed  without 
any  boundary  layer  trips  attached.  In 
order  to  eliminate  the  problem  cf 
differing  entrance  conditions  within 
different  codes  the  solicitors  were  asked 
to  calculate  the  complete  flow  from 
free-stream  into  the  intake  instead  of 
just  the  duct  flow. 

fhe  flow  for  two  mass-flow  ratios  was  to 
be  calculated.  For  test  case  4.1  and  test 
case  4.2  the  test  conditions  are  given  in 
the  following  table: 


Test  Case  4 . 1  (PP18813) : 
Total  pressure  H0 
Total  temperature  Tt 0 
Flignt.  Machnumber  M0 
Throat  Machnumber  Mth 

'Non-dimensional'  WATr ,  < 
Weight  Flow 

Compressor  Face  Mc f 
Machnumber 

P  essure  Recovery  PR 
Capture  Flow  Ratio  A0 /Ac 
Capture  area  Ac 


29.970  in  Hg 
293  °K 


U.211 


0.701 


0.307 


in' 

sic~ 


0.526 


0.8865 

2.14 

24.326  in1 


f.,  St  Case  4.2  (  DPI  88  2  0  )  : 


Total  pressure  Hc 

Total  temperature  Tt  r 
Flight  Machnumber  H0 

Throat  Machnumber  M„  h 

'Non-dimensional'  WATC  t 
Weight  Flow 

Compressor  Face  Mc f 

Machnumber 


»  29.955  in  Hg 
-  293  °K 


-  0.211 

-  0.538 

-  0.243 


in' 


-  0.387 


Pressure  Recovery 
Capture  Flow  Ratio 
Capture  area 


PR  -  0.9781 
A0 /A .  -  1.837 

Ar  -  24.326  in2 


3.3. 4.3  CFD  TECHNIQUES 

This  test  case  was  attempted  only  by  the 
research  group  of  ARA  Bedford.  They  used 
their  Euler  multiblock  method  (Jameson 
type  explicit  central  difference  scheme) 
to  calculate  the  inviscid  flow  within  the 
intake.  Because  of  the  symmetry  of  the 
intake  a  grid  for  the  half-model  was 
constructed  using  38  blocks  with 
approximately  140,000  cells.  A  circular 
cylinder  extension  was  added  to  bullet  and 
diffusor.  Also,  the  external  part  of  the 
cowl  was  doubled  in  axial  direction.  Their 
results  are  designated  (EU)  in  the 
figures . 

3.3. 4. 4  RESULTS 

3. 3. 4. 4.1  Test  Case  4.1  -  High  Mass  Flow 

Static  Wall  Pressures  along  Duct  and 
Static  Pressures  on  Cowl  Lip 

All  results  are  plotted  in  Figs.  3.4.2  to 
3.4.4.  The  experiment  shows  the  following 
features.  The  stagnation  point  on  the 
intake  lip  is  on  the  outside  of  the 
intake.  However,  the  experimental  data 
available  does  not  allow  one  to  determine 
the  exact  position  of  the  stagnation  point 
nor  of  the  point  on  the  lip  where  the 
static  pressure  reaches  its  minimum.  The 
flow  accelerates  around  the  lip  to 
supersonic  conditions  which  ?nd  in  front 
of  tne  tbroa^.  with  a  shock  (Fig.  3.4.2). 
The  following  subsonic  flow  is  furtner 
decelerated  until  the  pressure  reaches  a 
pressure  level  inside  the  constant  area 
extension  that  is  quite  similar  both  on 
the  port  and  starboard  wall.  In  contrast 
to  the  flow  cf  the  circular  duct  of  test 
case  3  the  flow  accelerates  on  both  the 
top  and  starboard  wall  when  it  is  entering 
the  S-bend.  Because  the  flow  becomes 
supersonic  again  at  the  starboard  wall 
during  this  acceleration  there  occurs 
another  shock  at  about  S/Dw t n - l . 2 .  In  the 
S-bend  the  pressure  distribution  on  the 
port  wall  is  sinusoidal  in  shape  (similar 
to  a  constant  area  S-bend).  The  pressure 

distribution  on  the  starboard  wall 
indicates  a  steady  deceleration  of  the 
flow  up  to  the  engine  face. 

Because  of  the  increased  effective  areas 
in  the  intake  the  pressures  : n  the  Euler 
solution  EU  must  be  higher  than  those  in 
the  experiment.  Fig.  3.4.2  shows  this 
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effect.  In  this  solution  the  flow  goes  to 
subsonic  conditions  through  a  shock  also. 
Behind  this  shock  at  X/DItI~0.2  the 
pressure  in  EU  depicts  a  small  waviness 
which  sometimes  signals  errors  in  the 
surface  definition.  The  difference  between 
the  measured  and  the  calculated  pressure 
in  the  constant  area  duct  piece  is  much 
higher  than  in  test  case  3.1.  This  could 
be  due  to  the  neglect  of  the  probably  very 
thick  boundary  layers  (which  could  be 
accompanied  by  local  separation)  in  the 
corners  of  the  half-circular  intake  in  the 
Euler  calculation.  To  deduce  the  reason 
for  the  differences  between  experiment  and 
calculation  inside  the  s-bend  seems  to  be 
impossible  because  the  flow  becomes  highly 
three-dimensional  even  before  it  enters 
the  S-bend.  Comparing  the  pressure 
distribution  in  the  S-bend  with  that  of 
test  case  3.1  could  lead  to  the  conclusion 
that  both  ducts  experience  similar 
separations . 

The  pressures  on  the  cowl  lip  are  plotted 
in  a  coordinate  system  whose  origin  is  at 
the  highlight  of  the  lip  (Figs.  3. 3. 4. 3 
and  3.3.4.41.  The  Y  axis  is  perpendicular 
to  the  centreline  of  the  intake.  Positive 
Y  values  correspond  to  the  external  part 
of  the  lip.  The  stagnation  point  is 
located  on  the  external  part  of  the  intake 
lip.  However,  from  the  measurement  it  is 
very  difficult  to  determine  its  exact 
position.  The  acceleration  of  the  flow 
from  the  stagnation  point  into  the  intake 
differs  considerably  between  the 
measurement  and  solution  EU. 

Total  pressures  in  the  boundary  layer, 
static  wall  pressures  and  flow  angles 
measured  at  the  engine  face  are  given  in 
the  supplementary  figures  in 
Appendix  3.3.4. 


3. 3. 4. 4. 2  Tes*  Case  4.2  -  Low  Mass  Flow 

Static  Wall  Pressure?  along  Duct  and 
Static  Pressures  on  Cowl  Lip 

The  results  are  plotted  in  Figs.  3.4.5  and 
3.4.7.  From  the  measured  data  it  is  not 


clear  whether  the  flow  stays  subsonic 
throughout  the  duct.  There  could  be  a 
small  supersonic  region  on  the  cowl  lip. 
Again  the  calculated  static  wall  pressures 
of  the  Euler  solution  are  higher  than  the 
measured  ones.  The  difference  between  the 
two  is  not  as  high  as  in  test  case  4.1. 
This  is  probably  due  to  the  fact  that  for 
the  mass  flow  considered  the  boundary 
layers,  especially  those  in  the  intake 
corners,  are  much  thinner  than  in  test 
case  4.1.  The  stagnation  point  is  still 
located  cn  the  external  side  of  the  lip 
(Figs.  3.4.6  and  3.4.7).  Compared  with 
test  case  4.1  the  stagnation  point  did  not 
move  very  much  towards  the  highlight  of 
the  lip.  For  the  calculation  of  the  flow 
with  an  Euler  or  even  Navier-Stokes  code 
it  requires  an  extremely  fine  grid  on  the 
lip  to  resolve  this  small  movement  of  the 
stagnation  point. 

The  extremely  short  acceleration  region  of 
the  flow  on  the  starboard  wall  before  it 
enters  the  S-bend  and  its  abrupt 
deceleration  after  it  just  entered  the 
S-bend  is  not  repeated  in  the  Euler 
solution.  In  solution  EU  the  acceleration 
is  much  weaker  than  in  the  experiment.  The 
differences  in  the  pressures  inside  the 
S-bend  seem  to  be  caused  by  the 
displacement  of  the  steadily  growing 
boundary  layers. 

Total  pressures  in  the  boundary  layer, 
static  wall  pressures  and  flow  angles 
measured  at  the  engine  face  are  given  in 
the  supplementary  figures  in 
Appendix  3.3.4. 


3. 3. 4. 5  CONCLUSIONS 

Due  to  the  fact  that  only  an  Euler 
solution  was  contributed  to  this  test 
case,  there  are  no  specific  conclusions 
possible.  However,  from  the  limited 
comparison  between  solution  EU  and  the 
experiment  it  is  apparent  that  it  would  be 
a  real  challenge  for  the  experimentalists 
.o  repeat  the  test  in  more  details  and  the 
numeric  people  to  calculate  the  flow  with 
Navier-Stokes  codes. 


FIG.  3.4.1  VIEW  OF  GEOMETRY  FOR  TEST  CASE  4  - 

Surface  grid  from  ARA  Euler  calculations 
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Appendix  3.3.4 

Supplementary  Figures  for  Test  Case  4 
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AGARD  WG13,  Test  Case  4.1 
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AGARD  WG13,  Test  Case  4.2 
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AGARD  WG13,  Test  Case  4.2 
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3.3.5  Test  case  5  -  Supersonic  Circular 
Pitot  Intake 

3. 3. 5.1  INTRODUCTION 

Whereas  in  test  cases  3  and  4  the  flow 
inside  the  intake  was  predominantly 
governed  by  the  shape  of  the  intake 
entrance  and  duct#  in  this  test  case  the 
influence  of  the  flow  towards  the  intake 
onto  the  duct  flow  was  to  be  investigated. 
The  geometry  therefore  was  kept  as  simple 
as  possible  in  order  to  show  just  that 
effect.  Variation  of  the  flow  was 
accomplished  by  variation  of  mass  flow. 

3. 3. 5.2  PROBLEM  DESCRIPTION 

In  this  test  case  the  flow  into  a  straight, 
circular  pitot  intake  with  a  contraction 
ratio  of  1.177  (RAE  model  742L)  at  a 
supersonic  flight  Mach  number  of  M0-1.5 
was  to  be  calculated.  Fig.  3.5.1  gives  an 
impression  of  its  shape.  The  "engine 
bullet"  was  to  be  simulated  in  addition  to 
the  duct  geometry. 

The  flow  for  three  mass-flow  ratios  was  to 
be  calculated.  For  the  three  test  cases 
5.1#  5.2#  and  5.3  the  test  conditions  are 
summarized  in  the  following  tables: 


Test  Case  5.1: 


Transition  during  testing  has  been  forced 
inside  the  intake  duct  by  a  0.1"  band  of 
0.005"  to  0.006"  ballotini  placed  0.1" 
back  from  the  highlight. 

The  test  data  available  from  the 
experiments  included  static  pressures, 
total  pressures,  pressure  recovery  and 
steady  state  distortion  values  in  the 
engine  face  plane.  The  total  pressures 
within  the  boundary  layer  were  scanned  by 
total  pressure  probes  at  two 
circumferential  stations  just  in  front  of 
the  engine  face  plane.  Along  the  duct  wall 
one  row  of  static  pressure  taps  was 
located . 

3. 3. 5. 3  CFD  TECHNIQUES 

This  test  case  was  attempted  by  two 
research  groups.  ARA  Bedford  applied  their 
Euler  raultiblock  method  the  flow  solver  of 
which  is  based  on  the  explicit  central 
difference  scheme  proposed  by  Jameson  et 
al .  and  added  a  boundary  layer 
calculation.  Their  results  are  designated 
(EU)  for  the  Euler  results  and  (EUBL)  for 
the  Euler  results  with  the  boundary  layer 
results  added  in  the  figures.  The  Euler 
calculations  are  axisymmetric  ones.  The 
engine  bullet  was  not  simulated,  however# 
the  duct  was  extended  behind  the  engine 
face.  The  grid  possessed  7000  cells.  The 
8000  iterations  (at  a  CFL-1.6)  considered 
necessary  for  convergence  needed  700 
seconds  on  a  CRAY2 . 


Total  pressure 

Ho 

108426  Pa 

Static  pressure 

Po 

29535  Pa 

Total  temperature 

T,o 

292.2  *K 

Flight  Machnumber 

"o 

1.5 

Pressure  Recovery 

PR 

0.8978 

Capture  Flow  Ratio 

A,  /Ac 

0 .9307 

Capture  area 

K 

8.086  in1 

Test  Case  5.2: 

Total  pressure 

Ho 

108359  Pa 

Static  pressure 

Po 

29517  Pa 

Total  temperature 

T,o 

292.8 

Flight  Machnumber 

"o 

1.5 

Pressure  Recovery 

PR 

0.9246 

Capture  Flow  Ratio 

0.6256 

Capture  area 

Ac 

8 . 086  in' 

Test  Case  5.3: 

Total  pressure 

Ho 

m 

108525  Pa 

Static  pressure 

Po 

29507  Pa 

Total  temperatur 

T>0 

292.8  *K 

Flight  Machnumber 

«0 

1.5 

Pressure  Recovery 

PR 

0.9267 

Capture  Flow  Ratio 

A0  /Ac 

0.2980 

Capture  area 

\ 

8.066  in' 

The  Dornier  group  calculated  the  flow  with 
their  two-d i mens iona 1/ax i symmetric 
Navier-Stokes  code  ENSFL2D  using  the 
axisymmetric  mode.  This  is  an  explicit 
finite  volume  code  with  the 
'.lunge-Kutta-type  time  integration  proposed 
by  Jameson  et  al..  The  Baldwin-Lomax 
turbulence  model  was  used.  The  assumption 
of  fully  turbulent  boundary  layers  was 
applied.  Up  to  five  grids  with  varying 
density  have  been  used  during  the 
calculations.  The  finest  grid  with  30,720 
cells  in  lnlf  of  the  duct  was  used  only 
for  test  case  5.1,  x.e.  for  the  highest 
mast  flow.  Both  the  bullet  and  the  intake 
duct  were  extended  beyond  the  engine  face 
plane.  To  arrive  at  a  converged  solution 
for  one  given  engine  face  static  pressure 
it  took  20  to  25  minutes  CPU-time  on  a 

CONVEX  C220  (single  processor).  In  order 
to  calculate  the  flow  for  a  given  mass 
flow  the  flow  for  several  engine  face 
static  pressures  has  to  be  calculated.  The 
time  for  such  a  solution  depends  heavily 
on  the  skill  of  the  code  user.  The  result* 
are  designated  (NS)  in  the  figures. 

Details  of  the  methods  used  and  the 
results  provided  by  the  originators  are 
given  in  the  microfiche. 


3. 3. 5. 4  RESULTS 

The  stand-off  of  the  shock  ahead  of  the 
intake  lip  varied  for  the  three  engine 
mass  flows  selected  thu6  producing  varying 
spillage  around  the  intake  lip. 
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3. 2. 5. 4.1  Test  Case  5.1  -  Highest  Mass 
Flow 

Static  and  Total  Pressures 

The  static  wall  pressures  are  plotted  in 
Figs.  3.5.2  to  3.5.5.  The  flow  into  the 
in'-ake  which  is  subsonic  behind  the  shock 
in  front  of  the  intake  lip  is 
characterized  by  a  strong  acceleration 
from  the  stagnation  point  which  is  just 
inside  the  lip  (Fig.  3.5.5).  The  static 
pressure  reaches  sonic  values  at  the 
throat  and  goes  slightly  supersonic 
downstream  of  the  throat.  Somewhere  at 
S/d.,,-0.6  this  supersonic  flow  goes 
subsonic  again  through  a  shock. 

There  is  a  good  agreement  between  the 
pressures  of  EUBL  and  the  experiment  from 
the  stagnation  point  towards  the  intake 
throat.  Deviation  starts  shortly  before 
the  geometric  throat  (Fig.  3.5.2).  This  is 
due  tc  the  prodedure  by  which  this 
solution  was  determined.  Because  in  the 
Euler  solution  the  same  mass  flow  has  been 
simulated  as  in  the  experiment  the 
calculated  pressures  must  be  generally 
higher  than  the  measured  ones.  This  means 
that  the  Euler  flow  does  not  go  supersonic 
at  the  intake  throat  (Fig.  3.5.2).  By  just 
adding  once  a  boundary  layer  solution  onto 
the  Euler  result,  i.e.  without  iterating 
between  Euler  and  boundary  layer 
calculation,  this  situation  cannot  be 
improved  satisfactorily.  It  is,  however, 
remarkable  that  downstream  of  the 
supersonic  region  in  the  intake  duct 
solution  EUBL  is  not  too  far  off  the 
experiment.  That  could  mean  that  the  flow 
in  the  downstream  duct  is  not  very  much 
affected  by  the  upstream  flow. 

In  contrast  to  solution  EUBL  the  pressure 
plateau  at  the  throat  inside  the  intake  is 
nearly  reached  by  solution  NS 
(Fig.  3.5.2).  The  supersonic  acceleration 
downstream  of  the  throat  is  also 
reproduced.  But,  instead  of  showing  a 
terminating  shock  the  pressures  of 
solution  NS  indicate  a  broad  area  where- 
the  pressure  increases  and  the  flew  goes 
subsonic  again.  The  contributors  of  this 
result  explain  this  effect  with  the 
coarseness  of  the  grid  in  this  area.  The 
deceleration  of  the  flow  in  the  diffusor 

takes  place  at  about  the  same  rate  but  at 
lower  pressures,  i.e.  higher  Mach  numbers, 
than  in  the  experiment.  A  possible  reason 
for  this  could  be  that  the  displacement 
thickness  of  the  boundary  layer  in  NS  has 
been  larger  than  in  the  experiment 
necessitating  a  lower  exit  pressure  to 
reach  the  same  mass  flow.  This  then 
results  in  lower  duct  pressures. 


The  pressures  on  the  external  wall 
downstream  of  the  highlight  of  the  lip 
agree  quite  well  between  experiment  and 
solutions  EUBL  and  NS.  However, 
differences  can  be  observed  a  Fig.  3.5.3 
closer  to  the  highlight  of  the  intake  lip. 
Details  can  best  be  seen  in  Fig.  3.5.4 
which  shows  that  both  solution  EUBL  and  NS 
miss  the  small  region  of  constant  pressure 
at  Y/D.,,  <  0.026.  It  is  interesting  to 
see  that  both  solutions  deliver  a  wavy 
pressure  distribution  between  this  plateau 
and  the  highlight  of  the  lip  (Fig.  3.5.4). 
The  stagnation  point  on  the  lip  of  the  two 
solutions  is  close  to  but  not  at  the 
correct  location  (Figs.  3.5.4  and  3.5.5). 


Solution  EUBL  overpredicts  the  total 
pressure  in  the  boundary  layer  at  the 
engine  face  whereas  solution  NS 
underpredicts  this  total  pressure  at  the 
intake  wall  and  seems  to  overpredicts  it 
closer  to  the  engine  bullet  (Figs.  3.5.6 
and  3.5.7  in  which  the  total  pressure  is 
referenced  with  the  free  stream  total 
pressure ) . 


3. 3. 5. 4. 2  Test  Case  5.2  -  Medium  Mass  Flow 

Static  and  Total  Pressures 

The  static  wall  pressures  are  plotted  in 
Figs.  3.5.8  to  3.5.11.  As  can  be  seen  the 
pressures  along  the  internal  intake  wall 
indicate  completely  subsonic  flow  in 
Fig.  3.5.8  and  supersonic  flow  on  the 
external  wall  in  Fig.  3.5.9.  Compared  with 
test  case  5.1  the  stagnation  point  on  the 
intake  lip  moved  more  into  the  intake 
(Figs.  3.5.10  and  3.5.11) . 

Solution  EUBL  very  slightly  overestimates 
the  static  wall  pressures  inside  the  duct 
whereas  on  the  outside  its  pressures  are 
slightly  smaller  than  those  of  the 
experiment  (Figs.  3.5.8  to  3.5.10).  The 
location  and  pressure  level  of  the 
stagnation  point  are  reproduced  correctly 
by  EUBL  (Figs.  3.5.10  and  3.5.11).  The 
shape  oi  the  pressure  distribution  inside 
the  boundary  layer  at  the  engine  face  is 
also  slightly  different  from  the 
experimental  one.  The  boundary  layer 
thickness  is  slightly  larger  in  EUBL  than 
in  the  experiment  (Fig.  3.5.12). 

Solution  NS  underpredicts  the  static 
pressures  inside  the  intake  duct 
(Fig.  3.5.8).  This  could  be  due  to  a 
boundary  layer  that  is  thicker  than  in  the 
experiment.  The  recompression  on  the 
outside  of  the  intake  lip  differs  from  the 
measured  one  (Fig.  3.5.10).  However,  the 
downstream  static  pressure  values  on  the 
outside  of  the  intake  reach  exactly  the 
experimental  ones.  Figs.  3.5.10  and  3.5.11 
show  that  the  location  of  the  stagnation 
point  on  the  lip  is  reproduced  very  well. 
The  total  pressure  (referenced  with  the 
free  stream  total  pressure)  in  the 
boundary  layer  (Fig.  3.5.12)  indicates  a 
small  but  noticeable  difference  tc  the 
measured  one.  This  figure  does  not  confirm 
the  speculation  from  above  that  the 
boundary  layer  might  be  thicker  in  the 
calculation  than  in  the  experiment.  The 
shape  of  the  total  pressure  curve  of  the 
calculation  indicates  a  higher  mass  flow 
in  the  boundary  layer  which  does  also  lead 
to  lower  static  pressures  inside  the  duct. 
Whether  or  not  this  is  the  only  reason  for 
the  reduced  duct  pressure  cannot  be 
determined . 

3. 3. 5. 4. 3  Test  Case  5.3  -  Small  Mass  Flow 

Static  and  Total  Pressures 

For  this  mass  flow  the  stagnation  point  on 
the  lip  moves  even  further  into  the 
Intake,  on  the  inside  of  the  intake  the 
acceleration  of  the  flow  is  reduced.  On 
the  outside  there  appears  an  area  with 
constant  wall  pressure  before  the  flow  is 
steadily  decelerated  to  the  freestream 
conditions.  In  Fig.  3.5.3  of  test  case  5.1 
there  occured  a  similar  constant  pressure 
area  on  the  outside  of  the  intake. 
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Solution  EUBL  is  not  too  far  off  from  the 
measured  static  wall  pressures  on  the 
inside  wall  of  the  intake  (Fig.  3.5.13). 
The  details  on  the  lip  can  be  observed  in 

Figs.  3.5.15  and  3.5.16.  There  one  sees 
that  the  calculated  stagnation  point 
pressure  does  not  reach  the  measured  one. 
Also  the  location  of  the  stagnation  point 
is  shifted  more  to  the  inside  in  the 
calculation.  On  the  outside  of  the  lip 
solution  EUBL  does  not  reproduce  the 
constant  pressure  region.  This  constant 
pressure  region  is  most  likely  due  to  a 
separation.  The  deceleration  pressures 
downstream  of  this  area  are  slightly 
underestimated  by  EUBL.  The  total 
pressures  inside  the  boundary  layer  at  the 
engine  face  are  very  little  smaller  than 
the  measured  ones  'Fig.  3.5.17)  with  a 
smaller  core  flow  value. 

The  static  wall  pressures  inside  the 
intake  of  solution  NS  are  slightly 
underestimated  (Fig.  3.5.13)  with  some 
waviness  in  front  of  the  throat.  However, 
the  location  of  the  stagnation  point 
inside  the  intake  is  represented  quite 
well  (Fig.  3.5.15).  On  the  external  wall 
the  constant  pressure  plateau  is  not 
reproduced  by  NS  (Fig.  3.5.14).  The 
differences  between  this  calculation  and 
the  experiment  can  best  be  seen  in 
Figure  3.5.15.  The  total  pressure  in  the 
boundary  layer  close  to  the  engine  face  is 
slightly  underestimated  by  NS  as  was  the 
case  with  solution  EUBL  (Fig.  3.5.17). 


3. 3. 5. 4. 4  Intake  Pressure  Recovery 

Intake  pressure  recovery  values  have  been 
produced  for  solution  NS  only.  However, 


because  NS  is  an  axisymraetric  calculation 
the  integration  of  the  engine  face  total 
pressures  to  form  the  pressure  recovery 
was  different  from  that  of  the 
experimentalists.  It  is  therefore  somewhat 
difficult  to  compare  these  data.  The 
results  are  given  in  the  following  table: 

Experiment  SOLUTION  NS 


test  case  5.1  0.8978 
test  case  5.2  0.9246 
test  case  5.3  0.9267 


0.85684 

0.91171 

0.91089 


The  difference  between  measured  and 
calculated  pressure  recovery  of  test 
case  5.1  is  larger  than  for  the  other  test 
cases.  This  reflects  the  large  deviations 
between  the  measured  and  calculated 
internal  flows  already  described  in 
section  3. 3. 5. 4.1. 


3. 3. 5. 5.  CONCLUSIONS 

Concerning  the  Euler  plus  boundary  layer 
approach  the  following  conclusion  can  be 
drawn  from  this  test  case.  This  method 
gives  reasonable  results  as  long  as  there 
are  no  large  separation  regions  and/or 
strong  boundary  layer  shock  interactions 
are  not  occuring  in  the  flow.  Even  then  an 
improvement  of  the  results  might  be 
possible  if  an  iteration  cycle  between 
Euler  and  boundary  layer  calculations  is 
performed. 

The  results  of  the  Javie r-Stokes  solution 
can  be  considered  as  good.  However,  even 
for  such  a  “simple"  geometry  there  exists 
a  need  for  a  Locally  refined  grid.  The 
results  in  the  separation  regions  indicate 
the  urgent  need  for  improved  turbulence 
models . 


FIG.  3.3.1  INTAKE  GEOMETRY  FOR  TEST  CASE  5 


FIG.  3.5.6  TEST  CASE  5.1:  TOTAL  PRESSURE  IN  BOUNDARY  LAYER 

AT  ENGINE  FACE  -  RAKE  1 


FIG.  3.5.8  TEST  CASE  5.2:  STATIC  WALL  PRESSURE  ALONG  DUCT  -  INTERNAL 
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5-9  TEST  CASE  5.2:  STATIC  WALL  PRESSURE  -  EXTERNAL 


5-10  TEST  CASE  5.2:  STATIC  PRESSURE  ON  COWL  LIP 
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TEST  CASE  5.3:  STATIC  WALL  PRESSURE  ALONG  DUCT 
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3.3.6  Test  Case  6-20  Hypersonic  Intake 

3. 3. 6.1  INTRODUCTION 

International  interest  in  hypersonic 
flight  has  been  recently  rejuvenated 
with  the  Hotol,  Saenger,  and  National 
Aerospace  Plane  (HASP)  projects  spurring 
research  efforts  in  high  speed 
aerodynamics,  propulsion  and  materials. 
In  the  propulsion  area,  highly 
integrated,  non-conventional  propulsion 
systems  offer  the  greatest  promise  for 
sustained  air-breathing  flight.  As 
(escribed  in  Section  2.4,  a  highly 
integrated  efficient  intake  is  a  key 
component  of  any  proposed  hypersonic  or 
sup-'rsonlu  cruise  vehicle.  The  intake 
mu.  c  conduct  high  energy  external  flow 
into  the  combustion  system  as 
rff  ■"  liently  as  possible.  Much  of  the 
technology  base  for  this  effort  depends 
on  the  progress  in  CFD  for  supersonic 
and  hypersonic  flows.  Several  factors 
affecting  the  accuracy  of  hypersonic 
intake  calculations  will  be  addressed  in 
Test  Case  6  by  comparing  the  results  of 
flow  calculations  with  experimental 
results  for  the  supersonic  portion  of  a 
hypersonic  intake  system. 

Hypersonic  flows  are  characterized  by 
high  Mach  numbers  in  rhe  inviscid 
regions,  high  flow  gradients  in  the 
vicinity  of  shock  waves,  and  thick, 
heated  boundary  layers.  To  accurately 
model  the  flow  in  the  high  gradients 
near  shocks,  one  must  typically  resolve 
these  features  computationally  with 
large  numbers  of  mesh  points.  Most  flow 
calculations  in  this  regime  encounter 
some  degree  of  post-shock  numerical 
oscillations,  which  can  be  minimized 
either  through  some  form  of  artificial 
viscosity,  upwind  differencing- 
techniques,  or  increased  grid 
resolution.  To  accurately  model  high 
temperature  flows,  one  needs  to  model 
the  real-gas  effects.  This  model  can 
take  several  forms  from  the  simplest 
specific  heats  as  a  function  of 
temperature  to  the  more  complex  chemical 
kinetic  models.  To  accurately  model  the 
thick  boundary  layers  present  in 
hypersonic  flows,  one  may  need  to 
consider  a  variety  of  turbulence  and 
transition  models. 

3. 3. 6. 2  PROBLEM  DESCRIPTION 

The  hypersonic  intake  to  be  calculated 
for  Test  Case  6  was  originally  tested  at 
the  NASA  Ames  3.5  Foot  Hypersonic  Wind 
Tunnel  at  a  nominal  test  Mach  number  of 
7.4,  free  stream  Reynolds  number  of 
8.86E06  per  meter,  and  total  temperature 
of  811  degrees  K,  Ref  3.6.1.  A 
schematic  drawing  of  one  configuration 
of  the  intake,  designated  P8,  is  shown 
in  Fig.  3.6.1.  The  intake  is  a  Mach  7.4 


FIG  3.6.1  SCHEMATIC  DRAWING  OF 
P8  INTAKE  FROM  REF  3.6.1. 


rectangular  mixed-compression  design 
with  exiting  supersonic  flow.  The  cowl 
height  is  8.89  cm,  forebody  length  is 
82.28  cm,  overall  length  is  127  cm,  and 
width  is  35.56  cm.  On  design  the 
nominal  6.5  degree  wedge  produces  an 
oblique  shock  which  passes  just  outside 
the  cowl  lip  and  delivers  a  Mach  6.0 
flow  at  the  entrance  to  the  intake. 
Another  shock  is  generated  by  the  cowl 
lip  and  this  shock  traverses  the 
internal  flow  passage  and  is  reflected 
from  the  ramp  surface  back  onto  the 
cowl.  The  interior  of  the  cowl  is 
contoured  to  provide  additional 
distributed  compression.  In  the 
vicinity  of  the  shock  reflection,  the 
flow  field  was  surveyed  with  a 
traversing  pitot  pressure  probe  to 
obtain  pressure  profiles  throughout  the 
intake.  Static  pressures  were  measured 
along  the  ramp  and  cowl  surfaces  and 
some  temperature  profiles  were  obtained 
with  the  pitot  pressure  profiles. 

While  the  high  throat  width  to  height 
ratio  of  this  intake  makes  it  possible 
to  model  the  centerline  flow  two 
dimensionally,  some  comparison  of  2D 
versus  3D  modeling  of  the  flow  can  also 
be  assessed.  The  three  dimensional 
effects  are  present  in  this  intake  due 
to  the  glancing  shock/sidewall  boundary 
layer,  internally,  and  the  outflow  along 
the  ramp  surface,  externally.  In 
addition,  while  the  free  stream  Mach 
number  is  sufficiently  high  to  assess 
hypersonic  flow  calculations,  the  free 
stream  total  temperature  is  much  too  low 
to  assess  real-gas  chemistry  models.  Ref 
3.6.1  has  determined  that  boundary  layer 
transition  occurs  at  X*=35  cm.  on  the 
wedge  and  X»107  cm.  on  the  cowl,  so  some 
assessment  of  transition  and  turbulerce 
models  can  be  made.  This  intake  has 
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been  previously  analyzed  by  several 
authors.  Refs  3.6.2  to  3.6.4,  in  support 
of  high  speed  projects. 

3. 3. 6. 3  CFD  TECHNIQUES 

This  test  case  was  attempted  by  six 
different  research  groups,  using  seven 
different  codes,  as  noted  in  Table  3.2.1 
in  section  3.2.  The  analysis  techniques 
included  both  two  and  three  dimensional 
Reynolds-Averaged  Navier-Stokes  (NS) , 
two  and  three  dimensional  Parabolized 
Navier-Stokes  (PNS) ,  and  two  dimensional 
Euler  (EU)  .  The  NS  analysis  was 
performed  by  five  different  groups  using 
different  types  of  flow  solvers,  and 
different  turbulence  models,  including  a 
laminar  calculation.  The  group  at 
Aerospatiale  used  the  NS2D  code,  a 
centered  explicit  finite  difference 
scheme  with  multigrid  accelerator  and  an 
algebraic  turbulence  model  by  Michel. 
This  solution  i  ;  designated  (ANS2)  and 
they  have  not  submitted  total 
temperature  profiles  for  comparison  with 
experiment .  Dornier  has  submitted  a 
laminar  three  dimensional  NS,  designated 
(LNS3) ,  and  a  turbulent  three 
dimensional  NS  calculation,  designated 
(DNS3) .  The  General  Dynamics  group 
used  the  FALCON  code,  a  finite  volume, 
multi-block  solver  with  Roe's  flux 
difference  splitting  and  a  Baldwin-Lomax 
turbulence  model.  This  group  performed 
both  two  dimensional  and  three 
dimensional  calculations,  designated 
(GNS2)  and  (GNS3)  respectively.  The 
group  at  Messerschmitt-Boerkow-Blohm 
performed  a  two  dimensional  NS  analysis 
using  the  NSFLEX  code,  a  finite-volume, 
flux-extrapolation  code,  designated 
(MNS2) ,  with  a  Baldwin-Lomax  turbulence 
model.  The  Sverdrup  group  used  the  PARC 
code,  a  Beam-warming  ADI  solver  with 
Baldwin-Lomax  turbulence  model  and 
designated  (SNS2) .  The  PNS  analysis  was 
performed  at  NASA-Lewis  using  the  PEPSIS 
code,  a  Briley-McDonald  LB  I  solver  with 
a  McDonald-Camarata  mixing  length 
turbulence  model.  This  group  also 
performed  both  two  dimensional  and  three 
dimensional  calculations  designated 
(PNS2)  and  (PNS3)  respectively.  The 
group  at  Aerospatiale  also  analyzed  this 
intake  using  the  FLU3M  multi-block  Euler 
solver.  Only  intake  static  pressure 
comparisons  are  possible  with  this 
analysis,  designated  (EU) .  Details  of 
the  various  analyses  are  to  he  found  in 
the  microfiche  supplement  of  this 
report . 

3. 3. 6. 4  RESULTS 


Static  Pressure  Distributions 


conditions  are  given  in  Appendix  3.3.6. 
We  will  now  consider  a  few 
representative  results  from  this  larger 
group.  Figs.  3.6.2  and  3.6.3  shows  a 
comparison  of  the  computed  and 
experimental  static  pressure 
distributions  on  the  ramp  and  cowl  of 
the  intake.  Experimental  data  is  shown 
by  the  filled  symbols,  all  three 
dimensional  calculations  are  shown  by 
the  symboled  lines,  and  all  two 
dimensional  calculations  are  given  by 
plane,  unsymboled  lines.  The  static 
pressures  are  all  measured  downstream 
of  the  intake  cowl  Up.  Considering  Fig. 
3.6.2,  the  distribution  on  the  ramp  from 
the  experimental  data,  and  moving  from 
left  to  right,  we  see  that  the  pressure 
increases  sharply  at  the  location  where 
the  shock  generated  by  the  cowl  strikes 
and  reflects  from  the  ramp  surface,  near 
X=6.2.  The  internal  portion  of  the  cowl 
has  been  contoured  to  produce  a 
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FIG  3.6.2  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  RAMP  STATIC 
PRESSURE  DISTRIBUTION. 


Detailed  comparison  of  computed  and 
experimental  results  for  all  requested 
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distributed  compression  near  the 
shoulder  of  the  intake.  Because  of  this 
contouring  and  the  interaction  of  the 
shock  with  a  thick  boundary  layer,  the 
pressure  rise  is  spread  from  near  X=6.2 
to  X=6 . 4 .  Near  X=6.4  the  flow  turns 
over  the  shoulder  of  the  intake  and  the 
pressure  increases  much  more  slowly  with 
distance.  Considering  the  CFD  analyses, 
there  appears  to  be  a  great  deal  of 
scatter  about  the  experimental  results. 
In  general,  the  three  dimensional 
computations  more  closely  match  the 
experimental  results  than  the  two 
dimensional  calculations  which  would 
imply  that  three  dimensional  effects  are 
quite  important  in  this  speed  regime  in 
spite  of  the  high  aspect  ratio  of  the 
intake.  The  EU  analysis  has 
underpredicted  the  pressure  rise, 
probably  because  it  does  not  account  for 
the  additional  compression  effects  of 
the  cowl  boundary  layer  displacement. 
The  shock  location  was  achieved  by 
setting  a  virtual  origin  of  the  cowl  as 
detailed  in  the  microfiche  supplement. 
The  ANS2  analysis  has  predicted  the 
shock  impingement  upstream  of  the 
experimental  location  while 

overpredicting  the  pressure  rise  through 
the  shock  reflection.  The  LNS3  analysis 
has  slightly  underpredicted  the  pressure 
rise  and  places  the  shock  downstream  of 
its  actual  location;  both  effects  are 
consistent  with  underpredicting  the 
boundary  layer  thickness.  The  DNS3 
analysis  does  an  excellent  job  of 
predicting  both  the  pressure  level  and 
the  shock  location.  The  G‘,.3  analyses 
are  nearly  identical  up  through  the 
early  parts  of  the  shoch  reflection; 
both  predict  the  shock  impingement  point 
slightly  downstream  of  the  measured 
location.  The  two  analyses  split 
following  the  shock  impingement  which 
again  indicates  possible  three 
dimensional  effects  present  in  this 
reflection.  The  GNS2  results 
significantly  overpredict  the  pressure 
rise  through  the  shock  reflection.  The 
MNS2  analysis  correctly  predicts  the 
shock  location  and  pressure  rise,  but 
slightly  overpredicts  the  ramp  pressure 
downstream.  The  PNS3  code  has  properly 
located  the  shock  reflection  location 
and  strength  while  the  TNS2  analysis 
locates  the  shock  impingement  correctly, 
but  overpredicts  the  pressure  rise 
substantially  much  like  the  GNS 
computations.  The  SNS2  analysis 
correctly  locates  the  impingement  of  the 
cowl  shock  and  closely  models  the 
distributed  compression.  At  the  shock 
impingement,  this  code  predicts  a  small 
separation  bubble,  which  accounts  for 
the  rise  in  pressure  upstream  of  the 
impingement  point.  The  experiment  gives 
no  indication  of  such  a  separation. 


Considering  the  experimental  pressure 
distribution  on  the  cowl.  Fig.  3.6.3, 
and  again  moving  from  left  to  right,  the 
pressure  slowly  increases  due  to  the 
internal  contouring  of  the  cowl.  Near 
X=6.6,  the  pressure  decreases  due  to  the 
expansion  from  the  ramp  shoulder 
striking  the  cowl  and  then  sharply 
increases  as  the  cowl  shock  strikes  this 
surface  after  being  reflected  from  the 
ramp.  Considering  the  CFD  analyses,  we 
again  see  substantial  scatter  from  the 
experimental  results  and,  in  general, 
the  three  dimensional  computations 
compare  better  with  the  experiment  than 
the  two  dimensional  computations.  The 
EU  analysis  does  a  good  job  of 
predicting  the  distributed  cowl 
compression,  but  does  not  model  the 
impingement  of  the  reflected  shock  very 
well.  This  again  could  be  due  to  the 
lack  of  boundary  layers  in  this  analysis 
and  therefore  the  neglect  of 
displacement  effects  on  the  shock 
location.  The  ANS2  analysis  correctly 
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FIG  3.6.3  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  COWL  STATIC 
PRESSURE  DISTRIBUTION. 
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models  this  feature  of  the  flow, 
although  the  shock  pressure  rise  is 
smeared  over  some  distance.  The  LNS3 
analysis  has  predicted  the  shock 
impingement  but  not  the  pressure  rise 
because  the  laminar  boundary  layer  is 
much  thinner  than  the  turbulent  layer 
and  does  not  properly  model  displacement 
effects.  The  DNS3  correctly  predicts  the 
pressure  level  across  the  shock,  but 
slightly  smears  the  pressure  rise.  The 
GNS  analyses  properly  model  the  shape  of 
the  distributed  compression  and 
expansion,  but  predict  the  shock 
impingement  downstream  of  the  measured 
location  which  is  entirely  consistent 
with  their  ramp  pressure  distributions. 
The  PNS  analysis  is  able  to  correctly 
model  the  early  pressure  increase 
three-dimensional ly  and  gets  the  slope, 
though  not  the  level,  two-dimensionally . 
The  PNS2  analysis  better  models  the 
expansion  impingement,  probably  due  to 
better  grid  resolution  in  this  area. 
Both  two  and  three  dimensional  analyses 
properly  predict  the  reflected  shock 
location,  yet  both  overpredict  its 
strength.  The  MNS2  analysis  correctly 
models  the  reflected  shock  pressure 
levels,  but  smears  the  pressure  rise 
relative  to  the  data.  The  SNS2  code 
results  closely  track  the  PNS2  results 
and  slightly  overpredicts  pressures  in 
the  distributed  compression  region.  The 
spike  near  X=6.6  is  probably  the  result 
of  an  additional  shock  set  up  by  the 
computed  separation  on  the  ramp.  This 
analysis  also  correctly  locates  the 
reflected  cowl  shocks  impingement  and 
reflection. 

Pitot  Pressure  Profiles 

Figs.  3.6.5,  3.6.6,  and  3.6.7  show 

comparison  of  the  CFD  and  experimentally 
determined  pitot  profiles  through  the 
intake;  there  were  nine  such  rakes  in 
the  intake.  The  location  of  the  takes 
are  noted  in  Fig.  3.6.4.  As  before,  the 
experimental  data  is  given  by  filled 
symbols,  three  dimensional  computations 
are  given  by  symboled  lines,  and  two 
dimensional  computations  are  given  by 
plane  lines.  Considering  the 

experimental  data  of  Fig.  3.6.5  at 
intake  station  X=5.78,  the  lower  part  of 
the  figure  shows  the  thick  boundary 
layer  which  has  grown  on  the  ramp 
surface;  the  thickness  is  indicated  by 
the  location  where  the  curve  turns 
vertical,  at  Y— . 075 .  Continuing  up  the 
curve,  the  sharp  turn  to  the  right  is 
indicative  of  the  cowl  shock  location 
while  the  gradual  rise  to  the  right  and 
up  is  caused  by  the  distributed 
compression  on  the  inside  of.  the  cowl. 
Near  the  top  of  the  curve,  It  turns 
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FIG  3.6.4  EXPERIMENTAL  RAKE 
LOCATION  WITHIN  THE  P8  INTAKE. 


sharply  back  to  the  left  which  indicates 
the  thickness  of  the  boundary  layer  on 
the  cowl.  Noting  the  shapes  of  the 
boundary  layer  profiles,  we  see  that  the 
cowl  profile  is  thin  and  curved  which 
usually  indicates  a  laminar  profile.  On 
the  ramp,  the  profile  is  thick  with  a 
nearly  linear  section  which  usually 
indicates  a  turbulent  boundary  layer. 
Considering  the  CFD  results,  we  again 
see  substantial  scatter  between  the 
analyses,  although  all  of  the  CFD 

results  fall  to  the  right  of  the 
experimental  results  in  the  core  flow. 
All  of  the  analyses  predict  a  similar, 
though  different  from  experimental, 

value  of  pitot  pressure  upstream  of  the 
cowl  shock.  This  is  the  nearly  vertical 
portion  of  the  profile.  The  ANS2 
analysis  has  smeared  the  cowl  shock 
pressure  rise  into  a  nearly  smooth 
curve,  although  it  does  a  good  job  of 
modeling  the  boundary  layer  thickness  on 
the  ramp.  The  thin  laminar  boundary 
layer  of  the  LNS3  analysis  is  clearly 
indicated,  while  the  DNS3  more  correctly 
models  the  boundary  layer  thickness. 
The  GNS3  analysis  is  able  to  correctly 
model  the  boundary  layer  height  on  the 
ramp,  while  the  GNS2  results 
underpredicts  this  growth.  A  similar 
result  is  seen  in  the  other  two 
dimensional  NS  calculation.  Both  PNS 
analyses  slightly  overpredict  the 
boundary  layer  thickness  on  the  ramp. 
The  MNS2  analysis  slightly  underpredicts 
the  boundary  layer  thickness  as  does  the 
SNS2  analysis.  The  pitot  profile  of  the 
SNS2  calculation  is  becoming  vertical  on 
thr  t  ...r  which  is  indicative  of  nearly 
sep-r*..  . flow.  The  PNS3  analysis  has  a 
similar  type  profile,  while  the  PNS2 
profile  more  closely  matches  the  data. 
The  middle  portion  of  the  curve,  from 
Y-.13  to  Y». 22,  shows  a  groat  deal  of 
scatter  between  the  computations.  For 
the  same  types  of  codes,  three 
dimensional  calculations  better  match 
the  data  than  two  dimensional.  The 
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FIG  3.6.5  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  PITOT  PRESSURE 
DISTRIBUTION  AT  X=5.78. 

upper  portion  of  the  curve  describes 
the  boundary  layer  on  the  cowl.  In  most 
cases,  this  boundary  layer  has  been 
correctly  modeled  as  being  much  thinner 
than  the  ramp  boundary  layer.  The 
scatter  at  the  upper  left  hand  portion 
of  this  curve  has  several  possible 
causes.  Because  the  lowest  portion  of 
all  of  the  curves  have  been  fixed  at 
Y=0 . 0,  the  Y  value  at  the  upper  left 
portion  of  the  curve  indicates  the 
computed  height  of  the  duct  at  this 
location.  The  vertical  scatter  at  this 
point  can  be  due  to  incorrect  modeling 
of  the  intake  geometry.  It  can  also  be 
caused  by  graphical  errors  in  the  post¬ 
processing  of  the  computed  results.  The 
overall  scatter  at  this  location  is  much 
more  evident  in  Appendix  3  6.1  at  the 
various  rake  locations. 

The  next  location  to  consider  is  at 
X=6 . 37,  Fig.  3.6.6,  a  station  just 
downstream  of  the  reflection  of  the  cowl 
shock  from  the  ramp  surface. 
Considering  the  experimental  data,  the 
lower  portion  of  the  figure  shows  that, 
the  ramp  boundary  layer  has  been 
compressed  by  the  reflecting  shock  wave 
and  is  somewhat  thinner  than  at  the 
previous  station.  The  reflected  shock  is 
just  emerging  from  the  boundary  layer 
near  Y-,025  as  shown  by  the  break  in  the 
curve.  The  effect  of  the  distributed 


FIG  3.6.6  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  PITOT  PRESSURE 
DISTRIBUTION  AT  X=6.37. 

cowl  compression  is  seen  in  the  sloping 
section  of  the  curve  from  Y=.05  to  .125, 
while  the  cowl  boundary  layer  is  seen  at 
the  top.  Considering  the  CFD  results, 
we  see  again  a  great  deal  of  scatter  in 
the  results  with  three  dimensional 
calculations  closer  to  the  data  than  two 
dimensional  calculations  for  the  same 
code.  The  SNS2  and  PNS3  analyses  are 
predicting  profiles  near  the  ramp  which 
indicate  a  flow  separation  which  is  not 
seen  in  the  experimental  results.  The 
LNS3  analysis  continues  to  underpredict 
the  boundary  layer  thickness  and  the 
shock  reflection  because  the  analysis  is 
laminar.  The  other  computations  do  a 
reasonable  job  of  predicting  the  shape 
of  the  boundary  layer  profile  near  the 
ramp.  All  of  the  codes  pick  up  the 
emerging  reflected  shock  wave,  though 
each  of  the  codes  model  this  feature 
differently.  The  GNS2  analysis  most 
closely  predicts  both  the  magnitude  and 
location  of  this  feature.  All  of  the 
other  analyses,  except  the  LNS3,  predict 
the  break  in  the  curve  farther  away  from 
the  ramp  than  the  experiment.  This  would 
correspond  to  predicting  the  shock  above 
its  true  location  relative  to  the  ramp. 
The  various  locations  of  the  break  in 
the  curve  between  the  analyses  indicate 
the  differences  in  the  ability  of  these 
codes  to  model  these  features.  Host  of 
the  codes  correctly  predict  the  slope  of 
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the  distributed  compression  region,  but 
all  of  the  analyses  fall  to  the  right  of 
the  experimental  data.  The  large  bulge 
in  the  SNS2  analysis  is  caused  by  the 
shock  generated  by  the  previously 
discussed  separation  on  the  ramp.  The 
cowl  boundary  layer  profile  is  fairly 
well  modeled  by  all  the  codes,  although 
we  again  see  some  variations  in  the 
height  of  the  profiles  at  the  extreme 
left  part  of  the  curve. 

Moving  now  to  Fig.  3.6.1,  at  X=-6.65,  a 
comparison  is  made  near  the  end  of  the 
measuring  stations.  At  this  location, 
the  reflected  cowl  shock  is  just 
striking  the  cowl  boundary  layer,  as 
shown  in  the  break  in  the  experimental 
data  near  V=.10.  The  lower  portion  of 
the  curve  shows  that  the  ramp  boundary 
layer  has  been  compressed  thinner  than 


FIG  3.6.7  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  PITOT  PRESSURE 
DISTRIBUTION  AT  X=6.65. 


at  the  previous  station.  The 
distributed  compression  is  still  evident 
by  the  sloping  central  portion  of  the 
experimental  data.  Considering  the  CFD 
results,  we  again  see  a  great  amount  of 
scatter  between  the  various 
computations.  The  LNS3  analysis 
continues  to  underpredict  the  ramp 
boundary  layer  thickness  as  previously 
discussed.  The  PNS3  and  SNS2  resuits 
continue  to  indicate  a  separation  on  the 


ramp  which  is  not  seen  in  either  the 
experiment  or  the  other  analyses.  All 
of  the  other  codes  overpredict  the 
boundary  layer  pitot  profile  on  the 
ramp,  yet  do  a  reasonable  job  cf 
predicting  the  boundary  layer  thickness. 
Most  of  the  analyses  are  still 
overpredicting  the  central  portions  of 
the  curve.  There  is  quite  a  bit  of 
scatter  in  the  predicted  cowl  boundary 
layer  profiles  because  of  the 
interaction  of  this  profile  with  the 
incoming  shock  wave.  As  seen  in  the 
previous  figure,  each  of  the  cedes  was 
predicting  the  shock  wave  in  a  sliohtly 
different  location  and  with  a  different 
strength.  As  the  shock  hits  the  cowl, 
theses  variations  are  magnified  in  the 
profiles.  Ip.  this  type  of  intake,  small 
variations  at  the  beginning  of  an 
analysis  can  become  larger  variations  as 
one  proceeds  downstream. 

Total  Temperature  Profiles 

Figs.  3.6.8,  and  3.6.9  show  comparison 
of  the  CFD  and  experimentally  determined 
total  temperature  profiles  through  the 
intake.  There  were  nine  such  rakes  in 
the  intake  located  at  the  same  location 
as  the  pitot  profiles.  As  before,  the 
experimental  data  is  given  by  filled 
symbols,  three  dimensional  analyses  by 
symboled  lines,  and  two  dimensional 
analyses  by  plane  lines.  Considering 
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FIG  3.6.8  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  TOTAL  TEMPERATURE 
DISTRIBUTION  AT  X-5.78. 
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the  experimental  data  in  Fig.  3.6.8  at 
intake  station  X«5.T8,  we  see  that 
thermal  boundary  layers  are  generated  on 
the  ramp  and  cowl  and  that  the  central 
inviscid  portion  of  the  flow  field  has 
maintained  a  constant  total  temperature. 
Reference  3.6.1  indicates  that  this 
temperature  ratio  is  less  than  one 
because  it  was  not  corrected  due  to 
uncertainties  in  other  measurements.  The 
corrected  value  should  be  one. 
Considering  the  CFD  results,  all  of  the 
analyses  except  the  PNS3  and  LNS3  have 
done  an  excellent  job  modeling  this  flow 
field.  In  general,  the  three  dimensional 
analyses  overpredict  the  thermal 
boundary  layer  thickness  while  the  two 
dimensional  results  underpredict  the 
thermal  boundary  layer  thickness  on  the 
ramp.  By  the  end  of  the  intake  duct,  at 
X=6 . 65  in  Fig  3.6.9,  the  situation  has 
changed  somewhat.  The  PNS3  analysis 
still  has  some  major  problems,  but  most 
of  the  other  analyses,  two  and  three 
dimensional,  are  underpredicting  the 
thermal  boundary  layer  on  the  ramp. 
Along  the  cowl  surface,  the  codes  once 
again  underpredict  the  thermal  boundary 
layer  thickness  relative  to  the 
experiment . 


FIG  3.6.9  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  TOTAL  TEMPERATURE 
DISTRIBUTION  AT  X=6.65. 


CFD  Flew  Field 

In  the  previous  sections  we  have  noted 
evidence  which  suggests  that  three 
dimensional  effects  are  present  in  this 
intake.  While  the  experimental  data  was 
too  sparse  to  quantify  three  dimensional 
effects,  the  full  three  dimensional  CFD 
results  gives  some  indication  of  the 
extent  of  these  effects.  Fig.  3.6.10 
shows  pitot  pressure  contour  through 
the  intake  from  the  GNS3  analysis.  The 
location  of  each  plane  is  noted  at  the 
top  of  the  figure  by  a  letter,  with  the 
corresponding  letter  written  next  to  the 
pitot  contour  plot.  The  contour  plots 
are  shown  for  half  of  the  duct;  a  plane 
of  symmetry  exists  along  the  left  edge 
of  each  plot.  The  collection  of 
horizontal  lines  at  the  top  and  bottom 
denotes  the  boundary  layer  on  the  ramp 
and  cowl .  The  horizontal  lines  in  the 
middle  of  each  plot  are  indicative  of 
the  cowl  shock  wave,  which  is  reflecting 
from  the  ramp  back  onto  the  cowl.  To  the 
right  is  the  intake  sidewall  with  its 
associated  boundary  layer.  Because  of 
shock/boundary  layer  interactions,  such 
as  the  one  studied  in  test  case  2,  low 
pressure  regions  develop  in  the  corners 
of  the  intake.  The  effect  of  this  corner 
phenomenon  is  seen  to  extend  nearly  a 
quarter  of  the  distance  across  duct  from 
the  sidewall.  It  is  this  corner 
interaction  which  introduces  the  three 
dimensional  effects  into  the  intake, 
based  on  the  CFD  analysis. 

3.3. 6.5  CONCLUSIONS 

There  are  several  interesting 
conclusions  which  can  be  drawn  from  a 
comparison  of  CFD  and  experimental 
results  for  this  test  case.  Rirst, 
there  was  a  wide  variation  in  the  CFD 
results,  both  between  different  types  of 
analysis  and,  within  the  same  analysis, 
between  two  dimensional  and  three 
dimensional  calculations.  In  general,  a 
three  dimensional  calculation  agreed 
better  with  the  experimental  results 
than  a  two  dimensional  calculation  using 
the  same  code.  Second,  nearly  all  of 
the  codes  were  able  to  match  the 
experimental  temperature  profiles, 
although  this  result  may  be  misleading. 
While  this  intake  was  designed  for 
hypersonic  testing,  it  was  not  tested  at 
true  flight  enthalpies,  The  ability  of 
the  codes  to  match  these  wind  tunnel 
results,  while  encouraging,  should  not 
be  interpreted  as  a  verification  of  the 
codes  ability  to  model  flight 
conditions.  This  is  not  the  correct  test 
case  to  assess  intake  code  capability 
for  real  gas  effects.  Third,  there  is 
some  evidence  that  the  actual  intake 
geometry  as  presented  in  the  report  is 
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FIG  3.6.10  PITOT  PRESSURE 
CONTOURS  THROUGH  THE  P8  INTAKE. 


not  being  modeled  computationally.  All 
of  the  analysis  teams  were  provided  with 
the  same  information  concerning  the 
intake  geometry  as  provided  in  Ref 

3.6.1,  yet  each  modeled  this  geometry  in 
a  slightly  different  way.  For  hypersonic 
flows,  even  small  differences  in 
geometry  can  produce  significant 
differences  in  flow  properties.  It  would 
appear  that  additional  work  is  required 
in  hypersonic  intake  applications  in  the 
area  of  geometric  specification  and  flow 
solver  grid  generation.  Fourth,  none  of 
the  CFD  analyses  were  able  to  predict 
the  pitot  pressure  downstream  of  the 
ramp  shock,  but  upstream  of  the  cowl 
shock.  This  is  the  vertical  region  of 
Fig.  3.6.5.  In  all  of  the  calculations 
of  this  intake  of  which  the  author  is 
aware,  including  the  previously 
referenced  papers,  no  one  has  ever 
matched  the  experimental  data  using  the 
stated  tunnel  conditions  of  F.ef  3.6.1, 
The  many  CFD  analyses  tend  to  agree  with 
one  another,  but  do  not  match  the 
experimental  data  for  a  parameter  which 
is  relatively  easy  to  compute,  as 
evidenced  by  the  results  of  test  case  2, 
One  is  then  lead  to  suspect  that  the 
conditions  stated  in  the  report  were 
different  in  some  way  from  the 


conditions  that  were  actually  present  in 
the  tunnel.  And  fifth,  for  this  class  of 
intakes,  it  would  appear  that  even  small 
variations  in  the  flow  field  upstream 
lead  to  large  variations  between  codes 
downstream.  This  is  perhaps  a 
restatement  of  the  sensitivity  of 
hypersonic  flow  fields  to  small 
variations  in  flow  parameters,  be  they 
geometric,  or  noise  in  the  solution. 
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3.3.7  Test  Case  7  - 
Mixed  Compression  Intake 

3. 3. 7.1  INTRODUCTION 

The  late  1980' s  have  witnessed  a  renewed 
interest  in  sustained  supersonic  flight 
for  both  military  and  civilian  purposes. 
Experience  with  the  SR-71  and  the 
Concorde  have  shown  that  high  propulsion 
system  efficiency  is  an  enabling 
technology  for  sustained  high  speed 
flight.  As  described  in  Section  2.4.2, 
the  intakes  for  such  propulsion  systems 
must  operate  with  high  total  pressure 
recovery,  low  levels  of  distortion,  and 
low  levels  of  associated  spillage  , bleed 
and  by-pass  drags.  These  represent 
serious  challenges  for  intake  designers 
of  the  1990' s.  To  meet  this  challenge, 
intake  designers  will  rely  heavily  on 
the  use  of  CFD  for  intake  analysis.  To 
assess  the  current  ability  of  this  new 
tool  to  aid  in  supersonic  intake  design, 
a  representative  mixed  compression 
intake  flow  field  will  be  calculated  as 
Test  Case  7  and  the  calculations 
compared  with  experimental  results. 

3. 3. 7. 2  PROBLEM  DESCRIPTION 

The  intake  to  be  analyzed  is  the  40-60 
intake;  a  Mach  2.5  design  which  was 
extensively  tested  at  the  NASA  Lewis 
Research  Center  during  the  iate  196Q's 
and  early  1 970' s.  Refs  3.7.1  to  3.7.5. 
The  intake  was  built  and  tested 
principally  in  support  of  the  American 
SST  program  to  determine  basic  design 
parameters  for  axisymmetric  mixed- 
compression  intakes  in  this  speed 
regime.  The  intake  was  also  used  for 
parametric  studies  of  boundary  layer 
control  through  bleed,  considering  many 
bleed  patterns,  distributions  and 
locations.  Some  details  of  the  inlet 
operation  are  given  in  Section  2. 4. 2. 2 
of  this  report.  The  intake,  shown  in 
Fig.  3.7.1,  has  a  12.5  degree  half  angle 
centerbody  and  cowl  lip  aligned  with  the 
intake  axis.  Variable  geometry  was 
provided  by  translating  the  centerbody 
cone  along  the  intake  axis.  Forty  per 
cent  of  the  total  intake  compression 
occurs  upstream  of  the  cowl  lip  by  a 
shock  wave  generated  by  the  centerbody. 
The  other  sixty  per  cent  of  the  intake 
compression  occurs  internally  through  a 
system  of  shock  waves  generated  by 
reflecting  the  cowl  shock  from  the 
centerbody  back  onto  the  cowl  and  again 
back  onto  the  centerbody.  Just 
downstream  of  the  intake  throat  a 
terminal  normal  shock  is  formed  and  the 
resulting  subsonic  floti  is  further 
diffused  to  the  engine  compressor  face. 
The  centerbody  is  held  in  place  by  three 
struts  in  the  subsonic  diffuser  spaced 
120  degrees  apart.  To  control 
shock/boundary  layer  interactions, 
boundary  layer  bleed  is  provided  near 


FIG  3.7.1  SCHEMATIC  DRAWING  OF 
40-60  INTAKE  FROM  REF  3.7.1. 


each  of  the  shock  reflection  locations 
by  means  of  distributed,  discrete-hole, 
porous  plates.  The  flow  through  these 
bleed  zones  on  the  centerbody  are  routed 
overboard  through  the  support  struts. 
To  provide  operating  margin  and  insure 
normal  shock  stability,  an  intake  bypass 
system  is  provided  in  the  subsonic 
diffuser. 

Although  the  intake  was  tested  with  a 
variety  of  bleed  configurations,  bleed 
amounts,  Mach  number  and  mass  flow 
conditions,  the  following  conditions 
were  recommended  for  computation: 

Mach  number  «  2.5 

Angle  of  Attack  =  0.0 

Bleed  Configuration  =  DS 

Mass  Flow  Ratio  »  .886  +  others 

Reynolds  number  =3.88  E06 

No  vortex  generators 

Bleed  doors  closed 

Reference  mass  flow  is  17.3  kg/sec. 

These  conditions  correspond  to  test 
conditions  reported  in  Refs  3.7.1  and 
3.7.2.  The  principal  experimental 
results  available  include  surface  static 
pressures  along  the  cowl  and  centerbody, 
compressor  face  rake  data,  and  seven 
Mach  number  profiles  in  the  vicinity  of 
the  bleed  zones. 

3. 3. 7. 3  CFD  TECHNIQUES 

This  test  case  was  attempted  by  two 
research  groups  as  noted  in  Table  3.2.1  , 
One  group  used  a  Parabolized  Navier- 
Stokes  (PNS)  technique,  while  the  other 
used  a  Reynoios-Averaged  Navier-Stokes 
(NS)  code.  The  PNS  analysis  was 
performed  at  NASA  Lewis  and  employed  the 
PEPSIS  code,  a  single  sweep  LB  I  solver 
using  a  NcDonald-Camarata  mixing  length 


turbulence  model.  The  PNS  was  only  able 
to  analyze  the  supersonic  portion  of  the 
intake  because  such  a  technique  is 
invalid  across  the  terminal  shock  and  in 
the  subsonic  diffuser  where  the  flow  is 
elliptic.  The  group  at  Sverdrup  used 
the  PARC  code,  a  Beam-Warming  ADI  solver 
with  a  Baldwin-Lomax  turbulence  model, 
and  designated  NS  on  the  following 
plots.  Details  of  these  analyses  are 
found  in  the  microfiche  supplement  of 
this  report. 

3. 3.7.4  RESULTS 

Static  Pressure  Distributions 

Detailed  comparison  of  computed  and 
experimental  results  for  all  requested 
conditions  are  given  in  Appendix  3.3.7. 
We  w-il  now  consider  a  few 
representative  results  from  this  larger 
group.  Figs.  3.7.2  and  3.7.3  shows  a 
comparison  of  the  computed  and 
experimental  static  pressure 

distributions  on  the  centerbody  and  cowl 
of  the  intake.  Experimental  data  Is 
shown  by  the  symbols  while  the  analyses 
are  shown  by  different  style  lines.  As 
shown  in  the  figures  of  Appendix  3.3.7, 
there  are  three  sets  of  experimental 
data  corresponding  to  three  different 
mass  flow  settings  for  the  intake;  mode 
A  is  the  lowest  mass  flow  ratio,  mode  C 
the  highest.  Both  calculations  were 
performed  at  conditions  duplicating  the 
high  mass  flow  case,  mode  C.  Therefore, 
for  clarity  in  the  plotting,  we  shall 
only  display  the  mode  C  data  in  the 
report  and  the  reader  is  referred  to  the 
appendix  for  the  full  comparison.  All 
of  the  data  was  taken  downstream  of  the 
intake  cowl  lip.  Considering  the 
experimental  data  for  the  centerbody 
plot,  Fig.  3.7.2,  at  the  left  portion 
of  the  curve,  the  jump  in  the  pressure 
corresponds  to  the  first  reflection 
point  of  the  cowl  shock  on  the 
centerbody.  The  sudden  increase  in 
pressure  around  X=3.4  corresponds  to  the 
terminal  normal  shock.  Comparing  the 
CFD  results  for  the  centerbody,  we  see 
that  the  PNS  analysis  has  correctly 
predicted  the  location  and  strength  of 
the  reflecting  cowl  shock.  Up  to  the 
terminal  shock,  the  inviscld  flow  is 
supersonic  and  the  use  of  a  single  sweep 
PNS  code  properly  captures  the  physics 
of  the  problem.  In  subsonic  regions, 
across  the  terminal  shock,  in  the 
diffuser,  and  ror  large  separations,  the 
single  sweep  PNS  does  not  correctly 
model  the  elliptic  nature  of  the  flow. 
The  PNS  analysis  does  not  properly 
predict  the  location  of  the  terminal 
shock  because  this  location  is  set  by 
conditions  at  the  compressor  face  and 
this  type  analysis  cannot  account  for 
these  :ptic  effects.  The  NS  analysis 
has  predicted  the  impingement  point  of 


FIG  3.7.2  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  CENTERBODY  STATIC 
PRESSURE  DISTRIBUTION. 


the  cowl  shock  slightly  downstream  of 
its  experimental  location.  The  normal 
shock  location,  however,  is  properly 
set  by  the  NS  analysis.  At  the 
centerbody  bleed  location  the  static 
pressure  is  decreased  in  both  the 
experiment  and  analyses.  The  NS  analysis 
overpredicts  this  decrease,  but  captures 
the  pressure  rise  through  the  terminal 
shock  quite  well . 

Considering  now  the  cowl  plot,  Fig. 
3.7.3,  the  jump  in  measured  pressure 
near  X*3.1  corresponds  to  the  second 
reflection  of  the  cowl  shock,  while  the 
increase  near  X=3.4  indicates  the 
terminal  normal  shock.  Because  of  the 
plateau  shape  of  the  static  pressure 
profile,  it  appears  that,  even  with 
substantial  bleed  on  the  cowl,  there  is 
a  separation  on  the  cowl  at  the  shock 
reflection  with  associated  upstream 
influence.  Comparing  the  CFD  results 
for  the  cowl,  we  see  that  the  PNS 
analysis  has  predicted  the  shock 
reflection  location  downstream  fron  the 
test  location  as  indicated  by  the  Mode  C 
symbols.  The  single  sweep  PNS  code  does 
not  properly  model  the  upstream 
influence  in  the  separation  and  gives 
instead  an  attached  flow  pressure 
profile.  The  downstream  pressure  levels 
correctly  correspond  to  the  experimental 
values,  but  this  analysis  does  not 
properly  model  the  pressure  plateau.  In 
the  NS  analysis,  the  incoming  reflected 
shock  is  predicted  downstream  of  its 
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FIG  3.7.3  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  COWL  STATIC 
PRESSURE  DISTRIBUTION. 


measured  location.  This  is  consistent 
with  the  downstream  prediction  on  the 
centerbody  as  previously  discussed.  The 
pressure  rise  across  the  shock  is 
properly  modeled  by  the  NS  analysis, 
although  this  analysis  does  not  predict 
the  flow  separation. 

Rake  Profiles 

Comparison  has  been  made  between  the  CFD 
results  and  experimentally  measured  Mach 
number  profiles  at  seven  locations 
through  the  intake.  The  rake  locations 
are  shown  in  Fig.  3.1.4,  and  the  results 
for  all  seven  raxes  are  given  in 
Appendix  3.3.7.  Here  we  shall  present 
some  representative  cases  to  demonstrate 
the  CFD  results.  Fig.  3.7.5  shows  the 
Mach  number  profiles  at  rake  location  2, 
on  the  centerbody,  downstream  of  the 
first  shock  reflection.  The  symbols 
indicate  the  experimental  results  while 
the  various  lines  present  CFD  results. 
In  this  plot,  the  Mach  number  has  been 
plotted  on  the  horizontal  axis 
normalized  by  the  external  value  at  the 
edge  of  the  boundary  layer.  The  height 
is  measured  normal  to  the  centerbody 
surface,  in  centimeters,  along  the 
vertical  axis.  Considering  the  CFD 
results,  we  see  that  the  ENS  analysis 
has  correctly  predicted  the  turbulent 
boundary  layer  shape,  as  compared  with 
the  data,  but  has  overpredicted  the 
boundary  layer  thickness.  The  NS 
analysis  has  also  overpredicted  the 


FIG  3.7.4  EXPERIMENTAL  RAKE 
LOCATIONS  WITHIN  THE  40-60 
INTAKE . 


FIG  3.7.5  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  MACK  NUMBER 

DISTRIBUTION  AT  CENTERBODY  PROBE  2 . 


boundary  layer  height  while  correctly 
predicting  the  shape.  The  computational 
profile  has  been  normalized  by  an 
exterior  Mach  number  equal  to  1.65,  so 
that  comparisons  can  be  made  with  Mode 
C.  Both  the  NS  and  single  sweep  PNS 
have  correctly  predicted  the  external 
Mach  number  at  this  station  for  which 
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the  flow  is  predominately  supersonic. 
Moving  downstream  to  probe  4,  on  the 
centerbody  slightly  upstream  of  the 
terminal  shock  in  the  vicinity  of  the 
throat,  results  are  compared  in  Fig. 
3.7.6.  The  computational  profiles  are 
nondimensionalized  by  Mach  number  equal 
1.05  for  comparison  with  Mode  C  mass 
flow  ratio.  Considering  the 

experimental  results,  we  see  a  turbulent 
boundary  layer  profile  whose  thickness 
is  comparable  to  the  previous  rake.  The 
lower  portion  of  the  profile  shows  the 
effects  of  the  local  bleed  accelerating 


M/M* 

FIG  3.7.6  COMPARISON  OE'  CFD  AND 
EXPERIMENTAL  MACH  NUMBER 

DISTRIBUTION  AT  CENTERBODY  PROBE  4. 


the  flow.  Considering  the  CFD  results, 
we  see  that  the  PNS  code  has  not  been 
able  to  predict  the  bleed  effects  near 
the  wall,  probably  because  of  the 
elliptic  nature  of  the  flow  in  this 
region.  The  NS  solution  matches  tne 
profile  quite  well  at  this  location. 
With  the  free  stream  Mach  number 
approaching  1.0,  an  NS  code  is  required; 
the  PNS  assumptions  are  beginning  to 
break  down  at  this  location. 
Considering  a  rake  on  the  cowl,  Fig. 
3.7.7  shows  results  at  probe  6  which  is 
located  downstream  of  the  shock 
reflection  and  the  cowl  bleed  zone.  The 
computational  profile  was 


FIG  3.7.7  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  MACH  NUMBER 
DISTRIBUTION  AT  COWL  PROBE  6. 


nondimensionalized  by  Mach  number  equal 
1.17  for  comparison  with  Mode  C  mass 

flow  ratio.  The  PNS  analysis  results 
compare  quite  closely  with  the 
experimental  results  with  respect  to 
farfield  Mach  number.  The  oour.dary 
layer  thickness  is  underpredicted  and 
some  details  of  the  lowest  portion  of 

the  boundary  layer  are  not  captured. 
In  view  of  a  possible  separation  and 
reattachment  on  the  cowl,  ouch  a 
discrepancy  is  again  to  be  expected. 
The  NS  analysis  ,s  overpredicting  the 

boundary  layer  thickness  at  this  rake. 

3. 3. 7. 5  CONCLUSIONS 

This  test  case  was  analyzed  with  two 

different  types  of  codes,  a  fast  running 
PNS  code  and  a  slower  running  NS  code, 
l'n  the  oredominately  supersonic  portions 
of  the  flow  field,  the  single  sweep  PNS 
analysis  was  able  to  correctly  predict 
major  features  present  in  this  intake 
more  efficiently  than  the  NS  analysis. 
However,  in  those  places  where  elliptic 
effects  are  important,  such  as  the 
lowest  portions  of  the  boundary  layer 
and  near  the  throat  bleed  zones,  the  NS 
code  was  clearly  superior.  For  intake 
design  purposes,  it  would  appear  that 
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the  PNS  analysis  can  provide  useful 
information  quickly,  but  that  the  NS 
analysis  should  be  employed  in  those 
regions  where  it  is  truly  required. 
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3.3.8  Test  Case  8  -  Intake/Airframe 

Integration 


3. 3. 8.1  INTRODUCTION 

One  of  the  ultimate  goals  of  CFD 
analysis  is  the  accurate  modeling  of  an 
entire  aircraft  in  flight  including 
engine  installation  effects.  Such  a 
predictive  capability  would  produce  a 
more  thorough  understanding  of  the 
physics  involved  in  engine/airframe 
integration  and  therefore  a  better 
designed  aircraft.  In  the  area  of 
intake  aerodynamics,  the  effects  of 
intake  installation  on  entire  aircraft 
performance  could  be  optimized.  The 
test  matrix  for  intake/airframe 
integration  could  be  greatly  reduced  rf 
accurate,  fast,  computer  models  of  this 
problem  can  be  generated.  To  assess  the 
current  state  of  CFD  for  predicting 
intake/airframe  interactions,  Test  Case 
8  was  proposed  for  calculation.  In  this 
test  case,  CFD  analysis  of  an 
experimental  parametric  study  of 
intake/airframe  integration  will  be 
assessed. 

3. 3. 8. 2  PROBLEM  DESCRIPTION 

The  test  case  chosen  was  the  Tailor-Mate 
series  of  experiments  conducted  at  AEDC 
by  General  Dynamics  for  the  USAF  Wright 
Patterson  AFB,  Ref  3.8.1.  As  described 
in  Paragraph  2. 5. 3.1  of  this  report, 
these  tests  were  a  parametric  study  of 
different  types  and  locations  of  intakes 
on  various  forebodies  to  experimentally 
determine  intakc/airf rame  integration 
effr  .ts.  Tests  were  conducted  across  the 
speed  regime  with  extensive 
instrumentation  in  the  intake  ducts,  at 
the  compressor  face,  and  at  the  intake 
entrance.  Measurements  at  the  intake 
entrance  included  the  effect  of  the 
forebody  flow  field  on  intake 
performance.  Two  of  the  many  cases;  one 
supersonic,  one  transoric,  were  chosen 
for  comparison  with  CFD  results.  Fig. 
3.8.1  shows  a  schematic  picture  of  the 
model  with  the  side  mounted  rectangular 
intakes  chosen  for  this  case.  A  thorough 
description  of  the  model  is  given  in 
Section  2.3.3  of  this  report. 

3. 3.8.3  CFD  TECHNIQUES 

This  test  case  was  attempted  by  two 
research  groups,  as  shown  in  Table  3.1. 
One  group  used  Reynolds-Averaged 
Navier-Stokes  (NS)  analysis,  while  the 
other  group  used  an  Euler  solver  (EU)  . 
The  group  from  Sverdrup-AEDC  used  the 
three-dimensional  blocked  version  of  the 
PARC  NS  code,  with  a  Baldwin-Lomax 
turbulence  model,  to  study  the  transonic 
test  case.  The  group  from  Aerospatiale 
used  the  three-dimensional,  multi- 


FIG  3.8.1  SCHEMATIC  DRAWING  OF 
TAILOR-MATE  FOREBODY /INTAKE 
TEST. 


domain,  finite  volume  FLU3M  EU  code  to 
analyze  the  supersonic  test  case. 
Details  of  these  computations  are  to  be 
found  in  the  microfiche  supplement  of 
this  report. 

3.3.8. 4  RESULTS 

Transonic  Test 

For  the  transonic  test  case,  the  free 
stream  Mach  number  was  set  to  0.9.  While 
a  variety  of  intake  mass  flow  ratios, 
bleed  rates,  and  aircraft  angle  of 
attack  and  yaw  were  tested,  only  one  set 
of  conditions  were  requested  for 
computation.  This  condition  had  zero 
angle  of  attack  and  yaw  for  the 
aircraft.  The  principal  experimental 
data  available  for  this  case  included 
pressure  distributions  in  the  duct  and 
at  the  compressor  face.  Flow  field  data, 
including  Mach  number,  total  pressure 
variation  and  induced  angle  of  attack 
and  yaw  were  measured  at  the  intake 
entrance.  Sverdrup-AEDC  has  calculated 
the  transonic  case  and  comparison  with 
experimental  data  is  given  in  Figs. 
3.8.2,  3.8.3  and  3.9.4  for  their 
calculation.  During  the  calculation,  as 
detailed  in  the  supplement,  significant 
differences  from  the  experimental 
results  were  calculated  upstream  of  the 
intake.  Because  of  the  magnitude  of 
these  differences,  it  was  decided  that 
no  comparison  could  be  made  with  intake 
internal  measurements.  Fig.  3.8.2 
illustrates  the  differences  in  induced 
Mach  number  at  the  intake  entrance.  This 
figure  shows  contour  plots  of  Mach 
number  with  an  outline  drawing  of  the 
intake  entrance  and  the  forebody.  The 
top  of  the  figure  shows  the  experimental 
results  while  the  bottom  gives  the  CFD 
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FIG  3.8.2  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  MACH  NUMBER 
CONTOURS  AT  THE  INTAKE  FACE  FOR 
TRANSONIC  CASE. 


FIG  3.8.3  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  INDUCED  ANGLE  OF 
ATTACK  AT  THE  INTAKE  FACE  FOR 
TRANSONIC  CASE. 


results.  The  experiment  indicated  a 
nearly  uniform  Mach  distribution,  while 
the  analysis  indicated  a  significant 
decrease  in  the  vicinity  of  the  ramp 
leading  edge.  The  analysis  predicted 
significant  amounts  of  intake  spillage 
at  this  test  condition  with  an 
associated  decrease  in  velocity  at  the 
ramp  leading  edge.  This  spillage  is 
indicated  even  more  in  Fig.  3.8.3  which 
shows  induced  angle  of  attack  at  the 
intake  entrance.  The  experiment  measured 
a  very  small  angle  of  attack  a„  the  flow 
wrapped  around  the  forebody.  The 
analysis  predicts  up  to  8.0  degrees  of 
flow  spillage  over  the  ramp  leading 
edge.  This  value  is  better  quantified 
and  illustrated  in  Fig.  3. 8. 4  which 
shows  angle  of  attack  along  a  vertical 
line  near  the  centerline  of  the  Intake. 
Again,  the  symbols  give  the  measured 
values  and  the  solid  line  the  results 
from  the  analysis.  The  large  increase  in 
angle  of  attack  near  the  ramp  leading 
edge  is  easiiy  noted. 


Supersonic  Test 


For  the  supersonic  test  case,  the  free 
stream  Mach  number  was  set  at  2.2.  As 
before,  several  angles  of  attack  and 
yaw,  and  engine  and  bleed  mass  flows 
were  tested.  The  only  condition  to  be 
modeled  was  the  Mach  2.2,  zero  angle  of 
attack  and  yaw  case.  Experimental  data, 
as  before,  consisted  of  external  flow 
field  pitot  pressure,  Mach  number,  and 
induced  angle  of  attack  and  yaw,  as  well 
as  internal  compressor  face  pitot 
pressure,  duct  static  pressure  and  some 
duct  rake  data.  Aerospatiale  has 
computed  the  supersonic  test  case  and 
comparisons  between  this  computation  and 
the  test  results  are  given  in  Figs. 
3,8.5  to  3.8.6.  Fig.  3.8.5  shows  a 
comparison  between  the  computed  and 
measured  flow  fields  near  the  intake 
face.  This  plot  shows  comparison  of  Mach 
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FIG  3.8.4  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  'ANGLE  OF  ATTACK  ON 
INTAKE  CENTERLINE  AT  THE  INTAKE 
FACE. 


2.25  C 
2.20  D 
2.15  E 
2.10  F 


number  contours,  with  the  experimental 
results  at  the  top,  and  the 
computational  at  the  bottom.  The 
outline  of  the  forebody  on  the  intake 
leading  edge  is  given  for  orientation 
purposes.  In  general,  the  comparison  is 
quite  good,  particularly  considering  the 
use  of  an  Euler  solver  in  the  analysis. 
It  would  appear  that  boundary  layer 
effects  of  the  forebody  are  very  small 
for  this  rero  angle  of  attack  and  yaw 
condition.  Fig.  3.8.6  shows  a  similar 
comparison  of  the  total  pressure  at  this 
location.  The  comparison  with  this 
parameter  is  not  as  good  as  with  the 
Mach  number;  this  CFD  results  show  a 
nearly  uniform  high  recovery  flow  field 
while  the  experiment  showed  significant 
gradients  near  the  body.  It  would  appear 
that  the  CFD  has  not  properly  accounted 
for  losses  associated  with  the  shock 
waves  and  expansion  fans  genarated  by 
the  forebody. 

CFD  Flow  Field 

While  the  primary  Interest  of  this  test 


FIG  3.8.5  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  MACH  NUMBER 
CONTOURS  AT  THE  INTAKE  FACE  FOR 
SUPERSONIC  CASE. 


case  is  to  compare  the  results  of  the 
computations  with  the  experimental 
results,  it  is  also  useful  to  consider 
the  total  flow  field  predicted  by  the 
CFD  analysis.  Fig.  3.8.7  shows  the 
computed  static  pressures  on  the  flow 
centerplane  and  the  surface  '  of  the 
forebody  and  intake  for  the  high  speed 
case.  The  shock  waves  generated  by  the 
nose  and  canopy  are  clearly  indicated, 
as  are  the  shocks  generated  by  the 
Intake  compression  ramps.  It  appears 
that  an  oblique  shock  has  been  generated 
by  the  diverter  between  the  intake  and 
the  forebody  and  this  shock  is  seen  to 
pass  under  the  fuselage.  These  are 
exactly  the  airframe/intake  integration 
features  which  one  would  hope  to  model 
properly  for  improved  aircraft 
performance. 
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3 . 3 . 6 . 5  CONCLUSIONS /RECOMMENDATIONS 

Because  of  the  difficulty  of  the 
proposed  test  case  and  the  scarcity  of 
computational  results  for  this  case,  it 
is  difficult  to  make  any  assessment  of 
the  ability  of  CFD  to  model  these  types 
of  problems.  It  would  appear,  however, 
that  a  significant  disagreement  between 
the  attempted  CFD  calculation  and  the 
experiment  exists  for  the  transonic 
case.  We  would  encourage  future 
additional  computations  of  this  test 
case  to  help  resolve  these 
discrepancies . 
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FIG  3.8.6  COMPARISON  OF  CFD  AND 
EXPERIMENTAL  TOTAL  PRESSURE 
RATIO  AT  THE  INTAKE  FACE  FOR 
SUPERSONIC  CASE. 


FIG  3.8.7  COMPUTED  STATIC 
PRESSURE  CONTOURS  ON  THE 
CENTERLINE  AND  ALONG  BODY 
SURFACES, 
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3.4  CONCLUSIONS/RECOHHENDATIONS 

In  this  study,  experimental  test  cases 
have  been  proposed  for  calculation  to 
assess  the  current  ability  of  CFD  to  Model 
inlet  flow  fields.  The  proposed  test  cases 
covered  the  speed  regime  from  subsonic  to 
hypersonic,  and  considered  flow 
configurations  from  simple,  benchmark 
experiments  to  full  intake/airfraae 
combinations.  computational  techniques 
from  2D  Euler  to  3D  Navier-Stokes  have 
been  employed.  Having  considered  the 
computation  of  each  of  the  test  cases 
individually,  the  following  general 
conclusions  and  recommendations  can  be 
drawn. 

PARTICIPATION 

The  members  of  the  AGARD  Working  Group  13 
wish  to  thank  and  commend  all  of  the 
contributors  to  this  study.  A  great  deal 
c f  donated  time  and  effort  was  spent  in 
the  analysis  and  computation  of  these  test 
cases.  Of  the  eight  proposed  test  cases, 
the  greatest  number  of  calculations  was 
performed  on  test  case  6,  the  2D 
hypersonic  intake.  This  probably  reflects 
the  increased  interest  in  this  speed 
regime  and  the  important  role  that  CFD 
could  play  in  an  area  where  experimental 
testing  is  most  difficult.  The  test  case 
with  the  fewest  number  of  calculations  was 
the  D-shaped  intake  with  offset  diffusing 
iuct,  followed  closely  by  the  offset  duct 
case  and  the  intake/airframe  case.  It  is 
ironic,  and  alarming,  that  the  most 
calculations  were  performed  on  a 
configuration  which  has  never  flown,  while 
the  fewest  calculations  were  done  for 
configurations  which  exist  on  most 
aircraft. 

RESULTS 

From  a  comparison  of  CFD  calculations  and 
experimental  results  for  eight  test  cases 
the  following  conclusions  have  been  drawn. 
Not  surprisingly,  CFD  has  better  modeled 
the  simple  benchmark  experiments  than  the 
full  intake/airframe  configurations.  This, 
of  course,  can  be  attributed  to  better 
definition  of  the  problem,  both 
computationally  and  experimentally.  In 
general  and  as  expected,  the  full 

Navier-Stokes  solvers  have  done  a  better 
job  than  the  simpler  Euler  and  Parabolised 
Navier-Stokes  solvers,  but  with  a  greater 
computational  expense.  There  is  some 
evidence  in  these  test  cases  that  better, 
faster  grid  generation  codes  should  be 
developed  for  intake  applications.  When 
comparing  experimental  and  computational 
results,  there  are  two  chief  sources  of 
disagreement)  the  experiment  and  the 
computation,  in  some  of  the  test  cases 


discussed  here,  it  is  clear  that  the 
experimental  results  were  either  incorrect 
or  not  completely  described  so  that  they 
could  be  calculated,  in  all  fairness,  most 
of  the  test  cases  chosen  were  completed 
before  the  rise  in  interest  in  CFD  and  the 
lack  of  detailed  Information  for  CFD 
comparison  is  understandable.  However,  in 
the  future,  all  experimental  programs 
should  be  conducted  in  a  way  which  can 
benefit  and  be  the  benefit  of  CFD 
analysis.  As  pointed  out  in  most  of  the 
test  cases,  CFD  can  provide  additional 
information  concerning  the  flow  fields  in 
intakes  which  one  can  not  obtain  in 
experiments.  The  codes  must,  however,  be 
checked  at  some  points  to  insure  accurate 
calculations. 

Between  different  calculations  performed 
for  the  same  test  case  one  usually  has 
seen  variations  in  the  results.  These 
variations  can  be  attributed  to  different 
computational  techniques,  different 
representations  of  the  physics  problem 
(i.e.  different  grids,  different 
convergence  levels,  different  boundary 
conditions),  and  ultimately  different  CFD 
users  with  different  levels  of  experience. 
CFD  is  not  yet,  nor  will  it  ever  be,  a 
mathematical  genie  in  a  bottle  capable  of 
returning  accurate  flow  fields  to  any 
novice  who  rubs  the  lamp.  CFD  requires  a 
lot  of  experience  and  physical  insight  to 
obtain  meaningful  results,  when  used  in 
conjunction  with  an  experiment,  it  can 
lead  to  a  better  understanding  of  comples 
physical  flows. 

OUTlOOK 

It  was  the  aim  of  the  numerical  subgroup 
of  AGARD  Working  Group  13  to  give  an 
overview  of  today's  numerical  method's 
capablity  for  calculating  intake  flows  of 
high  speed  aircraft.  The  conclusions  to  be 
drawn  are  limited  and  can  be  given  in 
general  terms  only.  A  m-re  careful  study 
is  recommended  in  which  the  accuracy  of 
CFD  and  its  dependency  on  parameters  like 
grids  and  turbulence  models  can  be 
investigated.  For  this  study,  it  is 
recommended  that  the  number  of  test  cases 
should  be  limited  to  a  few  cases  where 
experimental  data  are  plentiful  and  the 
accuracy  of  the  measurements  is  well 
documented.  The  complexity  of  the  problems 

should  be  restricted  so  that  computers 
available  in  all  Nato  countries  will  be 
capable  of  modeling  the  flow.  AGARD  seems 
to  be  a  good  forum  to  initiate  and  bring 
together  sufficient  researchers  and 
institutions  necessary  to  provide  a 
comprehensive  study  for  a  successful 
completion  of  such  an  exercise. 
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Chapter  4 


AIR  INTAKE  TESTING 


Symbols  are  those  of  Chapter  2,  or  are  specified  in 
the  text 

Section  4.1 


SCOPE  AND  PURPOSE  OF  AIR  INTAKE  TESTS 
Contents 

4.1.1  -  Validation  of  air  intake  tests  run  without  an 

engine 

4.1.2  -  Test  of  the  air  intakes  with  engine 

4.1.3  -  Air  intake  Interaction  with  the  aircraft 

4.1.4  -  Similitude  parameters 


Scope  and  purpose  of  air  intake  tests 

The  purpose  of  testing  air  intakes  is  to  qualify 
the  flow  they  deliver  to  the  engine,  and  to 
determine  the  effect  they  have  (in  terms  of  drag,  lift 
and  moment)  on  the  external  aerodynamics  of  the 
aircraft. 

These  tests  are  generally  carried  out  using 
models  with  no  engine,  but  with  another  device 
developing  the  same  through-flow  as  the  engine. 

4.1.1  -  Validation  of  air  intake  tests  run  without  an 

engine 

This  question  of  validation  arises  essentially  in 
relation  to  the  qualification  of  an  internal  flow.  The 
best  way  of  validating  tests  without  an  engine  is  to 
test  the  same  air  intake  with  a  real  engine  and 
compare  the  results.  According  to  bibliographical 
reference  [1],  "the  effect  the  presence  of  the  engine 
has  on  the  pressure  recovery  Pr,  on  the  level  of 
turbulence  and  on  the  maximum  instantaneous 
distortion  is  small,  and  is  favorable." 

Through  this  statement  may  be  very 
encouraging,  it  should  nonetheless  be  kept  irt  mind 
that  tests  without  engines  may  sometimes  prove  to 
be  less  than  representative. 

The  same  question  of  test  validity  also  arises 
when  the  engine  face  flow  conditions  defined  by  a 
test  on  a  given  air  intake  model  have  to  be 
transferred  to  an  engine  test  rig.  We  will  mention 
here  only  two  reference  solutions  to  this  problem. 
The  inflow  distortion  can  be  simulated  either  by 
grids  or  jets  upstream  in  the  supply  pipe  [2],  or  by 
constructing  an  air  intake  of  appropriate  form,  that 
will  recreate  the  static  and  dynamic  distortion  of 
certain  extreme  flight  conditions  (3j. 

The  true  response  can  of  course  be  known  by 
testing  the  full  air  intake-engine  assembly  whenever 
possible.  We  comment  on  this  in  the  next  section. 

4.1.2  -  Tests  of  tiie  an  intakes  with  enoir.e 

It  is  rarely  possible  to  test  a  real  air  intake- 
engine  assembly  in  a  wind  tunnel  under  the  same 
Mach  number,  incidence,  and  altitude  conditions  as 
in  flight,  because  of  the  wind  tunnel  size  this  would 
require. 

But  there  are  certain  possibilities  of  running 
such  tests  in  very  large  facilities  like  ONERA's  sonic 
SIMA  wind  tunnel  (8  m  in  diameter)  or  the  16  foot 


subsonic/supersonic  wind  tunnel  of  the  AEDC  [4], 

Also,  when  large  free-jet  wind  tunnels  are 
used,  the  air  intake  can  be  placed  in  the  jet  flow  in 
such  a  way  as  to  simulate  its  actual  operation  and 
establish  a  representative  air  supply  to  the  engine. 

We  may  mention  in  this  regard  the  CEP 
(Centre  d'Essais  et  de  Propulseurs)  facilities  in  France, 
those  of  the  RAE  (Pyestock)  in  England,  and  the 
Aero-propulsion  System  Test  Facility  (ASTF)  of  the 
Arnold  Engineering  Development  Center  (AEDC)  in 
the  United  States  [4], 

Such  physical  facilities  can  be  highly  useful  in 
the  final  stages  of  air  intake-engine  compatibility 
design,  e.o.  to  adjust  the  air  intake-engine 
integration  devices  and  to  check  how  the  engine 
operates  at  certain  limits  of  the  flight  envelope. 
These  facilities  come  into  play  only  rarely  through, 
and  always  at  a  late  stage,  in  air  intake  definition 
studies.  This  is  because  of  the  large  facilities  involved, 
of  the  fact  that  the  engines  for  a  new  aircraft  are 
generally  available  at  the  required  standard  only  late 
in  the  aircraft  development,  and  also  because  of 
simulation  limits. 

Figure  1  illustrates  the  principle  of  the  test 
setups  used,  with  a  free-jet  wind  tunnel  test  of  the 
Concorde's  Olympus  engine-air  intake  assembly,  run 
at  the  RAE  (Pyestock)  [5f 

This  type  of  test,  which  is  closer  to  engine 
testing  than  to  air  intakes,  will  not  be  commented  on 
further. 


PLENUM  CHAMBER  TOP  SPILL  DUCT 


ADJUSTMENT!  BLEED 

Fig.  1  -RAF  (Pyestock)  free  jet  test  facility  (Ce'l  4) 
(P.F.  Ashwood  - 1 5j). 


4.1.3  -  Air  intake  interaction  with  the  aircraft 

A  second  line  of  investigation  concerns  the 
possibility  of  defining  the  effect  the  air  intake  has  on 
the  external  aerodynamics  of  the  aircraft. 

Tests  in  which  force  measurements  are  made 
on  the  air  intake  either  alone  or  with  the  forward 
part  of  the  aircraft  can  provide  a  preliminary 
approximation  of  how  much  the  air  intake 
contributes  to  the  overall  drag  and  lift  of  the  aircraft. 

In  certain  cases,  the  specific  contribution  of 
the  nacelles  and  the  effect  of  various  air  intakes  on 
the  aircraft's  aerodynamic  characteristics  can  be 
defined  by  force  measurements  on  full  models  of  the 
aircraft,  with  and  withoui  '  b  nacelles. 

Generally,  of  course,  the  level  of  integration 
of  the  air  intakes  with  the  rest  of  the  aircraft  is  such 
that  it  is  difficult  to  establish  a  precise  separate 
analysis  for  each.  But  it  is  often  by  combining  these 
two  types  of  tests,  hg.  of  the  air  intake  alone  and  of 
the  full  model,  that  we  manage  to  optimize  the 
configuration  of  air  intakes  with  the  whole  of  the 
aircraft. 
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A  few  examples  of  these  testing  techniques 
will  be  given  below. 

4.1.4-  Similitude  parameters 

The  similitude  parameters  for  wind  tunnel 
tests  of  air  intakes,  generally  run  on  small  models, 
are  the  following : 

-  same  geometry,  to  scale  ; 

-  same  Mach  and  Reynolds  numbers ; 

-  same  Mach  number  distribution  and  same 
velocity  vector  orientation  at  the  engine 
face ; 

-  reduced  frequencies,  f/VTt.  at  the  engine 
face  station,  inversely  proportional  to  the 
scale,  A. 

If  the  test  is  run  using  an  engine  having  the 
same  characteristic  as  the  engine  that  will  be  used  in 
flight,  the  last  two  conditions  are  obtained  by 
adjusting  the  engine  rotation  speed  to  the  same 

reduced  frequency,  N/VTt  x  A-1. 

If  no  engine  is  used,  it  i;  assumed  that  the 
third  condition  is  met  when  the  same  mean  Mach 
number  M2  is  set  at  the  engine  face  station  or, 
equivalently,  the  same  reduced  flowrate 

W(VTt2)/Pt2  x  A2. 

In  this  expression,  W  is  the  measured  flowrate, 
Tt2  is  equal  to  the  upstream  stagnation  temperature 
Tt0  (see  a  few  comments  in  [6]),  and  Pt2  is  generally 
defined  as  the  area  mean  of  the  stagnation  pressure 
measured  at  the  engine  face  (see  the  references  in 
Chapter  2  and  a  few  comments  in  [7]  and  [8]). 

When  we  want  to  know  the  unsteady 
characteristics  of  the  flow  in  the  air  intake  (the 
fourth  condition  above),  we  should  make  a 
distinction  between  the  unsteady  distortion  and  the 
surging  of  the  air  intake.  In  the  former  case,  as  the 
distortion  stems  from  the  local  instabilities  of  the 
inflow  and  depends  little  on  how  the  internal  flow 
valving  system  is  arranged  downstream,  the 
unsteady  characteristics  measured  in  reduced 
frequencies  are  fairly  representative.  In  the  latter 
case,  when  the  air  intake  surging  is  being  studied,  or 
for  that  matter  any  other  relatively  low-frequency 
characteristics  involving  wave  propagation  times 
between  the  intake  and  the  engine,  a  valve  system 
must  te  provided  at  the  position  of  the  first 
compressor  stages,  in  order  to  reproduce  the 
phenomena  exactly,  particularly  in  reduced 
frequency  (see  one  example  in  section  4.5.2). 
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4.2.1  -  General  aspects 

It  is  difficult  to  investigate  the  air  intake  of  a 
subsonic  turbojet  separately  from  the  entire  nacelle 
containing  it,  just  as  it  is  difficult  to  investigate  the 
whole  nacelle  itself  without  considering  its 
interaction  with  the  wing  -  or  with  the  fuselage,  for 
those  nacelles  that  are  mounted  on  the  rear  of  the 
aircraft. 

The  characteristics  of  the  nacelle  alone 
nonetheless  provide  the  basis  for  addressing  the 
problem  as  a  whole,  and  it  has  been  shown  that  the 
effect  of  the  air  intake  of  the  entire  nacelle  can  be 
well  identified  so  long  as  a  large  part  of  the  outer 
fairing  of  the  nacelle  is  considered  along  with  it.  This 
would  include  the  maximum  cross  section  of  the 
nacelle,  plus  enough  of  the  narrower  rear  part  of  the 
boattail  part  so  as  to  include  any  supersonic 
expansion  there  may  be  at  the  maximum  cross 
section,  plus  the  shock  that  bounds  it  [9], 

To  study  the  external  flow  and  the  drag,  the 
test  setup  will  have  to  provide  its  support  from 
downstream  and,  insofar  as  possible,  will  follow  the 
boattail  of  the  nacelle,  the  boundary  between  the 
two  being  just  the  diameter  needed  to  ensure  the 
internal  passage  of  the  inlet  flow.  This  means  we  use 
a  support  tube  of  minimum  thickness,  connected  to 
the  boattail  part  of  the  fairing  by  a  short  fillet. 

A  full  investigation  of  the  nacelle  also  calls  for 
studying  the  afterbody  characteristics  on  an 
appropriate  test  setup,  as  well  as  the  wing  instal¬ 
lation  or  the  rear  of  the  aircraft,  as  the  case  may  be. 

Air  intake  and  nacelle  installation  tests  are 
described  below. 

4.2.2  -  Test  of  air  intakes  in  high  subsonic  flow 
4.2.2. 1  -  Principle  of  the  test  setup 

An  example  of  a  test  setup  is  given  in  figures  2 

and  3. 

The  internal  flow  is  provided  at  the  natural 
flow  rate,  which  is  possible  starting  at  a  Mach 
number  of  about  0.6.  If  we  wanted  the  maximum 
flow  at  lower  Mach  numbers,  forced  suction  would 
be  needed. 


The  internal  flow  is  measured  by  a  set  of  total 
pressure  probes  installed  at  the  engine  face  section. 
The  flow  then  passes  downstream  through  a 
honeycomb  filter  and  a  grid  to  remove  non- 
ur.iformities,  and  then  through  a  venturi  to  measure 
the  flow  rate.  The  flow  rate  is  adjusted  by  a  sytem  of 
flaps  controlling  the  area  of  the  outlet. 
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4.2.2.2  -  Engine  face  equipment  and  measurement  of 
pressure  recovery  P» 

The  degradation  of  the  flow  inside  a  subsonic 
air  intake  under  cruising  conditions  essentially  results 
from  stagnation  pressure  losses  near  the  wall 
surfaces.  The  pitot  tubes  should  therefore  be  small, 
and  closely  spaced  near  the  walls  to  get  a  precise 
value  for  the  pressure  recove’y,  defined  py  : 


Fig.  2  -  Example  of  subsonic  intake 
high  speed  test  rig. (ONER A  -  SIMA). 


Fig.  3  -  Internal  flow  survey  and  external 
drag  measurement  equipment. 


The  external  drag  is  calculated  from  the 
external  flow  survey,  which  is  made  by  a  set  of 
rotating  pitot  probe  rakes. 

i  ,gure  4  is  a  photo  of  such  an  arrangement 
with  forced  flow  suction,  in  the  Aircraft  Research 
Association  transonic  wind  tunnel  [10]. 


Fig.  4  ■  Drag  measurement  by  rotating  rake  (AM). 


Figure  3  indicates  a  typical  system  including 
108  pitot  tubes  and  figure  5  shows  a  comparable 
system,  complemented  by  a  few  static  probes 
mounted  on  internal  rakes,  making  a  total  of  136 
pressures. 


Fig.  5  -  Engine  face  station  eguipm<.'*  (Rolls-Royce). 


The  stagnation  pressure  losses  undei  cruising 
conditions  are  of  course  very  small  and  the  objective 
is  to  measure  Pr  with  a  precision  of  ±  0.001.  The 
quality  of  the  measurements  can  be  verified  by  the 
pressure  ratio  values  measured  in  the  central, 
isentropic  part  of  the  flow,  which  should  be  equal  to 
unity. 

4. 2. 2. 3  -  Flow  rate  measurement 

The  flow  rate  is  measured  by  a  venturi.  But  the 
precision  of  this  measurement  (about  ±  0.5  %) 
cannot  be  guaranteed  if  the  venturi  is  used  under 
other  than  the  standard  conditions,  which  is  often 
the  case  when  the  test  setups  restrict  the  dimensions 
of  the  pipes. 

It  is  then  possible  to  improve  the  result  by 
calibrating  the  measurement.  This  is  done  by 
replacing  tne  air  intake  in  question  with  a  sonic- 
throat  intake,  the  flow  of  which  can  be  calculated 
precisely  beforehand. 

In  fact,  several  such  sonic  throats  should  be 
used  if  the  experimenter  has  to  cover  a  certain  range 
of  venturi  operation  and  still  avoid  very  supercritical 
regimes  thei  might  give  rise  to  strong  internal 
distortion  and  undermine  the  validity  of  the 
calibration. 

A  typical  sonic  throat  used  is  shown 
schematically  in  figure  6. 
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Fig.  6  -  Reference  sonic  throat  intake 
for  mass  flow  measurement  checking. 


The  sonic  throat  flow  rates  are  calculated  to  a 
precision  of  better  than  0.2  %  [1],  Detailed  formulae 
are  given  in  section  4.3.2. 3. 

The  calibration  is  made  in  the  wind  tunnel, 
under  the  same  conditions  as  in  the  air  intake  test, 
and,  using  that  calibration,  the  mass  flow  measure¬ 
ment  is  obtained  with  a  precision  of  at  least  ±  U.5  % . 

4.2. 2.4-  Drag  measurement  with  external  probes 

The  measured  drag  is  the  sum  of  the  pre-entry 
drag  and  the  cowl  drag  (see  Chapter  2,  section  2). 

This  is  done  by  measuring  the  external  flow 
with  rotating  probe  rakes  at  shown  in  figure  3  and  as 
can  be  seen  in  figure  4. 

Adopting  the  hypothesis  of  uniform  static 
pressure  in  the  plane  of  the  rakes,  the  momentum 
theo'f  m  is  applied  to  the  flow  outside  the  captured 
flow  and  cowl,  leading  to  the  following  expression 
for  the  drag  : 


air  intake  drag  =  p  yM2  — — — ~  dA 

M  "  0,a  I  P  E  m2  I  r 

R  to  r  o 

in  which  Ptr  is  the  stagnation  pressure  measured  by 
the  rake  probes  ;  M,  the  local  Mach  number 
calculated  from  the  ratio  p0/Ptr  ;  Sr  the  function 
A/A*  cf  the  Mach  number  Mr  ;  Ar  the  area  of  the 
probing  plane. 

The  rakes  are  assumec  •  .viend  out  to  the 
isentropic  outer  flow. 

From  this  expression  we  can  verify  that  only 
those  fluid  streams  having  a  degraded  stagnation 
pressure  contribute  to  the  drag. 

The  probes  on  the  rake  must  of  course  be 
more  closely  spaced  near  the  model  surface,  to 
correctly  measure  the  boundary  layer  profile. 

Considering  the  large  areas  covered  by  the 
outer  probes  on  the  rake,  a  small  error  in  the 
measurement  by  these  probes,  results  in  a  significant 
error  in  the  drag  calculation,  so  specia'  attention  has 
to  be  paid  to  validating  their  measurements. 

In  addition  to  the  stagnation  pressure  probes, 
the  rakes  include  a  few  static  pressure  probes,  for 
measuring  the  pressure  profile  In  the  measurement 
plane 

To  account  for  the  pressure  deviations  from 
Po,  a  correction  is  made  by  adopting  the  hypothesis 
of  an  isentropic  development  of  the  flow  to  a 
fictitious  measurement  plane  where  the  pressure  is 
assumed  to  become  uniform  again.  This  Is  a  classical 


procedure  when  studying  the  drag  of  an  airfoil  by 
analyzing  its  wake  (Betz  method). 

The  possibility  that  the  incidence  of  the  flow 
in  the  rake  plane  might  be  anything  other  than  zero 
is  neglected.  If  it  were  not  negligible,  it  could  still  be 
taken  into  account  either  by  calculating  it  or  by 
measuring  it  with  yawmeters. 

When  all  of  the  above  precautions  have  been 
taken  to  obtain  the  best  quality  measurement,  this 
external  probe  approach  actually  yields  a  very  close 
evaluation  of  the  drag.  Its  precision  can  be  placed  at 
less  than  0. 1  %  of  the  total  drag  of  the  aircraft. 

This  method  is  appropriate  for  an  air  intake  at 
zero  incidence  ;  but  when  the  air  intake  is  set  at  a 
modest  angle  of  incidence,  the  same  technique  can 
be  applied  and  still  offers  a  good  value  for  the 
configuration.  But  the  exact  meaning  of  the  term 
obtained  would  call  for  fuller  discussion. 

4.2. 2.5  -  Other  drag  measurement  methods 

Another  way  of  determining  the  drag  of  an  air 
intake  is  to  measure  the  total  internal  and  external 
force  acting  on  the  air  intake  and  then  subtract  this 
from  the  thrust  of  the  system  comprising  the 
captured  tube  of  flow  and  the  inner  part  of  the  air 
intake.  The  total  force  is  measured  by  a  balance,  or 
by  pressure  measurements  together  with  an 
evaluation  of  the  friction,  and  the  thrust  is  found  by 
a  momentum  analysis.  The  difference  between  the 
two  is  the  drag. 

This  approach  is  favoured  for  air  intakes  of 
complex  shapes,  or  that  „.e  integrated  into  an 
assembly.  It  is  also  appropriate  in  supersonic  tests, 
where  the  method  using  external  probes  is  no  longer 
practical  once  the  external  shocks  extend  far  out  into 
the  flowfield. 

One  example  of  such  an  approach,  applied  to 
an  isolated  air  intake  of  revolution,  is  shown  in 
figure  7.  This  type  of  setup  hinders  the 
representation  of  the  narrowed  aft  part  of  the 
nacelle,  more  than  the  first  approach  did.  One 
difficult  problem  is  the  seals  between  the  measured 
('live')  and  unmeasured  ('earthed')  parts  as  their 
stiffness  adds  to  the  stiffness  of  the  balance. 
Evaluating  the  momentum  at  the  outlet  throat  also 
requires  special  precautions  (boundary  layer  checks, 
etc.). 
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Fig.  7  ■  In  ‘ake  drag  measurement  by  a  force  balance 
?£.C.  Carter  [101). 


Figure  8  shows  how  the  previous  test  setup 
was  arranged  to  study  the  drag  of  a  two-dimensional 
air  intake,  or  one  adjacent  to  a  wall.  One  of  the 
difficulties  encountered  of  this  arrangement  was 
evaluating  the  base  drag  precisely,  as  the  base 
pressure  is  not  uniform.  Tests  with  several  throat 
dimensions  did  determine  the  drag  variation 
precisely  though,  as  a  function  of  the  flaw  rate,  at 
different  Mach  numbers. 
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The  drag  divergence  limit  as  a  function  of  the 
Mach  number,  which  is  an  important  parameter  ir. 
qualifying  an  air  intake,  can  sometimes  be  found  by 
simple  pressure  measurements  on  the  forward 
portion  of  the  cowl.  According  to  [12],  integrating 
the  external  pressures,  starting  at  the  stagnation 
point,  yields  the  suction  lorce  compensating  the  pre¬ 
intake  drag  (Chapter  2  above),  and  this  passes 
through  a  maximum,  exhibiting  a  very  sharp  drop  at 
tne  divergence  Mach  number. 

4.2.3  -  Low  velocity  air  intake  tests 

4.2.3. 1  -  General  conditions 

At  the  cruising  Mach  number,  the  essential 
parameters  are  the  pressure  recovery  Pr  and  the 
drag.  Under  takeoff  and  landing  conditions,  though, 
the  important  paiameters  are  rather  the  distortion 
and  the  stability  of  the  internal  flow.  So  we  are  more 
particularly  interested  in  measuring  : 

-  steady  and  unsteady  internal  distortion,  in 
the  most  critical  case  of  static  conditions  at 
take  off,  in  a  crosswind  ; 

pressure  recovery  at  takeoff ; 

■  distortion  at  the  incidence  and  sideslip 
limits,  at  takeoff  and  landing  ; 

-  the  incidence  limit  at  which  an  external 
separation  appears,  i_e.  a  sudden  increase  in 
drag,  under  reduced  flow  conditions 
(engine  failure  during  climb). 

Tests  have  also  sh.  vn  that  limit  conditions  of 
internal  or  external  separations  affecting  the 
operation  o'  air  intakes  in  these  flight  configurations 
are  very  sensitive  to  Reynolds  number,  and  that  these 
limits  evolve  practically  right  up  to  the  flight 
Reynolds  number.  Figures  9  and  iO  [13  and  14] 
illustrate  this.  Test  facilities  capable  of  reaching  high 
Reynolds  number  should  be  used  for  these  studies. 

4  2.3.2. -Test setups 

Compared  with  the  test  setup  used  at  high 
subsonic  speeds,  torced  suction  of  the  flow  is 
necessary  here. 

This  can  be  done  with  a  suction  pump  or  with 
an  ejector  nozzie,  an  example  of  which  is  given  in  the 
diagrams  of  the  Rolls-Royce  facilities  at  Hucknall 
(Figs.  11  and  12). 


Fig.  9  -  Reynolds  number  effect  on  angle  of  attack 
at  upper  external  lip  separation  (IV.  Hoelmer-  [131). 


Reynolds  no  (based  on  Ian  dia) 


Fig.  10  -  Reynolds  number  effect  on  angle  of  attack 
at  lower  internal  lip  separation  (D.L.  Motycka  -1141) 


Test  Intake 

intake  (low 


Fig.  1 1  -  High  incidence  intake  it  tunnel 
(Rolls  fioyce  -  Hucknall). 


In  a  pressurized  wind  tunnr  ',  the  equivalent 
effect  can  also  be  had  simply  by  discharging  the  flow 

to  the  atmosphere.  Fig.  12  -  Cross  wind  intake  test  tunnel 

(Rolls Ro,:e  Hucknall). 


The  test  setups  should  also  be  capable  of 
reproducing  high  angles  of  incidence  and  sideslip,  to 
simulate  a  crosswind  at  static  (90*  sideslip) 
conditions.  Considering  the  maximum  dimensions 
that  could  be  used  to  attain  high  Reynolds  numbers, 
this  may  lead  to  two  different  test  setups. 

Figure  11  and  12  give  examples  where  the 
"free  jet'  technique  is  also  used,  to  take  advantage 
of  a  maximum  model  dimension  with  a  limited 
amount  of  wind  tunnel  power. 

Figures  13  and  14,  on  the  othei  hand,  show 
the  two  high-Reynolds  number  setups  at  ONERA  in 
the  low-velocity  FI  wind  tunnel,  operating  at  4  bar, 
at  Le  Fauga  Mauzac  [15).  The  air  intake  is  supported 
by  an  extraction  pips  that  ejects  the  captured  flow 
through  a  swivel  joint  to  the  atmosphere.  The  swivel 
joint  is  used  to  set  angles  of  incidence  and  sideslip 
through  ranges  of  35“  and  15°,  respectively.  The 
internal  diameter  at  the  engine  face  section  is  0.35 
m. 

SWIRL 
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Fig.  13 -Low  speed  test  mounting 
Aa  =  35°  Af  =  1S°(ONFRA  -  FI). 


Fig.  14  Cross  flow  test  mounting 


It  should  be  pointed  out  that  areas  of 
hysteresis  in  the  separation  and  reattachment 
conditions  exist,  and  that  means  are  therefore 
needed  to  vary  continuously  the  different 
parameters  involved  -  flow  rate,  angle  of  incidence; 
angle  of  sideslip  -  to  reveal  these  phenomena. 

4.2. 3.3  -  Engine  face  instrumentation,  and  measure¬ 
ment  of  the  distortion 

The  instruments  mentioned  for  the  high 
subsonic  tests  can  evaluate  not  only  the  pressure 


recovery  Pr,  but  also  the  “steady"  distortion  of  the 
internal  flow. 

The  forty  unsteady  pressure  probes  that  are 
defined  later  (in  section  4.3. 2.2)  for  fighter  plane  air 
intake  tests  may  also  be  used  for  measuring 
maximum  instantaneous  distortion. 

It  is  not  easy  to  incorporate  complete  steady 
and  unsteady  instrumentation  without  running  the 
risk  of  choking  the  internal  flow,  so  special  care  is 
needed  in  defining  the  supports.  Thus,  the  air  intake 
is  often  equipped  with  only  some  of  these  dynamic 
probes,  Le.  in  the  unstable  area  affected  by  the 
separations. 

Various  distortion  indices  are  often  calculated 
for  different  engine  manufacturers.  A  few  indic¬ 
ations  and  references  are  given  on  this  subject  in 
Chapter  2  Section  2.  The  meaning  of  the  indices  and 
of  the  frequencies  to  be  considered  is  briefly 
discussed  in  references  [7]  and  [8j.  The  measurement 
technique  is  specified  later  in  section  4.5.1. 

4.2. 3.4  -  Flow  rate  measurement 

Flow  rate  is  usually  measured  by  use  of  a 
venturi.  In  the  same  way  as  with  high  subsonic  tests, 
the  venturi  measurement  can  be  calibrated  precisely 
by  replacing  the  air  intake  with  a  sonic  throat  whose 
known  rate  of  flow  can  be  ensured  under  calibration 
conditions. 

4.2.3  5-  Drag  measurement 

As  indicated  in  section  4.2. 3.1,  the  most  useful 
drag  measurement  would  be  the  one  for  an  engine 
failure  during  a  climb,  i.e.  at  low  flow  rate  and  high 
incidence.  The  externaTprobing  technique  is  not, 
however,  appropriate  for  a  measurement  at 
incidence.  Moreover,  external  separation  on  the 
upper  par;  on  the  nacelle,  caused  by  a  reduction  in 
flow  rate  at  high  incidence,  has  more  extensive 
consequences  than  a  simple  increase  in  the  specific 
drag  cif  the  air  intake.  These  overall  consequences 
can  be  measured  by  testing  a  complete  model 
equipped  with  a  flow-througn  nacelle,  the  natural 
flow  rate  of  which  is  sufficient  at  low  velocity  to  be 
able  to  simulate  an  engine  failure. 

In  the  case  of  an  air  intake  tested  alone,  we 
only  determine  the  incidence  limit  of  the  increase  in 
drag,  or  the  incidence  at  which  the  external 
separation  appears  at  the  reduced  flow  rate.  This 
phenomenon  is  generally  sharply  pronounced,  and  a 
measurement  by  external  pressure  taps  or  a  few 
stagnation  pressure  probes  on  an  external  rake  is 
enough  to  identify  it. 

It  should  also  be  recalled  that  the  limiting 
incidence  can  exhibit  'area  areas  of  hyteresis,  and 
that  it  varies  until  veiy  high  Reynolds  numbers  are 
reached. 

4.2. 3. 6  -  Effect  of  the  aircraft  aerodynamic  field 

The  mean  local  flow  conditions  at  the  position 
of  the  air  intake,  which  arc  reproduced  in  uniform 
flow  in  the  test  of  the  air  intake  alone,  can  be 
defined  by  calculations  or  by  local  probe 
measurements  on  a  complete  model. 

When  this  seems  to  be  inadequate  (because  of 
a  non  uniform  flow  field  or  a  wake  from  a  wing 
upstream,  etc.),  the  air  intake  has  to  be  tested  in  its 
real  field.  This  calls  for  a  partial  or  complete  model  of 
the  aircraft,  often  to  the  detriment  of  scale,  and 
‘ihereby  of  Reynolds  number. 

Fig.  15  gives  an  example  of  such  a  test  in  the 
British  Aerospace  wind  tunnel  at  Hatfield.  This  type 
of  test  is  essentially  no  different  from  that  of  isolated 
air  intakes. 
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Fig.  15-  Aft  engine  intake 
with  suction  test  mounting  (BAe  -  Hatfield). 


4.2.4  -  Nacelle  installation  test  using  Turbine  Power 

Simulator  (TPS ) 

Although  these  are  not  actually  air  intake  tests 
per  se,  but  rather  concern  the  total  effect  of  the 
nacelle  and  of  the  jets  on  the  aerodynamics  of  the 
aircraft,  they  are  still  closely  associated,  and  it  is  a 
technique  that  is  coming  more  and  more  into  use, 
which  is  why  we  will  briefly  comment  on  it  here. 

The  principle  is  to  establish  an  analysis  by  way 
of  a  series  of  experiments  : 

-  A  calibration  test  rig  meaiurement  of  the 
flow  rate  and  of  the  TfS  thrust,  as  a  function 
of  the  parameters  determining  them,  which 
are  the  reduced  frequency  of  the  TPS 

(NA/Tt)  and  the  outlet  expansion  ratio  of 
the  fan  and  primary  flows,  Pif/P0  and  Ptp/P0. 

This  calibration  can  be  used  to  calculate  the 
thrust  of  the  TPS  at  the  test  Mach  number, 
under  the  TPS  operating  conditions. 

-  Possibly  a  test  using  an  isolated  motorized 
nacelle  supported  by  a  strut  from  the  wall  of 
a  wind  tunnel.  The  end  of  the  strut 
simulates  the  actual  pylon  holding  the 
nacelle  on  the  aircraft,  and  forces  unit  are 
measured  along  with  the  nacelle  itself.  The 
difference  between  the  thrust  of  the  TPS 
and  the  thrust  of  the  assembly  defines  the 
reference  drag  on  the  nacelle-strut 
assembly 

-  A  test  of  a  "dean"  model  of  the  aircraft,  i.e. 
without  nacelle. 

-  A  test  of  a  model  of  the  aircraft,  equipped 
with  motorized  nacelles.  The  difference 
between  the  thrust  of  the  TPS  units  and  the 
thrust  of  the  motorized  model  measured  by 
the  balance  yields  the  aircraft  drag  with 
nacelles  included.  The  difference  between 
this  drag  and  the  drag  of  the  clean  model 
yields  the  drag  of  the  installed  nacelles,  3nd 
the  difference  between  this  nacelle  drag 
and  its  reference  drag  is  the  installation 
drag. 

In  fact,  we  often  settle  for  comparing  the 
drags  of  installed  nacelles,  while  the  reference 
nacelle  drag  would  be  either  not  considered,  or 
evaluated  by  calculation. 

Through  these  tests  may  be  simple  in  principle, 
they  do  require  various  corrections : 


The  TPS  units  are  driven  by  compressed-air 
turbines,  which  are  fed  by  pipes  passing 
through  the  balance,  the  support  and  the 
model  itself,  to  the  nacelle.  This  air  forms 
the  primary  flow  of  the  engine,  and  is 
therefore  not  captured  by  the  air  intake  the 
way  the  primary  flow  of  the  real  engine  is. 

The  fact  of  operating  with  a  reduced  inflow 
rate  means  that  the  effect  this  reduction  in 
the  flow  rate  has  on  the  drag  has  to  be 
evaluated.  This  can  be  done  by  using  a 
model  fitted  with  a  flow-through  nacelle 
having  an  internal  drag  that  is  calibrated  for 
two  pressure  drop  grids  that  will  be  used  to 
simulate  the  two  flow  rates,  successively. 
However,  the  outer  flow  is  less  disturbed  if 
the  nacelle  has  an  air  intake  of  reduced 
dimensions,  appropriate  for  a  lower  flow 
rate,  which  is  why  this  alternative  is  often 
adopted.  The  difference  in  drag  compared 
with  the  real  air  intake  is  evaluated  in  the 
same  way.  using  flow-through  nacelles. 

When  the  external  flow  modifies  the 
blockage  conditions  of  the  jet  exhausts, 
hypotheses  have  to  be  adopted  concerning 
the  effect  this  has  on  the  thrust  of  the 
model  engine,  compared  to  its  effect  on  the 
real  engine.  These  hypotheses  are  intricate, 
and  applying  them  may  demand  thrust 
calibration  tests  on  a  calibration  test  rig 
using  variants  of  the  jet  exhaust  sections. 

The  sequence  of  TPS  calibration  and  force 
measurement  in  the  wind  tunnel  operations 
using  balances  with  compressed  air  flow¬ 
through  devices  calls  for  measurements  of 
the  very  highest  quality,  and  very  high- 
performance  balance  decoupling  systems. 

Experience  nonetheless  shows  that  the 
necessary  corrections  are  still  small,  that  the 
repeatability  of  the  motorized  model  tests 
can  be  excellent  and  chat  the  precision 
sought  can  be  attained. 


Fig.  16  -  Nacelle  installation  drag  measurement. 
A  340  half  model  test  with  TPS  (ONERA  -  SIMA). 


224 


More  detailed  analyses  of  the  principles  and 
techniques  of  testing  models  equipped  with 
motorized  nacelles  are  presented  in  a  variety  of 
papers  in  [161  and  [17], 

When  the  nacelles  are  placed  under  the  wing, 
the  nacelle  installation  tests  are  easier  to  run  on  a 
half-mode'  mounted  on  a  lateral  wall  balance,  than 
they  are  on  a  complete  model.  Figure  16  illustrates  a 
halt-model  of  an  Airbus  A340  equipped  with  two 
motorized  nacelles  and  mounted  on  the  wall  of 
ONERA's  SIMA  wind  tunnel. 

.Section  4.3 


SUPERSONIC  AIR  INTAKE  TESTS 

Contents 

4.3.1  -  General  aspects 

4.3.2  -  Study  of  the  internal  flow 

4.3  2.1  -  Test  setups 

4.3.2.2  -  Engine  face  instrumentation 

4  3.2.3  -  Flow  rate  measurement 

4.3.3  -  Drag,  lift  and  moment  measurements 

4.3.1  -  General  aspects 

All  techniques  for  testing  air  intakes  in 
supersonic  flows  resemble  each  other,  regardless  of 
whether  the  aircraft  is  a  civilian  transport,  a  fighter 
plane  or  an  airbreathing  missile. 

The  fact  that  a  supersonic  inlet  flow  is  entirely 
determined  by  the  domain  of  influence  upstream  of 
the  model  means  that  the  characteristics  of  the 
internal  flow  can  be  studied  using  models  of  this 
upstream  portion  alone.  So  the  scale  of  the  model 
can  be  larger  than  that  of  a  complete  aircraft  model, 
and  the  Reynolds  number  can  be  correspondingly 
increased. 

As  far  as  the  outer  flow  is  concerned,  air 
intakes  are  generally  very  much  a  part  of  the 
complete  aircraft  design.  Though  their  own  drag  and 
lift  characteristics  do  have  to  be  considered  -  chiefly 
for  defining  the  upstream  profile  of  the  cowl  starting 
at  the  leading  edge  of  the  lip  -  studying  their 
general  effect  on  the  aircraft  can  be  investigated 
only  by  force  measurement  on  full  aircraft  models 
(vt'ith  representative  captured  flows). 

Moreover,  one  of  the  advantages  of 
supersonic  testing  is  that  the  ratio  between  the 
stagnation  pressure  of  the  internal  flow  and  the 
external  static  pressure  is  such  that  it  is  easy  to 
capture  the  natural  flow  with  the  intake,  and  then 
adjusting  and  measuring  the  flow  rate  by  the 
formation  of  a  sonic  throat  at  the  outlet. 

4.3.2  -  Study  of  the  Internal  flow 
4. 3.2.1  -  Test  setups 

Figures  17  and  18  illustrate  a  few  classical  test 
setups.  Figure  19  is  a  photograph  of  the  test  setup 
used  for  the  Concorde  air  intakes  in  ONERA’s  S2MA 
wind  tunnel.  This  setup  is  the  one  shown  in  figure  18. 

Figure  17  is  a  typical  free-jet  test  on  an  air 
intake  alone,  to  maximize  the  model  scale  and 
thereby  take  advantage  of  a  high  Reynolds  number. 

These  last  tests  are  particularly  useful  for 
making  preliminary  analyses  of  air  intake  operation 
as  a  function  of  Mach  number,  angle  of  incidence  or 


sideslip  in  uniform  flow,  and  for  understanding  the 
structure  of  the  internal  flow  and  the  effect  of 
various  geometric  or  aerodynamic  (e.g.  boundary 
layer  control)  variations  of  the  configuration. 


ENGINE  STATION 

FLOW  SURVEY  SCREENS 


Fig.  1 7  -  Isolated  intake  high  Reynolds 
number  test  mounting. 


INCIDENCE  AND  ROLL  ADJUSTMENT 


SURVEY  ISONIC  THROAT)  MEASUREMENT 


Fig.  18  -  Integrated  intake  test  set  up. 


Fig.  19- 1/1 5  Concorde  intake  test 
(ONERA  ■  S2MA). 


Schlieren  visualization  is  a  valuable  tool  for 
understanding  the  flow  in  front  of  the  air  intake, 
and  sometimes  the  internal  flow  as  well,  when  a 
two-dimensional  air  intake  is  being  studied  (in  which 
case  the  lateral  walls  can  be  fitted  with  transparent 
windows). 

Figure  18  shows  a  test  setup  used  for  studying 
an  air  intake  in  the  field  of  the  forward  part  or  the 
aircraft. 

The  maximum  scale  is  determined  by  the  shock 
wave  rhombus  emanating  from  the  apex  of  the 
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model  nose  cone,  and  within  which  the  air  intake 
must  remain  in  order  to  avoid  any  disturbance  of  the 
inlet  flow  by  reflections  of  waves  off  the  wind  tunnel 
walls. 


The  internal  flow  ducts  in  the  two  diagrams 
are  first  fitted  with  probes  to  measure  the  character¬ 
istics  of  the  flow  at  the  engine  face  station,  then  with 
flow  adjustment  equipment  (represented  here  by  an 
adjustable  sonic  throat,  but  which  could  just  as  well 
be  a  nonsonic  variable  pressure  drop  such  as  a 
butterfly  valve),  and  lastly  with  a  flow  rate 
measurement  system,  consisting  here  of  a  flowmeter 
with  sonic  throat. 

But  frequently,  when  this  system  with  two 
throats  in  series  cannot  be  used  because  of  the 
dimensional  constraints  of  the  test  setup  or  because 
the  internal  pressure  drops  are  limited  forthesake  of 
ensuring  the  desired  flow,  the  flow  adjustment  and 
measurement  functions  are  provided  by  the  first 
throat  alone,  without  the  downstream  flowmeter,  as 
detailed  in  section  4.3.2. 3. 

4.3.2. 2  -  Engine  face  instrumentation 

The  instrumentation  requirements  for 
defining  the  pressure  recovery  Pr  of  the  air  intake 
are  not  as  strict  here  as  they  are  for  the  air  intake  of  a 
subsonic  nacelle.  Usually  forty  stagnation  pressure 
probes  distributed  over  eight  radial  arms  covering 
equal  area  sections  is  enough  to  determine  the  mean 
stagnation  pressure  at  the  engine  face  station,  by 
simple  arithmetic  mean. 

The  various  steady  distortion  indices  can  also 
be  found  from  measurements  taken  with  the 
recommended  standard  rake  carrying  forty 
stagnation  pressure  probes  [18]. 

For  the  sake  of  uniformity  of  measurement,  an 
identical  rake  of  40  unsteady  stagnation  pressure 
transducers  is  well  suited  to  measuring  the  maximum 
instantaneous  distortions.  Figure  20  shows  such  a 
rake  with  forty  unsteady  transducers  from  an  ONERA 
model.  These  are  differential  pressure  transducers. 
The  gace  bridges  of  the  sensors  are  compensated  for 
thermal  drifts,  so  that  the  absolute  value  of  the 
difference  from  the  reference  pressure  can  be 
measured  precisely  and  the  pressure  recovery,  the 
mean  distortion  and  instantaneous  distortion  can  all 
be  measured  by  the  same  instrumentation. 


TRANSDUCER  SUPPORT 


Fig.  20  -  Engine  face  unsteady  pressure  rakes 
(ONERA). 


In  other  cases,  where  unsteady  transducers 
without  special  equipment  cannot  give  a  precise 
measurement  of  the  absolute  value  of  differential 
pressures,  a  stagnation  pressure  probe  (whose  mean 


value  is  measured  in  the  usual  way)  is  associated  with 
each  unsteady  transducer,  for  which  the  steady 
component  is  suppressed. 

Various  methods  have  been  proposed  for 
estimating  the  unsteady  distortion  from  a  smaller 
number  of  measurements.  A  very  detailed  discussion 
can  be  found  in  [19]  and  [20],  There  is  even  a  ‘rule  of 
thumb'  correlating  the  unsteady  distortion  with  the 
mean  internal  stagnation  pressure  drop  of  the  air 
intake  starting  at  the  diffuser,  in  which  case  no 
unsteady  measurement  is  made  [20], 

The  way  unsteady  measurements  are 
processed  is  commented  on  in  section  4.5.1 . 

With  aircraft  that  have  engine  inlet  guide 
vanes,  it  has  been  felt  up  to  now  that  we  have  only 
to  know  what  the  stagnation  pressure  distortion  is  at 
the  engine  inlet  plane,  in  order  to  predict  the  effect 
the  air  intake  has  on  the  engine  surge  limits. 

The  particular  case  of  the  Tornado  equipped 
with  the  Rolls  Royce  RB  199  engine,  which  has  no 
such  inlet  guide  vanes,  has  underscored  the  need  to 
take  the  rotational  aspect  of  the  inlet  flow  into 
account. 

Sixteen  directional  five-hole  probes  were  used 
for  this. 

Figure  2 1  shows  three  examples  of  engine  face 
probe  configurations  adopted  by  British  Aerospace 
and  MBB  as  part  of  a  fighter  intake  design 
programme. 


SHIRL  PROBE  RAKE 

•  56  total  head  tubes . 

•  16  Five  hole  probes. 

•  8  duct  statics 

•  3  Endevco  duct  statics. 


DYNAMIC  DISTORTION  RAKE 
■>  32  total  head  tubes 

•  32  Endevco  dynamic  tdx's 

•  8  duct  statics 

•  3  Endevco  duct  statics. 


PERFORMANCE  RAKE 

•  88  total  head  tubes 

•  8  Endevco  dynamic  tdx's 

•  8  duct  statics 

•  3  Endevco  duct  statics. 


Fig.  2 1  -  Dynamic  and  steady  distorsion  rakes 
(British  Aerospace  -  Warton  div»). 


In  fact,  as  recommended  in  [21],  the 
differences  in  relative  incidence  of  the  engine  face 
fluid  stream  with  respect  to  the  rotating  blades  -  fe^ 
the  differences  that  give  rise  to  the  distortion  effect 
-should  normally  be  considered  from  a  global  point 
of  view,  by  combining  the  flow  deviation  measure- 
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merits  with  the  local  deviation  measurements  found 
by  measuring  the  stagnation  pressure  fluctuations 
and  converting  to  axial  velocity  fluctuations.  Such 
elaborate  combinations  have  not  yet  been  adopted . 

One  indicator  has  been  proposed  in  [22],  that 

Quantifies  the  rotational  deviation  alone.  It  is 
efined  analogously  to  the  CC  60  :  the  circumferen¬ 
tial  component  of  the  velocity,  divided  by  the  axial 
velocity  and  averaged  througn  a  60°  sector  yielding 
the  mean  maximum  value,  defines  the  DS  60 
distortion  index. 

4.3.2.3  -  Flow  rate  measurement 

When  test  conditions  allow  a  flowmeter  to  be 
used  as  illustrated  in  figures  17  and  18,  the  flow  rate 
can  be  measured  directly  and  precisely  this  way.  The 
determination  uses  the  supposedly  uniform  static 
pressure,  measured  in  the  settling  chamber  of  the 
flowmeter  with  a  tap  in  the  wall  surface,  and  also 
depends  on  the  calculated  sonic  section  of  the  outlet 
throat.  The  stagnation  temperature  in  the  flowmeter 
is  assumed  to  be  equal  to  the  stagnation 
temperature  upstream,  in  a  continuous  wind  tunnel. 
If  heat  transfers  have  to  be  considered,  e.q.  due  to 
the  flowmeter  settling  .  .amber  grids,  which  may  be 
at  a  different  initial  temperature  from  the  upstream 
stagnation  temperature  in  a  blowdown  wind  tunnel, 
then  the  stagnation  temperature  in  the  flowmeter 
should  be  measured  by  use  of  thermocouples. 

The  sonic  throat  is  calculated  using  the 
curvature  of  the  throat  profile  and  the  boundary 
layer  evaluation  at  the  throat,  which  go  into  making 
the  coefficients  CDK  and  CD6  applied  to  the 
geometric  cross  section  of  the  throat. 

These  calculations  are  discussed  in  [11], 

Figure  22,  which  is  constructed  on  the  basis  of 
references  [23]  and  [24],  gives  the  value  of  CDK  as  a 
function  of  the  radius  h  of  the  throat  section,  divided 
bv  the  radius  R  of  the  profile.  An  h/R  value  of  0.2b  is 
sometimes  chosen  because  the  result  is  than  a  rather 
short  throat,  but  one  that  has  a  small  enouqh 
curvature  for  the  calculation  still  to  be  exact.  Tne 
corresponding  CDK  coefficient  if  0.9987. 


Fig.  22  ■  Co k  -  sonic  throat  striction  coefficient 
due  to  the  throat  curvature. 


Figure  23  gives  the  value  of  CD8  calculated 
according  to  the  hypothesis  of  a  turbulent  boundary 
layer.  This  formula  is  established  on  the  basis  of  a 
boundary-layer  similarity  law  at  the  throat,  in  [25], 
and  by  systematic  calculations  according  to  [26].  The 
results  agree  well  with  the  calculation  results 
reported  in  [27], 

For  h/R  »  0.25,  the  indicated  CD8  is  1  -  0.045 
(ath/vt)- 1/6,  in  which  at  is  the  speed  of  sound  and  n 
the  kinematic  flow  viscosity  ut/pt,  under  the 
stagnation  conditions  of  the  flow  through  the 
flowmeter. 


Fig.  23  -  Cos  -  sonic  throat  striction  coefficient 
due  to  the  boundary  layer. 


We  also  find  [26]  a  formula  for  a  Viriel-effect 
CDV  coefficient,  or  real  gas  effect  which  comes  into 
piay  when  the  pressures  are  high  : 


CDV  =  !  + 


0.035 


1> 

t(atm) 

-  2t0 


We  can  also  use  a  sonic  throat  following  the 
standard  forms  of  ASME  nozzles,  with  zero  curvature 
at  the  throat  [28],  The  effect  of  the  nozzle  curvature 
is  in  this  case  neglected,  and  the  boundaiy  layer 
effect  is  calculated  by  the  coefficient 
Co  =  1  -0.184  Rn'0-2,  in  which  Rn  is  the  Reynolds 
number  calculated  using  the  throat  diameter  and  the 
local  flow  conditions  at  the  throat. 


Comparisons  made  between  measurements  by 
two  types  of  sonic  throat  exhibit  differences  of  a  few 
thousandths  of  measured  mass  flow  and  which  are 
essentially  due  to  uncei  cainties  in  the  boundary  layer 
calculation  (throat  relaminarization  problems  have 
not  yet  been  solved  by  calculation). 

When  the  test  Mach  number  is  not  high 
enough  (e.q.  at  transonic  Mach  number)  for  the 
flowmeter  throat  to  be  choked,  or  when  the  pressure 
loss  accompanying  a  sharp  reduction  in  the  flow  rate 
leads  to  an  unchoking  of  the  throat,  the  same  setup 
can  still  be  used,  with  the  flowmeter  throat  then 
being  considered  like  a  venturi. 

To  measure  the  flow  in  this  case,  the  static 
pressure  at  the  throat  also  has  to  be  measured.  The 
flow  rate  can  again  be  evaluated  by  a  flow 
calculation  ;  but  it  is  preferable  to  use  a  calibration, 
by  placing  the  flowmeter  being  studied  in  series  with 
a  reference  flowmeter,  in  a  separate  installation. 

When  the  very  presence  of  the  flowmeter  is 
unacceptable  (because  it  is  too  large,  or  the  internal 
pressure  loss  is  too  great  to  insure  the  mass  flow,  as 
for  example  in  a  transonic  test  at  high  angle  of 
incidence),  it  is  done  away  with.  The  first  throat, 
which  is  used  to  adjust  the  rate  of  flow,  can  then 
serve  as  the  flowmeter  sonic  throat,  as  lor.g  as  it  is 
choked.  The  static  pressure  measured  in  the  internal 
flow  duct  upstream  of  the  throat  is  the  second 
parameter  measured  (the  first  being  the  throat 
sectional  area)  to  determine  the  flow  rate,  using  the 
same  hypothesis  of  a  constant  stagnation 
temperature  from  upstream,  in  adiabatic  flow. 

Reference  [29]  gives  diagrams  of  conic  plugs 
that  can  be  adjusted  by  translational  motion,  along 
with  data  for  the  aerodynamic  throat  areas  of  the 
corresponding  passages  and  the  expansion  ratios 
needed  for  choking. 

A  standard  RAE  test  cell  using  such  a  conic 
plug  is  presented  in  figure  24. 
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Fig.  24  -  Unit  for  measuring  mass  flow 
and  pressure  recovery  (RAF)  -  [291. 


Figure  25  shows  the  principle  of  a  test  in  which 
force  measurements  on  the  forward  part  of  the 
aircraft  are  made.  The  difficult  problem  is  the 
stiffness  of  the  joint  between  the  ’live'  and  ‘earthed’ 
parts,  and  how  to  evaluate  the  internal  momentum 
at  the  junction,  which  is  calculated  from  the  probe 
measurements  of  the  flow  at  the  engine  face.  As  the 
flow  rate  is  also  measured  e;  ewhere,  an  adjustment 
can  be  defined  for  the  piobe  measurements,  to 
obtain  the  same  flow  rate  by  local  integration,  and 
using  this  adjustment  to  refine  the  momentum 
measurement. 


The  fact  that  there  is  no  settling  chamber 
upstream  of  the  throat,  and  that  the  aerodynamic 
definition  of  the  throat  is  not  as  certain  in  this 
configuration,  makes  the  flow  measurement  less 
precise ;  but  again,  this  precision  can  be  improved  by 
a  calibration  where  the  flow  rate  is  measured 
precisely,  upstream  or  downstream.  However,  the 
measurement  is  sensitive  to  the  inlet  distortion, 
which  cannot  be  simulated  perfectly  in  a  calibration 
test. 

If  the  throat  between  the  exit  nozzle  and  the 
plug  is  not  choked,  the  pressure  ratio  accross  the  exit 
is  used  to  calculate  the  mass  flow,  on  the  basis  of 
calibration  data.  This  ratio  is  defined  as  tiie  ratio  of 
the  ambient  external  pressure  to  the  flowmeter  pipe 
static  pressure.  In  such  an  unchoked  flow  condition, 
flow  fluctuations  have  been  observed  in  reference 

[30] ,  which  seem  to  be  induced  by  a  flow  separation 
at  the  exit  nozzle.  Suggestions  were  made  to  avoid 
these  fluctuations  by  use  of  a  sharp-edged  exit. 

When  the  downstream  throat  can  no  longer 
be  choked  and  the  flow  profile  is  not  uniform,  the 
recourse  is  to  measure  the  flow  rate  by  integrating 
the  elementary  flow  rates  calculated  for  the  engine 
face,  using  the  stagnation  pressures  measured  by  the 
rakes,  and  the  static  pressure  found  by  measuring 
the  pressures  at  the  wall  surface.  The  precision  then 
depends  on  how  finely  the  measurement  section  is 
explored.  The  method  can  again  be  calibrated,  to 
refine  the  result.  A  precision  of  1  %  has  been  claimed 

[31]  when  a  detailed  exploration  is  made  using  a 
rotating  rake  and  a  flow  matching  hypothesis  for  the 
wall  boundary  layers. 

4.3.3  -  Drag,  lift  and  moment  measurements 

The  external  aerodynamic  forces  are  measured 
according  to  the  same  principle  as  the  overall 
method  described  in  section  4.2. 2. 5,  j.e.  by  overall 
force  measurement  of  the  model  or  oT the  model 
element  considered,  and  then  subtracting  the 
resultant  of  the  "internar  forces  evaluated  from  the 
freestream  section  of  the  captured  tube  flow  back  to 
the  outlet  section  of  the  same  flow.  These  internal 
forces  are  calculated  from  a  momentum  balance 
between  the  outlet,  where  the  flow  characteristics 
are  given  by  the  measurements,  and  the  freestream, 
where  the  momentum  is  determined  from  the  flow 
rate  (measured  at  the  outlet). 

Two  types  of  tests  are  generally  run.  The  first  is 
a  large-scale  test  of  the  air  intake  alone,  or  with  the 
forward  part  of  the  aircraft  including  the  air  intake 
and  the  upstream  part  of  the  outer  fairing.  The 
purpose  of  this  is  to  study  the  local  effect  of  the 
various  elements  used  in  adjusting  the  geometry  of 
the  air  intake,  of  the  various  boundary  layer  bleeds 
and  of  the  flow  rate.  These  tests  require  as 
representative  as  possible  a  Reynolds  number,  and  a 
precise  definition  of  the  configuration.  The  second 
type  of  test  is  a  small  scale  test  of  tha  whole  aircraft, 
in  which  the  model  is  equipped  with  the  air  intake 
operating  at  the  nominal  flow  rate,  to  evaluate  the 
overall  characteristics  of  the  aircraft  and  possibly 
verify  the  effect  of  a  few  geometric  variations. 


WEIGHED  PART 


INTERNAL  FLOW  SURVEY  FLOH 

AND  MOMENTUM  CONTROL 

MEASUREMENT 


Fig.  25  -  Internal  flow  survey 
and  force  measurement  model. 


Fig.  26-1/4  scale  Rafale  intake  model 
in  S2MA  winrl  tunnel  (ONERA). 


The  absolute  precision  of  this  measurement  is 
nonetheless  uncertain  when  the  flow  is  not  uniform 
at  the  engine  face  ;  but  this  can  be  accepted  when 
we  limit  ourselves  to  comparing  similar  configura¬ 
tions,  which  is  often  the  objective  in  such  tests. 

Figure  2$  is  a  photograph  of  a  test  of  the 
Rafale  air  intake  on  a  1:4  scale  model  in  ONERA’s 
S2MA  wind  tunnel,  a  test  run  according  to  the 
principle  of  figure  25. 

Another  solution  using  the  same  principle 
consists  in  limiting  (he  model  to  the  cutoff  plane 
considered,  which  becomes  a  base  plane.  The  whole 
assembly  is  then  metric  and  avoids  the  problems  of 
the  seals,  but  no  longer  benefits  from  a  downstream 
flowmeter  to  refine  the  measurement  of  the 
momentum  and  of  the  internal  drag.  It  also  requires 
a  precise  measurement  of  the  base  drag. 

A  non  metric  adjustable  plug  can  be  placed  at 
the  outlet  of  the  captured  flow  duct  to  adjust  the 
flow  rate,  (Fig.  27).  In  this  use,  the  momentum  is 
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evaluated  a  little  upstream  ot  the  plug  by  measuring 
the  static  and  stagnation  pressure  in  a  part  of  the 
duct  where  the  flow  is  still  cylindrical,  and  the 
internal  drag  evaluated  on  the  basis  of  this 
momentum  has  only  to  be  corrected  for  the  drag  of 
the  cylindrical  element  of  the  tube  downstream  from 
the  measured  static  pressures  to  the  outlet  section. 
This  is  a  small  friction  term,  found  by  calculation. 


Balance 


Fuselage  alone 


Fig.  27  -  Intake  and  nacelle  drag  measurement 
using  a  non  metric  plug  (RAF)  -  [29j. 


The  flow  rate  measurement  is  calibrated  on  a 
separate  setup,  to  refine  the  measurements. 


The  photograph  in  figure  28  shows  a  model  in 
the  ARA  transonic  tunnel  using  this  principle. 


Fig.  28  -  Typical  arrangement  for  intake  spillage 
drag  measurement  (Rolls-Royce/ARA). 


A  full  model  is  measured  in  a  similar  way,  with 
the  air  intake  flow  rate  represented.  The  cutoff 
plane  is  simply  the  base  of  the  aircraft.  In  these 
measurements,  though,  we  are  not  generally 
concerned  with  the  effect  of  adjusting  the  flow, 
which  is  studied  on  a  partial  model.  So  the  internal 
tube  of  captured  flow  terminates  at  the  base  with  a 
cylindrical  nozzle  forming  a  nonadjustable  throat, 
and  allowing  the  maximum  flow  rate.  A  test  can  be 
made  with  a  reduced  flow  rate,  if  necessary,  using  a 
nozzle  of  lesser  sectional  area. 

The  principle  of  the  setup  used  for  testing  and 
for  calibrating  the  flow  rate  of  the  outlet  throat  is 
given  in  figure  29. 

An  error  calculation,  using  M0  and  the  Mach  number 
at  nozzle  exit  area,  is  reported  in  [29]  and  (32).  This 
calculation  indicates  that  a  sonic  nozzle  is  less 
sensitive  to  an  error  in  the  evaluation  of  the  outlet 
conditions  at  Mach  numbers  M0  of  the  order  of  1.5 
to  2.5.  At  these  Mach  numbers,  the  condition  of  a 
sonic  outlet  is  generally  satisfactory  in  the  above 
tests. 


Fig.  29  -  Complete  model  drag  measurement. 


Fig.  30  - 117 scale  Rafale  with  internal  flow 
for  force  measurement  (ONERA  -  SIMA). 


Section  4,4 

TRANSONIC  AND  SUBSONIC  TESTS 
UFTIiSHTER  PUNE  AIR  INTAKES' 

The  special  feature  of  these  tests  is  that  they 
cover  a  broad  range  of  angles  of  incidence  and 
sideslip. 

Also,  in  subsonic  tests,  the  aerodynamic  field 
ahead  of  the  air  intake  is  affected  by  the  entire 
aircraft ;  so  if  we  want  to  analyze  the  characteristics 
of  the  interna!  flow  precisely,  it  is  no  longer 
sufficient  to  test  models  that  represent  only  the  air 
intake  and  the  forward  part  of  the  aircraft; 

This  means  we  have  to  test  complete  models. 
However,  by  comparing  full-model  tests  with  partial- 
model  tests,  we  can  still  define  Mach  number  and 
angle  of  incidence  conditions  for  the  partial  models 
that  will  bring  their  test  results  rather  close  to  those 
of  the  full  model,  since  the  effect  of  the  rear  parts  of 
the  aircraft  are  comparable,  in  a  first  approximation, 
to  a  far  field  that  globally  affects  the  upstream  flow 
conditions. 
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Then  again,  testing  full  models  at  high  angles 
of  incidence  in  transonic  flows  places  a  severe  limit 
on  the  scale  of  the  models,  because  of  the  flow 
choking  problems,  and  justifies  the  recourse  to  large 
wind  tunnels. 

To  give  an  example,  a  1:7  scale  model  of  the 
complete  Rafale,  with  a  wing  span  of  1 .5  m,  is  tested 
in  high  subsonic  flows  in  the  SIMA  wind  tunnel  (a 
porous  test  section  with  a  40  m2  sectional  area, 
Fig.  30).  The  same  model,  but  without  the  wings  and 
with  the  canard  surfaces  truncated,  can  be  tested  in 
the  S2MA  wind  tunnel,  in  a  porous  transonic  test 
section  with  a  cross  sectional  area  of  3  m2. 


How  these  models  are  instrumented  for 
testing  and  characterizing  the  internal  flow  was 
spoken  of  in  the  section  on  supersonic  tests. 

At  low  velocity,  the  range  of  angle  of 
incidence  for  fighter  plane  tests  may  go  beyond  90°. 
Conventional  test  setups  with  their  stingholder 
sectors  adapt  poorly  to  such  angles,  and  a  floor  pivot 
with  integral  supports  is  more  generally  used. 

The  diagram  in  figure  31  shows  just  one  such 
test  setup,  allowing  continuous  adjustments  at 
angles  of  incidence  from  -  20"  to  +  200°,  and  sideslip 
angles  from  -  20°  to  +  20°  This  is  in  the  4.50  m  x  3.5 
m  test  section  of  ONERA’s  FI  wind  tunnel.  This 
tunnel  is  pressurized,  and  the  flow  is  provided  by 
simply  discharging  the  captured  flow  to  the 
atmosphere.  The  evacuation  pipe  is  designed  with  a 
pivoting  elbow  to  adjust  the  sideslip,  and  a  rotary' 
joint  centered  on  the  turret  to  set  the  angle  of 
attack. 


Section  4.5 

SPECIAL  TEST  DEVICES 

Contents 

4.5.1  -  Unsteady  flow  distortion  acquisition  system 

4.5. 1.1  -  Complete  measurement 

4.5. 1.2  -  RMS  analysis 

4.5.2  -  Intake  flow  dynamic  study 

4.5.3  -  Complete  internal  flow  probing 


4.5.1  -  Unsteady  flow  distortion  acquisition  system 

4.5. 1.1  -  Complete  measurement 

The  distortion  indices  come  from  the  forty 
unsteady  pressure  transducers  of  the  engine  face 
rakes. 

The  highest  frequency  to  be  considered  is  of 
the  order  of  1000  Hz  at  scale  1  ([7],  [2]),  and  must  be 
divided  by  the  model  scale. 

One  way  of  obtaining  a  particular  distortion 
index  is  to  build  an  analog  computer  which  delivers  a 
signal  proportional  to  the  desired  distortion  index. 

The  advantage  of  this  is  that  it  provides  the 
result  in  real  time,  which  is  very  useful  for 
monitoring  a  test  program  on  the  basis  of  the  actual 
results. 


Figure  32  is  a  view  of  another  test  setup  on  the 
wall  pivot  of  the  British  Aerospace  atmospheric  wind 
tunnel  (2. 7m  x  2.1  m)  at  Warton.  The  air  intakes  are 
connected  by  hoses  to  ejectors. 


Such  analog  computers  are  widely  used,  but 
they  are  unfortunately  limited  to  the  one  distortion 
index  for  which  they  were  designed.  Then,  as  a 
complement,  the  transducer  signals  are  usually 
recorded  on  magnetic  tape  for  off-line  complete 
analysis  (to  calculate  the  other  distortion  indices  or 
to  generate  a  sequence  of  instantaneous  total 
pressure  maps,  etc  ).  It  is  not  easy  matter  to 
synchronize  the  recording  and  readback  of  the  forty 
channels,  though.  Better  performance  can  be 
obtained  with  a  PCM  (Pulse-Code  Modulation) 
record. 

The  distortion  indices  can  also  be  computed 
digitally  using  analog-digital  conversion  with  a 
suitable  computer  (array  processor).  A  typical 
analog-digital  measurement  system  is  shown  in 
figure  33  (British  Aerospace  Warton  Division). 

What  is  required  first  are  the  maximum  values 
of  the  various  distortion  indices,  which  are  recorded 
during  a  given  length  of  time  of  the  order  of 
1  minute  at  scale  1  ([7],  [8]),  for  various  flight 
conditions  which  initiate  a  high  internal  flow 
distortion. 

The  recorded  distortion  can  be  analyzed 
statistically  to  define  those  maximum  values 
according  to  a  given  probability  [33]. 

A  detailed  analysis  of  the  instantaneous  flow 
(pressure  maps)  may  also  be  of  interest  ;  but 
considering  the  volume  of  data,  a  selection  must  be 
made,  This  selection  is  based  on  the  measured 
distortion  indices,  A  conditional  "quick  acquisition 
system"  has  been  developed  at  ONERA  that  limits 
tne  selection  on  the  basis  of  a  particular  distortion 
index  measured  by  an  analog  computer.  This  system 
gives  a  first  evaluation  of  the  various  distortion 
indices  in  real  time,  and  delivers  a  few  selected 
instantaneous  pressures  maps  (Fig.  34).  A  PCM  is  also 
provided  for  fuller  off-line  analysis. 


Fig.  32 -Low  speed  high  incidence  test  set  up 
(British  Aerospace,  Warton). 
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Fig.  33  -  Dynamic  distortion  instrumentation 
package  (B.Ae). 


Fig.  34  •  Unsteady  distortion  measurement,  with 
conditional  real  time  acquisition  (ONERA) 


A  similar  system  is  used  at  AEDC  named 
DYNADEC  (Dynamic  Data  Editing  and  Computing). 
(Figure  35)  [191-134): 


*  (MUX  DfiC :  Uut-Timx  OftCftlMMATOft.t 


Fig.  35  ■  Block  diagram  of  DYNADEC 
(US.  Air  Force)  -H9  -3*1 


The  high  response  pressure  transducer  outputs 
are  multiplexed  and  recorded  on  14  track  analog 
tape.  The  multiplexed  pressure  signals  are  fed  into  a 
96  channel  discriminator  system  which  demultiplexes 
the  data  signals.  Each  pressure  is  filtered  to  account 
for  model  scale  and  engine  sensitivity.  The  filters  are 
AC  coupled  and  therefore  remove  any  steady  state 
component  or  DC  bias  that  might  be  present  on  the 
tape.  The  fluctuating  pres>ures  are  sent  to  the 
analog  board  where  they  are  gain-compensated  to 
account  for  the  individual  pressure  transducers 
response  characteristics.  Each  fluctuating  pressure  is 
then  combined  with  its  steady  state  value  to  form 
the  total  pressure  signal.  These  pressures  and  other 
parameters  are  used  in  the  continuous  solution  of 
the  engine  distortion  parameter  equations  on  the 
analog  computer.  The  screening  parameter  is  fed 
into  a  peak  detector  network.  Peak  values  of 
distortion  above  a  preset  threshold  level  generate  a 
logic  signal  to  hold  the  peak  value  of  the  screening 
parameter  and  the  accompanying  level  of  all  other 
distortion  parameters  being  computed.  These 
parameter  values  and  the  time  at  which  the  peak 
occurs  are  transferred  and  stored  in  the  digital 
computer.  In  addition,  the  compressor  face  total 
pressures  for  the  maximum  peak  distortion  level  are 
held  and  stored  for  developing  the  pressure  contour 
map  at  the  conclusion  of  the  screening  of  the  data 
record. 

4.5. 1 .2  -  RMS  analysis 

If  no  analog  computers  or  high  speed 
acquisition  systems  are  available,  a  first  estimate  of 
the  various  distortion  indices  can  be  made,  based  on 
the  only  measurement  of  the  RMS  values  of  each 
individual  total  pressure  probe  of  the  rake 

Such  a  simple  process  is  defined  in  [35],  based 
on  an  analytical  study  assuming  a  random 
distribution  of  discrete  vortices. 

A  still  simpler  method  is  proposed  in  [36],  by 
assuming  a  time  random  fluctuation  of  the 
individual  total  pressure  probes. 

The  same  method,  named  “statistical  model" 
has  been  applied,  and  some  improvements  have 
b  ’en  developed  [19]  -  [37  -  38  -  39],  the  details  of 
which  are  presented  hereafter,  issued  from  [19]. 

The  basis  for  the  statistical  model 
development  is  that  a  synthesized  fluctuating 
component  can  be  constructed  and  added  to  the 
steady  state  pressure  to  form  the  dynamic  total 
pressure.  The  fluctuating  pressure  is  assumed  to  be 
stationary  and  random  with  a  normal  distribution. 

The  synthesized  fluctuating  pressure  can  be 
determined  for  each  probe  using  a  random  number 
generator  with  a  zero  mean  and  the  standard 
deviation  derived  from  the  measured  turbulence 
levels. 
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The  dynamic  total  pressures  are  input  to  the 
distortion  parameter  equations  and  the  level  is 
determined.  The  pressure  distortion  map  is  also 
generated.  Forty  new  random  numbers  are  then 
generated,  providing  a  new  set  of  dynamic  total 
pressures  that  represents  data  from  another 
equivalent  time  slice.  The  new  distortion  level  is 
computed  and  compared  to  the  current  maximum 
value. 


The  calculated  pressure  levels  from  the  higher 
distortion  map  are  retained  and  the  sequence  is 
repeated  until  the  appropriate  sample  size  is 
reached. 

When  this  point  has  been  reached,  the  set  of 
pressures  which  produced  the  maximum  distortion 
level  will  have  been  retained,  similarly  to  the 
DYNADEC  procedure 

The  improved  statistical  model  is  schematically 
represented  in  figure  36.  The  rms  turbulence  and 
random  numbers  are  combined,  as  in  the  basic 
method.  However,  these  synthesized  pressures  are 
now  input  into  the  two  digital  filters  added  to  the 
basic  model.  The  first  filter  provides  a  slight 
amplitude  rolloff  with  frequency  over  the  entire 
power  spectrum  (as  inlets  tend  to  ao)  and  the  second 
filter  accounts  for  engine  sensitivity.  The  second 
filter's  output  is  the  filtered,  synthesized  fluctuating 
pressure  component  that  is  added  to  the  steady  state 
pressure  to  form  the  dynamic  total  pressure.  The 
dynamic  total  pressures  are  input  to  the  distortion 
parameter  equation  where  the  distortion  level  is 
determined.  Forty  new  random  numbers  are 
generated,  providing  40  filtered  dynamic  pressures 
for  another  equivalent  time  slice.  The  distortion  level 
is  then  computed  and  compared  to  the  current 
maximum  value.  The  larger  value  is  retained,  as  well 
as  the  pressures  for  the  distortion  map.  The  sequence 
is  repeated  until  a  desired  sample  size  is  reached 
which  is  based  on  cutoff  filter  frequency.  The  entire 
solution  is  then  restarted  with  another  set  of  random 
numbers.  The  average  maximum  distortion  map  is 
achieved  by  repeating  the  entire  solution  process 
several  times  with  different  sets  of  random  numbers 
to  generate  several  maximum  distortion  maps. 
Individual  probe  pressures  from  the  several 
maximum  distortion  maps  are  summed  and 
averaged.  In  this  way,  the  resulting  40  averaged 
pressures  represent  the  data  for  the  most  probable 
or  average  maximum  pressure  distortion  map 


An  example  of  the  statistical  method 
capability  is  presented  in  figure  37. 

Both  the  experimental  and  synthesized 
fluctuating  pressure  data  are  based  on  filtering  the 
raw  data  et  a  frequency  of  500  Hz. 
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Fig.  37  -  Pressure  contour  map  and  histogram, 
moderate  turbulence,  40  turbulence 
measurements  [191 


Excellent  agreement  has  been  achieved 
between  the  predicted  and  measured  contour  map 
and  total  distortion  levels,  including  the  circum. 
ferential  and  radial  components.  The  distribution  of 
probe  recovery  difference  (the  histogram)  shows 
that  29  probe  pressures  are  within  ±  2  %  of  their 
measured  values,  while  the  range  has  decreased 
from  17  %  for  the  basic  model  to  10  %  for  the 
improved  model.  The  rms  difference  for  the  40 
probes  is  1.87  %.  a  44  %  improvement  over  results 
from  the  basic  model. 

As  mentioned  in  section  4. 2. 3. 3,  a  discussion  of 
various  processes  is  included  in  references  [19)  and 
[20). 

4.5.2  -  Intake  flow  dynamic  study 

To  design  a  control  system  for  a  variable- 
geometry  air  intake,  the  dynamic  characteristic  of 
the  internal  flow  has  to  be  studied.  :t  is  also 
important  to  identify  the  level  of  the  wall  pressure 
rise,  i-i  transient  flow,  for  the  design  of  the  intake 
structure. 

To  perform  such  a  study,  high  speed  rotating 
vanes  can  be  installed  at  the  compressor  face  station 
to  produce  a  periodic  variation  of  the  reduced  mass 
flow.  The  intake  is  equipped  with  unsteady 
transducers  which  measure  the  amplitude  *nd  the 
phase  lag  of  the  pressure  waves. 

A  sketch  of  such  a  device  is  reproduced  in 
figure  38  [11).  There,  to  simulate  the  surge  of  the 
engine,  a  negative  mass  flow  was  periodically 
injected  by  compressed  air  supplied  through  the 
vane,  as  shown  in  the  sketch.  A  good  simulation  of 
the  engine  surge  phenomenon  and  its  effect  on  the 
adjacent  air  intake  was  obtained,  as  indicated  by  the 

Sulse  traces  shown  in  the  figure,  compared  with  the 
ight  result. 
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various  types  of  probes  (pitot,  five-hole  directional 
probe,  hot-wire,  etc.).  By  combining  the  three 
movements  of  the  support,  the  probe  can  explore 
the  all  entire  volume  of  the  intake  duct. 


Fig.  40  -  Internal  probing  device. 


Fig.  38  -  Engine  surge  simulation  device 
(E  C.  Carter -1101). 


The  sudden  stall  of  an  engine  and  the 
resulting  "hammershock"  in  the  intake  duct  has  also 
been  simulated  the  same  way,  but  a  pyrotechnical 
device  was  used  to  close  the  vane  fast  enough. 

A  similar  device  is  presented  in  figure  39  [40], 
A  rotating  hollow  cylinder  having  spanwise  slots  1 80° 
apart  rotates  around  a  hollow  shaft  with  a  forward 
facing  slot.  The  shaft  is  fed  with  high  pressure  air. 


MEUuntzsb 


Fig.  39  ■  System  display  ofMBB 
surge  wave  generator  140]. 


On  that  device,  the  suppression  of  the  rotating 
butterfly  vanes  avoid  intake  flow  degradation 
during  valve  acceleration. 

To  allow  a  single  pressure  wave  to  be 
simulated,  a  bursting  diaphragm  is  installed  in  the 
supply  pipe,  and  the  valve  is  locked  in  the  open  slot 
position, 

4.5.3  -  Complete  internal  flow  probino 

A  detailed  analysis  of  the  whole  internal  flow 
may  be  of  use  in  checking  the  validity  of  the  CFD 
flow  prediction,  or  to  guide  an  experimental 
approach  to  flow  improvement. 

Figures  40  and  41  show  an  internal  probing 
system  developed  at  ONERA.  The  device  can  support 


Fig.  41  -  Probing  device  on  checking  bench  (ONERA). 


The  displacement  of  the  probe  is  programmed 
on  a  computer  before  the  test,  and  is  controlled 
automatically.  It  can  explore  successive  cross  sections, 
for  each  of  them,  along  lines  homothetical  to  the 
contour  of  the  section  -  or  it  can  follow  a  streamline 
through  the  duct,  for  instance,  when  studying  the 
decay  of  the  turbulence  components. 
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4.6.1  -  Introduction 

Models  to  a  common  design  have  been 
manufactured  in  Britain,  France  and  Germany  to 
slightly  different  scales  and  tested  in  the  8‘  x  8*  (2.44 
m  x  2.44  m)  tunnel  at  the  RAE  (Bedford),  the  S2MA 
(1.75  m  x  1.75  m)  tunnel  at  ONERA  (Modane)  and 
the  1  m  x  1m  tunnel  at  DLR  (Gottingen).  The 
common  design  (RAE  Model  7421  Cowl  2)  is  a  simple 
subsonic-type  pitot  intake  with  a  circular  cross 
section  and  a  blunt  lip.  The  slightly  different  scales 
are  necessary  so  as  to  fit  to  existing  engine  face 
instrumentation  available  (as  supplieo  by  MBB  in  the 
case  of  DLR)  to  the  three  tunnels.  This  resulted  in 
engine  face  diameters  of  88.9  mm  (RAE)  94.18  mm 
(ONERA)  and  107.36  mm  (DLR).  Although  each 
contributor  had  a  basic  common  engine  face  rake  of 
40  unsteady  total  pressure  probes,  each  wind  tunnel 
used  its  own  nationally  available  instrumentation, 
data  recording  and  data  reduction  systems.  Further 
details  of  the  model  geometry,  engine  face 
instrumentation  and  data  recording  and  reduction 
systems  are  given  in  4.6.2  and  4.6.3. 

The  measurements  include  steady  state  values 
of  the  usual  intake  parameters  such  as  pressure 
recovery,  engine  face  flow  distortion  and  intake 
mass  flow  as  well  as  dynamic  distortion  of  the  flow  at 
the  engine  face.  The  main  aim  of  the  tests  has  been 
to  establish  the  dispersion  of  the  steady  and 
unsteady  results  at  common  test  conditions. 

The  tests  have  concentrated  on  a  common 
condition  of  incidence  variation  (0°  to  25°)  at 
M0  =  0.8  in  all  three  wind  tunels.  However  other  test 
conditions,  principally  change  of  free  stream  Mach 
number  both  at  subsonic  and  supersonic  speeds  (up 
to  M0  =  1.8)  and  change  of  Reynolds  number  have 
been  made  in  two  of  the  three  wind  tunnels. 

Unfortunately  due  to  lack  of  time  within  the 
WG13  reporting  schedule  it  has  not  been  possible  to 
analyse  completely  the  results  from  all  the  tests 
made.  There  also  has  been  no  time  to  identify  the 
possible  reasons  for  the  source  of  the  dispersion  of 
the  processed  results  that  have  been  presented.  This 
will  he  done  and  presented  in  a  paper  to  the  AGARD 
FDP  Symposium  on  Aerodynamic  Engine/Airframe 
Integration  to  be  given  at  Forth  Worth  USA  7th  . 
10th  October  1991. 


measuring  distortion 
section  measuring 
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4.6.2  -  Model  geometries 

The  common  model  geometry  was  that  of  RAE 
Model  742L,  Cowl  2.  External  and  internal  static 
pressures  and  steady  state  performance  on  this 
model  was  measured  in  1983  and  1984  at  the  RAE 
and  the  ARA  over  the  Mach  number  range  0.2  to  2 
and  incidence  range  0°  to  40°.  This  used  an  earlier 
version  of  the  engine  face  instrumentation  and  was 
reported  in  refs.  [4l]-[42].  The  earlier  version  of  the 
engine  face  rakes  had  no  dynamic  pitot  probes,  had 
a  bullet  in  the  centre  of  the  rake  and  was  positioned 
upstream  of  present  engine  face  rakes  (Fig.  42). 
Details  of  the  common  lip,  external  cowl  and  diffuser 
shapes  are  shown  in  Fig.  42. 


Fig.  42  -  WG 13  inlet  definition  i ME  scale). 


i 


Fig.  43  (a)  a  (b)  ■  ONERA  and  DLR  models. 


Fig.  43  (a)  (b)  &  (c)  shows  longitudinal  cross 
sections  and  photos  of  the  three  national  models 
together  with  details  of  the  engine  face  pitot  probes. 
The  small  variation  in  absolute  size  of  the  models, 
the  variations  in  rake  geometry  and  duct  geometry 
downstream  of  the  measurement  plane  are  evident. 
Fig.  44  (a)  (b)  S  (c)  show  the  outline  of  the  models  in 
relation  to  the  supporting  sting,  tunnel  quadrant 
and  tunnel  walls. 
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measurements  were  made  using  80  normal  pitot 
tubes  placed  in  16  arms,  8  adjacent  to  the  Kulite 
tubes  and  8  interdigitated  between  them.  The  80 
pitot  tubes  were  connected  to  individual  PSI 
transducers  arranged  in  groups  of  32. 

RAF  and  ONERA  used  2.36  mm  diameter  i 
5  psi  differential  transducers  together  with  a  backing 
pressure  near  to  the  average  total  pressure  in  the 
duct. 

The  choice  of  only  40  probes  at  the  engine 
face  results  in  less  blockage  than  if  the  probe 
quantity  is  doubled  to  accommodate  simultaneous 
steady  state  measurements.  Preliminary  experiments 
at  the  RAE  also  indicated  a  superior  accuracy  for 
steady  state  values  that  are  obtained  by  time 
averaging  the  DC  coupled  individual  Kulite 
recordings  over  the  use  of  adjacent  pitot  probes 
linked  to  one  or  two  transducers  via  a  Scanivalve 
system.  Table  I  gives  results  from  a  preliminary 
investigation  made  on  a  different  intake  model  for 
two  conditions  where  considerable  dynamic  activity 
was  present. 


235 


Table  I  ■  Repeatability  of  OCOO  measurements. 
DC90  values 


M  =0.80 

Pito: 

Kulites 

M  .1.8 

Q  =  -  5° 
Repeat 

Pitot 

tubes  and 
scanis. 

Kulites 

q  =  40° 

Repeat 

tubes  and 
scanis. 

Time 

average 

Time 

average 

1 

0.377 

0.384 

t 

0.240 

0  26'. 

2 

0.366 

0.387 

2 

0.255 

0.259 

3 

0.368 

0.393 

3 

0.251 

0.263 

4 

0.396 

0.393 

4 

0.239 

0.262 

5 

0.367 

0.389 

S 

0.226 

(..265 

6 

0.269 

0.260 

Details  of  the  pressure  instrumentation  and  the  data 
recording  and  signal  conditioning  systems  foilow 
under  the  headings  of  the  difterent  national  centres. 


The  Kulites  are  protected  by  ONERA  screens,  and  a  7 
mm  extension  ahead.The  duct  diameter  increased 
slightly  downstream  of  the  rakes  to  account  for  the 
blockage  effect  of  the  bullet. 

A  butterfly  valve  is  installed  downstream  of 
the  engine  face,  to  vary  the  mass  flow.  It  is  Jol lowed 
by  two  grids,  to  smooth  the  flow  and  reduce 
distortion.  The  flow  is  exhausted  back  to  the  free 
stream  via  a  conv-div.  noezle  which  is  used  to 
measure  the  mess  flow.  When  the  nozcle  is  choked, 
mass  flow  measurement  is  based  on  theoretical 
discharge  coefficient  for  the  sonic  throat.  When  it  is 
not,  (at  low  Mach  number  or  low  mass  flow),  Venturi 
formulae  are  used,  with  corrections  derived  from 
measurements  in  the  choked  flow  conditions. 

The  filter  cut-off  frequency  was  set  to  1.6  kHz 
and  the  sampling  rate  was  five  times  the  cut-off 
frequency  i.e.  8  K  samples/sec.  The  record  length  was 
3.84  secs. 


(a)RAE 

There  was  no  bullet  in  the  centre  of  the  duct,  the  8 
rakes  were  inserted  and  supported  from  the  duct 
wall  Fig.  43  (c).  The  duct  downstream  of  the  rakes 
was  unobstructed  until  the  exit  where  the  area  was 
varied  by  means  of  a  sliding  cone  throttle.  The  duct 
wall  diameter  decreased  slightly  downstream  of  the 
rakes  and  wall  static  pressures  in  this  reduced  section 
were  used  in  conjunction  with  the  rake  total 
pressures  (and  a  duct  calibration)  to  obtain  values  for 
mass  flaw  ratio  A0/Ac  at  subsonic  speeds.  At 
supersonic  speeds  ihe  choked  exit  area  (modified  by 
an  experimentally  determined  discharge  coefficient) 
was  used  together  with  the  rake  total  pressures  to 
obtain  mass  flow. 

The  Kulites  were  fitted  with  Boeing  screens 
and  a  3  mm  extension  ensured  that  true  total 
pressure  was  measured.  The  dynamic  data  siqnals 
were  digitised  and  stored  in  real  time  on  67  Mbyte 
exchangeable  discs.  The  maximum  digitisation  rate 
of  the  system  was  300  K,  10  bit  words  per  second. 
Sample  and  hold  amplifiers  were  used  to  ensure  that 
all  pressures  were  measured  at  the  same  instant  in 
time.  Signal  conditioning  was  achieved  using  48  high 
stability  variable  gain  DC  amplifiers  (which  can  be  AC 
coupled  if  required)  together  with  48  low  puss 
Rutterworth  filters  (48  dB  per  octave  roll-off)  The 
cut  off  frequency  was  variable  from  10  Hz  to  2.5  kHz 
and  was  set  to  1.7  kHz,  which  is  equivalent  to  200  Hz 
full  scale  for  a  model  scale  of  1/8.5.  The  sampling  rate 
was  three  times  the  cut  off  frequency  i.e.  5.1  k 
samples/sec  on  the  evidence  of  Fig.  45  (43)  The 
record  length  was  4.016  secs. 
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Fig.  45  -  Effect  of  sampling  frequency. 


(b)  ONERA 

There  was  a  bullet  in  the  duct  but  this  was 
positioned  downstream  of  the  Kulite  rakes  (Fig.  43(a)). 


Far  a  few  points  the  cut-off  frequency  was 
doubled  3.2  kHz  and  then  the  sampliny  rate  bjeomes 
16  K  samples/sec. 

The  record  is  obtained  in  real  time  by 
successive  acquisitions  (every  0.5  s)  of  batches  of 
256  pressure  maps  at  the  maximum  frequency  of  16 
kHz,  12  bits  words. 

(c)OlR 

There  was  no  bullet  in  the  duct  but  a  thin 
walled  ring  of  a  diameter  slightly  less  than  that  of 
the  innermost  probe  joints  all  1 6  arms  of  the  rake  as 
shown  in  Fig.  43  (b).The  Kulite  tubes  were  16  mm  in 
diameter  arranged  in  8  arms  and  are  in  the  same 
angular  position  as  those  in  the  RAt  and  ONERA 
models  but  the  80  steady  state  pitots  were 
positioned  adjacent  to  and  midway  between  the 
Kulite  rake  arms.  The  duct  diameter  increased  just 
downstream  of  the  probe  entries  to  more  chan 
compensate  for  the  blockage  of  t!  it  1 6  arm  rake.  The 
duct  remained  unobstructed  donwstream  cf  the  rake 
until  the  exit  where  the  duct  exit  area  was  varied 
using  the  common  conical  plug  geometry. 

The  maximum  digitisation  rate  was  200  K  12 
bit  words  per  second.  The  signal  conditioning  used 
DC/AC  Bessel  filters  (48  dB  per  octave  roll  off)  and 
the  cut-off  frequency  could  be  varied  from  0.1  Hz  to 
1 .42  kHz.  The  cut-off  frequency  was  set  to  1.42  kHz 
for  ai!  characteristics  except  one,  when  it  was 
doubled  The  sampling  rate  was  80  K  and  20  K  (80  K 
for  data  storage,  and  20  for  one-line  presentation) 
samples/sec  ana  the  record  length  4  secs  and  30  secs. 

The  MBB  data  gathering  and  signal 
conditioning  equipment  was  operated  by  MBB 
personnel  for  the  test  under  the  direction  of  D5R. 

MBB  provided  both  model  instrumentation 
(i  e.  dynamic  and  steady  state  rakes  and  the  mass 
flow  throttling  plug  system)  as  well  as  data 
gathering  and  signal  condition  equipment. 

DIP.  supplied  the  pitot  intake,  model  support, 
the  PSI  modules  and  the  wind  tunnel  and  defined  the 
tes'  conditions. 

4.6.4  -  Test  programmes  and  test  conditions 

Tho  tests  were  conducted  in  the  RAE  (Bedford) 
8'  x  8'  subsonic  and  supersonic  speed  tunnel 
(Fig.  44(c))  in  October  1988,  in  the  DIR  (Gottingen) 

1  m  x  1  m  transonic  and  supersonic  speed  tunnel  in 
December  1989  (Fig.  44  (d))  and  in  the  ONERA 
(Modane)  (1.75  m  x  1.75  m)  tunnel  in  July  1990 
(Fig.  44  (a)).  The  use  of  existing  engine  face 
instrumentation  resulted  in  the  smallest  model  being 
tested  in  the  largest  tunnel  (RAE)  and  the  largest  in 
the  smallest  tunnel  (DIR). 


The  test  programmes  were  as  follows  : 
(a)  RAE 
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The  model  had  a  transition  strip  2  mm  wide 
located  on  the  duct  inside  surface  12  mm  from  the 
highlight  position. 

(b)  ONERA 


Angle  of  incidence  effect 
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•Cut-of!  frequency  varied  from  1 .6  kHz  to  3.2  kHz. 


Mach  number  effect 

Reynolds  number  effect 
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(c)  DLR 
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A  transition  strip  was  located  on  the  duct  inside 
surface  10  mm  downstream  of  the  highlight. 


4.6.5  -  Data  reduction  and  presentation 

The  usual  format  of  steady  state  intake 
characteristic  data  is  presented  i.c.  pressure  recovery 
Ptj/Pto  and  LfCeo  versus  relative  mass  flow  Ao/Ac. 
Unsteady  DC60  can  be  presented  as  maximum  values 
recorded  DCaoix.  or  using  the  jacocks  statistical 
method  (ref.  33;  as  the  maximum  values,  2  min  DC«> 
that  would  be  predicted  after  2  minutes  of  operation 
at  full  scale. 

DCeo  has  already  been  defined  in  Chapter  2, 
Section  2. 

DC6oix  is  defined  as : 


l2  S  min  SO 

q 

where  now  Pt>mi„«,is  the  instantaneous  value  of  the 
minimum  total  pressure  of  any  sector  of  60°  at  the 
engine  face. 


Pt2  is  the  mean  steady  state  total  pressure 

l  i  40  i  & 

LiVp  (RAE  ar.d  ONERA)  =IVp  (DLR) 

I  40  f  1  80  j  * 

at  the  engine  face,  and  using  the  Rolls  Royce  recom¬ 
mendation,  q  is  the  mean  incompressible  steady 
dynamic  pressure  as  obtained  from  a  mass  flow 
derived  mean  Mach  number  at  the  engine  face. 

The  Jacocks  method  is  summarised  as  foliows  : 

1 .  Peak  DC60  values  are  calculated  for  each  of  the  N 
blocks  of  data  available  in  the  3-4  secs  of 
recording  time.  N  is  normally  in  the  range  1 5-25. 

2.  Peak  DC6o  are  arranged  in  ascending  order  of 

value  and  assigned  a.i  index 'm'  where  m  =  1, 
2 . N. 

3.  The  reduced  variable  y  s  -  In  In  [(N  +  1)/mj  is 
calculated. 

4.  Peak  DC$o  values  are  plotted  versus  v  and  a  least 
squares  fit  straight  lint  through  the  points  is 
calculated. 

5.  Extrapolation  of  this  straight  line  allows 
estimation  for  a  longer  time  period  (e.g.  14  secs 
RAE  model  scale,  14.83  secs  ONERA  model  scale, 
equivalent  to  2  minutes  full  Kale). 

As  2  min  DCeo  values  are  not  available  at  the 
present  time  for  the  DLR  results,  results  for  the  three 
tunnels  are  compared  on  a  DCsoix  basis. 

4.6.6  -  Comparison  of  measurements 
4.6.6. 1  -  At  subsonic  speeds 
(a)  Effect  of  incidence  variation 


Pressure  recovery-mass  flow  characteristics  at 
M0  0.8  at  all  incidences  (Fig.  46  (a))  except  20°  show 
close  agreement.  If  the  value  of  maximum  mass  flow 
ratio  is  judged  on  points  on  the  supercritical  leg  of 
the  characteristic  that  are  close  to  the  critical  point, 
then  there  is  a  tendency  for  the  ONERA  values  to  be 
slightly  in  excess  of  the  RAE  and  DLR  values  at  a  ■  0° 
and  10°.  At  a  -  0° ,  the  theoretical  choking  mass  flow 
ratio  is  0.882  which  indicates  a  throat  discharge 
coefficient  Qj  of  0.992  for  the  ONERA  results  0.987 
for  DLR  and  0.978  for  RAE.  At  a  >  20°,  DLR  and 
ONERA  values  are  in  close  agreement  for  pressure 
recovery  over  the  full  mass  flow  range  whereas  RAE 
val ues  are  1  -2  %  higher  over  the  flow  range  0.6  -  0.8. 
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At  a  *  25*.  result:  are  only  available  ft>m  RAE  and 
ONERA  and  pressure  recovery  values  differ  by  about 
1  S  again  over  th*  mass  flow  ratio  range  0. 6-0.8  but 
there  ts  no  consistent  one  way  trend. 


m,  =  o  a 


Fig.  46  (a)  -  Incidence  variation  :  comparison 
of  pressure  recovery  from  RAF.  ONFRA,  &  DLR 
at  M0  =  0.8  cl  ^  O' -25°. 
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Fig.  46  (b)  ■  Incidence  variation  :  comparison 
ofDCso  from  RAF,  ONFRA,  &  DLR 
atM0  =  0.8,  a  =  0°-2 5'. 
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Fig.  46  (c)  -  Incidence  variation  :  comparison 
ofDCsoiX  from  RAF.  ONERA.  «  OLR 
atM0  =  0.8.  a  =  0°  25°. 


Fig.  46  (d)  ■  Incidence  variation  :  comparison 
of  2  mm  DCso  from  RAF  8  ONERA. 

M0  = 0.8  a  =  O'- 25'. 
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Internal  cowl  lower  :tp  surface  Mach  number 
plots  at  Nit,  *  0.8.  o  «  20*  from  ref.  1413  show  the 
collapse  of  the  tip  suction  that  occurs  on  changing 
flow  ratio  from  0-559  to  0.805  (Fig.  47  (a))  indicating 
the  advent  of  lip  separation.  The  steady  increase  in 
separation  bubble  Mach  number  as  AJK,_  varies  from 
0.65  to  0.796  (Fig.  47  (*>»  then  gives  rise  to  rapHly 
increasing  mixing  losses  and  results  in  the  observed 
deterioration  in  engine  face  pressure  recovery.  At 
o  «  25*.  the  flow  is  separated  from  the  lower  lip  of 
the  cowl  over  the  complete  range  of  measured  mass 
flow. 
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Fig.  47  (a)  &  (b)  -  Internal  lower  lip  Mach  no. 
distributions  for  RAE  model  7421  cowl  2atMa  =  0.8, 
a  =  20° (from  ref.  1 41 ]). 


Up  to  a  =  15°,  values  for  DCsoix  from  all  three 
tunnels  (Fig.  46  (c))  are  in  reasonably  close 
agreement  over  the  full  flow  range.  DCso  values  (Fig. 
46  (b))  however  show  more  variation  between  th'e 
three  sets  of  tests.  In  particular  at  a  =  0° 
theoretically,  DCco  should  be  zero  as  any  distortion 
of  the  engine  face  flow  in  an  axisymmetric  intake 
and  duct  should  be  purely  radial.  All  three  results 
approximate  to  this  at  flow  ratios  above  0.6  but  RAE 
and  DLR  values  tend  to  increase  quite  rapidly 
(though  remaining  small)  below  A^Ac  =  0.6.  DLR 
values  show  the  same  tendency  at  a  =  5-1 5°  but  start 
increasing  rapidly  below  Ao/Ac  =  0.6-0. 7  whereas 
ONERA  and  RAE  values  remain  below  0.05  over  the 
full  measured  flow  range.  At  a  =  20°,  DC&o  climbs 
rapidly  above  Ao/Ac  =  0.6  remarkably  consistently 
from  all  three  tunnels.  Ato  25°  values  from 
Ao/Ac  =  0.7  upwards  from  RAE  are  considerably 
higher  than  ONERA  values. 


DC6oix  values  become  slightly  more  scattered 
between  the  three  tunnel  values  at  u  =  20°.  At  a  = 
25°  ONERA  values  are  considerably  lower  than  RAE 
values  but  both  sets  are,  numerically,  very  high  (note 
the  false  origin  of  the  graph  at  a  =  25°).  The  2  min 
DCso  values  available  from  RAE  and  ONERA  only 
(Fig.  46  (d))  show  similar  differences  to  the  DCjoix 
values. 


(b)  Effect  ^variafejui  ^Hree  stream  Mach  number 

Comparisons  itMo  <  0.75  and  0.9  are  limited 
to  DLR  ond  ONERA  results.  Values  of  pressure 
recovery  at  Mo  »  0  75  near  to  full  flow  are  not  in 
such  dose  agreement  at  M0  »  0.8  with  ONERA 
values  being  1/2  - 1  54  higher  than  those  from  DLR. 
DCto  values  show  the  same  (but  opposite)  trend 
throughout  the  flow  range.  At  M0  =  0.9,  one  value 
of  the  DLR  pressure  recovery-mass  flow  character¬ 
istic  (at  Ao/A<  *  0.57)  is  much  lower  than  the 
corresponding  ONERA  value.  This  is  not  accompanied 
by  a  correspondingly  large  incease  in  DC«o  at  this 
condition  which  may  indicate  that  the  pressure 
recovery  value  is  in  error.  Again,  as  at  M0  =  0.8, 
DC$oix  values  between  the  two  tunnels  are 
remarkably  consistent 
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Fig.  48  -  Variation  of  subsonic  speed :  comparison 
of  pressure  recovery,  DCsc,  &  DQp/x. 
from  ONERA  8  DLR  at  a  =  15°  M  =  0.75  S  0.90. 


(c)  Reynolds  number  variation  (a  =  15°,  M0  =  0.8) 
(Fig.  49) 

Variation  between  Re  =  1.25  x  106  and 
1.91  x  106  for  all  three  (pressure  recovery,  DC60  arid 
DC6oix  )  ONERA  results  are  negligible,  as  might  be 
expected  for  this  small  Reynolds  number  change. 
DLR  results  are  similar  for  the  two  higher  Reynolds 
number.  However,  the  values  at  the  low  Reynolds 
number  of  0.39  x  106  illustrate  the  large  adverse 
effects  of  going  below  the  well-known  “rule  of 
thumb"  of  intake  testing  that  the  Reynolds  number 
based  on  intake  diameter  should  if  possible  exceed 
1  X  106. 
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Fig.  SO  (a)  -  Incidence  variation  :  comparison 
oforessure  recovery  from  RAE  &  DLR 
atM0  =  1.8,  a  =  0°-20°. 


Fig.  49  -  Variation  of  Reynolds  no. :  comparison 
of  pressure  recovery,  DCso,  8  OCgo/x 
from  ONERA  &  DLR  at  a  =  15°.  Ma  =  0.6. 


4.6.6  2  -  At  supersonic  speeds 

(a)  Effect  of  incidence  variation  (Fig.  50  (a)  -  (d)) 

At  Ma  =  1.8,  results  are  only  available  from 
DLR  and  RAE.  In  general  pressure  recovery  -  mass 
flow  characteristics  are  very  similar  at  a  =  0°  and  5°. 
Pressure  recovery  at  low  mass  flow  at  a  =-•  0"  is  very 
close  to  the  normal  shock  value  of  0.813  at  Ni0  =  1.8; 
maximum  theoretical  choking  flow  at  this  condition 
is  0.994  which  compares  with  the  measured  value  of 
0.977  for  both  sets  of  results  if  DLR  values  in  excess  of 
unity  at  very  supercritical  conditions  are  ignored. 
This  gives  a  throat  discharge  coefficient  of  0.983.  At 
a  =  10°  -  20°,  then-  is  a  tendency  for  DLR  values  of 
pressure  recovery  to  be  slightly  higher  than  RAE 
values  at  flow  ratios  above  0.8  and  for  maximum 
flow  ratios  also  to  be  slightly  higher.  This  latter 
difference  may  be  exaggerated  by  a  lack  of  truly 
supercritical  values  for  the  RAE  results  at  these 
incidences. 

DCeo  values  from  DLR  show  the  same  tendency 
as  at  M0  =  0.8  of  being  slightly  higher  than  RAE 
alues  at  mass  flow  values  below  the  critical  point. 
There  is  a  good  agreement  between  DLR  and  RAE 
values  for  DC^ix  at  a  =  0-15°.  The  high  peak  values 
at  0°  and  15°  are  probably  the  results  of  coincidence 
of  lip  separation  and  shock-boundary  layer 
interaction  in  the  region  of  the  lip.  The  DLR  results 
shov  i  that  when  the  internal  supersonic  flow  pattern 
has  become  properly  established  and  the  terminal 
shock  has  moved  downstream  of  the  lip  DCgpix 
values  can  drop  considerably. 
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Fig.  SO  (c)  -  Incidence  variation  :  comparison  of 
DCoojx  from  RAF  &  DLR  at  M0  =  1.8,  a  =0°-  15 * 


4.6.7  -  Remits  unique  to  ONERA  and  DLR  testr 

For  completeness,  results  from  tests  that  were 
performed  in  one  tunnel  only  are  shown  in  Figs.  SI- 
54.  Results  from  ONERA  at  a  a  15*,  M,  =  0.85  and 
0.95  in  addition  to  those  already  discussed  at 
M0  =  0.75,  0.8  and  0.9  are  shown  altogether  in 
Fig.  51.  Similarly  results  from  DLR  tests  at  a  *  5*  at 
M0  =  0.7F.  0.8  and  0.9  are  shown  in  Fig.  52. 

The  effect  of  Reynolds  number  variation  at 
M0  =  0.8,  a  =  20'  is  shown  in  Fig.  53. 

Finally,  the  effect  of  change  of  cut-off 
frequency  at  a  =  15',  M0  *  0.8  on  2  min  DC$o  is 
shown  to  be  small  (Fig.  54) 


Fig.  51  -Mach  number  effect -a  *  15°  8  Re  =  1.25. 


Fig.  50  (d)  ■  Incidence  variation  :  comparison  of 
DCs 0IX  from  RAF  &  DLR  atM0  =  1.8,  a  =  20°. 
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4.6.8  -  Repeatability  study  at  RAE 

The  question  of  repeatability  and  accuracy  is 
of  much  greater  complexity  in  dynamic  than  in 
steady  state  measurements.  Even  assuming  that  the 
measuring  and  analysing  equipment  is  100  % 
accurate,  measurements  made  in  unsteady  flow  may 
show  considerable  variation.  The  flow  may  be 
'stationary'  in  a  statistical  sense  (i.e.  samples  taken  at 
different  times  will  have  the  same  mean  values)  bui 
peak  values  of  flow  distortion  are  not  'ergodic'  (i.e. 
samples  taken  at  different  times  will  produce 
different  peak  DCm  values).  This  is  clearly  shown  up 
in  the  RAE  repeat  tests  at  M0  =  1.8  (Table  H). 


Table  II.  -  Repeatability  ofDCgo  values. 

M  =  1.8.  Q  =  10‘,AJAC  =  O.SO*. 

P„=0.  =0.782 


— 

Data  point 
No 

Time 

average 

DCeo 

Dynamic  DC$o 

1-CEPT 

— 

Slope 

2  min 
DCtf 

Lowest 

peak 

Highest 

peak 

43 

0.199 

0.544 

0.767 

0.605 

0.056 

0.844 

Repeat  68 

0.200 

0.530 

0.758 

0  606 

0.049 

0.813 

69 

0.203 

0.547 

0.724 

0.612 

0.044 

0.80 1 

70 

0.2C0 

0.563 

0.709 

0.620 

0.035 

0.771 

71 

0.201 

0.558 

0  741 

0.619 

0.044 

0.806 

72 

0.201 

0.532 

0.787 

0.611 

0.060 

0.867 

73 

0.203 

0.574 

0.708 

0.630 

0.033 

0771 

74 

0.202 

0.577 

0.781 

0.617 

0.052 

0.836 

75 

0.201 

0.574 

0.810 

0622 

0.055 

0.855 

76 

0.201 

0.559 

0.729 

0.618 

0.048 

0.822 

77 

0.204 

0  566 

0721 

0.612 

0.043 

0.798 

78 

0.203 

0.545 

0920 

0.609 

0.082 

0.959 

79 

0.201 

0.555 

0.776 

0.639 

0.043 

0.824 

80 

0.205 

0.598 

0.713 

0.639 

0.030 

0  769 

The  Jacock  method  of  anal  sis  attempts  to 
overcome  this  in  a  logical  manner  but  with  only  20 
peak  values  a  single  very  high  or  very  low  peak  can 
significantly  distort  the  results.  DP78  is  a  case  in  point 
where  the  slope  of  the  least  squares  line  is  obviously 
affected  by  one  very  high  peak  value.  Jacocks  plots 
for  the  repeats  with  the  highest  and  lowest  slope 
(DPs  78  and  80)  are  shown  in  Fig.  55  (a)  (b).  It  should 
be  noted  that  though  in  general  the  slope  does  vary 
considerably,  the  intercept  (the  reduced  variate  y  =  0 
value)  remains  remarkably  consistent.  A  composite 
plot  of  all  peak  DC6o  values  from  DP43  and  repeat 
DPs  68-80  (regarding  these  as  a  continuous 
recording)  can  be  produced  as  shown  in  Fig.  55  (c).  It 
can  be  deduced  from  this  plot  that  the  very  high 
peak  value  of  DP78  corresponds  to  a  return  period  of 
about  27  minutes  full  scale.  Assuming  the 
measurement  to  be  correct,  this  clearly  represents  a 
rare  event,  but  in  principle  it  could  occur  only  a 
fraction  of  a  second  after  entering  the  relevant 
intake  operating  condition. 

Ten  repeat  measurements  at  Mo  »  0.8,  a  »  15° 
show  a  similar  variation  in  intercept  value  but  with 
less  variation  of  slope  (0.027  to  0.037  compared  to 
0.030  to  0.082  at  M0  »  1.8). 

The  main  conclusion  from  this  brief 
investigation  is  that  in  flows  of  moderate  to  high 
turbulence  the  naturally  occurring  random  variations 
in  peak  distortion  ar»  likely  to  be  of  much  greater 
significance  than  any  other  uncertainties  due  to 
different  experimental  techniques. 
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Fig.  55  (a)  -  (c)  -  Jacocks  plots  of  DCeoix 
to  predict  2  min  DCso- 


Section  4.7 

CONCLUSIONS  AND  RECOMMENDATIONS 


Many  and  varied  means  exist  for  studying  air 
intakes  experimentally. 

Still  today  tests  on  models  of  modest  scale 
constitute  the  most  appropriate  way  of  addressing 
the  problems  of  defining  a  new  aircraft 
configuration  or  choosing  an  air  intake  concept  that 
will  satisfy  the  given  requirements. 

So  this  approach  can  be  developed  further, 
with  a  constant  emphasis  on  better  identification 
and  measurement  of  the  parameters  describing  the 
internal  flow  -  chiefly  its  unsteady  distortion  -  and 
defining  the  external  force  balance  better. 

This  is  the  motivation  of  the  test  program 
initiated  by  AGARD  and  described  in  the  last  section, 
in  which  the  steady  and  unsteady  distortion  of  the 
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internal  flow  is  studied  repeatedly  for  the  same 
intake  in  a  variety  of  test  facilities,  in  order  to 
evaluate  the  precision  of  the  measurements. 

At  the  same  time,  large  scale  testing,  at  close 
to  flight  Reynolds  numbers  and  possibly  with  the 
actual  aircraft  air  intake  and  engine  too,  is  expected 
to  be  invested  in  heavily,  for  the  purpose  of 
predicting  more  precisely  the  compatibility  limits 
between  engine  and  intake,  and  adapting  them  to 
each  other. 

There  is  no  fundamental  difference  between 
supersonic  and  hypersonic  air  intake  tests,  the  latter 
of  which  have  not  been  mentioned  so  far ;  but  there 
are  currently  no  testing  facilities  for  large-scale 
hypersonic  experimentation  with  engine,  and  this 
will  have  to  be  considered  for  the  future. 

Finally,  to  get  better  theoretical  predictions  of 
air  intake  performance,  the  validity  of  the 
calculation  codes  and  their  components  have  to  be 
analyzed  in  greater  depth,  which  means  that  new 
means  have  to  be  developed  that  are  adapted  to 
detailed  analyses  of  these  specific  flows. 

Results  from  measurements  of  pressure 
recovery,  mass  flow,  DCm  and  DCeoix  from  three 
European  wind  tunnels  using  a  common 
axisymmetric  pitot  intake  have  been  compared.  In 
general  there  has  been  a  good  measure  of 
agreement  at  all  the  common  test  condition  of 
M0  =  0.75  -  0.9  and  1.8  and  incidences  from  0"-25“. 
Even  where  absolute  values  are  markedly  different, 
the  shape  of  the  variation  of  DCm  and  DCsoix  with 
mass  flow  is  usually  very  similar.  Tne  exact  source  of 
discrepancies  can  be  in  the  value  of  the  original 
pressure  signals,  the  form  of  the  engine  face 
instrumentation  and/or  the  geometry  of  the  duct 
(including  the  duct  exit)  downstream  of  it  (Ref.  30). 
The  means  of  signal  conditioning  and  the 
subsequent  processing  to  obtain  DC«  and  DC«hx  are 
also  relevant. 

A  subsequent  analysis  in  greater  depth  should 
lead  to  a  cooperative  effort  to  tighten  and 
standardise  on  engine  face  instrumentation  and  data 
collection  and  analysis  procedures,  which  will  benefit 
all  participants. 

The  undoubted  success  of  this  cooperative 
exercise,  especially  in  the  realm  of  dynamic  distortion 
measurements  with  all  its  complication  and  manifold 
potential  sources  of  variation,  should  be  followed  by 
further  exercises  of  this  nature.  In  particular,  the  use 
of  a  more  complex  model  that  involved  shock 
boundary  layer  interaction  on  an  adjacent  surface  to 
an  intake  or  on  an  intake  with  a  compression  surface 
would  be  of  great  interest. 
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CHAPTER  5 


Concluding  Remarks 


Since  detailed  summarizing  and  concluding  remarks  were  given  in  the  previous  chapters  for 
the  various  classes  of  configurations,  only  a  few  general  remarks  will  be  made  here. 

The  Working  Group  compiled  comprehensive  information  about  transport  and  military 
aircraft  as  well  as  missile  intakes  covering 

-  design  methodology  and  integration  concepts 

-  computational  tools 

-  wind  tunnel  testing  techniques  and  testing  limitations  in  the  subsonic,  transonic,  and 
supersonic  speed  range. 

No  information  has  been  gathered  for  hypersonic  configurations  exhibiting  real  gas 
effects.  However,  advanced  computational  tools  allow  for  necessary  extensions  where 
physical  models  are  available.  Large  scale  testing  facilities  do  not  exist  for  hypersonic 
flight  conditions. 

Validation/calibration  of  computational  tools  is  extremely  difficult  due  to  the  limited 
amount  of  detailed  experimental  data. 

Interaction  between  air  intakes  and  engines  need  further  consideration  from  both  air 
vehicle  and  engine  designers. 


This  report  presents  the  results  of  a  study  by  Working  Group  1 3  of  the  AGARD  Fluid  Dynamics 
Panel  which  was  formed  to  in\  estipnte  the  state-of-the-art  of  methodologies  for  aerodynamic 
design  of  engine  intakes  for  high  speed  vehicles.  The  scope  of  the  investigation  included  intake 
aerodynamics,  intake/engine  compatibility,  and  intakc/airframc  integration  for  both  aircraft  and 
missiles. 


The  present  capability  of  Computational  Fluid  Dynamics  (CFD)  methods  was  assessed  through  a 
comparative  analysis  of  both  CFD  predictions  and  exp  .rimental  data.  This  analysis  was 
conducted  for  eight  different  flow  field  test  cases  designed  to  produce  critical  features  of  air-intake 
flow  fields.  Flow  field  results  and  comparisons  are  presented  both  in  the  report  and  in  a 
microfiche  appendix. 

Air-inlet  wind  tunnel  testing  techniques  and  limitations  were  also  investigated  and  reported. 
Results  from  measurements  of  inlet  performance  from  three  European  wind  tunnels  using  a 
common  axisymmetric  pitot  intake  arc  also  presented. 

The  participants  in  Working  Group  1 3  represented  Belgium,  France,  Germany.  Italy,  the  United 
Kingdom,  and  the  United  States. 
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Microfiche  Appendix 


This  Microfiche  Appendix  contains  "Contributions  to  Test  Cases”  relating  to 
Section  3.3  "Analysis  of  Test  Cases"  as  listed  in  the  Contents  Pages  ix,  x,  xi. 


(Fiche  No.  5  contains  the  colour  repioductions  referred  to  throughout 
Fiche  No’s  1  to  4.) 
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Microfiche  Appendix  to  Sub-Section  3.3.1 
Contributions  to  Test  Case  1 
Transonic  normal  shock/turbulent 


Sverdrup  —  AEDC 


Page  No’s 
A2  to A8 


MBB 


A9  to  A3  2 


MEMORANDUM 


SVERDRUP  TECHNOLOGY,  INC 


Data:  May  8,  1990 
Organisation  Mail  stop 

To  2  Record 

Pros:  D.H.  Huddleston  EL2  900 

Thru: 

subject:  AGARD  WG13  Test  Case  1:  Transonic  normal  shock/turbulent 
boundary  layer  interactions 


The  requested  preliminary  comparisons  of  axial  pressure  distribution 
and  boundary  layer  velocity  profiles  are  attached,  for  the  subject  test 
cases  1.1  and  1.2.  Computations  for  each  test  case  were  made  by 
application  of  the  PAkC2D  Navier-Stokes  code,  The  algebraic  turbulence 
model  available  in  PARC 2D  was  applied  without  modification. 

Computations  were  made  on  a  grid  containing  9050  grid  points  with 
approximately  fifty  grid  lines  within  the  boundary  layer.  Preliminary 
comparisons  with  AGARD  data  for  test  case  1.3  is  not  yet  available. 

The  AGARD  data,  as  received  for  test  case  1.3,  requires  interpolation 
of  the  data  in  order  to  produce  the  comparisons  at  the  requested  axial 
stations.  This  does  not  seem  consistent  since  the  purpose  of  the  AGARD 
test  cases  is  to  evaluate  currnetly  available  CFD  codes  relative  to 
detailed  turbulent  flow  measurements. 
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Mean  velocity  profiles  @  x=1 .60. 
Test  Case  1.1. 
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Mean  velocity  profiles  @  x=1 .8. 
Test  Case  1.1. 


Z[mm] 


U/U#  max 

Mean  velocity  profiles  (2)  x=1 .65. 
Test  Case  1.1. 
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Mean  velocity  profiles  @  x=2.1 . 
Test  Case  1.1. 
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Mean  velocity  profiles  @  x=2.4. 
Test  Case  1.1. 
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Mean  velocity  profiles  @  x=2.8. 
Test  Case  1.1. 
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Mean  velocity  profiles  @  x=3.2. 
Test  Case  1.1. 


Static  wall  pressure  on  lower  tunnel  wall. 
Test  Case  1.2 
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Mean  velocity  profiles  @  x~1 .60. 
Test  Case  1 .2. 
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Mean  velocity  profiles  @  x=1 .85. 
Test  Case  1.2. 
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Mean  velocity  profiles  @  x=3.2. 
Test  Case  1.2. 
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D-8000  Miinchen  80,  FUG 

October  4,  1990 


Input  tor  AGARD  Working  Group  13,  ‘Test  Case  1: 

Transonic  shock-wave/turbulent  boundary-layer  interactions 


The  solutions  of  the  transonic-flows  in  the  S8  transonic  channel  of  the 
ONERA  Fluid  Mechanics  laboratory  were  obtained  using  the  two-dimensional 
Navier-Stokes  code  NS FLEX  (Navier-Stokes  solver  using  characteristic  flux 
extrapolation)  (i;.  It  is  a'  finite-volume  method  applicable  to  sub-, 
trans-  and  hypersonic  flows.  The  inviscid  fluxes  at  the  finite-volume  fa¬ 
ces  are  evaluated  by  solving  a  Riemann  problem  (2).  A  third -order  accurate 
local  characteristic  flux  extrapolation  scheme  of  type  MUSCL  (3]  is  em¬ 
ployed.  For  capturing  strong  shock  wave.;  (especially  in  hypersonic  flows) 
a  flux  vector  splitting  is  used  [4J.  For  the  interpolation  between  the  two 
ways  (MUSCL  flux-difference  splitting  and  a  modified  Steger, /Warming  flux- 
vector  splitting)  to  form  cell  face  fluxes  a  sharpened  high-order  iimiter 
derived  from  the  van  Albada  ’ imiter  has  been  incorporated.  The  viscous 
fluxes  are  approximated  with  central  differences.  The  numerical  method 
utilizes  the  algebraic  turbulence  model  of  Baldwin  and  Lomax  (5).  The  un¬ 
factored  inplicit  equations  are  solved  in  time -dependent  form  by  a  point 
Gauss-Seidel  relaxation  technique.  By  applying  the  so-called  checkerboard 
scheme,  in  which  points  are  divided  into  black  and  white  ones,  a  high  de¬ 
gree  of  vectorization  is  achieved.  The  code  contains  multi-blocking  capa¬ 
bility  and  real  gas  effects  are  incorporated. 

The  computational  grids  used  are  shown  in  Fig.  1  to  Fig.  3.  Because  of 
the  symmetric  geometry  of  the  nozzle  of  the  test  case  TC1.1  and  TCI. 2  one 
half  of  the  flow  fields  with  symmetry  condition  were  calculated  only.  Each 
of  the  grids  consists  of  one  block  and  was  generated  with  an  algebraic 
mesh  generator  ensuring  perpendicular  intersection  of  the  grid  lines  with 
the  surfaces.  The  inner-law  variable  z*  can  be  varied.  The  results  shown 
in  Fig.  4  to  Fig.  21  were  produced  on  grids  with  209*100  points  (TCl.l), 
236*100  points  (TCI. 2)  and  with  239*100  points  (TCI. 3).  Grid  refinements 
from  100  to  200  points  in  z-direction  with  z+(200  points)=0,l*z+ (100 
points)  did  not  show  any  change  neither  in  the  wall  pressures,  in  the 
mean  velocity  profiles  nor  in  the  shear  stress  profiles. 

All  calculations  were  performed  on  the  SIEMENS  supercomputer  VP200. 
They  were  started  with  the  initial  conditions  of  pt. =96000  N/m2 ,  Tt.*=300  K 
and  T„  in  the  first  cell  row  of  the  entrance.  The  static  pressure  p/pc„  at 
the  exit  face  of  the  channel  was  used  to  adjust  the  shock  position. 

The  mass  loss  along  the  duct,  Fig.  7,  Fig.  13  and  Fig.  19,  was  used 
both  for  quality  check  of  the  code  and  convergence  criterion.  Am  was  re- 
fered  to  the  mass  flux  m  in  the  third- -cell  in  ^-direction.  About  20000 
iterations  for  TCl.l  and  TCI. 3  and  30000  iterations  for  TCI. 2  were  necess¬ 
ary  to  obtain  converged  solutions.  The  computations  required  8.0E-5  se¬ 
conds  per  point  and  iteration.  The  calculation  was  done  turbulent  starting 
from  the  entrance. 


References 

(1)  Schmatz,  M.A. ;  NSFLEX  -  An  implicit  relaxation  method  for  the  Navier- 
Stokes  equations  for  a  wide  range  of  Mach  numbers.  Notes  on  Numerical 


Fluid  Mechanics,  vol.  30,  Vieweg,  Braunschweig  (1990). 

(2]  Eberle,  A.:  Characteristic  flux  averaging  approach  to  the  solution  of 
Euler's  equations.  VKI-Lecture  Series  1987-04  (1987). 

{31  Anderson,  W.K.,  Thomas,  J.L.  van  Leer,  B. A  comparison  of  finite 
volume  flux  vector  splittings  for  the  Euler  equations.  AIAA  Paper  85- 
0122  (1985). 

(4J  Eberle,  A„,  Schmatz,  M.A.,  Bissinger,  N.C.:  Generalized  flux  vectors 
for  hypersonic  shock  capturing.  AIAA  Paper  90-0*90  (1990). 

{51  Baiuwin,  B.S.,  Lomax,  7.:  Thin  layer  approximation  and  algebraic  model 
for  separated  turbulent  flows.  AIM  Paper  78-0257  (1978). 
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Tig.  7  Kast  lost  along  duct,  teat  caae  1.1 


A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 


A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 


Upper  Surface 
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A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 


Fig.  15  isolines  of  pressure  coefficient  cn ,  test  case  1.2 


Upper  Surf oce 
Lower  Surface 


A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 


A  colour  i  ^production  of  this 
illustration  can  be  found  on 
fiche  number  5. 
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Microfiche  Appendix  to  Sub-Section  3.3.2 
Contributions  xo  Test  Case  2 
Glancing  shock/boundary  layer  interaction 


Page  No’s 

General  Dynamics 

A34  to  A50 

ONERa 

A51  to  A61 

Sverdrup,  AE  DC 

A62  to  A69 

Sverdrup,  Cleveland 

A70  to  A94 

NASA  Lewis 


A95toA102 


GENERAL  DYNAMICS 
FORT  WORTH  DIVISION 


HAWK3P  CFD  RESULTS: 

GLANCING  SHOCK/BOUNPARV  LAYER  ENTER  ACTION 

The  CFD  results  from  a  HAWK3D  Analysis  of  the  AGARD  Test  Case  #2 
(Glancing  Shock/Boundary  Layer  Interaction)  are  presented  in  tabular  and 
graphical  formats.  The  graphs  have  the  corresponding  experimental  data  for  * 

comparison  while  the  tables  list  only  the  CFD  data. 

« 

The  CFD  solution  was  obtained  without  knowledge  of  some  details  of  the 
experimental  set  up,  because  the  given  details  of  the  problem  were  somewhat 
vague.  Accordingly,  there  are  minor  (yet  possibly  significant)  differences 
between  the  experimental  and  CFD  analyses  (summarized  in  Table  1 ). 

A  major  point  of  concern  is  that  the  experimental  Pitot  pressures  given  to  start 
the  CFD  solution  had  values  greater  than  1 .0  in  the  freestream.  The  Pitot 
pressure  values  (nondimensionalized  by  freestream  Pitot  pressure  supposedly) 
were  as  great  as  1.08  in  the  freestream.  No  explanation  to  this  concern  has 
been  found.  Some  question  as  to  the  nondimensionalization  of  Pitot  pressures 
downstream  results  from  these  given  Pitot  pressures.  Although  most  results 
from  the  HAWK3D  analysis  compare  well  with  experimental  data,  the 
downstream  Pitot  pressures  are  up  to  8%  greater  than  the  experimental  data. 

The  grid  size  used  was  1 00  X  70  X  50  with  corresponding  x,y,z  dimensions  of 
1 1 .5"  X  8"  X  4".  A  symmetry  plane  was  used  in  the  Z-direction.  (The  actual 
tunnel  height  was  8").  The  initial  CFD  solution  was  started  0.5  inches  upstream 
of  the  wedge  tip. 

The  HAWK3D  code  was  run  on  the  NAS  CRAY  YMP  (before  the  February 
1990  upgrades  to  the  YMP).  A  converged  solution  was  reached  in  2000 
iterations.  The  runs  used  approximately  1 2.7  seconds  per  iteration. 

The  results  presented  in  this  package  represent  a  "first  look"  at  the  Glancing 
Shock  Problem.  Limited  time  and  funding  reduced  the  CFD  analysis  to  one 
sparse  grid  and  the  assumptions  shown  in  Table  1 . 

If  there  are  any  questions,  comments  or  concerns  please  contact: 

Ben  Smith  (817)763-3069 

General  Dynamics/Fort  Worth  Division 

P.O.  Box  748 

Fort  Worth  .Texas  76 1 0 1 


EXPERIMENT 

CFD 

•  WEDGE  TIP  WITH  NO  INITIAL 
BOUNDARY  LAYER  (BL) 

•  NO  SLIP  WALL  BEGINS  0.5 

INCHES  UPSTREAM  OF  WEDGE 

♦  TUNNEL  FLOOR  BEGINS 

WITH  0.55  INCH  BL 

•  TUNNEL  FLOOR  BEGINS 

WITH  EXPERIMENTAL 

DATA  FROM  X=3.6" 

♦FULL  TUNNEL  CROSS 

SECTION:  8“  X  8" 

(WEDGE  OFFSET  FROM 

TUNNEL  WALL) 

*  SOLUTION  DOMAIN 

1 1 .5"  X  8"  X  4* 

(SYMMETRY  PLANE 

USED  IN  2-DIRECTION) 

•  BL's  ON  ALL  TUNNEL  WALLS 
(BUT  NOT  ON  WEDGE) 

•  BL  INITIALIZED  ONLY 

ON  TUNNEL  FLOOR 

‘  INITIALIZED  WITH 

EXPERIMENTAL  PROFILES 

FROM  X  =  3.6” 

***r  cut  #2:  SURFACE  STATIC  PRESSURES; 
JfttA)  P/sREF  X-5.1”;  OD/IK  HAJOC3D 
0.000  7.014 

0.100  2.004 
0.200  1.989 
0.300  1.0(2 
0.4/50  1.034 

0.500  1.006 

0.600  1.878 
0.  00  1.846 

0.750  1.833 
0.800  1.817 

0.000  1.784 

1.050  1.723 

1.150  1.696 

1.250  1.663 

1.350  1.630 

1.500  1.587 

1.600  1.565 

1.700  1.548 
1.800  1.535 

1.900  1.525 

2.050  1.511 

2.150  1.500 

2.250  1.486 

2.350  1.470 

2.450  1.452 

2.553  1.431 

2.650  1.406 

2.750  1.377 

2.850  1.340 

2.900  1.319 

3.0S0  1,241 

3.150  1.175 

3.250  1.119 

3.350  1.068 

3.500  1.032 

3.600  1.013 

3.750  1.003 

3.850  0.999 

4.100  1.000 

4.200  1.001 

4.400  1.003 

4.600  1.006 

4-900  1.010 

5.150  1.014 

5.400  1.017 

5.600  1.019 


TEST  CASZ  #2:  SURFACE  STATIC  PRESSURES; 
T(in)  P/PRBF  X-7.1  •;  OD/Ft  HAHK3D 

0.000  2.053 
0.100  2.045 

0.200  2.039 

0.300  2.026  J 

0.350  2.018 

0.450  2.000 

0.50C  1  992 

0.550  1.983 

0.700  1. 954 

0.800  1.932 

0.900  1.^08 

0.950  1.895 

1.050  1.869 

1.150  1.841 
1.200  1.826 

1.300  1.796 

1.450  1.750 

1.550  1.719 

1.650  1.689 

1.700  1.674 

1.850  1.632 

1.950  1.607 

2.050  1.586 

2.150  1.569 

2.300  1.550 

2.350  1.545 

2.450  1.538 

2.600  1.530 

2.700  1 .526 

2.800  1.522 

2.950  1.513 

3.050  1.506 

3.150  1.497 

3.250  1.487 

3.350  1.473 

3.450  1.457 

3.550  1.438 

3.650  1.415 

3.750  1.388 

3.850  1.357 

3.900  1.331 

4.050  1.247 

4.150  1.200 

4.300  1.122 

4.350  1.109 

4.450  1.085 

4.550  1.055 

4.750  1.039 

4.950  1.028 

5.150  1.025 

5.250  1.025 

5.450  1.025 

5.o.'  1.026 
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TEST  CASE  12:  SURFACE  STATIC  PRESSURES, 
Y(in!  P/PREF  X-8.1";  GD/"W  HAWK30 
5.000  2.065 

0.100  2.057 

0.200  2.054 

0.250  2.050 

0.300  2.045 

0.350  2.040 

0.400  2.033 

0.500  2.020 

0.600  2.006 
0.700  1.991 

0.800  1.974 

0.900  1.956 

1.100  1.912 
1.200  1.888 

1.300  1.862 

1.400  1.834 

1.500  1.806 

1.600  1.777 

1.750  1.733 

1.850  1.705 

1.950  1.677 

2.100  1.640 
2.200  1  618 

2.300  1.599 

2.400  1.583 

2.550  1.566 

2.700  1.555 

2.800  1.551 

2.900  1.549 

3.050  1.546 

3.200  1.542 

3.350  1.536 

3.550  1.520 

3.650  1.S10 

3.850  1.483 

3.950  1.465 

4.050  1.443 

4.150  1.419 

4.250  1.386 

4.350  1.35C 

4.400  1.326 

4.500  1.278 


TE«T  CASE  #2 :  SURFACE  STATIC  PRESSURES' 
Y(m;  P/PREF  X-9.1";  GD/FW  HAWK3D 
0.000  2.076 

.  .100  2.067 

0.200  2.066 
0.300  2.060 

0.400  2.052 

0.500  2.043 

0.600  2.034 

0.700  2.023 

0.800  2.011 
0.300  1.997 

1.000  1.981 

1.150  1.953 

1.250  1.932 

1.350  1.910 

1.400  1.898 

1.450  1.686 

1.550  1.860  . 

1.650  1.834 
*  ’00  1.820 

1.850  1.779 

1.950  1.752 

2  050  1  726 

2.150  ,.700 

2.250  1 . 6' 6 

2.400  1.643 

2.500  1.625 

2.600  1.609 

2.650  1.S03 

2.750  1.591 

2.850  1.5-83 

2.950  1.677 

3.050  1.6'  4 

3.150  1.572 

3.250  1.571 

3  350  1.570 

3.450  1  568 

3.650  61 

3.750  1.555 

3.850  1.547 

3.900  1.543 
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*  <in> 

0 . 0000000*400 
0.302*7346-02 
0.(12221(1-02 
0 . 92021443-02 
0 . 12514346-01 
0.15*237(3-01 
0,10215333-01 
0.226040*3-01 
0.262653*3-01 
0.20934353-01 
0.33706543-01 
0.37567463-01 
0.415*2823-01 
0.4560(523-01 
0.40040463-01 
0.54314713-01 
0.5**27763-01 
0.634*5*23-01 
0.6620566B-01 
0.73264173-01 
0.78307903-01 
0.8370463E-01 
0.8919108E-01 
0.04*65283-01 


0.11309153+00 
0.11959533+00 
0.12632763+00 
0.13329713+00 
0.14051293+00 
0.14798423+00 
0.15572073+00 
0.16373213+00 
0. 17202833+00 
0.18061973+00 
0.18951683+00 
0.19873033+00 
0.2082713E+00 
0.21815103+00 
0 . 22838003+00 
0.2389730E+00 
0.24993913+00 
0 . 2C12916E+00 
0.27304313+00 
0 . 2852065E+00 
(; .  2977945E+00 
0 . 3108208E+00 
0.3242989E+00 
0. 33824243+00 
0.35266543400 
0.36758243+00 
0 . 3830077E+00 
0.39895613+00 
0.4154426E+00 
0.43248243+00 
0.45009063+00 
0  46828323+00 
0.4870759E+00 
0.50648453+00 
0.5265233E+00 
0.54721 473+00 
0.56856893+00 
0 . 5906052E+00 
0.6133402E+00 
0 . 6367909E+00 
0 . 6609744E+00 
0 . 6859084B+00 
0.7116103E+00 
C . 7380980E+00 
0 . 7653893E+00 
0 . 7935025E+0C 
0 . 82245578*00 
0 . 85226753+00 
0 . 8629572R+00 
0 . 9145432E+00 
0.9470451E+00 
0. 9-04828E+00 
0 . 1014876R+01 
0.10502458+01 
0. 10866UE+01 
0 . 1 123996E+0. 
0. 1162470E+01 
0. 1201907E+01 
0  12424798*01 
0  1284161E+0) 
0.13269773+01 
0. 13709528*01 
0. 14161133+01 
0.14624683+91 
0 . 15101043+01 
0  15589938*01 
0. 16091853+01 
0.16607133+01 
0.17136125*01 
0.176 /91SE+01 
0.18236688*01 
0.18809033+01 
0. 1939*tcF.  +  01 
0.20000003+01 


0.96369663-01 

0 . 00000003+00 

0.1631470E+00 

0.13160636+00 

0.30297343-02 

0.83916273-01 

0.17622476+00 

0 . 61222163-02 

0.15091703+00 

0.19896593+00 

0.92821443-02 

0.18578313+00 

0.21*47263+00 

0.12514343-01 

0.20806543+00 

0.2345725K+00 

0.15823771-01 

0.22660793+90 

0.25026*23+00 

0.19215333-01 

0.24210943+00 

0.26443543+00 

0.22694071-01 

0.2556512E+00 

0.27624663+00 

0.26265383-01 

0.2685792E+00 

0.29085143+00 

0.2993435E-01 

0.2800722E+00 

0.30396223+00 

0.33706543-01 

0.2912450E+00 

0.3153103E+00 

0.37587463-01 

0.3020305E+00 

0.3271519E+00 

0.41582823-01 

0.31203846+00 

0. 338*1523+00 

0.4S69852Z-01 

0.3224468E+00 

0. 34964763+00 

0.49940463-01 

0.33196683+00 

0.36093213+00 

0.5431471E-01 

0.3414764E+00 

0. 37214413+00 

0.58827763-01 

0.3513604E+00 

0.38258943+00 

0.63485823-01 

0.3605394E+00 

0.3934625E+00 

0.6829S663-01 

0.3697802E+00 

0.4047644E+00 

0 . 7326417E-01 

0 . 3793828E+00 

0.41502263+00 

0. 78398008-01 

0.3887627E+00 

0. 42557373+00 

0.8370463E-01 

0. 3978218E+00 

0.4365545E+00 

0 . 0919108E-01 

0.4072336E+00 

0.4475709E+00 

C.9486528E-01 

0 . 4 170151E+00 

0. 4577963E+00 

0.100734SB+00 

0.4261804E+00 

0.46843673+00 

0 . 1068074E+00 

0 . 4355101E+00 

0.479*1013+00 

0.1130915E+00 

0 . 4452045E+00 

0.4905785E+00 

0.1195953E+00 

0.4S52791E+00 

0.50097893+00 

0.1263276E+00 

0.4647746E+00 

0.5118004E+00 

0.1332971E+00 

0.4745676E+00 

0.5230609E+00 

0.1405129E+00 

0.4847422E+00 

0.5346215E+00 

0.1479842E+00 

0 . 4953144E+00 

0.5451977E+00 

0 . 1557207E+00 

0 . 5055141E+00 

0.5562027E+00 

0 . 1637321E+00 

0.5158925E+00 

0.5676548E+00 

0.17202S3E+00 

0 . 5266743E+00 

0.57957233+00 

0 . 1806197E+00 

0 . 5378758E+00 

0 . 5912105E+00 

0. 1895168E+G0 

0.5493506E+00 

0.60300553+00 

0.1987303E+00 

0.5610616E+00 

0.6152762E+00 

0. 20827138+00 

0 . 5732227E+00 

0.62804123+00 

0 . 2181510E+00 

0 . 5858513E+00 

0.6410535F+00 

0 . 2283809E+00 

0.5989633E+00 

0.653321 OE+OO 

0.2389730E+00 

0.6119726E+00 

0 . 6660828E+00 

0.2499391E+C0 

0.62S4435E+00 

0 . 6793584E+00 

0 . 261291 6E+00 

0.63942718+00 

0. 693167 3E+00 

0 . 2730431S+00 

0.65394128+00 

0 . 7074985E+00 

0 . 2852065E+00 

0 . 6691328E+00 

0. 722362 9K+00 

0 . 2977945E+00 

0.6851.5268+00 

0 . 7378041E+00 

0 . 3108208E+00 

0 . 7017700E+  00 

0.7538425E+0C 

0.3242989E+00 

0.71900458+00 

0.7 704 9 9 OE+OO 

0.3382424E+00 

0.7368756E+00 

0.7883701E+00 

0.35266S4E+00 

0 . 7555635E+00 

0.807034  9E+00 

0.3675S24E+00 

0 . 7750205E+00 

0.8263785E+00 

0.38300778+00 

0.79517942+00 

0.8464232E+00 

0 . 39895615+00 

0 . 8160619E+00 

0 . 8670393E+00 

0 . 4154426E+00 

0 . 8376893E+00 

0. 885554 6E+00 

0 . 4324824E+00 

0 . 8571540E+00 

0.9047143E+00 

0 . 4500906E+00 

0 . 8770011E+00 

0.9245385E+00 

0 . 46828 32E+00 

0 . 8975388Ey00 

0 . 9450451E+00 

0 . 4870759E+00 

0  9187862E+00 

0.9630170E+00 

0.5064845E+00 

0.93916458+00 

0.9733182E+00 

0.5265253E+00 

0.95185938+00 

0.9839605E+00 

0. 5472147E+00 

0  96497958+00 

0 . 9949S29E+00 

0.3S85689E*00 

0.97853608+00 

0.10063058+0' 

0.5906052E+00 

0.99254098+00 

0 . 1012920E+01 

0.6133402E+00 

0  1002892E+01 

0 . 1015397E+01 

0. 6367909E+00 

0. 1008232E*01 

0 . 1017952E  +  01 

0.66097448+03 

0  1013742E+01 

0.10205878*01 

0 . 6859084E+C0 

0.101 9426E+01 

0. 1023303E  +  01 

0.7116103E+00 

0. 10252888*01 

0.10260498*01 

0  7380980E+00 

0.  10274138+01 

0.10288728*01 

0 . 7653893E+00 

0 . 10266618+01 

0.10317818*01 

0 . 73350258*  00 

0. 1029948E+01 

0. 10347778*01 

0 . 8224557E+00 

0. 1031273E*01 

0.10375068*01 

0. 8522675E*00 

0.1033  /00E*01 

0.1040240E+01 

0.83295728*00 

0  10365668+01 

0.10430655*01 

0. 9)  154J2B*uii 

0.10395168*01 

0  104*n2E»01 

0 . 94 / 04518*00 

0  10423458*01 

0 . 1047391E+01 

0 . 9804828E*00 

0. 10436278+01 

0. 1049116E+01 

0. 10548768*01 

0. 1044947E.01 

0. 10508956+01 

0. 1050245E*01 

0  10463058*01 

0.10518606*01 

0  10866118*01 

0  1047059E+01 

0. 10S2744E*01 

0  .  U2399SE*01 

0.10'  6958*01 

0 . 1053654E+01 

0  11624208*01 

0.10483488*01 

0.10537385*01 

0  1201 907E*  01 

0  10495628*01 

9. 10S3(94E*01 

0. 1242479E*C1 

0. 1050940£*01 

0.10538306*01 

0.12841618*01 

0. 10523298+01 

0.10561498*01 

0.13269778*01 

0  10524238*01 

0.10585336*01 

c.  n’cvaaE+si 

0  1052520E+01 

0.10602245*01 

0.14161136*01 

0  10528578*01 

0.10611323*01 

0  14624666*01 

0. 10535228*01 

0.1P62021E*01 

3  1310104E*01 

■j.  10542058*01 

0  10621343*01 

0.15599936*01 

0  10548996*01 

C  10622496*01 

0  1609185E+01 

0.10556118*01 

0.10610516*01 

0  16607138*01 

0.10564451*01 

0 . 10594238*01 

0.17136126+01 

0.10573406+01 

0.10585023*01 

0.17679136+01 

0.10570916*01 

0.10580273*01 

0.18236496*01 

0.10559546*01 

0. 105609IC+01 

0.18109035*01 

0.10543S2E+01 

0.10585806+01 

0  19396666*01 

0.10523266*01 

0.10596993+01 

0.20000006*01 

0.10522076*01 

6“;  102.9"! 
GD/r.I  HAJ4K3D 


A38 


TES?  CASE  #2i  PITOT  PRESSURES,  X-3.6";  YG-3.9"; 

I  (in)  PT/PTREP  GD/FE  HAHK3D 

O.OOOOOOOE+OO  0.13206398+00 
0. 302*7341-02  0 . 90294768-01 

0.61222168-02  0.16447588+00 

0.92S2144B-02  0 . 1945995E+00 

0 . 12314348-01  0. 21460048+00 

0.15823768-01  0.23227718+00 

0.1921S33E-01  0.24S1913E+00 

0.2269408B-01  0.2S13004E+00 

0.28265388-01  7 . 2745S20E'  00 

0.29934358-01  0.28591238+00 

0.3370C54E-01  0.2974568E+00 

0.375874SE-01  0.3002190E+00 

0.41582828-01  0 . 32854088+00 

0 . 15698518-01  0 32927458+00 

0.4994046E-01  0 . 3388405E+00 

0.5431471E-01  0. 34867718+00 

0 <58827768-01  0.35890008+00 

0.  C348582E-01  0.3681050E+00 

0.6829566E-01  0.3775757E+00 

0. 73264178-01  0.38741618+00 

0.783975^-01  0. 3968483E+00 

0.8370464E-01  0.4061203E+00 

0 . 69191068-01  0 . 4157524E+00 

0.9486528E-01  0 . 4257614E+00 

0.10073461, +00  0.4349161E+00 

0.1068074E+00  0 . 4443736E+00 

0.1130915E+00  0.4541996E+00 

0.1195953B+00  0 . 4643740E+00  . 

0.1263276E+00  0 . 4739831E+00 

0 . 13329712+00  0. 48396498+00 

0.1405129E+00  .  0. 4943349E+00 
0.14793428+00  0 . 5051090E+00 

0.1557207E+00  0.5154254E+00 

0.16373218+4/0  0 -5260171E+00 

0.1720283E+00  0.5370193E+00 

0.1806198E+00  0 . 54844 91E+00 

0.1895168E+00  0 . 5601902E+00 

0.1987303E+00  0 . 5722604E+00 

0.2082713E+00  0 . 5847943E+00 

0.2181510E+00  .0.5978093E+00 

0 . 2283810E+00  0 . 6113133E+00 

n . 2389730E+00  0 . 6246076E+00 

0 . 2498391E+00  0 . 6384090E+00 

0.2612916E+00  0 . 6527361E-f 00 

0.2730431E+00  0. 6676069E+00 

0.2852065E+00  0 . 68332S6E+00 

0 . 2977945E+00  0 . 7000837E+00 

0.3108208E+00  0 . 7174661E+00 

0 . 3242989E+00  0 . 7354933E+00 

0.33824.24E+00  0 . 7541863E+00 

0.352C654E+00  0 . 7733477E+0C 

0.3675824E+00  0.7931072E+00 

0.3830077E+00  1  0.P135800E+00 
0 . 3989561E+00  0 . 8347882E+00 

0.4154426E+00  0 . 8567529E+00 

0 . 4324824E+00  0 . 8766308E+00 

0.4500908E+8n  0 . 8970528E+00 

0.468283-  00  0.9181871E+00 

0 . 4870  j9E+00  0 . 9400551E+00 

0.5064845B+00  0.9602641E+00 

0.5261253E+00  0 . 9712209E+00 

0 . 5472146K+00  0 . 9825436B+00 

0.5685689E+00  0 . 9942414E+00 

0.5906051E+00  0. 1006325E+01 

0. 6133403K+00  0 . 1014275E+01 

0. 6367909E+00  0 . 1017275E+01 

0.6609744E+00  0 . 1020370E+01 

0. 6859085E+00  0 . 1023564E+01 

0.7116103E+00  0. 1026856E+01 

0 . 7380980E+00  0. 1029566E+01 

0.761 3893E+00  0 . 1032223E+01 

0 . 7935024E+00  0 . 1034960E+01 

"  8224558E+00  0 . 10377' .E+01 

0 . 8522675E+00  0. 1039709E701 

0 . 8829571E+00  0 . 1039997E*01 

0. 9145432E+00  0  10409UE+01 

0 . 94  70451E+00  0. 1042030E+01 

0. 9S04827K+00  0 . 1044343E+01 

0 . 1014876E+01  0. 1046723E+01 

0.10S024SE+01  0 . 1049171E+01 

0 . 108661 1E+01  0. 105O962E+01 

0. 1123996E+01  0 . 1052665E+01 

0.1162420E401  0. 1054416E+01 

0. 1201907E+01  0 . 1054744E+01 

0. 1242479E+01  0 . 1054765E+01 

C . 12841 61E+01  0 . 10S4836E+01 

0.1326977^*01  0. 1056206E+01 

0 . 1 370952E+01  0.10576138*01 

0 . 14161 1 3E+01  0 . 1058732E*01 

0 . 1462488E+01  0 . » 059465E*01 

0. 1510105E*01  0 . 10*0217E+Ol 

0 . 1S58993E*01  0 . 106.  -5JB+01 

u. 16091858*01  0.1O61706B+01 

0.16607146*01  0.10627578*01 

0.17136128*01  0 . 106393IE*01 

0 . 176791 8E*01  0.1066116B+01 

0.18236688*01  0  ’ '‘'9044E+01 

0. 188090 3E*01  0.10714691*01 

0.19396668*01  0.10734751*0: 

0.2000000E+01  0.10*35568+01 


TEST  CASE  82:  PITOT  PRESSURES,  X-3.6*?  704.9*; 

Z  (in)  PT/PTREP  OD/PH  RAMX30 

O.OOOOOOOE+OO  0. 9268330E-01 
0.3029735E-02  0. 103687SE+00 

0.6122217E-02  0. 1731731S+00 

0 . 9282144E-02  0.20125418+00 

0.1251*3iE-oi  0.22178498+00 

0 . 158237 6E- Cl  0.238318SE+00 

0.1921S33E-01  0 . 25409158+00 

0.2269408E-01  0.26724608+00 

0.2626538E-01  0 . 2804042E+00 

0.2993436E-01  0.29178298+00 

0 . 3370654E-01  0.30363288+00 

0.3758747E-01  0.31423491+00 

0.4156282E-C1  0 . 32484298+00 

0.45698518-01  0.33562658+00 

0.4994046E-01  0 . 3453006E+00 

0.5431471E-U1  0.35534^38+00 

0.5082776E-01  0 . 3656031E+00 

0.6348582E-01  0.37489458+00 

0.68295668-01  0 . 3845445E+00 

0.7326417E-01  0 . 3945698E+00 

0 . 7839799E-01  0 . 4038784E+00 

0.8370462E-01  0 . 4132053E+00 

0 . 8919109E-01  0.4228936E+00 

0,.  9486528E-01  0 . 4328288E+00 

0.10073468+00  0.4419875E+00 

0 .1068073E+00  0.4515005E+00 

0 . 1130915E+0C  0.46138368+00 

0 .11959538+00  0 . 4714754E+00 

0.1263276E+00  0.4810300E+00 

0.13329718+00  C. 49095518+00 

0.14051298+00  0.50126528+00 

0.1479842E+00  0.51197668+00 

0.15572078+00  0.52227448+00 

0.16373218+00  0 . 53295748+Ou 

0 . 1720283E+00  0.54405448+00 

0.18061978+00  0.55558148+00 

0.18951688+00  0 . 5673437E+00 

0 . 19873038+00  0 . 5794242E+00 

0.20827138+00  0 . 59196858+00 

0 . 2181510E+00  *  60499448+00 

0 . 2283809E+00  0.  848178+00 

0.2389730E+00  0 . 6-. ' 126E+00 

0.24993918+00  0 . 64  6-t  6E+00 

0.2612916E+00  0 . 6609532E+00 

0 . 2730431E+00  0 . 6761994E+00 

0 . 2852065E+00  0.69235908+00 

0.2977945E+00  0 . 7095283E+00 

0.3108203E+00  0.7273375E+00 

0 . 3242989E+00  0 . 7458081E+00 

0 . 33824248+00  0 . 7 649603E+00 

0 . 3526654E+00  0 . 7844178F+00 

0 . 3675824E+00  0 . 8044496E+00 

0.3830077E+00  0.8252066E+00 

0. 3989561E+00  C . 8467106E+00 
0.4154426E+00  0 . 8689850E+00 

0  432  4 824E+00  0.8887/..  ~‘O0 

0 . 4S00905E+00  0. 9091297E+00 

0 . 4682832E+00  0 . 9302592E+00 

0 . 4870759E+00  0 . 9521208E+00 

0 . 5064845E+00  0 . 9716226E+00 

0 . 5265253E+00  0 . 9817703K+00 

0 . 547214  6E+00  0 . 9922550E+00 

0 . 5675689E+00  0 . 1003087E+01 

0 . 5906052E+00  0 . 1014275E+01 

0. 6133402E+00  0 . 1020779E+01 

0. 6367909E+00  0 . 1022477E+01 

0 . 6609745E+00  0. 1024229E+01 

0 . 6859084E+00  0 . 1026036E+01 

0 . 711 6104E+00  0. 1027899E+01 

0 . 7380980E+00  0 . 1030947E+01 

0  7653893E+00  0 . 1034265E+01 

0 . 7935025E+00  0 . 1037683E+01 

0 . 6224556E+00  0 . 1041204E+01 

0  .  S522676E  +  00  0 . 1042608E+01 

0 . 8829572E+00  0 . 1043480E+01 

0  .  9145432EI00  0 . 1044378E+01 

0.9470451E+00  0 . 1045530E+01 

0 . 9804828E+00  0 . 1047928E+01 

0 . 1014876E+01  0.1050395E+01 

0 . 1050245E+01  0 . 1052933E+01 

0 . 1086611E+01  0. 1054240E+01 

0.11239968*01  0 . 1055379E+01 

0.11 62420E*01  0.10565508*01 

0  1201907E+01  0. 1057687E*01 

0 . 1242479E*01  0 . 1058844E*0 1 

0 . 1284161E+01  0. 1059987E+01 

0 . 1326977E  +  01  0 . 1 0  60368E+  0 1 

0 . 1370952E*01  0.10607998*01 

0. 341611 3E+01  0. 1061601E*01 

0 . 1462488E  +  01  0 . 1062871E* 0 1 

0 . 1510104E+01  0.10641975*01 

0. 1558993E+01  0 . 1066145E+01 

0. 1609185E*01  0.10681448+01 

0 . 1660713E+01  0.10682716*01 

0 . 1713  612E+01  0. 1067762E+01 

0. 1767918E+01  0 . 10695708+01 

0 . 1823668E+01  0 . 10’2992E+01 

0 . 1880903E+01  0.10768088*01 

0. 1939666E+01  0.10809638+01 

0 . 2C30000E+01  0. 10824788+01 


A39 


I*ST  CASK  #2;  PITOT  PHCSJOBS,  X-3.6";  TG-S.4':  TEST  CASE  #2:  'XTOT  PW5SSORE8,  X' 


z  iin> 

PT/rmr  GD/rw  kamoo 

Z  in) 

PT/PTREF 

O.OOOOOOOE+OO 

0. 85931*41-01 

0 . 0uQ0A00E+00 

0.5404502E+00 

0.3029734E-02 

0.11477121300 

0. 30297" .3-02 

0. 6216704E+00 

0 . 6I22216E-02 

0 . 1772*591+00 

0 . 6122216E-02 

9.6830189E+00 

0.9282144E-02 

0.20353141+00 

0.9282144E-02 

•7 . 7264388E+0C 

0 . 1251434E-01 

0.22401*71+00 

0  -  1251434E-0* 

0.7682944E+00 

0.1582376E-01 

0.23957*81+00 

0 . I582376E-01 

0.8006199E+00 

0.1921533E-01 

0.25473*31+00 

0.1921533E-01 

0.3333157E+00 

0.2269408E-01 

0.257723*1+00 

0.2269408E-01 

0 . 8585165E+00 

0 .2626538E-01 

0.2805*101+00 

0 . 2626538E-01 

0 . 8845474E+00 

0.29934351-01 

0.29188521+00 

0 . 2993435B-01 

0 . 9072117E+00 

0 . 3370654E-01 

0.30387*21+00 

0. 3370654E-01 

0. 9281114E+00 

0.375*7461-01 

0.31398*21+00 

0  - 3758746E-01 

0. 9497067E+00 

0 , 4158282E-01 

0.32455*51+00 

0.4158282E-0\ 

0 . 9676271E+00 

0.4569J52E-01 

0.33510CM+00 

C. 4569852E-01 

0.9851796E+00 

0.49940«<E-01 

0.34474M1+00 

0 . 4994046E-01 

0.1003330E+01 

0.5431471E-01 

0.35474751+00 

0 . 5431471E-01 

0.1019134E+01 

0.5882776E-01 

0.384811H+00 

0 . 5882776E-Q1 

0 . 1033999E+01 

0.6348582E-01 

0.37408511+00 

0 . 6348582E-01 

0.1049330E+01 

O.6829S66E-01 

0.38371*31+00 

0. 6829566E-01 

0.1064647E+01 

0.7326417E-01 

0 . 393723*1+00 

0.7326417E-01 

0 . 1077020E+01 

0 . 7839799E-01 

0.40287751+00 

0.7839799E-0. 

0 . 1089848E+01 

*  0.837XM63E-0.’ 

0.41218*31+00 

0 . 8370463E-01 

0.1103130E+01 

0.R919108E-01 

0.42184421+00 

0. 8919108E-01 

0.1115783E+01 

0.9486528E-01 

0.431655*1+00 

0. 9486528E-01 

0. 1126442E+01 

0 . 1007346E+00 

0 . 44081MI+00 

0.1007348E+00 

0. 1137490E+01 

0.1068073E+00 

0 . 45033*11+00 

0. 1068074E+00 

0 . 114  8945E+01 

0.U30915E+00 

0.46022431+00 

0. 1130915E+00 

0.11601 77E+01 

0.1195953E+00 

0.47023741+00 

0 . 1195953E+00 

0.1169480E+01 

0 . 1263276E+00 

0.479768*1+00 

0 . 1263276E+00 

0 . 1179128E+01 

0 . 1332971E+00 

0.48967131+00 

0 . 1332971E+00 

0.1189137E+01 

0.1405129E+00 

0.49995*51+00 

0. 1405129E+00 

0 . 1199521E+01 

C.1479842E+00 

0.51060931+00 

0 . 1479842E+00 

0 . 1208229E+01 

0.1557207E+00 

0.52091491+00 

0.1557207E+00 

0.1217023E+01 

0 . 1637321E+00 

0.53161*51+00 

0.1637321E+00 

0.1226149E+01 

0.1720283E+00 

0.542739*1+00 

0. 1720283E+00 

0. 1235619E+01 

0.1806197E+00 

0.5542896E+00 

0 . 1806197E+00 

0. 1244772E+01 

0.1895168E+00 

0 . 56601*14+00  -■  - 

0. 1895168E+00 

0 . 1253221E+01 

0.1987303E+00 

0.5780415E+00 

0. 1987303E+00 

0.1261989E+01 

0.2082713E+00 

0.5905361E+00 

0 .2082713E+00 

0  1271088E+01 

0 . 2181510E+00 

0 . 6035197E+00 

0 . 2181510E+00 

0  .'.280531E+01 

0.2283809E+00 

0.6169472E+00 

- .  2283809E+00 

1  .'.289287E+01 

0.2389730E+00 

0.63066941+00 

0.2389730E+00 

0 . 1258033E+01 

0.2499391E+00 

0 . 6449151E+00 

0.2-  99391E+00 

0 . 1307104E-*  01 

0.2612916E+00 

0 . 65970341+00 

0 . ?  ,1291 6E+00 

0 , 1 31 651 3E+01 

0.2730431E+00 

0 . 6750523E+00 

0.2730431E+00 

0. 1326230E+01 

0.285206SE+00 

O.6912627E+00 

0 . 28§2065E+00 

0 . 1334651E.+01 

0 . 2977945E+00 

0.70836*4E+00 

0.2977945E4-00 

0 . 1343379E+01 

0.3108208E+00 

0.7261136E+00 

0 . 31 08208E+00 

0 . 1352425E  +  01 

0.3242989E+00 

0 . 74451ME+00 

0 . 3242989E+00 

0.1361800E+01 

0 . 33824241+00 

0.7636033E+00 

0 . 3382424E+00 

0 . 1370979E+01 

0 . 3526654E+00 

0.7829S12E+00 

0. 3526654E+00 

0.13786723+01 

0 . 3675824E+90 

0 . 8029516E+00 

0. 367S824E+00 

O.1386638E+01 

0 . 3830077E+00 

0 . 8236465E+00 

0. 3830077E+00 

0 . 1394886E+01 

0 . 3989561E+00 

0.84508ME+00 

0 . 3989561E+00 

0 . 1403422E+01 

0 . 4154426E+00 

0.8672177E+00 

0. 4154426E+00 

0.1410896E+01 

0 . 4324824E+00 

0.8871233E+00 

0. 4324824E+00 

0.1416631E+01 

0.4500906E+00 

0.9077284E+00 

0 . 4500906E+00 

0 . 1422559E+01 

0.4682832E+00 

0.9290521E+00 

0 . 4  682832E+00 

0.1428691E+01 

0 . 4870759E+00 

,  0 . 9511156E+00 

0 . 4870759E+00 

0 . 1435028E+01 

0 . 5064845E+00 

0 . 9706451E+00 

0 . 5064845E+00 

0.14394 1 1E+01 

0.5265253E+00 

0.98150438+00 

0 . 5265253E+00 

C  .  1442414E+01 

0.54723 47E+00 

0.9927250E+00 

0.54721 47E+00 

0. 1445517E+01 

0.5685689E+00 

0 . 1004316E+01 

0 . 568568  9E+00 

0. 1448720E+01 

0 . 5906052E+00 

0 . 10162*61+01 

0 . 5906052E+00 

0. 1452P27E+01 

0.6133402E+00 

0 . 1023161E+01 

0 . 6133402E+00 

0.1453683E+01 

0 . 6367909E+00 

0.102523SE+C1 

0.6367909F 

0 . 1454965E+01 

0.6609744E+00 

0.1027374E+01 

0 . 6609744E+00 

i.  1456288F.+  01 

0.6859084E+00 

0 . 1029580E+01 

0 . 6859084E+00 

0.1-J57654E+01 

0 . 7116103E+00 

0.1031855E+01 

0. 7U6103E+00 

0 . 1458+97E+01 

0.7380980E+00 

0.1034454E+01 

0 . 7T' 0980E+0? 

0. 1459+34E+01 

0 . 7653893E+00 

0.1037166E+01 

0 . 7653893E+00 

0 . 1 16090 3E+01 

0 . 7935025E+00 

0.1039961E+01 

0 . 7935025E+00 

0 . 1461901F.  v01 

0.8224557E+00 

0.10428WE+01 

0 . 8224S57E+00 

0. 1462935E+01 

0.8522675E+00 

0.1044  3*5E+  0 1 

0 . 8522675E+00 

0 . 1464154E+P1 

0 . 8829572E+00 

0 . 1045474E+01 

0 . 8829572E+00 

0 . 1465409E+01 

0 . 9145432E+00 

0.104  6673E+01 

0. 91454  32E+00 

0.1466702E  01 

0 . 9470451E+00 

0 . 1 0481*71+01 

0 . 9470451E+00 

0 . 1468102E+01 

0.9804828E+00 

0 .1050540S+01 

0 . 9004  828E  +  00 

0 . 1469661E+01 

0. 1014876E  +  01 

0 . 1053045E+01 

0 . 1014876E+01 

0 . 1471266E+01 

0. 1050245E+01 

0.105562CE+01 

0 . 1 0502  45E+01 

0 . 1472966E+01 

0. 1086611E+01 

0 . 1056494E+91 

0. 10866llF.*01 

0 . 1 475577E+01 

0.1123996E+01 

0. 10S7142E+01 

0. 1123996L+01 

0. 1478264E+01 

0.1162420E+01 

0.10578*91+01 

0. 1162420E+01 

0.1481027E+01 

0. 1201907B+01 

0.10589*31+01  ' 

0 . 1201 907E+01 

0 . 1483877E+01 

0 . 1242479E+01 

0. 1060274E+01 

0. 1242479E+01 

0 . 14868P8E+01 

0 . 1284161E+01 

0.1061547E+01 

0. 1284161E+01 

0 , 1490156E+01 

0. 1326977E+ . . 

0.1062114K+01 

0 . 1326977E+01 

0 . 1454811E+01 

0 . 1370952E+01 

0.1062697S+01 

0.137095'>E-  1 

0. 1 499594E+01 

0 . 1416113E+01 

0 . 10637C2E+01 

0. 1416113^ 01 

0 . 1S02834E+01 

0 . 1462488E+01 

0 . 10653*21+01 

0 . 1462488E+01 

0 . 1505093E+01 

0. 1510104E+01 

0 . 1067039E+01 

0 . 1510104E+01 

0 . 1507412E+01 

0.1558993E+01 

0 . 1068593E+01 

0. 1558993E+01 

0 . 1509776E+01 

0 . 1609185E+01' 

0.10701ME+01 

0. 1609185E+01 

0. 1512206E+01 

0 . 1660713S+01 

0.10705131+01 

0 . 1660713E+01 

0.1515244E+01 

a.  1713612E+01 

0 . 1070431E+01 

0. 1713612E+01 

0 . 1518436E+01 

0 . 1767918E+01 

0. 107161 /E+01 

0. 1767918E+01 

0 . 15227C2E+01 

0 .18236688+01 

0 . 10736551+91 

0. 1823668E+01 

0. 152'  _■<  7K+01 

0. 18809038+01 

0.10771*11+01 

0. 1880903E+01 

0. 153v!,l_.\.  vl 

0 . 1939666E+01 

0  1081664E+01 

0. 1939666E401 

0.15270373  .1 

0.20000008401 

0.10833ME+01 

0 . 2000000E+01 

0 . 1538510E .  1 

■7 YG-0.2S*; 
GD/FW  HAHK3D 


A40 


WW  CASK  #2:  PITOT  PBESS'JRES, 
2  (ie)  ■  PT/PTKET 


0  ODOCMJiJSwOO 
0.30297*.  ■" 

0.«'.222l7fc  -J? 
0.92821448-02 
•1.12514348-01 
0  15823768-01 
0.13215338- H 
0 .27634088-01 
0.26265.;?'.  "• 
0. 29934368-01 
0. 33708548-01 
0.37587468-01 
0. 41582828-01 
0. 4369052E-01 
0. 49940432-01 
0.54314718-01 
C .  08827758-01 
0. 63485828-01 
0 . 7029566S  01 
0  73264178-01 
0.7839799B-01 
0.63704638-01 
0.891S108K-01 
0.94885288-0* 
0,10073475+00 
0.10680748+00 
0.113091JKE+0+. 
0.11959538*00 
0.1263276X+00 
0.I33297J6+00 
C.  140512915+013 
0.14798428+00 
0.13572075+0C 
0 . 16373218+00 
0 . 1720283.-+00 
0 . 16061971.  *00 
0 . 1S951 68K+00 
0. J987303E+00 
0 . 2083713E700 
0.2181510E+00 
0.22838058-00 
0.23897308100 
O . 2499791E+00 
0.26.129168+00 
0.2730+31E+00 
0.285206SE+00 
0.+977945E+00 
■  0.3106208E+00 
0.3242989E+00 
0.73824248+00 
0. 35266548+09 
0.3675824F.1  00 
0 . 3030071E+00 
0.3989561E+00 
0 . 4154426E+00 
0 . 4324824E+00 
0.450C905E+00 
0  46B2»32F.+00 
ti .  48707098.+&0 
0.5089845E+00 
0 . 5265253F+00 
0 . 5472147E+00 
0.S68SS39E+00 
0.5906052E+00 


0.43701198+00 
O.M.' ’7288+00 
0. '■'O'  ’48+00 

v .  t»0<  -+4518+00 
0.63343228+00 
0.66094298+00 
0 . 6862970E+00 
0.705^0208+00 
0.72364138+00 
■‘'''’'338+00 
0.75. 7 
0. 7668231*. 

0 . 77334818+70 
0.78836658+00 
0.79873088+00 
0.9060435S4 00 
0. 81595228+00 
0 . 83414346+00 

0 . 83262968+0(5 

0.e393279S+02 
0.84618908+00 
0,8533054S'00 
0.86046958+00 
0.6667227200 
O.H3'i>  628+00 
0. 87996008+00 
0. 68653458+00 
0.69340638+00 
C . 9001 670E+00 

o.  907mo>.+oo 

0. 9145105S+00 
0 , 52199968+00 
0.9297607.3+60 
0 . 9378391E+00 
0. 94624918+00 
0. 95512558+00 
0.96466348+00 
0.9745933E+00 
0. 9349343S+00 
0. 99570208+00 
0. 100750 1E+0) 

0 . 1020081E+01 
0. 10331'IE+Ol 
0.10467978+01 
0. 10S0377E+01 
0.1C76115R+01 
C . 10925033+01 
0.11092318+01 
0. 1126522E+C). 
0.11446058+01 
0.1) 6281 18+01 
0 . U  8171 4E+01 
0. 12013348+01 
0  12716978+01 
0  1241474E+01 
0.12594948+01 
0  12781 63&+C 1 
0 . 1297502E+01 
0  1 .3 17531E+01 
0  .  l.*33868ElQl 
0 . 1347044E+U1 
0 . 1 760664E+01 
0.137 174&E+01 
0 . 1389285E+01 


X— VO 0.7S"! 
GD/FX  HAWX30 


0 , S1334G2E+90 
0 . 63i.7909E+00 
0 . 5609744F.+  00 
0 . 6859 ,848+00 
0.  Ill 6103E+00 
0 . 73809H0E+0U 
0 . 7653892E+00 
0 . 7935028E+ 00 
0  .  B224556E+00 
U.8522676E+00 
0.8829572E-.00 
0.9145431E+DO 
0.9470451E+0O 
0.9804828E+00 
0.1014  3768+0 ) 
0. 10502458  +  01 
0.10866UE  +  01 
0 . 1123996E ' 01 
0 . 11624208*0) 
0.120190784  1.1 
0.1242479E+01 
0.123416)8+01 
0. 1326977E+01 
0.13709528+01 
fc.  141611 3F.+0 1 
0 . 146 2. 4888401 
0 . 1610104.1+01 
0.15509938+01 
C.  3 8651858+01 
0.3  6607138+01 
0 .  a  713612E+01 
0.1767918E+01 
9.192.36S0B  +  O1 
O.ieSOMSE-'Cl 
0. 1939666m  01 
0.200000083-01 


0. 13S7223E+01 
0. 1403250E+01 
0 . 3  409470E+01 
0 . 1415S86E+01 
0.142208'l!+Ol 
C  14'l4444Ef01 
0.  1426H76F.+01 
0  1.429384E+01 
0. 1  4  31 970E4  01 
0.  14348591.  01 
v. 14378348+01 
0. 14409008+01 
0. i 4  4  4295E+01 
0.1448256B+01 
0  10523328+01 
0. 1456530E+01 
0 . 1461021E+01 
0 .  A465641F.+  01 
0  14703908+01 
0. 1475237E+C1 
0. 14802198+01 
0. I 485294E+01 
f>  H10J10E+  1 
0. 1 4954662+01 
0  150C-1S.4K+01 
0.15046758+01 
0. 15091078+01 
0. 15137743+01 
0.15185688+01 
•).*52370«S+03 
0.13279218+01 
0 . 1 5317730+01 
0,15353238401 
0  15574168+C1 
0,15387908+01 
0.15406398+01 


TEST  CASS  12:  P5TOT  PREPSPMS,  X«? . 


8  (in) 

0. 00000008+00 
0. 50297348-02 
0.67222168-02 
0. 92821448-02 
0.12514348-01 
0.1S62376C-01 
0.19215338-01 
0.22694088-01 
.26265388-01 
0. 29934358-01 
0. 33706548-01 
0.3758746E-01 
0.41S8282E-01 
0.-‘.5c9e5?8-01 
0.4994046S-01 
0. 54314718-01 
0.5882776E-O1 
0. 6345582E-01 
0.68295668-01 
0.732641  18-01 
0.783979PE-01 
0. 83704638-01 
0 . 8919108E-03 
0 . 948652BE-01 
0.10073468*00 
0.106661 3E+00 
0 . 11 30915E+0C 
0.11959538+00 
0.12632768+00 
0.13329718+00 
0.14051298+00 
0.147984 28+00 
0.15572078+00 
0.1637321E+00 
0.172028384.00 
0.1806197E+00 
0.1895168E+0O 
0.198V303E+00 
0. 20827138+00 
0.21815108+00 
C .  22  83^098  +  00 
0. 23897308+00 
0. 24993918+00 
0 . 26 1  ?S  1  6.8+00 
0.27304318+00 
0.26520658+00 
0 . 297794  SE-  00 
0.3108208E+0-' 

0 . 3242  90  98+00 
0.33824248400 
&.  35266548+00 
0.367502  4E+00 
0 . 3830077E+00 
0 . 3989561E+0C 
0.41 54+268+00 
0 . 4324824E+00 
U.4S0040RE+00 
0.4682332E+0C 
0.4870759E+0O 
0 . 5064  84  5E+00 
0  52652538+00 
0.5472147K+00 
0.568568  9E+0G 
0  .S906052E  +  00 
0  6133+02E+00 
0 . 63679:195+00 
0 . 660974  4E+00 
0. 6859084E+00 
0.711630  3E+0O 
0 . 73809003  400 
0.7653893E+00 
0.7935025E+00 
0 . 82.24557E+00 
0. 9522675E+90 
0 . 8  S29572F+GC 
0.914  5432E+0G 
0 , 9470431E i 00 
0.9304828E+00 
0.1014876:2+0 
0 . 1  050245F.+  01 
0. .086611E+C) 

0 . 1123996E+01. 

0.1) 524208+0, 

0 . 1201V07E+01 
0  ) 2424+ 98 +  01 
0. 1204161E401 
0. ) 3269778*01 
0 . 13709528+01 
0.141 51)38+01 
0 .14624888+01 
0.1510104E+01 
C. 15589938+01 
0. 1609185K+01 
0 . 1 66071 3E+  71 
0.171361.7E+01 
0.17678)88+01 
0. 18236C8E+01 
0 . 1080903F.+01 
0.1339666B+01 
0.3000000E+01 


PT/PTREF 
0 . 28805018+00 
0.39705418+00 
0. 44595728+00 
0 . 46394898+00 
0 .51063272+00 
0.5344 1798+00 
0.55305928+  '■ 
0 .57001518+00 
0.58291458+00 
0.5962670E+00 
0 . 60549198+00 
0.61473468+03 
0.623f 9278+00 
0.53012158+00 
0.63679038+00 
0.64353728+00 
0.64834468+00 
0 . 65333238+00 
0 . 6585092S+00 
0.66288988+00 
o . 66681968+0C 
0.67090838+00 
0.6i6163ot+oo 
0 . 67674528+00 
0 . 6823354E+00 
0.68608248+00 
0.60999448+00 
0 . 6937 1098+00 
0.69751638+00 
0. 70149968+00 
0.70567008+00 
0.71018218+00 
0 . 7130248E+00 
0 . 720111 38+00 
0.72544038+00 
0.73114138+00 
0. 73814968+00 
0 . 7454936E+00 
0.753189CE+00 
0 . 76125428+00 
0 . 7708182E+OC 
0 . 73192638-00 
0 . 793S4698+00 
0  .  "OP  7  01 6E+00 
0  .  8184 15  9E+00 
0.83409218+00 
0 . 8510187B+00 
0  B696835E+00 
0 . 88711  11E+08 
0 . 90647828+00 
0.929.1 8  SCS+00 
0.9528350E+00 
0 . 97745088+  00 
0.1003069E+01 
0..;029306E+01 
0 . 105  ? 842E+01 
0 . 1086955E  +  01 
0  11171808+01 
3.11485518+01 
0  . 1178331,1+01 
0 . 1205868E+01 
0 . 12343798+01 
0 . 1263884E+01 
C.  12944288+0). 
0 . 1315750E+01 
0. 1333174E+01 
0 . 1 7 r 1 1618+01 
0  .  I.K..  ,268+01 
0. 1388523E+0) 

3 . 1 3961 84E+0) 
0. 1 404  084E  +01 
0. 1412227E+01 
0. 1  42061 9E+01 
0.1424089E+01 
0.  1427347E+01 
0  14J0712E+01 
+  .  1434109E+ 

0 . 1437428E+01 
0  .  14400538+01 
0  .  1444385.7+0) 
0.  14482778+01 
0. 14S2291E+01 
0.1456424E+01 
0. 1461459!-.  :  01 
0. 1466673E+01 
0  .  14722/0E+O1 
0.14789208+01 
0. 14858048+01 
0.14921578+01 
0. 11981018+01 
0.15043078+01 
0. 15114168+01 
0  15187188+01 
0 . 15239658)01 
0. 15285128+01 
6  15344408+0) 
0. 1540330E+01 
+  5449098+01 

0.15487718+01 
0  15519145+01 
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«**  cass  if i  nut  MWjjcs,  ira«o.z5"< 

£  (la)  Xmu  JLagl*  oo /nr  HAWK 3D 

0.0000000*4-00  0 . 1 169802*402 

O.J02l»?34S-02  0.1462146*402 

0.6122216JT-02  0,145478*8*02 

0 . 9282144E-0*  0.1447733**02 

0.125K34K-01  0.1441131*402 

0.1SB2376S-01  0. 1434819*402 

0.19215331-01  0.1428747**02 

0.226940BE -01  0.1422806**02 

0 , 26265301-01  0.14169114X402 

0.2993435K-01  0.141,1177*402 

0.3370(5(1-01  C.14Q53V1E402 

C.375*746*-C1  0. 1399607*402 

0.415S282E-01  0,1393590*402 

0.4$59852E'0l  0.1387908X492 

0 . 4994046E-0X  0. 1381409*402 

0.5431471E-01  0.1374931X40: 

0.50827762-91  0.13(8209*402 

0.(3465821-01  0.13614.79*402 

0.6829566E-01  0.1354489**02 

0.7326417E-01  0 . 1346834K+02 

0 . 7839799E-01  0. 13390(9*402 

0.8370463K-01  0.1-3311962402 

0 . 8919108E-01  0 .1322983X402 

0.9486523E-01  0.13141221*0? 

0 . 1007346E400  n. 1301097*402 
0 . 1068074E+00  0.12959C7S+02 

0.1130915K+00  0.128S449E+02 

0.11959531.400  C .  1276442**02 
0..-2C3276K+00  '  0 . 1266216**02 

0 . 1332971**00  0.1255771**02 

0 . 1405129**00  0.1245103**02 
0.14.4842**00  0.1234320**02 

0 . 1357207*400  0.122' '94*402 
0.1637321*400  0.1212010**02 

0.1720283E+00  0.1200467*402 

0 . 1806197*400  .  0 . 1169024*402 

0.1695168*400  0 . 1177869*402 

0.1987303*460  0.1166464*402 

0.20S2713E400  0.1154745*402 

0.2131510E400  0. 1142771E+02 

0 . 2283829*400  0 . 1131893E+02 

0.2389730*400  0 . 1121193E402 

0.2499391*400  0.1110237E*02 

0 . 2612916Ev00  0. 1099022F/02 

0.3730431B+30  .  1087614*402 

0.2»52065E+00  0.10'’8580E.'02 

0 .297794SE400  0 . 10t>9245*402 

0.3108208E400  0.1059726E-J02 

0.3242989E400  0 . 1049988E+02 

0 . 3382424E400  0 . 1040803E+02 

0.3526654E400  0 . 103'021E+02 

0 . 3675824*400  0.1027071*^02 

0 . 3630077E  *00  0. 10199S1E+02 

0.3989561E+0'  0. 1012660E+02 

0.41S4420E+0U  0 . 1006703E+02 

0.4124824E+00  0 . 1002793E+02 

0 . 4500906E400  0 . 9987794E*01 

0.4682832E+00  0 . 9946609E+01 

0 . 4870759**00  0 . 99C4369E+01 

J.5064845E+00  0.9879162E+U 

0 . 5265233E+00  o .  3865973E+01 

9 . 5472147E+00  0 . 38524015*01 

0 . 5885689E+00  0 . 9838442E+01 

W . 5906052E+00  0 . 98240B8E*01 

0.6333402E+00  0 . 9822785E*01 

0 . b?6 7909E+00  0 . 9824705E+01 
0 . 66097 I4E+00  0 . 9826684E+01 

0.6859084E+00  0 . 9828720E+01 

0 . 71161U3E+00  0.  ",831109E*01 

0.73809805+00  0 . 9835583E+01 

0 . 7653893E+00  0 . 9840197E-1  01 

0.7935025E+00  0 . 9044938E+01 

0.8224557E+00  0 . 9849733K+01 

0.8522675E+00  0 . 9851915E+01 

0 . 8829572E+00  0 . 98.54139E+01 

0 . 9145432E*00  0 . 9856464E+0 1 

0 . 9470451K+00  0.9857424E+01 

0.9S04824E+00  0 . 9055S''5E+01 

0.1714876E+01  0.98  )44865+01 
0.1U50245E+01  .)  .98S296OE+0J 
0.1386611B+01  0 . 9851375E+01. 

0.1123996E+01  0.9849751E+01 

0.1162420S+01  0.9848134E+01 

0.1201907**01  0 . 9848689E+01 

0 . 1242479E+01  0 . 984«255B+01 

0.1284161E+01  0.984336lE*Oi 

0.132697.-1*01  0 . 9847758E+01 

0.1370952E+01  0.9846121E*01 

0.1416113E+01  0.98S1638E+01 

C.14o24B0K+01  0.9861868S+01 

0.1510-04E+01  0 . 9872426E+01 

0 .1558993E+01  0 . 9883638E+01 

0 . 1609185E+01  0.9895UOE+01 

0.1660713E+01  0 . 9896782E+01 

0.1713S12E+01  0 . 9897194E+01 

0 . 17679.18R401  0 . 9892415E+01 

0.1023666.E+01  0 . 9885565E+01 

0.1880903E+01  C . 9881839*401 
0.1339661*401  0.9879580*401 

0.200''O00S401  0.3887854*401 


*«SI  CASS  #2:  7 AH  ANGUS,  75"; 

*  (in)  Yaw  Angl-i  GD/2W  HAWK3D 

0.0000000*400  0.21(3254*402 

0 . 3029734S-02  0.2145164*402 

0.6122217C-02  0.212(200(402 

-0 . 9282144K-02  0.21080158402 

0 . 12514341-01  0.2090525*402 

0 . 1582376S-0X  0.20735373402 

0.1921533S-C1  0.2057083*402 

0.22694088-01  0.2041211*402 

0.2626538B-01  0.2025582*402 

Q. 2993436E-01  0 .2010303*402 

0 . 337085  4B-01  0.1995306*402 

0 . 3758746E-01  0.1980301*402 

0 . 41582C2E-01  0.1965497*402 

0 . 4569852E-01  0 . 1950715B402 

0.4994045E-01  0.1935781*402 

0.5431471S-01  0.1920766*402 

0 . 5862775B-01  0.1905616*402 

C .6348582*  01  0.1890218*402 

0 . 6829566E-01  0.1874565*402 

0 . 7326417E-01  0 . 1858450E402 

0.7839799**01  0 . 1841J97E402 

0 . 8370463E-01  0.1825208*402 

0.8019108E-01  0.1807984**02 

0 . 9466528E-01  0 . 1769862F.402 

0.1007347*400  0.1771330*402 

0.1068074*400  0.1752383*402 

0.1130915*400  0. 1732933*402 

0.1195953*400  0.1712132*402 

0.1253276*400  0.1690840*402 

0 . 1332971*400  0 . 166 9082E402 

0.1405129*400  0.1646621*02 

0.1479842*400  0.1623210*402 

0.1557207*400  0.1598632*402 

0.1637321*400  0.1573924*402 

0.1720283*400  0 . 1548485*402 

0 . 1806197E400  0.1522335*402 

0.1895168E400  0 . 1495228E+02 

0.1987303*400  0. 1467603E402 

0.2082713*400  0 . 1439462E402 

0 . 2181510E+00  0 . 1410813E402 

0 . 2283809E400  0 . X382134E402 

0.2389730B400  0 . 1353237E402 

0.2499391E400  0 . 1323912E+02 

0.2612916E+00  0 . 1294173E402 

0 . 2730431E+00  0.126403"'E402 

0 . 2852065E400  0 . 1236184E402 

0 . 2977945E+00  0 . 1208165E402 

0.3108208Ev00  0.1179860K+02 

0 . 3242969E400  0 . 1151287E402 

0.3382424E*00  0 . ’ 123367E402 

0  3526654E400  0 . 1099655E402 

0 . 3675824F.+00  0 . 1075757E402 

0.3030077E+00  0 . 1051690E402 

0.3989561*400  0 . 1027468E+02 

0 . 4154426E+00  0.1005902*402 

0 . 4324824E+00  3 . 9892222E401 

0 . 4500905E400  0.9727928B+01 

0.4682832E400  0.93542466+01 

0 . 4870759E+00  0. 9393286E+01 

0.50648+5E+00  0.9262583E+0' 

0.5265253E+00  0 . 9183418E+01 

0.347214  7E+00  0.9103036E+01 

0 . 56856807  +00  0 .  r>021474E+01 
0.5906052E+00  0  3938760E+01 

.0. 6133402E+00  0 . 8916835E+01 

0.6367909E+00  0 . 891 3333E+01 

0.6609744E+00  0 . 8909745E-01 

0 . 6659084E+00  0 . 8906O71E--  O1 

C.7116103E+00  0.8905129E+01 

0.7J09980E+U0  0  893J228E+01 

0 . 7653892E+00  0 . 89580362*01 

0 .7335026E+00  0 . 8985561E+01 

0 . 8224556E+00  0. 9013813E+01 

0. 8522676E+00  0 . 9031527Et01 

0 . 882 9572E+00  0 . 9D49682E401 
C.9145431E+00  0 . 9068300E+01 

9.9J704S1E+00  0 . 9083731E+01 

0 . 9804826E+00  0 . 9092460E+02 

C.1014876E+01  0 , 9101389E+01 

J.1050245E401  0 . 9110691E+01 

0.1086611E+U  0 . 9125311E+01 

0.112399CI+01  0.9140255E+03 

0 . 1162420E+01  0.9155523E+01 

0.1201907E+01  0 . 917  2841E+01 

0.1242479E+01  0 . 9,90526**01 

0  1284161E+01  0.92091C5E+01 

0.1326977E+01  0 . 9230247E+01 

0 . 1570952E+01  0 . 9257  814E+01 

0.1416113E+01  0. 92747^7E+01 

0 . 1462468E+01  0 . 9298811E+01 

0 . 2510104E+01  0 . 9323082E+01 

0 . 1558993**01  0 . 9346277E+01 

0.1C09185E+01  0 . 9369949E+01 

0  1660713E+01  .  •'’45974B+01 

0.1)13612**01  0.9422815E+01 

0.1767918E+01  0.9450607*401 

o . 182366PR+01  0.9493760*401 

U.188090CI401  0.9539863*401 

0 . 7939666E+01  0.959U53E491 

0.2000000*401  0.9629323*401 


A42 


at  ST  CM*  #2:  UUf  JkMOLKS,  X-7.1*;  VO-1.25'/  OD/nf  KAHK3D 
Z  (i«)  Anjl* 

O.OOOOOOOZ+OO  0.28007302+02 
0.30297342*02  0 .27759892+02 

0. 61222162-02  0 .2748203E+02 

9. 92821442-02  0.27212512+02 

0.12514342-01  0. 23949162+02 
0. 15823761-01  0.2670077B+02 

6.  19215331-01  0.264*1078+02 

0 . 22694081-0]  0.26230428+02 

0.2626538E-01  0.2600778X402 

0.2993435B-01  0 .2578690X+02 

0.3370654B-01  0.25575131+02' 

0.37587462-01  0 .25362822+02 

0.41562822-01  O. 28180562+02 

0 . 456/8522-01  0 .24941452+02 

0.49940462-01  O.2472935E+02 

0.54314712-01  0.2451430B+02 

0. 56627762-01  0 .2429694E+02 

0.63485822-01  0 . 2407519E+02 

0 . 68295662-01  0.23848952+02 

0.732)4172-01  0 . 2361473E+02 

0 . 78337992-01  0 . 23372S5E+02 

0. 83704632-01  0.2312S33E+02 

0.89191082-01  0.2287175E-02 

0.94865282-01  O . 22600992+02 
0.10073462+00  0.22321312+02 

0.1068073E+00  0.22034322+02 

0.11309152+00  0.21739672+02 

0 . 11959532+00  0.21422012+02 

0.12632762+00  0 . 21092+02+02 

0.13329712+00  0 . 2''- ',5692+62 

0.14051292+00  0.20406362+02 

0.14798422+00  0.20038012+02 

0.15572072+00  0.19650602+02 

0.16373212+00  0.19253752+02 

0.17202832+00  0.18847382+02 

0.18061972+00  0.18429892+02 

0.18951682+00  0 . 1798939E+02 

0.19873032+00  0.1751014E+02 

0.2082713S+00  0.17082212+02 

0.2181510E+00  0.16615732+02 

0.2283809E+00  0.16143342+02 

0.2389730E+00  0.15666912+02 

0. 24993912+00  0.15184832+02 

0.26129162+00  0 . 1469743E+02 

0 . 2730431B+00  0 . 1420590E+02 

0. 2852065E+00  0 . 13737082+02 ■ 

0.29779452+00  0 . 1327437E+C2 

0.3108208E+00  0.12810802+02 

0 . 32429" 52+00  0.12346732+02 

0. 33824242+00  0.11815652+02 

0. 35266542+00  0 . 1148 4152+02 

0.36758242+00  0.11085232+02 

0 . 30390772+00  0 . 10689202+02 

0. 39895612+00  0.10296352+02 

0.41544262+00  0.99273732+01 

0.4324S24E+90  0 . 9621 4£5E+';1 

0.4500906E+00  0.93150072  ‘•01 

0.46828322+00  0 . 9020172E+01 

0.4870759E+00  0.87251222+01 

0.50648452+00  0.84842772+01 

C  .  52652532+00  0 . 83045631'.+  Cl 

0 . 54721 47E+00  0 . 0126103E  0 1 
0 . 5685689E+00  0.79490152+01 

0 . 5906052E+00  0.77734042+01 

0 . 61334022  +00  0 . 7687548E+01 

0. 6367909E+00  0 . 7640477E+01 

0.6609744E+00  0 . 7593037E+01 

0. 6859084E+00  0 . 754525 1E+01 

0.71161032+00  0.74997752+01 

0.  )380980<S+00  0.75385572+01 

0 . 7653893E+00  0.75781052+01 

0. 7  9350252+00  0 . 761 8418  ;+01 

0. 822455 .'E+00  0 . 765949vE  ^01 

0 . 8522675E+00  0 . 7735413E+01 

0 . 88295722+00  0 . 78) 5300E+01 

0.91454322+00  0 . 7897111E+01 

0.5470431E+C0  0 . 7979478S+  Cl 

0 . 98048282+  00  Q . 80603782+61 

0. 10148762+01  0. 81431732+01 

0.1050245E+01  0.6227879E+01 

0 . 10866112+0)  0.83030332+01 

0.11239962+01  0 . 8379661E+01 

0.11 624202+01  9. 84579525+01 

0 . 12019072+91  0.9313683E+01 

0.  U42479S+01  n  .  85654102+01 

0.1284161E+0)  0  86.746542+01 

0.13269772+C'l  v,  9672352E+01 

0 . 1370952E+C1  0  87209052+01 

0. 14161132+01  0. 87668092+01 

6.14624892+01  0  88167582+01 

0.15101042+0)  0  "8563892+01 

0.15589932+01  .7090152+01 

0.1609185E+01  1625292+01 

0. 16607135+01  u.,.j24076E+01 

0 .17136122+01  0. 90882192+01 

0.17079182+01  0.91507762+01 

0.17236682+01  0 . 9213175E+01 

C. 18809035+01  0.92773552+01 

0 . 1 9396662+01  0.93432362+01 

0. 2000000B+01  0.93997152+01 
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'*  ONERA 

R.  THEROT  -  P.  CHMPIGNY 
Direction  de  l'Aferodynaaique 


1  INTRODUCTION. 

This  paper  deals  with  the  numerical  simulation  of  a  shock  wave  turbulent 
boundary  layer  interaction  in  a  iridimensionnal  channel. This  calculation  has 
been  performed  with  the  configuration  defined  in  the  test  case  n°  2  by  the 
AGARD  working  group  13  :  ’Air  Intakes  for  High  Speed  Vehicles’. 

This  paper  shortly  describes  the  numerical  method  used  and  presents  some 
results  concerning  the  pitot  pressure, static  pressure  and  yaw  angle 
distributions. 


2  NUMERICAL  METHOD. 

The  theoretical  model  for  'his  study  is  the  compressible  Reynolds  averaged 
Navier-Slokes  equations  associated  with  an  algebram  nv'Oiig-length  type 
turbulence  model  [  1  ]-[3). 

The  numerical  method  is  characterized  by  an  explicit  centered  finite 
difference  scheme  associated  with  a  multigrid  convergence  acceleration. 

The  equations  are  discretized  using  a  two-step  Lax-Wendrcff  type 
scheme, the  dissipative  terms  beeing  taken  into  account  according  to 
Thommen’s  idea  [4]. 

The  method  uses  an  algebraic  mixing- length  type  turbulence  model 
developped  by  Michel  et  al.  [5], 

The  local  time  step  used  in  the  computation  takes  into  account  the  CFL  and 
diffusion  limitations. 

3  BOUNDARY  CONDITIONS. 

In  the  upstream  boundary  of  the  domain  the  density, the  three  components 
ol  the  velocity  and  the  total  energy  are  imposed  al  each  mesh- point  These 
distributions  are  constant  in  the  j  direction. As  ihe  boundary  layer  characteristics 
(such  as  density, velocity  and  energy  distributions)  were  not  given  bv  the 
experiment  in  the  initial  plane  X-0.  but  only  m  the  plane  X=3  6  in  ,  a  2D 
boundary  layer  solver  (6|  has  been  used  to  calculate  them 

On  both  wedge  surface  and  tunnel  wail  surface  a  no  slip  condition  is 
applied  and  the  temperature  is  set  at  the  wall-temperature  Tw-1  I  Tio 

On  the  other  boundaries  of  the  domain  a  0-order  extrapolation  is  made 

The  flow  used  in  the  starting  condition  is  constant  in  i -direction  and  equal  to 
Ihe  upstream  How  j.  and  k-direclions. 


4  GRID. 


The  computational  domain  extends  from  X=-0.275  to  X=10.725  in., from 
Yg=0.  to  Yg=7.5  in.  and  from  Z=0.  to  7.5  in. 

The  three  families  of  mesh  planes  have  been  defined  such  that  the  i-planes 
and  the  k-planes  correspond  respectively  to  x-planes  and  z-planes,and  the 
k-planes  to  planes  parallel  to  the  wedge  surface. Figure  1  shows  the  three 
families  of  mesh  planes.The  number  of  mesh-points  is  equal  to 
41x60x60=147,600. 

The  mesh  is  highly  stretched  in  the  j-  and  k-directions  near  thewedge 
surface  and  the  tunnel  wall  surface  for  an  adequate  resolution  of  the  viscous 
layer.The  mesh  size  at  the  wall  is  equal  to  0.55  104  in. .whereas  the  spacing  in 
the  streamwise  direction  is  equal  to  0.275  in.  . 

5  DESCRIPTION  OF  THE  COMPUTATION. 

Tire  CPU  time  on  a  CRAY-2  computer  is  e^ual  to  2.7  seconds  for  one 
iteration  (that  is  to  say  18.4  us  for  one  iteration  and  one  mesh-point)  .A  plotting 
accuracy  and  a  three-decade  decrease  of  the  residuals  are  obtained  after  6,000 
iterations. 


6  RESULTS. 

Figures  2  to  5  present  the  static  pressure  distributions  in  the  plane  Z-0.They 
show  some  differences  between  calculation  and  experiment,  particularly  in  the 
viscous  area  near  the  shock. 

Figures  6  to  12  present- the  pilot  pressure  distributions  in  the  planes  X=3.6 
in.  and  X=7.1  in.  There  is  a  rather  good  agreement  between  calculation  and 
experiment  except  in  the  laminar  part  of  the  boundary  layer  near  the  wed^ 
surface 

Figures  13  to  15  present  the  yaw  angR  distributions  in  the  plane  X=7. 1  in. 
Here  the  agreement  between  calculation  and  experiment  is  better  though  the 
yaw  angle  is  difficult  to  measure  and  caiculale.bccing  the  quotient  of  two 
velocities  that  approache  zero  near  the  walls. 
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Figure  9  :  Pitot  pressure  X-5.6  in.,yg»5.4  in. 
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Figure  14  :  Yaw  angle  X=7.1  in.,Yg=0.75  in. 


0  experiment 
-  analysis 


l 

in 

_L. _ _ _ i _ I _ 1 _ I 

0.4  0,8  1.2  1.6  2.0 


Figure  IS  :  Y<  ang.e  X-7.1  in.,Yg«1.2S  an. 


Miitl 


A.  CFD  Methodology 

Applied  code  -  AEDC  PARC3D  (Version  5.0).  Reference 
AIAA-90-2002. 

Standard  ideal  gas  assumptions 

P.  D.  Thomas  type  implementation  of  algebraic  Baldwin  & 
Lomax  model.  Reference  NACA-CR-3147  &  AIAA-78-257. 

B.  Computer  Resources 

7.75  cpu  hours  on  a  CRAY  XMP-12 
2000  iterations 

7  computational  blocks  each  requiring  approximately  1.8 
megawords  of  memory.  Each  block  contained  approximately 
50000  grid  points. 

C.  Boundary  Conditions 

Inflow  plane  held  fixed  to  a  boundary  layer  profile 
generated  from  the  total  pressure  profile  supplied  by  AGARD 

outflow  subsonic  static  pressure  adjusted  to  match  the. 
supersonic  outflow  static  pressure.  Supersonic  outflow 
conditions  were  extrapolated. 

Wedge  and  tunnel  side  walls  were  treated  as  viscous.  -Tunnel 
top  and  bottom  walls  were  slip  surfaces. 

D.  Convergence 

3  orders  of  magnitude  reduction  in  the  L-  norm 

Asymptotic  convergence  of  the  P*roTAL  plots  along  surfaces  of 
interest 

E.  Calculation  Integrity  Checks 

No  global  mass  conservation  checks  were  performed. 

F.  Experience/Difficulties 

Results  exhibited  sensitivity  to  grid  packing/cell  aspect 
ratio  in  the  boundary  layer. 

Cell  Reynolds  number  scaling  was  applied  to  artificial 
viscosity  coefficients. 


A  solutions  was  generated  for  this  test  case  usina  the  AEDC  FARC 
code.  A  single  grid  with  dimensions  of  83  x  71  x  67  covered  the  entire 
flow  domain.  Due  to  limited  in-core  memory,  the  flow  domain  was 
decomposed  into  seven  nearly  equal  subdomains.  Communications  between 
subdomains  i_  bandied  automatically  by  the  PARC  code.  The  upstream 
inflow  boundary  was  held  fixed  using  turbulent  layer  information 
provided  in  the  initial  information  package.  The  surface  of  the  wedge 
was  modeled  as  a  slip  surface,  while  the  tunnel  side  wall  was  a  no-slip 
surface.  Additional  information  on  the  code  and  solutions  may  be 
obtained  by  contacting  either  Kyle  Cooper  (615)  451  5821  cr  Jim 
Sirbaugh  (615)  454-3478. 
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Three-Dimensional  Viscous  Flow  Computations  of  High  Area  Ratio 
Nozzles  for  Hypersonic  Propulsion  ...• 

D.Ro  Reddy*  and  G.J.  Harloff** 

Sverdrup  Technology  Inc . ,  NASA  Lewis  Research  Center  Group 

Cleveland,  Ohio 

Abstract 

The  PARC3D  code  was  selected  by  the  authors  to  analyze  a  variety 
of  complex  and  high  speed  flow  configurations.  Geometries 
considered  for  code  validation  include  ramps  end  corner  flows  which 
ars  characteristic  c 2  inlets  and  nozzles.  Flows  with  Mach  numbers 
of  3  to  14  were  studied.  Beth  two-  and  three-dimensional 
experimental  data  for  shock-boundary  layer  interaction  were 
considered  to  validate  the  code.  A  detailed  comparison  of  various 
flow  parameters  with  available  experimental  data  is  presented,1 
agreement  between  the  solutions  and  the  experimental  data  in  terms 
of  pitot  pressure  profiles,  yaw  angle  distributions,  static 
pressures  and  skin  friction  is  found  to  be  vary  good.  In  addition, 
two  and  three-dimensional  flew  calculations  were  performed  far  a 
hypersonic  nozzle.  Compirison  of  the  wall  pressure  results  with  the 
published  solutions  is  made  for  the  twc-dimensional  case. 

*Suuervisor,  Turbomachinrry  Analysis  Section,  Member  AIAA 

**Senior  Staff  Scientist,  Associate  Fei.lo„  AXAA. 


Introduction 


Accurate  evaluation  of  nozzle  performance  is  essential  in 
hypersonic  propulsion  because  the  net  thrust  is  very  sensitive  to 
nozzle  performance.  Highly  integrated  fuselage/nozzle 
configurations  may  experience  complex  Interactions  of  shodks, 
turbulent  mixing,  differing  levels  of  under/ over  expansion,  and 
possibly  boundary  layer  separation.  A  numerical  method  has  been 
selected  and  used  to  examine  the  flow  phenomena  mentioned  above. 
The  model  is  calibrated  herein  using  available  experimental  data 
in  two  and  three  dimensions. 

The  PARC3D1  code,  selected  by  the  authers  for  this  study,  solves 
the  full,  three-dimensional,  Reynolds-averaged  Navier-Stokes 
equations  in  strong  co.-'orvation  form  with  the  Beam  and  Warming 
approximate  factorization  algorithm.  The  implicit  scheme  uses 
central  differencing  for  a  curvilinear  set  of  coordinates.  The  code 
was  originally  developed  as  AIR3D  by  Pulliam  and  Steger*;  Pulliam3 
later  added  the  Jameson4  artificial  dissipation  and  called  the  code 
ARCJP. 

Cooper1  adapted  the  ARC3D  cod©  for  internal  propulsion  applications 
and  named  the  code  PARC3D.  Cooper  et.  al.5  applied  a  two 
dimensional  version  of  PARC  to  a  trumpet  and  a  conical  nozzle  with 
a  throat  Reynolds  number  of  12,000.  The  ground-tested  nozzles  had 


expansion  ratios  of  362  and  400,  and  exhausted  into  low  pr  tssures 
of  3,8  x  10'7  to  6.2  x  10'8  psia.  They  concluded  that  the  PARC  code 
provided  reasonable  flowfields  for  the  cares  studied. 

In  order  to  gain  confide  'ce  with  the  1ARC3D  code  for  high  spsed 
applications,  some  shock-boundary  layer  experimental  data  and  a 
published  nozzle  flowfieid  results  were  selected  in  the  present 
study  for  code  validation.  Both  two  and  vnree-dimensional 
experimental  data  for  shock-boundary  layer  interaction  were 
considered;  a  detailed  comparison  .„•£  various  flow  parameters  is 
presented.  In  addition,  two  and  three-dimensional  flow  calculations 
were  performed  for  a  hypersonic  nozzle.  Comparison  of  the  wall 
pressure  resuxts  with  the  published  solutions  were  made  for  the 
two-dimensional  case;  the  solutions  agree  very  well  with  the 
experimental  data  for  the  shock-boundary  layer  interaction  cases 
and  with  other  numerical  solutions  for  the  hypersonic  nozzle 
configuration. 

Previous  Studies 

Shock-Boundary  Layer  Interaction 

Many  researchers  have  studied  two  and  three-dimensional  shock 
boundary  layer  interactions  in  the  past.  For  example,  Visbal6 
evaluated  the  Baldwin-Lomax  turbulence  model  for  a  two-dimensional 
Mach  3  compression  comer  with  a  Reynolds-averaged  Navier-Stokes 


computer  program.  He  examined  attached  and  separated  flows  and 
concluded  that  some  of  the  constants  in  the  outer  formulation  of 
the  Baldvin-Lomax  model  are  dependent  on  the  flow  Mach  number. 
Horstman7  presented  experimental  and  theoretical  three-dimensional 
solutions  for  a  family  of  fin-induced  shock  wave  turbulent  boundary 
layer  interactions  with  separated  flow  at  Macb  number  2.94  with  fin 
angles  from  10  to  20  degrees;  he  used  the  MacCormack  explicit 
second  order  predictor-corrector  finite  volume  method.  Knight8,9  used 
a  hybrid  explicit- implicit  method  to  solve  the  three-dimensional 
sharp  fin  interaction  at  Mach  3  with  a  wedge  angle  of  10  degrees. 
Lawrence  et.  a?  .10  presented  an  upwind  scheme  for  parabolized 
Navier-Stokes  equations  and  calculated  the  /lowfields  for  a  15 
degree  compression  corner  and  a  hypersonic  inlet. 

Anderson  nd  Benson1  studied  three-dimensional  shock  boundary  layer 
interactions  in  calibrating  a  single  sweep  space  marching  code, 
PEPSIS.  They  showed  good  comparisons  for  the  Oskom  et.  al.12  three- 
dimensional  shock  boundary  layer  configuration. 

Holden  and  Moselle18  studied  experimentally  several  two-dimensional 
ramp  configurations  in  hypersonic  flow.  Hung  and  MacCormack14,  as 
well  as  Lawrence  and  Tannehill10  have  previously  computed  the 
flowfield  for  a  few  of  Holden  and  Moselle's13  ramp  configurations. 


Nozzles 


Dash  et.  al.16  presented  a  parabolized  Navier-Stokes  nozzle 
capability  in  two  and  three-aimensions  to  calculate  mixed  super  and 
subsonic  flows.  Pressure-split  and  sublayer  approximations  were 
used  to  obtain  solutions  by  spatial  marching.  A  method  of 
characteristics  study  by  Lewis16  examined  a  cutoff  nozzle  to 
investigate  the  effect  of  internal  to  external  expansion  on  thrust- 
vectored  lift  of  asymmetric  nozzles  with  a  truncated  lower  cowl. 

Code  Validation 

In  order  to  assess  the  capability  of  the  PARC3D  code  in  simulating 
the  interaction  phenomena  characterist j  o  of  hypersonic  nozzle  flow, 
some  shock-boundary  layer  experimental  data  and  a  published  nozzle 
flowfield  study  were  selected  for  comparison.  Both  two  and  three- 
dimensional  shock-boundary  layer  interaction  experimental  data  were 
considered.  Two  sets  of  data  were  examined,  the  three-dimensional 
flowfields  of  Oskam,  Vas,  and  Bogdonoff15  at  Mach  2.94,  and  the  two- 
dimensional  flow  of  Holden  and  Moselle15  at  Mach  14.1. 


Results  and  Discussion 


Three-Dimensional  Shock- Boundary  Layer  Calculations  at  Mach  2.94 

Figure  1  shows  the  schematic  of  the  experimental  three-dimensional 
configuration  from  reference  12.  The  details  of  the  experimental 
rake  locations  can  be  found  in  references  11  and  12.  The  data 
measured  include  yaw  angle  as  well  as  static  and  pitot  pressure 
profiles.  In  the  experimental  setup,  the  wedge  was  mounted  o 'f  the 
wall  to  avoid  the  wall  boundary  layer  at  the  leading  edge  cf  the 
wedge;  however,  the  boundary  layer  on  the  side  wall(Z=0) ,  was 
undisturbed  in  the  entry  plane.  The  wedge  angle  was  10  degrees  as 
shown  in  Figure  1.  Th^  freestream  Mach  number  was  2.94,  auo  the 
Reynolds  number,  based  on  win.’  tunnel  test  section  height  M.  in 
or  20.32  cm.)  and  total  conditions,  was  58.9  x  l(f . 

The  computational  grid  used  in  this  study  was  121  x  81  x  4 ' .  To 
assess  grid  resolution  effects  on  the  solution,  a  finer  me^h  of 
121  x  101  x  61  was  also  used.  Symmetry  was  assumed  ir  the 
transverse  Z  direction  in  the  computations.  In  these  computat  ons, 
a  small  flow  angularity  in  the  Y  <.  recti  on,  up  to  a  maximum  of  1 
degree,  was  specified  to  account  for  the  normal  velocity  due  to  the 
boundary  layer  growth  upstream  of  cha  wedge. 


Plots  of  static  pressure  rake  surveys  are  shown  in  Figure  2-a  for 


A78 


the  ccarse  grid  case,  for  the  rake  location  of  5.1  in.  (12.95  cm.) 
and  for  different  distances  from  the  weuge,  YG  (see  Figure  1) . 
Reasonable  agreement  of  the  solutions  with  the  experimental  data 
can  be  seen  from  the  comparison.  The  corresponding  fine  grid 
solution  is  shown  in  Figure  2-b.  As  expected,  the  agreement 
between  the  solution  and  the  data  improves  with  the  finer  grid, 
especially  near  the  wall.  Yaw  angle  distributions  for  rake 
locations  of  5„1  and  7.1  in.  (12.95  and  18.03  cm.)  are  shown  in 
Figures  3-a  and  4-a  for  the  coarse  grid.  Good  agreement  is  also 
evident  for  the  yaw  angles.  In  the  near  wall  region ,  the  finer 
grid  results  show  much  better  agreement  as  shown  in  Figures  3-b  and 
4-b  respectively.  Note  that  the  20  degree  variation  of  yaw  angles 
through  the  sidewall  boundary  la/er  is  well  predicted  by  the 
theory.  Pitot  pressures,  presented  as  the  ratio  of  local  pitot 
pressure  the  freescream  pitot  pressure,  through  the  boundary 
layer  at  rake  locations  of  5.1  and  7.1  in.  (12.95  and  18.03  cm.) 
are  presented  for  die  coarse  arid  case  in  Figures  5-*a  and  6-a  *  the 
computed  and  experimental  pitot  pressure  values  agree  well  ir.  the 
outer  portion  of  the  boundary  layer,,  farther  than  0.25  ir  0.61 
cm.)  f^om  the  wall.  The  fine  grid  results  presented  in  Fi  ^res  5- 
b  and  6-b  show  much  better  agreement  near  the  wall  than  trie  coarse 
grid  results.  Additional  grid  refinement  in  the  sho.tr -ooundary 
layer  interaction  region  away  from  the  wall  should  furt  :er  improve 
the  comparison.  Studies  involving  different  amounts  of  artificial 
viscosity  were  performed  with  little  effect  on  the  rssu1 ts. 


Two-Dimensional  Shock-Boundary  Layer  Interaction  at  Mach  14 

The  two-dimensional  experimental  data  of  Holden  and  Moselle13  at 
Mach  14  were  used  as  a  hypersonic  test  case.  The  leading  edge  flat 
plate  was  1.44  ft.  (43.8<*  cm.)  long,  the  ramp  angle  18  degrees,  t-.rl 
the  ramp  length  1.14  ft.  (34.75  cm.) .  The  Reynolds  number  per  foot 

•t* 

based  on  total  conditions  was  22.2  x  106.  The  computational  grid 
used  in  the  present  study  was  399  x  99. 

The  predicted  surface  pressure  coefficient  is  shown  in  Figure  / 
compared  to  the  test  data;'  good  agreement  is  evident  from  the 
comparison.  The  flow  was  assumed  to  be  laminar  in  these 
calculations  The  skin  friction  distribution  along  the  ramp  surface 
is  shown  in  Figure  8;  the  agreement  with  experimental  data  is  very 
good;  Note  that  a  small  region  of  reversed  flow,  just  upstream  of 
the  ramp  corner,  can  be  seen  from  the  negat  .ve  skin  friction  values 
in  Figure  8  , 

Nozzle  Flowfield  Calculations 

Geometry 

The  three-dimensional  nozzle  is  shown  schematically  in  Figure  9 
(iron  Spr-'?d3  y  et.  al.18).  The  nozzle  length  is  six  entrance  nozzle 


heights  and  the  upper  wall  is  linear  with  a  20  degree  slope.  The 
lower  splitter  length  is  th**ee.  The  lower  wall  is  horizontal  up 
^.o  one  nozzle  height  where  the  wall  expands  at  a  six  degree  angle 
(see  Figure  9) .  The  2-D  geometry  expressions  were  taken  from  ref. 
19,  and  the  3-D  geometry  considered  for  the  computations  was  taken 
from  ref.  18.  Note  that  the  aft  portion  of  the  nozzles  differs 
from  that  of  ref.  19. 


Two-Dimensional  Flowfield  Calculations 

Two  dimensional  nozzle  flowfield  calculations  are  presented  for  the 
nozzle  analyzed  by  Spradley  et.  al.18.  The  same  region  of  flow  that 
was  analyzed  by  Spradley  et.  al.  is  analyzed  here,  i.e.,  to  six 
nozzle  entrance  heights  in  the  flow  direction.  The  grid  used  in 
the  present  computation  was  199  x  99. 

The  nozzle  enti’ance  flow  was  assumed  to  be  uniform.  The  ratio  of 
specific  heats  was.  1.27  for  both  streams.  The  nozzle  entrance 
velocity  was  1610  m/sec.  the  static  pressure  3206.3  Pa,  the  static 
temperature  2311  deg.  K,  and  the  Mach  number  1,657.  The 
corresponding  frees trees  values  were  1765  m/sec,  506.2  Pa,  261  deg 
K,  and  5.0,  respectively18.  The  upper  wall  static  pressures  are 
shown  in  Figure  10.  Also  showri  in  the  figure  are  values  from  the 
GXH  cods,  the  Seagull  code,  and  a  method  of  characteristics  code 
(MOC) .  pressures  near  the  nozzle  entrance  are  in  agreement 


A79 


>  ■ '  m 


with  the  GIM  results,  and  are  higher  i~  the  aft  region.  The 
inviscid  results  of  Seagull  and  MOC  lie  1  cween  the  current  viscous 
solution  and  the  GIM  solution  in  this  :  gion. 


The  predicted  flowfield  is  presented  in  terms  of  Mach  number, 
static  pressure,  total  pressures  contours,  and  velocity  vectors  in 
Figures  11  to  14,  respectively.  The  contact  surface  between  the 
nozzle  flow  and  the  freestream  is  evident  in  the  total  pressure 
contour  plot.  The  corresponding  variation  in  the  Mach  li;ws  xr. 
shown  in  the  Mach  number  contours.  Note  that  the  jet  is  deflected 
downward,  as  shown  in  the  %relocity  vectors,  indicating  th^.t  the 
nozzle  flow  is  underexpanded. 


Three-Dimensional  Nozzle  Flowfield  Calculations 


The  3-D  geometry  is  similes  to  the  2-D  geometry  in  that  the  lower 
cowl  has  a  6-degree  expansion  and  a  upper  wa.l.  The  outer 
nozzle  wall  expands  by  6  degrees. 


'’’he  following  boundary  conditions  were  used' 


1)  no  slip  on  all  walls,  adiabatic  wala  temperature  (no  slip  was, 
specified  ail  along  the  top  surface) 

?)  freestream  boundary  at  Z  -  6  (out  ~  boi  dary  . ,i  Z  direction) 

3)  freestream  boundary  at  Y  -  ~3  (lower  bounv..  ry  n  Y  direction) 
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4)  extrapolated  conditions  at  the  exit 

5)  symmetry  at  Z  ®  0  (inner  boundary  in  Z  direction) 

The  same  nozzle  entrance  and  freestream  conditions  as  those  of  the 
2-D  configuration  are  used  here.  The  computational  grid  used  for 
this  configuration  was  111  x  61  x  51. 

The  flowfield  is  presented  in  terms  ot  Mach  and  static  pressure 
contours  in  Figures  15  to  18,  at  planes  Z  =  0.-173  and  1.C6  nozzle 
heights,  respectively.  The  nozzle  width  is  one  nozzle  height.  The 
0.473  plane  is  close  to  the  nozzle  center  and  the  1.06  plane  is 
just  outside  the  nozzle.  The  canter  plane  flowfield  is  similar  to 
the  2 -dimensional  flowfield  presentecx  in  Figures  11  and  12.  The 
1.06  plane  shows  1  e  effect  of  the  side  relief  on  the  flowfield. 

Summary 

The  PARC3D  code  has  been  validated  for  a  variety  of  complex  and 
high  speed  flow  configurations.  The  results  were  compared  with 
experiments 11  data  where  possible  with  very  good  aareement  and. 
reveal  that  the  code  can  handle  a  wide  variety  of  geometries, 
including  ramps  and  corner  rlows  characteristic  of  inlets  and 
nozzles  ^iows  with  Hach  numbers  of  3  to  14  were  studied;  phenomena 
of  shock-boo. idary  layer  interaction  and  shear  layer  mixing  ware 
considered.  Tres.  this  study  demonstrates  the  capability  of  the 
PA.kc  code  to  analyze  three-dimens  t  onal  .  ,.ocous  flows  through  high 
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spe&id  propulsion  components  of  practical  4~t_rest . 
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A  three-dimensional  supersonic  Parabolized  Navicr-Stokes  code  has  been  usea  to 
investigate  the  glancing  shoclyboundary  layer  interaction  of  Oskan..  Vas  and  Bogdonoff.. 
Parametric  studies  of  grid  resolution,  boundary  conditions,  and  turbulence  modeling 
have  been  conducted,  although  the  results  presented  here  represent  the  best  of  these 
calculations.  The  results  indicate  a  significant  three  dimensional  effect  exists  for  this 
simple  two  dimensional  geometry.  The  comparison  with  experimental  data  is  quite  good, 
if  sufficient  grid  resolution  is  used. 


The  three-dimensional  supersouc  viscous  marching  analysis  used  in  this  study  is  the 
PEPSIS  code.  The  code  solves  the  PNS  equations  for  supersonic  flow  by  an  efficient 
Briley-McDonsM,  linearized  block  implicit  scheme.  The  cod.,  sor  is  for  the  flowfield  in 
a  single  sweep,  ern  be  tun  with  a  variety  of  turbulence  models,  in  either  two  or  three, 
dimensional  mode,  and  can  eithei  solve  die  energy  equation  or  impose  constant 
stagnation  enthalpy.  The  two  dimensional  result  presented  in  the  enclosed  figures  was 
run  on  a  CRAY- IS  at  the  Lewis  Research  Center  on  a  61X41X200  grid  with  constant 
stagnation  enthalpy  imposed,  each  flow  computation  required  about  2.5  minutes  of  CPU 
time  with  much  more  time  used  to  refine  grids,  post  process  results,  etc.  The  turbulence 
mods)  used  in  (his  calculation  is  the  standard  McDonald-Camaraia  mixing  length  model 
The  calculation  was  started  with  uniform  free  stream  conditions  and  a  turbulent  boundary' 
layer  profile  on  the  wall  as  specified  in  the  report,  'ibis  case  was  run  fully  turbulent.  The 
grid  generated  for  this  case  was  an  orthogonal-curveimear  grid  whicn  fillets  the  sharp 
leading  edge  of  the  wedge. 


While  providing  comparisons  with  the  experimental  reslusts,  we  have  included  an 
additional  particle  tracing  plot  of  this  interaction  to  demonstrate  some  of  the  power  of 
CFD  in  visualizing  and  understanding  complex  three-dimensional  flow  problems.  In  this 
figure,  particles  are  released  upstream  of  the  wedge  leading  edge  and  in  a  line  normal  to 
wall.  Those  particles  released  closest  to  the  wedge  are  seen  to  be  splayed  out  and 
dispersed  over  the  entire  plate  downstream.  Those  that  are  released  far  from  the  wedge, 
but  low  in  the  boundary  layer,  are  swept  up  and  spread  by  the  cross  flow.  Those  that  are 
released  far  from  the  wedge  but  out  of  the  boundary  layer  rise  up  and  over  the  cross  flow 
and  are  turned  by  the  inviscid  shock  wave. 
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ABSTRACT 


This  report  details  the  evaluation  of  RANSAC  (3  Reynolds 
averaged  Navier-Stokes  afterbody  code,  developed  by  the  CFD 
group  at  Sowerby  Research  Centre,  British  Aerospace)  on  two 
flows  through  a  single  geometry,  circular  cross  section, 
"s-shapod  diffuser.  Results  are  compared  with  experiment 
wherever  possible  and  it  is  shown  that  agreement  is  good  for 
the  Mach  0.412  case  and  less  quantitative  for  the  Mach  0.794 
case.  For  both  flows  the  qualitative  characteristics  are 
predicted  well.  It  is  thought  that  much  of  the  discrepancy 
is  due  to  the  coarseness  of  the  computational  mesh. 

1.  Introduction 

The  C?D  group  at  the  Scwerby  Research  Centre,  British 
Aerospace  has  developed  a  three  dimensional,  finit  volume, 
Reynolds  averaged  Navier-Stokes  afterbody  code  (RANSAC). 
Originally  designed  for  use  with  afterbodies  and  jets  it  is 
sufficiently  general  to  model  most  aerodynamic  flows.  Two 
different  mass  flow  rates  through  a  single  geometry  diffuser 
were  studied  : 

1)  AGARD  test  case  3.1/3537 

Inflow  Mach  number  (at  onset  of  s-bend)  =  0.412 

2)  AGARD  test  case  3.2/3532 

Inflow  Mach  number  (at  onset  of  s-bend)  *  0.794 

For  brevity  these  cases  will  be  refered  to  as  'slow'  and 
’fast'  respectively. 

All  calculations  have  been  performed  on  the  British 
Aerospace  CRAY-YMP. 

2.  The  Model  and  Conditions  Considered. 

The  model  consists  of  an  s-sectioned  diffusex*  of  circular 
cros-section  with  a  cowl  lip  and  a  forward  pare.llel 
extension  at  inlet  and  a  'bullet1  shaped  insert  at  the 
engine  face  (outlet).  In  order  to  simplify  calculations  and 
to  reduce  the  required  run  times,  the  geometry  modelled 
consisted,  of  only  the  s-sectioned  diffuser  with  the  engine 
bullet.  The  symmetry  of  the  duct  rendered  it  necessary  fo 
model  only  half  the  full  three  dimensional  configuration. 

All  geometry  specifications  were  taken  from  [  1  },  due  to 
apparent  errors  with  the  data  stored  on  magnetic  tape, 
reference  [  2  ] . 

Inlet  conditions  required  by  the  code  are  static  pressure, 
static  temperature,  the  three  components  of  velocity  and  the 
turbulent  energy  all  across  the  entire  inlet  plane.  Inlet 


conditions  were  therfore  estimated  by  assuming  a  constant 
total  pressure  thus  giving  static  conditions  at  the  onset  of 
the  s-bend.  These  conditions  vere  then  assumed  constant  over 
the  inlet  plane  and  the  boundary  conditions  adopted  within 
the  code  were  allowed  to  alter  these  values  as  downstream 
conditions  dictated,  full  potential  plus  boundary  layer 
calculations  (supplied  by  hr.  L>  Goldsmith  of  ARA) 
demonstrated  little  velocity  variation  or  deviation  from  the 
parallel  across  the  pane  concerned  and  thus  the  inlet 
conditions  adopted  were  deemed  sufficient. 


3.  Grid  Generation 


Initial  grids  generated  were  ?0  x  12  x  12  cells  (axial, 
radial ,  circumfex-ential )  and  included  the  forward  extension 
pipe  and  a  crude  representation  of  the  cowl  lip.  It  was 
clear  however  that  in  order  to  accuratly  model  the  flow  over 
the  cowl  lip  and  through  the  forward  extension  a  large  area 
surrounding  the  lip  needed  to  be  include  in  the 
computational  domain.  As  this  would  necessitate  the  use  of  a 
large  number  of  cells  and  consequently  greatly  increase  the 
computer  effort  required,  the  cowl  lip  and  forward  extension 
models  were  abandoned  and  the  mesh  begun  at  the  onset  of 
the  s~bend. 

A  limited  grid  depenriarscy  study  was  carried  out  eventually 
arriving  at  a  single  grid  for  both  the  fast  and  slow 
calculations.  It  consists  of  80  x  24  x  22  cells 
(axial,  circumferential,  radial). 

4.  Run  Times 


Test  case 
Cray  CPU 
Case 


3.1/3537  (slow) 

16,544  seconds 

100  global  iterations,  turbulent,  isenthalpic. 


Test  case 
Cray  CPU 
Case 


3.2/3532  (fast) 

16,500  seconds 

100  global  iterations,  turbulent,  isenthalpic. 
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ABSTRACT 


This  paper  outlines  the  basic  algorithm  implemented  within  the  Reynolds  Averaged  Navier- 
Stokes  code  RAN'SAC.  The  algorithm  is  a  three  dimensional,  cell  centred,  finite  volume, 
implicit,  pressure  correction  method.  The  pressure  correction  procedure  is  taken  from  that 
o^C.M.  Rhie  (Ref.ll.  RANSAC  uses  a  ’multiblock'  input  geometry  wheieby  the  flow  field  is 
split  into  many  simple  'blocks'  to  enable  the  modelling  of  complex  designs  and  a  multigrid 
solver  is  available  for  use  with  the  pressure  equations.  This  paper  will  detail  the  basic  flow 
field  equations,  the  differencing  scheme,  the  pressure  correction  procedure,  the  treatment  of 
boundary  conditions  and  the  dissipation  type. 
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NOMENCLATURE 


1  THE  FLOW  HELD  EQUATIONS 


The  Reynolds  Averaged  Navier  Stokes  equations  can  be  written  in  the  form: 
CONTINUITY 
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The  Standard  ke  model  of  Launder  &  Spalding  l Ref")  gives  equations  for  :he  turbulent 
energy  k  and  the  turbulent  dissipation  e  as 
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The  above  five  sets  of  equations  may  all  be  written  in  the  form  of  a  general  transport 
equation: 
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for  the  dependant  variable  4>  and  the  con  esponding  non-linear  source  term  S* 


The  general  transport  equation  1 1.6)  tan  be  written  m  computational  coordinates  »U q.C  «s 
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where  J  is  the  Jacobian  of  the  transformation. 

The  'ource  term  S  incorporates  all  the  non-normal  diffusive  fluxes  through  the  faces: 

s  =  ^  n  +  jrp2<t»(  ^  u'8) 

+  ^p24>n  .  +  Jrp3^  {  +  </rp3<$,(  t 

The  general  transport  equation  can  then  be  integrated  over  each  finite  volume.  The 
resulting  equation  is  a  form  of  difference  equation  which  may  be  linearised  and  solved  by 
application  of  a  suitable  differencing  scheme. 

2  THE  DIFFERENCING  -SCHEME 

In  terms  of  the  linearised  coetiici’nts  the  general  transport  equation  ll  6!  becomes 

Vp  =  ‘V,  +  Aw  ❖a.  +  A.v  K  +  *  Mi  (2  11 

+  AB  *^6  ^general  ^  wilumf 

where  A,  are  the  influence  coefficients  at  cell  centres  (E  -  East  cell.  W  =  West  cell, 
etc) 

The  'i.fferencing  scheme  applied  is  termed  the  'hybrid’  difference,  whereby  central 
differences  are  taken  for  slow  flows  and  upwinding  is  ensured  for  fast  flows  The  influence 
coefficients  are  defined  as  follows. 
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where  lower  case  subscripts  refer  to  .--el.  faces, 
upper  case  subr-tripts  i  c-fer  to  cell  centres. 
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F  is  the  convective  flux  and 
Ois  the  diffusive  (lux 

Ar  over  relaxed  red-black  (ORBR)  matrix  solver  is  used  to  solve  for  the  dependant  variable 


THE  PRESSURE  CORRECTION  TECHNIQUE 

After  obtaining  solutions  to  the  momentum  equations  (the  3  components  of  velocity)  it  is 
necessary  to  sati  ;fy  conservation  of  mass  flow  (the  continuity  equation).  This  is  achieved  by 
means  of  the  pressure  correction  procedure  due  to  C  M.  Rhie  (Ref.l)  and  is  detailed  in 
Mackenzie  (Ref.3).  It  serves  to  update  the  pressure.density  and  velocity  fields  in  such  a 
manner  that  continuity  is  satisfied 

The  correction  to  the  pressure  density  and  velocity  is  found  by  perturbation.  For  step  one: 


PSEW 

-  POI.D 

-  P' 

PNtvV 

-  POLD 

P' 

(3  l 

'J,SEW 

=  “iOLD 

u/ 

The  pressure  and  density  updates  are  linked  via  ihe  ideal  gus  equation  such  that: 


Mackenzie  (Ref.3)  detai's  the  derivation  of  the  velocity  at  the  centre  of  a  cell  <5>  as: 
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with  similar  expressions  for  uip,  U3P.  the  other  components  of  velocity. 


The  continuity  error  (the  difference  in  mass  flux  entering  and  leaving  the  cell)  may  then  oe 
expressed  in  terms  of  p'.  Py  assuming  for  a  first  approximation  that  all  cross  derivatives  of 
the  pressure  perturbation  are  negligible  and  that 


the  resulting  equation  may  then  be  converted  into  the  general  transport  format  of  i  l  81  It 
can  then  be  solved  in  a  like  manner  to  those  of  momentum. 
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The  second  pressure  correction  takes  account  of  non-rero  cross  derivatives  of  the  pressure 
perturbation  (arising  from  grid  non-orthogonalities) 

PNEW  =  P0LD  +  P'+  P"  (3'5) 

By  assuming  that  cross  derivatives  of  the  second  pressure  perturbation  are  negligible  and 
that: 


«  A 


\U  '  *  U  ")  xr  0 


(3.6) 


V  _JL  ’  y  y 

jT  i  np 

then  again  the  resulting  equation  may  be  expressed  in  the  general  transport  format  of  it  8) 
and  solved  as  for  the  first  pressure  correction. 


The  third  pressure  step  allows  for  the  effect  of  the  velocity  variations  on  the  mass  How  field 


P SEW  77  P0U>*  P  +  P  +  P 


<3  7) 


As  ir.  previous  pressure  steps  it  is  assumed  that  cross  derivatives  of  the  second  and  third 
pressure  perturbations  are  negligible  and  that: 

(/  ~  =  0  <3.8! 

I 

Again  the  resulting  equation  can  be  expressed  in  the  form  of  ( I  6)  and  solved  as  in  previous 
pressure  steps 


THE  TREATMENT  OF  BOUNDARY  CON D1T10NS 


There  are  four  types  of  boundary  condition  considered  within  the  code 

(1)  Solid  surface 

(2)  Par  field  (free  stream) 

1 3)  Symmetry  plane 

(4)  Inflow/Outflow 


l 
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On  solid  surfaces  the  velocity  is  set  to  zero  and  hence  the  convective  j|nd  diffusive  fluxes  al»o, 
while  a  zero  pressure  gradient  is  enforced  between  the  cell  centre  and  the  surface  (for  which 
it  is  assumed  that  the  first  celllies  witum  the  boundary  layer).  A  function  is  introduced 
to  deal  with  the  turbulent  quantities  in  the  near  wall  region  (where  the  k-c  turbulence  model 
breaks  down).  The  function  adopted  is  based  on  a  one  dimensional  Couette  flow  assumption 
which  imnl«es  a  constant  shear  stress  and  no  streamwise  pressure  gradie  nt  in  the  near  wall 
region  (where  the  k-c  turbulence  model  breaks  down). 

Far  field  require  a  fixed  pressure  and  a  zero  normal  gradient  for  al!  other  flow  variables 

Symmetry  planes  force  a  zero  normal  gradient  on  the  dependant  variable 

Inflows  arid  outflows  are  treated  as  entropy  conserving  Riemann  invariants  except  for 
supersonic  inflows  where  all  static  conditions  are  specified  Each  individual  ceil  is 
interrogated  to  determine  its  state  (inflow  or  outflow,  sub  or  supersonic!  in  order  to  allow 
variations  across  these  pianes 

All  boundary  conditions  are  implemented  by  the  use  of  halo  cells  These  halo  cells  are 
internally  generated  and  surroynd  the  entire  working  domain 

On  interblock  boundaries  no  explicit  boundary  condition  is  applied  The  I, ala  values  are 
accessed  as  real  calls  but  arc  not  updated  in  the  normal  process  of  the  solution 


5  DISSIPATION 

In  order  to  stabilise  the  pressure  solver  a  fourth  order  explicit  dissipation  term  is  included 
This  term  takes  the  form. 


and  serves  as  a  flux  corrector  creating  a  non-linear  feedback  between  the  linearised  flux  and 
the  pressure  gradient.  Similar  expressions  exist  for  [)lSSui  etc 


Multiblocking  is  a  procedure  to  enable  the  modelling  of  complex  geometries  without  the 
need  of  large  in-core  memory  A  large,  complex  domain  is  split  into  smaller  ar.d  simpler 
blocks,  the  flow  through  each  being  solved  separately  Communication  between  the  blocks  is 
achieved  via  the  'halo'  ceils  (the  virtual  cells  which  surround  the  entire  block).  Values  in  the 
halo  cells  are  determined  by  the  boundary  conditions.  On  interblock  boundaries  the  values 
nut  into  the  halo  cells  ere  simply  the  values  in  the  real  cells  (of  adjoining  blocks)  which  they 
overlap.  The  solution  procedure  is  thus: 

(a)  Read  block  one  into  core  memory. 

<b)  Set  up  halo  cell  values 

(c)  Solve  for  momentum,  pressure,  energy  and *  trbulence. 

<d)  Put  updated  block  one  values  into  storage 
«e)  Peed  block  two  data  into  core  memory 
<0  Set  up  halo  cel!  values  (accessing  updated  block  one) 
igi  Solve  for  momentum,  pressure,  energy  and  turbulence 

(h)  etc. 


This  is  repeated  for  each  block  in  turn  until  ajj  blocks  have  converged 


7  RELAXATION  TECHNIQUES 


Two  types  of  relaxation  are  implemented  within  RANSAC.  a  relaxation  during  the  matrix 
inversion  and  on  inertial  relaxation  on  the  dependant  variable 


MATRIX  INVERSION 


7  1 

An  over  relaxed  black  red  (ORBR)  matrix  inverter  has  been  adopted  within  the  code. 

rSA|t|  +  S* 

$PNEW  ~  ^POU)  +  ®  (  ft  ”  ^ POLD 

P 

Where  0  is  the  relaxation  parameter. 

Values  of  fl  =  12  have  been  used  on  the  momentum  equations  while  for  pressure  and 
turbulent  quantities  Q  =  1.0. 

7.2  IN'TERIAL  RELAXATION 

This  process  involves  under  relaxing  the  dependant  variable  by  the  addition  of  artificial 
inertia 

Ap  ll  +  V'W'.VEIV  ~  ~A1  41,  +  +  °I  $POLD 

It  has  the  effect  of  increasing  diagonal  dominance  and  thus  damping  any  large  transient 
changes. 

Valusofai  =  0  8  have  been  used  for  , he  momentum  and  energy  equations.  Q|  -  0  5  for  the 
pressure  equations  and  a[  -  0  0  fo\  the  turbulent  qualities 

8  MU  LTIGR1D  TECH  NIQL'E 

A  nr,  iliigrid  acceleration  procedure  has  Seen  implemented  within  RANSAC  for  use  with  the 
pressure  correction  equations.  The  inulligTid  procedure  is  to  solve  the  residual  equation  on  a 
coarse  (reduced)  grid  where  it  is  ch^ap  to  compute.  The  errois  are  then  interpolated  back  up 
to  the  fine  grid  wnere  they  are  used  to  correct  the  solution 


Best  results  are  obtained  for  'slow'  flows  where  there  is  no  strong  preferred  direction  but 
speedups  of  up  to  6  have  been  achieved  for  'realistic'  flows 
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There  are  two  areas  where  'convergence'  has  to  be  obtained  in  the  matrix  inverter  itself  and 
globally  for  each  block  For  the  momentum,  energy  and  turbulent  equations  the  matrix 
inverter  (ORBR)  iterates  until  the  sum  of  all  the  normalised  residuals  of  each  ceil  falls  below 
an  externally  specified  degree  (usually  1010).  For  the  pressure  equations  this  was 
considered  too  strict  (in  most  cases)  and  instead  (K-  n  verier  iterates  until  the  sum  of  the 
normalised  residuals  on  each  cell  fails  below  sonic  (usually  -  0.3)  of  the  residual  at 
the  onset  of  the  inversion. 

Globally,  convergence  is  obtained  when  the  residual  for  each  equation  solved  (momentum, 
energy,  continuity,  turbulence)  for  every  block  falls  beiow  the  externally  specified  value  of 
lO-io 
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APPENDIX  A:  NOMENCLATURE 

A,  influence  coefficient  for  cel!  faces  (i  =  e,  w,  n,  s,  t,  b)  or  cell  centres  (i  -  E.W.N.S,  . 

T.B) 

BJ'  grouping  Constant  made  up  of  Cell  face  areas  and  metric  coefficients 

multiplying  dp/dL 

C"  grouping  constant  mad  up  of  cell  face  areas  and  metric  coefficients  multiplying 

dp/df) 

Dui  grouping  constant  made  up  of  eel!  face  areas  and.  metric  coefficients  multiplying 

dp/d£ 

QIUS  pressure  based  disipation 

D,  diffusive  flux  through  a  cell  face  ( i  =  e,  * ,  n,  s,  t,  b! 

F,  coi.  eclive  flux  through  a  cell  face  u  =  e.  w.  n,  s.  t,  b) 

G[  .j(U,  U!  +■  lx  >11;  +  sX.iU  ll 

C?  -M H x ,  u  1  +  nxoUo  *  'lx 3  uj' 

G3  •i,Xxl  Ui  -1-  ex,  u?  *  >-xj  113/ 

P  pressure 

p'  first  pressure  update 

p'*  second  pressure  update 

p'"  third  pressure  update 

H  Gas  constant  (287  06  for  a>rl 

T  absolute  temperature 

H  enthalpy 


NOMENCLATURE  (continued) 


Prandtl  number 

general  source  term  for  variable  4> 
velocity  component 

Uxt)Z+  (^2  >2  +  [W2 

(ax,)2  +  (nx2  )2  +  (nx3)2 

(  <X,  )2  +  (  kx2  )2  +  (  ^X3  )“ 

Lx;  HX|  +  fx->rtX2  "  ^X3Hx3 
ax,  <-x,  f  nx-^xj  *  n.\3'.x- 
<ix,  Lx,  +•  <*■>  Lx>  +  v<3  tx3 
Ratio  of  specific  heats  CpfCv 
density 

laminar  viscosity 

turbulent  viscosity 

turbulent  kinetic  energy 

turbulent  dissipation 

Effective  Prandtl  number  for  turbulent  energy 

Effective  Prandtl  number  for  turbulent  dissipation 


ENGINE  FACE  TOTAL  PRESSURES 
CONTOURS  OF  Pt/PtO  (delta  =  0.01) 
TEST  CASE  3.2/3637  (SLOW) 


STARBOARD 


ENGINE  FACE  TOTAL  PRESSURES 
CONTOURS  OF  Pt/Pto  (delta  =  0.01) 
TEST  CASE  3.1/3632  (FAST) 


MARBURG 


No.  of  Axial  Cells  =  81 
No.  of  Radial  Cells  =  206 
No.  of  Circumferentialw 

Cells  =  22 


COMPUTED  DISTORTION  COEFFICIENTS  : 


TEST  CASE 

PR  (Non-weighted)  PR  (weighted) 

PEF 

DCA60 

DH 

FAST 

0.887809  0.89000 

0.757 

-0.417 

0.286 

SLOW 

U. 967213  0.96822 

0.926 

-1.724 

0.082 

EXPERIMENTAL 

DISTORTION  COEFFICIENTS  : 

TEST  CASE 

PR  (Non-weighted)  PR  (weighted) 

PEF 

DCA60 

DH 

FAST 

-  0.92798 

0.725 

-0.398 

0.198 

SLOW 

.  0.98974 

0.922 

-0.226 

0.041 

COMPUTED  MASS  F Low  ; 

TEST  CASE  MASS  FLOW  (Kg/s) 
FAST  2.408 


SLOW 


1.481 


lot  ff  .cnrtm  cjw 


Al2t 


T 

! 


BOUNDARY  TOTAL  PRESSURES 
TEST  CASE  3.1/3532  (FAST) 

'  (STARBOARD  RAKE) 


(R»f  =  0  0762  ml 


CONVERGENCE  HISTORIES 


ENGINE  FACE  STATIC  PRESSURES 
TEST  CASE  3.1/3532  (FAST) 


p/ptO 


pt/ptO 


Clrcu  'ererula!  Position  (degree*) 


hi 23 


0  0.6  1  1.6  2  2.5  3  3.6  4 

Distance  x/Dmax 


pt/p'O 
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ENGINE  PACE  CIRCUMFERENTIAL  FLOW  ANGLES 
TEST  CASE  3.1/3S3.?  (FAST) 


Circu»f«r«f!t  l»i  Potltlw  lotarw*) 


1.0 


Experimental  (Top  &  Bottom) 


Computed  (RAN8AC) 


STATIC  WALL  PRESSURES  ALONG  DUCT 


TEST  CASE  3.2/3537  (SLOW) 


(TOP  &  BOTTOM  WALLS) 


Dlutance  x/Dmax 


STATIC  WALL  PRESSURES  ALONG  DUCT 
TEST  CASE  3.2/G637  (SLOW) 


(PORT  WALL) 


0.3  1 — 
0 


Dtstano*  x/Dm»r. 


ENGINE  FACE  STATIC  PRESSURES 
TEST  CASE  3.2/3537  (SLOW) 


Comput*<J  (HaNSACI  Exp«rlm«nul 


I _ i _ I _ _J _ _ I - 1 - L 

6  90  136  180  226  2YQ  316 

CVcwnl*eenU*l  Position 


ENGINE  FACE  CIRCUMFERENTIAL  FLOW  ANGLES 


TEST  CASE  3.2/3537  (SLOW) 


SxpcrbnaftUf 


pt/ptO 


pt/ptO 


0.968 


0.9 


Computed  (8AN8AC) 


0.866 


0.8 


BOUNDARY  TOTAL  PRESSURES 
TEST  CASE  3.2/3637  (SLOW) 
(STARBOARD  RAKE) 


0766 


0.7  L 
0 


0.026  0.06  0.076 

Distance  from  woll/rsf 


0.1 


(Raf  =  0.0762  matra*; 


0.868 


BOUNDARY  TOTAL  PRESSURES 
TEST  CASE  3.2/3637  (SLOW) 
(BOTTOM  RAKE) 


0.8 


(Raf  <*  0.0762  matraa) 


0.768 


0.7 

0 


- 1 _ _ _ l _  _J _ L 

0.026  0.06  0.076  0.1 

Otatanoa  from  waU/Raf 
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Contribution  of  DORNIER  to  the  Test  Ouse  3 


M.  Ffitzcrich,  I7.  Magagnato 


Introduction 

The  computations  for  the  test  cases  has  been  carried  out  using  Dornicr's  3D  blockstruc 
ttired  Navicr-Stokcs-code  fkarus.  The  Povv  solutions  are  obtained  using  an  explicit  version 
of  the  code  based  on  a  Hnitc  volume  spatial  discretisation  and  a  Runge-Kutta-type  inte¬ 
gration  in  time,  first  presented  by  Jameson  et.  al,(l). 

In  order  to  speed  up  convergence,  local  time  stepping  and  implicit  residual  averaging  arc 
applied.  Furthermore  a  sequence  of  3  mesh  levels  supported  ivy  up  to  3  muitigrid  grid 
levels  was  used  to  achieve  the  steadv  state  solution  in  an  efficient  way. 
f  or  the  viscous  effects  the  thin- layer  approximation  was  chosen  and  the  turbulent  stresses 
v  ere  estimated  via  the  Baldwin-1. omax  turbulence  model.  For  both  test  cases  effects  can 
■red  by  the  laminar  to  turbulent  transition  were  neglected,  and  therefore  the  assumption 
of  a  fully  turbulent  boundary  layer  has  been  made  In  order  to  avoid  odd  and  even  point 
decoupling  and  to  reduce  the  numerical  scheme  to  first  order  in  the  vicinity  of  shock  waves 
as  -rtiHcal  viscosity  ter  n  constructed  as  a  blend  of  second  and  fourth  order  derivatives 
has  hern  used 

Detailed  descriptions  of  the  numerical  scheme  can  He  found  in  (2.3). 

fvleshes 

With  regard  to  the  symmetry  of  the  problem  and  in  older  to  reduce  the  computational 
efforts  a  symmetry  condition  is  employed  in  circumferential  direction.  Applying  a  slip 
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boundary  condition  on  the  surface  of  the  bullet,  the  influence  of  the  thin  boundary  layer 
evdoping  on  the  bullet  is  neglected.  Furthermore  the  computational  domain  is  extented 
■  :)  the  axial  direction  behind  the  engine  face,  in  order  to  avoid  a  feed  back  of  the  constant 
reisurc  boundary  condition  on  the  measurement  plane.  The  fine  mesh  consists  of  99279 
ridj >oints  and  is  subdivided  into  3  blocks.  The  mesh  resolution  in  radial  direction  is 
ranted  by  13,  in  circumferential  by  17  and  in  axiai  direction  by  14b  gridpoints.  The  final 
oesh  is  depicted  in  Fig.  1. 


ompufer  and  C  PU  Times 

I  he  calculations  were  done  on  a  CONVf-X  C  220.  Using  a  single  processrr  the  required 
(1’U  times  varied  between  4  and  5  hours  for  a  <  omplcte  run,  500  cycles  on  each  mesh  Ic¬ 
'd.  depending  on  the  workload  of  the  machine. 

Starting  Conditions  and  Convergence  History 

l  or  both  test  cases  the  initial  conditions  for  the  coarse  mesh  has  been  set  to  freestrearn 
values,  for  the  \uccsme  mesh  levels  initial  conditions  arc  obtained  from  the  previous  one 
by  interpolation  typical  convergence  plots  tor  test  ease  3.2  are  indicating  a  reduction 
of  the  residual  by  four  orders  or  magnitude  on  each  mesh  level.  With  regard  to  the  com* 
r-U  x  (low  Situation  corresponding  to  test  case  3.1  the  turbulence  model  and  the  amount 
id  artificial  viscosity  has  to  be  adjusted  carefully  Doing  this  without  starting  from  the 
initial  conditions  causes  convergence  plots,  which  arc  not  comparable  to  those  of  test  case 
3  7  However  the  same  residual  level  as  Tor  test  ^axc  3.2  is  obtained  on  the  fine  mesh 
l  urt  her  more  th  quality  of  the  solution  is  Hi -Hud  by  integration  of  the  fluxes  in  cross- 
sections  along  the  duct  For  the  transonic  i  asc  a  smalt  error  is  introduced  over  the  shock. 


Results 


To  summarize,  the  results  obtained  for  test  case  3.2  seem  to  be  reasonable  even  for  the 
relative  coarse  mesh  used  in  the  computations.  Test  case  3.1  describes  •>  much  more 
complex  flow  including  features  as  shock  boundary-layer-interaction  or  large  regions  of 
separated  flow.  Numerical  tests  upon  mesh  resolution  and  downstream  pressure  level 
indicated  a  very  sensitive  behaviour  of  the  flow.  Compared  to  the  measurements  the  size 
of  the  separation  bubble  appears  unrealistic  large.  The  reason  for  this  discrepancy  may 
be  thought  to  be  due  to  the  poor  turbulence  modelling,  the  inaccurate  icsolution  of  the 
shock  boundary-layer-interaction,  causing  a  too  early  separation  of  the  flow,  or  the  mis¬ 
sing  information  about  the  laminar  to  turbulent  transition.  For  a  better  understanding  of 
these  deviations  from  the  measurements  detailed  experimental  results  would  be  helpful. 
With  regard  to  the  integral  parameters  describing  the  flow  non-uniformity  it  should  be 
mentioned,  that  these  values  are  sensitive  to  the  step  size  used  in  the  integration  process, 
and  may  therefore  only  be  comparable  to  those  obtained  from  a  similar  resolution.  Ho¬ 
wever  the  main  features  of  the  flow  are  described  qualitatively  correct  (or  both  test  cases. 
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MASS  FLUX  IN  CROSS-SECTIONS  ALONG  THE  AXIS 
TEST  CASE  3-1  ( CORNIER  1  * 
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FIG-  3.4s  CIRCUMFERENTIAL  FLOW  ANGLES  AT  ENGINE  FACE 
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.4 1  CIRCUMFERENTIAL  FLOW  ANGLES  AT  ENGINE  FACE 
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SUMMARY 

The  ARA  Euler  multiblock  method  If  used  to  predict  the  flow  about  two 
intake/S-bend  diffuser  geometries.  One  configuration  has  a  circular  intake 
whilst  the  other  has  a  semi-circular  intake:  the  diffuser  in  each  case 
terminates  at  a  circular  engine  face  plane.  These  geometries  are  part  of  a 
number  of  test  cases  defined  by  AGARD  Working  Group  13,  whose  purpose  is  to 
assess  the  current  capabilities  of  relevant  computer  based  calculation 
methods  for  air  intakes.  The  generation  by  the  multiblock  approach  of  what 
are  considered  high  quality  grids  is  described  in  some  detuil,  as  these 
geometries  possess  features  which  have  hitherto  not  been  considered  by  the 
method.  Inviscid  solutions  are  presented  at  two  mass-flow  ratios  for  each 
geometry,  and  comparison  with  experiim  'tal  data  shows  the  Importance  of 
viscous  effects  In  flows  of  this  type. 
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1  INTRODUCTION 

in  recent  yeirs,  the  ARA  multiblock  method  has  been  applied  to  a  wide 
variety  of  aerodynamic  configurations,  with  two  of  the  most  geometrically 
complex  examples  to  date  being  the  fighter  aircraft  with  intakes  and  nozzles 
and  fhe  wing/body/py  lon/s  tore  model  described  by  Shaw  et  all.  Such  examples 
demdnstrate  the  geometric  versatility  of  the  method  and  also  the  accuracy  of 
flow  solutions  which  can  be  wbtained  from  the  accompanying  Euler  algorithm. 


This  Note  describes  a  further  application  of  the  multiblock  method,  namely 
to  two  intake/S-bend  diffuser  geometries..  The  geometries  are  a  subset  of  a 
number  of  propulsion  related  configurations  which  were  defined  by  AGARD 
Working  Group  (WC)  13,  entitled  'Air  Intakes  for  High  Speed  Vehicles',  with 
a  view  to  soliciting  associated  flow  predictions  from  state-of-the-art 
computer  based  methods.  The  first  of  these  geometries,  denoted  Test  Case  3 
by  WC13,  consists  of  an  axisymmetric  intake  whose  throat  joins  smoothly  onto 
an  S-bend  diffuser  of  circular  cross  section,  and  the  second,  denoted  Test 
Case  4,  consists  of  a  semi-circular  intake  with  semi-circle-  to-circle 
S-bend  diffuser.  Such  geomet-ies  have  obvious  application  to  side  and  chin 
engine  intakes  on  current  military  aircraft. 

Each  of  the  above  test  cases  consists  of  two  separate  flow  conditions  at  the 
same  free-stream  Mach  number  (Mm  -  0.21).  Th-  .wo  flow  conditions  differ  in 
the  mass  flow  which  is  passed  through  the  duct  in  each  case,  with  the  Mass 
Flow  Ratio  (MFR)  characterising  each  of  the  situations.  It  is  well  known 
that,  for  even  moderate  mass  flows  through  5-bend  ducts  of  this  type,  where 
the  boundary  layer  remains  attached  throughout,  viscous  effects  are 
important  in  determining  the  flow.  For  high  mass  fiows,  flow  separation  may 
take  place  and  secondary  flows  may  be  set  up  In  the  duct.  Because  the 
modelling  of  viscous  effects  is  critical  in  giving  an  accurate  picture  of 
certainly  the  internal  flow  component  of  these  WG  test  cases,  it  is  not 
surprising  that  the  majority  cf  the  contributors  will  be  using  computer 
methods  based  on  solution  of  the  Navier-Stokes  equations.  However, 
interpretation  of  predictions  of  highly  viscous  flbws  can  be  extremely 
difficult,  and  it  was  thus  considered  desirable  by  the 'WG  that  high  quality 
inviscid  solutions  should  be  available  for  each  of  the  flow  conditions. 
Such  solutions  were  solicited  from  ARA.,  and  these  were  obtained  from  the  ARA 
Euler  multiblock  method. 


A  brief  description  of  the  multiblock  approach  is  given  in  section  2  of  this 
document,  and  it  will  become  clear  from  the  following  sections  on  the  means 
of  generating  a  computational  grid  around  the  two  geometries  addressed  here, 
that  &  complex  arrangement  of  grid  blocks  is  required  to  'optimally'  model 
each  of  the  geometrical  features  involved,  eg  intake  lip,  duct  surface  and 
core  etc.  The  Euler  algorithm  used  to  obtain  the  required  inviscid  flow 
solutions  is  also  briefly  described.  The  four  flow  solutions  (two  for  each 
test  case)  are  presented  and  analysed  in  section  7,  including  a  comparison 
with  experimental  data,  although,  as  will  be  apparent  from  the  above 
discussion,  it  is  not  expected  that  high  absolute  accuracy  will  be  a  feature 
of  such  a  comparison.  The  value  of  the  results  herein  will  hopefully  become 
apparent  when  all  contributions  to  WG13  have  been  collected  and  collated. 

2  *MULTIBLOCK  APPROACH 

The  approach  to  grid  generation  and  flowfield  simulation  around  complex 
aerodynamic  geometries  being  pursued  at  the  Aircraft  Research  Association  is 
based  on  the  multiblock  concept^.  For  each  component  of  a  configuration, 
there  is  an  optimal  grid  topology  which  mostly  conforms  to  the  geometry  of 
the  component.  The  qualitative  features  (orthogonality,  aspect  ratio  and 
smoothness)  of  such  a  grid  topology  will  provide  the  most  efficient 
discret isat ion  of  a  flow  domain  on  which  to  construct  a  numerical  algorithm 
for  simulating  the  equations  which  describe  the  motion  of  a  fluid.  Since, 
in  general,  it  is  not  possible  to  generate  a  single  block  structured  grid 
which  satisfies  the  above  requirement ,  the  approach  adopted  is  to  split  the 
flow  domain  between  the  configuration  and  some  farfield  boundary  into  a 
number  of  blocks,  based  on  the  constraint  that  only  one  type  of"  flow 
boundary  condition  can  be  applied  on  each  face  of  each  block. 


The  blocks  fill  the  domain  whithout  overlapping  each  other.  Each  block  has 
six  faces  and  eight  corners  and  can  be  mapped  into  its  own  unit  cube  in 
computational  space  without  change  in  topological  structure.  All  points 
lying  within  a  given  block  can  be  directly  referenced  with  respect  to  each 
other  (ie  the  grid  is  locally  structured)  but  bear  no  direct  structural 
relationship  to  any  of  the  grid  points  which  lie  within  other  blocks  (ie  the 
grid  is  globally  unstructured).  Th's  sacrifice  of  global  structure  within  a 
grid  allows  the  flexibility  required  to  construct  grids  whose  topological 
s' ructure  local  to  each  component  is  compatible  with  the  particular 
geometric  characteristics  of  the  component. 


The  structure  of  the  ARA  multiblcck  system  can  be  readily  broken  down  Into 
five  parts  as  shown  in  Figure  t.  Accordingly,  the  remainder  of  this  memo  is 
broken  down  into  five  sections,  each  one  describing  the  techniques  used  and 
work  undertaken,  within  each  individual  section  of  the  multiblock  system, 
for  the  AGARD  WG13  test  cases. 


The  geometry  of  Test  Case  3  (TC3)  of  AGARD  WG13  is  an  intake  cowl ,  attached 
to  an  S-bcnd  diffuser  whose  centreline  is  offset  by  0.3  times  its  le.gth, 
inside  part  of  which  lies  an  axisymmetric  bullet  that  is  positioned  at  the 
centre  of  a  nominal  engine  face.  Throughout  its  length,  the  geometry  is 
circular  In  cross-sect  ion.  The  geometry  of  Test  Case  4  (TC4)  is  made  up  of 
similar  components.  However,  for  TC4,  both  the  interior  and  exterior  parts 
of  the  cowl  are  semi -circular  iri  cross-section.  Thus,  the  diffuser  is 
defined  to  allow  a  smooth  variation  in  cross-sect ional  shape  from  the 
semi-circular  cowl  to  the  circular  engine  face.  For  both  test  cases,  the 
profile  of  the  engine  face  bullet  is  the  same  and  is  given,  along  with  the 
geometry  of  the  cowl  lips  and  diffusers,  by  a  discrete  set  of  points3. 

In  aerodynamics,  the  influence  of  the  solid  boundaries  on  the  flow  field  is 
of  paramount  importance.  It  follows,  therefore,  that  for  an  accurate 
representation  of  the  fluid  dynamics,  it  is  necessary  to  define  the  geometry 
of  the  solid  boundaries  as  accurately  as  possible.  The  approach  to  geometry 
modelling  adopted  in  the  work  described  here  requires  each  component  to  be 
defined  by  a  rectangular  array  of  points.  Such  a  network  is  given  in  Figure 

t 

2.  The  two  families  of  intersecting  curves  through  these  geometry  data 
points  can  be  represented  by  parametric  curves.  Thus,  the  surface  can  be 
viewed  as  a  rectangular  plane  in  the  independent  parametric  coordinates,  s 
and  t,  say. 

Parametric  cubic  spline  curves  are  fitted  through  the  rectangular  array  of 
points  In  the  two  parametric  directions  s  and  t.  rach  cubic  spline  consists 
of  a  series  of  points  in  a  given  parametric  direction.  Boundary  conditions 
impose  continuity  of  position,  first  derivative  and  second  derivative 
between  adjacent  segments  of  the  spline  curve  and  zero  curvature  at  the  end 
points  of  the  spline,  which  are  the  first  and  last  point  of  the  relevant 
parametric  coordinate.  The  slopes  at,  and  position  vectors  of,  each  of  the 
geometry  data  points  provide  the  necessary  boundary  conditions  required  to 
construct  a  bl -cubic  patching  of  the  surface  of  the  geometry*. 


Thus,  given'  a  set  of  geometry  points,  defined  in  /terms  of  Cartesian, 
coordinates  and  arranged  in  a  regular  manner,  a  continues  representation  of 
the  surface  of  a  configuration  can  be  obtained.  To  this  end,  programs  were 
written  which  read  in  the  given  discrete  data  points  (defining  the  profile 
of  the  cowl  lip,  the  local  radii  of  the  axisymmetric  bullet  and  the  shape  of 
the  S-bend  diffusers)  and  output  the  TC3  and  TC4  geometries  in  a  form 
appropriate  to  constructing  a  bi -cubic  patch  of  the  surfaces. 


Some  important  modifications  to  the  geometries  were  also  made.  For  both 
test  cases,  the  engine  face  was  positioned  further  downstream  than 
originally  defined^  by  adding  on  circular  cylinder  extensions  to  the  bullets 
and  diffusers.  Also,  the  external  part  of  both  cowls  was  doubled  in  axial 
length  by  extrapolating  downstream  from,  and  parallel  to,  the  original 
geometry.  These  changes  effectively  moved  the  boundaries  of  the  flow  domain 
at  which  outflow  boundary  conditions  were  to  be  applied.  They  were  made  to 
alleviate  concerns  about  the  inappropriateness  of  applying  the  outflow 
boundary  conditions  described  in  section  6  at  the  original  boundaries.  The 
derived  geometries  for  TC3  and  TC4  are  given  in  Figures  3  and  4 
respectively. 

As  will  be  seen  in  section  5,  the  technique  adopted  for  the  modelling  of 
surfaces  has  an  important  influence  on  the  approach  to  the  generation  of 
computational  meshes  on  surfaces. 


4  TOPOLOGY  DEFINITION 

The  flexibility  of  the  multiblock  approach  allows  a  wide  range  of 
alternative  grid  topologies  to  be  constructed.  However,  this  flexibility  is 
gained  at  the  expense  of  having 


a)  to  visualise  a  block  decomposition  of  the  domain  around  a  given 
geometry,  and 

b)  to  define  the  grid  and  flow  boundary  conditions  imposed  on  each  block 
face  and,  where  necessary,  details  relating  to  adjoining  blocks. 

Obviously,  step  (a)  precedes  step  (b) .  The  information  defined  in  step  (b), 
the  grid  topology,  is  stored  in  a  data  bank  known  as  a  topology  file.  This 
file  drives  the  muiilblock  system,  providing  the  structure  necessary  to 
allow  grid  and  flowfield  Information  to  be  transferred  between  blocks. 


As  described  earlier,  the  geometry  of  TCI  is  circular  .n  cross-section 
throughout  Its  stresmwise  extent.  A  polar,  'O'ncesh  topology  is  therefore 
suitable  for  modelling  the  circumferential  profile  of  the  geometry  (see 
Figure  5a),  The  cowl  lip  has  a  rounded  leading  edge4  it  being  defined 
internally  by  an  ellipse  and  externally  by  a  N\CA  section  (1-854-35).  A 
'C'-mesh  topology  conforms  to  this  feature  of  the  cowl  (see  Figure  3b).  The 
large  internal  angle  at  the  nose  of  the  axisymmetric  engine  face  bullet 
suggests  the  use  of  a  C-grid  topology  In  an  azimuthal  plane  through  the 
bullet  (see  Figure  5c).  These  considerations  can  be  readily  combined  to 
yield  the  azimuthal  block  structure  shown  in  Figure  6.  (Note  the  five-point 
singularity  that  arises  from  embedding  the  C-grid  topology  local  to  the 
bullet).  This  block  structure  can  be  rotated  locally  about  the  centre-line 
axis  to  give  the  required  polar  topology  in  the  circumferential  plane.  This 
rotation  would  yield  a  polar  singularity  along  the  centre-line  axis  (see 
Figure  5a).  However,  it  has  been  demonstrated  in  Reference  5  that  such  a 
singularity  can  adversely  affect  the  convergence  rate  of  the  explicit 
time-stepping  flow  algorithm  to  be  used  in  this  work.  (This  is  primarily 
because  the  volume  of  the  cells,  and  hence  maximum  permissible  local 
time-step,  decreases  as  the  centre-line  is  approached).  To  overcome  this, 
the  centre-line  region  can  be  modelled  by  a  Cartesian  topology.  This 
icauiis  in  the  azimuthal  and  circumferential  block  structures  given  in 
Figures  7a  and  b  respectively.  As  can  be  ,een  from  Figure  7a,  the  blocks 
modelling  the  internal  region  from  the  cowl  lip  to  just  upstream  of  the 
bullet  are  split  into  three,  blocks  in  the  axial  direction.  This  ultimately 
allows  a  sufficiently  dense  mesh  to  be  generated  in  this  region.  (The 
multiblock  system  has  a  limit  on  the  number  of  points  that  can  be  used  in 
any  one  coordinate  direction  of  a  block).  Since  the  geometry  of  TC3  is 
symmetrical,  and  the  flow  cases  to  be  run  do  not  -equire  sideslip  to  be 
simulated,  the  configuration  can  oe  mcdelled  using  38  blocks.  The  above 
discussion  covers  step  (a)  of  the  topology  definition  process. 

Step  (b)  involves  specifying  the  information  that  links  the  blocks  together 
and  the  boundary  conditions  on  each  block  face.  To  do  this,  the  convention 
adopted  is  to  assig..  to  eech  block  a  computational  coordinate  system  and  a 
unique  number  ranging  from  1  to  the  number  of  blocks,  38  in  this  case  (see 
Figure  7).  Also,  each  block  face  is  assigned  a  number,  with  1,  3  and  5 
denoting  the  computational  planes  S  -  1 ,  J  -  l  and  K  -  1  respectively,  and 
2.  4  and  6  denoting  the  planes  i  -  {MAX,  J  -  JMAX  and  K  -  UMAX  i  espect  i  ve  ly . 
The  block  connectivity  and  boundary  condition  data  Is  then  specified  using 
the  block  faces  as  •  basis. 


For  the  grid  generation,  boundary  conditions  include  *  Dirichlet  type,  where 
a  fixed  set  of  data  points  Is  given,  and  a  continuity  condition.  Many  faces 
within  the  block  structure  are  boundaries  between  blocks  in  the  interior  of 
the  flow  doaain  and,  as  such,  are  purely  notional  boundaries  which,  provided 
grid  lines  pass  smoothly  through  the  junction,  have  no  physical 
significance.  At  such  boundaries,  the  continuity  condition  is  imposed  which 
ensures  that  grid  lines  pass  through  the  interface  of  two  adjacent  blocks 
with  continuity  of  position,  slope  and  curvature.  For  blockfaces  on  which 
a  continuity  condition  is  applied,  block  connectivity  data  must  be 
specified.  This  takes  the  form  of  a  unique  number  associated  with  the 
adjacent  block,  a  number  depicting  the  common  face  of  the  adjacent  block  and 
the  relative  orientation  of  the  local  axis  systems  on  adjoining  block  faces. 

For  the  flow  solver,  a  wider  range  of  boundary  conditions  are  available 
which  are  consistent  with  solving  the.  Euier  equations  of  motion  for  both  the 
internal  and  external  regions  of  the  flow  domain.  The  block  connectivity 
data  required  for  the  mesh  generators  is  also  used  by  the  flow  solvers.  If 
a  face  of  a  block  lies  on  the  surface  of  a  geometric  component,  a  four 
character  alpha-numeric  string  must  be  specified  for  that  face,  for  example, 
COWL 

Thus,  in  total,  six  items  of  data  (boundary  condition  for  the  grid 
generator,  boundary  condition  for  the  flow  solver,  adjacent  ck.  adjoining 
face,  relative  orientation  and  p  name  must  L»e  specified  for  each  Mock  face 
With  each  block  having  six  faces  and  requiring  i  he  number  of  mesh  points  in 
each  coordinate  direction  to  be  defined  t9  amounts  of  data  must  be 
specified  per  block.  Thus,  iri  total,  the  topology  file  will  contain  1482 
(ie  39  x  38)  items  of  data.  To  facilitate  the  potentially  labour  intensive 
task  of  preparing  this  data,  a  program  was  written  to  treat®  the  tepoiegy 
file,  with  simple  input  alkwing  the  block  dimension-,  to  tv»  altered  as 
required. 

Note  that  although  the  mesh  generators  are  vertex  based,  nv  additional  data 
defining  boundary  conditions  for,  and  connections  between  tamers  and  edges 
of  the  blocks  Is  required.  Ali  this  data  is  deri-Mc  using  the  face 
connectivity  data  and  internal  program  logic  within  t '<•  «uitlblo-k  tys<*s> 
This  completes  the  topology  definition  process  for  TC2 

The  task  of  simulating  the  flow  over  TC4  geometry  represents  a  severe 
challenge,  even  to  an  approach  with  the  flexibility  of  muUibiock.  Ih*  wain 


problem  In  modelling  the  inviscid  flow  ov«r  this  configuration  arises  from 
th«  transition  of  the  semi-circular  cowl  to  the  circular  engine  face.  Step 
(a)  of  the  topology  definition  process  can  be  readily  visualised  for  both 
the  interior  end  exterior  of  the  cowl  in  isolation  (see  Figure  8).  The 
topology  for  the  domain  local  to  the  engine  face  can  be  the  same  as  for  TC3, 
since  the  geometries  are  similar  in  this  region.  However,  these  three 
topologies  are  {Rcutapat ibie  with  each  other  since  they  cannot  be  readily 
combined  in  the  axial  direction.  Consideration  was  therefore  given  to  the 
implications  of  extending  each  of  the  three  topologies,  in  turn,  in  the 
axial  direction  In  other  words,  how  would  the  topology  best  suited  to  the 
interior  of  the  cowl  mode!  the  exterior  region  of  the  cowl  and  the  engine 
face  region?  On  balance,  it  was  concluded  that  the  topology  best  suited  to 
the  engine  face  would  be  likely  to  provide  the  least  distorted  grid  for  the 
other  regfons  of  the  geometry  (see  Figure  9).  Hence,  the  block  structure 
already  defined  for  TC3  was  also  used  for  TC4 .  The  block  dimensions  in  the 
circumferential  direction  were  increased  from  7  to  11  in  all  cases  in  an 
attempt  to  limit  the  grid  distortion  and  model  the  higher  cross-flow 
gradients  expected  with  the  TC4  geometry. 

The  above  topology  def i ni t ions ,  whilst  being  suitab.v  .ur  geometries  similar 
to  those  addressed  here,  would  requ're  modification  before  they  could  be 
integrated  tnto  a  topology  for  an  aitcraft  type  geometry. 

5 _ Q&LSL£&M\UW 

The  generation  of  a  t  hi  «*cd  itaens  tonal  multiblock  grid  p,,r  a  given 
configuration  is  a  two  step  process.  It  involves  first  the  generation  of 
grids  on  the  surface  of  the  geometry,  and  on  the  other  boundary  surfaces  of 
the  flow  domain,  and  second  the  generation  of  the  grid  in  the  Held. 

The  generation  of  grids  on  the  actual  surfaces  of  a  configuration  represents 
one  of  the  most  difficult  aspects  of  the  total  grid  generation  problem  Its 
importance,  in  two  respects.  Is  undoubted,  however.  Firstly,  ft  is  the 
response  oi  the  flow  to  the  precise  shaping  of  the  configuration's  surfaces 
that  has  a  major  influence  on  tho  total  flow  field.  Secondly,  the  surface 
grids  act  as  boundary  conditions  for  the  generation  of  field  grids. 
Consequently,  surface  grids  exert  a  strong  influence  upon  the  field  grids, 
particularly  in  the  no ighbourhood  of  a  configuration,  the  very  region  where 
flow  gradients  need  to  be  resolved  accurately.  Surface  grids  have  the  same 
requirement  for  smoothness  and  continuity  as  field  meshes  and,  in  addition, 
are  required  to  conform  to  the  configuration  surfaces,  including  lines  of 
component  intersection,  and  to  model  regions  of  high  surface  curvature. 
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Tit*  approach  to  surface  grid  generation  to  be  described  here  makes  use  of 
the  discussion  in  section  3  where  parametric  coordinates  are  employed  and  a 
surface  is  continuously  representable  via  the  bi-cubic  patching  technique. 
Such  a  description  of  a  surface  is  important  for  the  generation  of  surface 
meshes  which,  in  general,  are  net  coincident  with  the  network  of  points 
defining,  the  geometry.  The  parametric  approach  utilises  the  fact  that  a 
surface  in  three-dimensional  Euclidean  space  can  be  expressed  in  terms  of 
two  independent  parametric  coordinates,  £  -  £(s,t).  Surface  mesh  generation 
can  then  be  viewed  as  a  transformation  S(s,t)  ->  X(xry,z),  where  the  mesh  is 
generated  in  the  two-dimensional  parametric  space  and  mapped  to  physical 
space  via  the  bi-cubic  patches,  which  ensures  mathematical  consistency  with 
the  geometry  definition. 

The  surface  grids  are  generated  by  solving  the  coupled  set  of  non-linear 
elliptic  partial  differential  equations,  originally  proposed  by  Thompson, 
Thames  and  Mastin^, 

a(s££  +  P sj)  -  2/3  s^  +  yCsyy  +  Qs,j)  -  0 

(1) 

+  Pt{)  -  2/3  t(l}  +  y(tvv  +  Qtq)  -  0 

where 

a  -  V  +  V 
0  -  v*  +  Vt 

y  -  S|*  +  t^ 

and  P  and  Q  are  source  terms  used  to  control  the  mesh.  £  and  tj  are  the 
computational  coordinates. 

These  equations  are  approximated  using  second-order  accurate  finite 
differences  to  obtain  a  non-linear  set  of  algebraic  equations  for  the 
positions  of  grid  points  in  parametric  space.  The  equations  are  then  solved 
iteratively  using  a  successive  line  over-relaxation  algorithm. 

The  source  terms  can  be  evaluated  in  a  number  of  ways.  The  technique 
employed  here  Is  an  essentially  automatic  procedure  whereby  the  source  terms 
are  constructed  from  two  terms,  one  which  reflects  the  boundary  point 
spacing  into  the  field,  the  other  which  drives  the  grid  towards 
orthogonality  at  the  boundary^.  For  example,  P  is  evaluated  by 

p  IfJm 

tSf  t 2  |£,IJ 


The  first  term;  which  contains  only  £  derivatives,  is  evaluated  solely  from 
the  point  distribution  on  ij  -  constant  boundaries,  using  second-order 
accurate  central  differences.  The  orthogonality  term  contains  both  £  and  i] 
derivatives.  The  second  derivative  term  can  be  replaced  by  a  first 
derivative  and  the  orthogonality  term  reformulated  as 

-S..S  -2S, .S 
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The  orthogonality  term  can  be  evaluated  for  nodes  on  ij  -  constant  boundaries 
by  using  second-order  accurate  central  differences  along  the  boundary  for 
the  £  derivative  and  first-order  accurate  one-sided  differences  into  the 
interior  of  the  domain  for  the  ij  derivative  (see  Figure  10).  Thus,  since 
the  position  of  the  interior  nodes  evolves  with  t he  iterative  solution 
process,  the  orthogonality  term  must  be  updated  regularly,,  every  iteration 
being  used  in  this  work.  Once  the  source  terms  have  been  evaluated  on  all 
the  boundaries,  they  are  interpolated  through  the  mesh  to  control  the 
positon  of  the  interior  nodes. 

\ 

In  previous  ir.ultiblock  surface  grid  generation  work,  the  orthogonality  term 
has  been  neglected  because  it  is  known  to  significantly  increase  the  run 
time  for  generating  the  grid,  by  factors  of  say  4,  and  its  success  can  be 
geometry  and  topology  dependent.  it  was  coded  into  the  surface  grid 
generator  for  this  work  .due  to  concerns  about  the(  quality  of  the  grid 
obtained  using  only  the  term  which  reflects  the  boundary  point  spacing  and 
because  a  limited  number  of  surface  grids  needed  to  be  generated. 

To  produce  a  valid  multiblock  surface  grid,  the  topology  of  the  surface  grid 
must  be  consistent  with  the  topology  of  the  multiblock  field  grid.  Tho 
raultibtock  system  includes  a  program  which  automatically  extracts  al!  die 
4equired  topology  data  for  generating  surface  grids  from  the  field  grid 
topology.  The  configuration  and  boundaries  of  the  flow  domain  were  broken 
down  into  eight  surfaces: 

1)  Cowl 

2)  Duct 

3)  Internal  extension  of  duct 

4)  Engine  face  bullet 

5)  Engine  face 
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6)  Downstream  boundary  of  the  flow  domain 

7)  Plane  of  symmetry 

8)  Farfleld  boundary. 

Note,  the  first  three  surfaces  In  this  list  could  have  been  modelled  es  one 
surfacef  but  were  represented  as  three  to  allow  for  detailed  control  of  the 
point  distribution  on  the  geometry. 


To  generate  the  surface  grids  using  an  elliptic  set  of  equations  requires 
the  point  distribution  to  be  specified  along  all  boundary  edges  of  the 
surface.  Furthermore,  since  this  boundary  point  distribution  is  to  be.  used 
to  control  the  surface  grid,  the  boundary  nodes  must  be  specified  carefully. 


Consider  Figure  11  which  shows  the  block  structure  for  generating  the  grid 
on  the  engine  face  surface.  The  surface  grid  topology  file  describes  how 
the  surface  blocks  relate  to  each  other  in  computational  space.  Specifying 
the  correct  boundary  point  cistr ibut ion  along  the  Dirichlet  boundary  edges, 
and  then  solving  the  grid  generation  equations  for  the  interior  of  the 
domain,  will  ensure  that  the  surface  blocks  relate  to  each  ether  i.i  the 
correct  manner  in  physical  space.  Thus,  for  example,  the  boundary  point 
distribution  along  t he  line  1  -  1MIN  of  surface  block  1  must  conform  to  the 
top  octant  of  the  engine  face  circumference.  in  addition,  to  produce  a 
valid  multiblock  grid,  it  must  also  match  exactly  the  point  distribution 
that  will  be  specified  along  the  topologically  equivalent  edge  of  the 
surface  grid  generated  on  the  extension  of  the  duct.  To  this  end,  a  number 
of  subroutines  were  written  for  distributing  grid  points  and  appended  to  the 
basic  multiblock  surface  grid  generation  program. 

Figure  12  shows  the  surface  grids  generated  for  TC3  on  the  cowl,  duct, 
extension  of  duct,  engine  face  and  bullet  in  physical  space.  In  Figure  13 
the  corresponding  surface  grids  for  TC4  are  shown.  The  surface  grid  on  the 
plane  of  symmetry  and  the  grid  on  the  ellipsoidal  outer  boundary  are  shown 
for  TC4  in  Figures  14  and  15  respectively.  These  surface  grids  act  as 
boundary  conditions  fo*'  the  field  grid  generation.  The  equivalent  grids  for 
TC3  are  similar. 

The  field  grids  are  generated  from  the  elliptic  equations 


gUXtijj  -  -p{X£  i 
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where  gU  are  the  metric  terras,  p*  the  source  functions,  X  the  grid  point 
coordinates  and  £*  the  computat ionai  coordinates  with  the  tensor  notation 
taking  values  1,  2  and  3.  No  development  work  was  required  for  this  stage 
of  the  multiblbck  system  and  the  standard  multiblock  field  grid  generator 
was  used.  Figure  16  illustrates  a  cross  section  of  the  field  grid  through 
the  throat  region  for  TC4.  Note  the  tendency  for  the  grid  lines  to  be 
repelled  from  the  corner  regions  of  the  semi -circle.  This  is  indicative  of 
the  topology  structure  being  non-optimum  in  this  plane,  as  discussed 
previously  in  section  3.  The  field  grids  for  test  cases  3  and  4  are 
composed  of  approximately  90,000  and  140,000  cells  respectively. 


6  FLOW  ALGORITHM  FOR  SOLVING  THE  EULER  EQUATIONS 

The  flow  algorithm  used  to  solve  the  Euler  equations  of  motion  is  based  on 
the  scheme  originally  proposed  by  Jameson  et  al&.  This  finite  volume 
method,  with  explicitly  added  artificial  dissipation,’  uses  a  multi-stage 
time-stepping  scheme.  Convergence  to  a  steady  state  is  accelerated  by  the 
introduction  of  a  forcing  term  p.  r*  icnal  to  the  difference  between  the 
local  total  enthalpy  and  its  freestream  value  and  the  use  of  a  variable  time 
step  supported  by  residual  smoothing^. 


On  the  external  farfield  boundaries  of  the  domain,  Riemann  invtK  ^ 
boundary  conditions  are  applied.  At  solid  surfaces,  the  normal -momentum 
relation  derived  by  Rizzi^  is  used  to  ensure  there  is  no  flow  normal  to  the 
surface.  The  representation  of  powered  effects  at  the  engine  face  is 
included  by  specifying  a  mass  flow  ratio  and  area  contraction  ratio.  These 
are  then  used  to  give  'an  engine  face  static  pressure'*,  fhe  velocity 
components  and  total  energy  being  extrapolated  from  the  interior  and  the 
density  evaluated  so  as  to  be  consistent  with  the  freestream  total  enthalpy. 
This  procedure  assumes  subsoni"  flow  at  the  engine  face,  which  is  valid  for 
t he  flow  conditions  of  interest. 


?  ANALYSIS  OF  FLOWF 1  ELD  RESULT 

The  results  of  four  Euler  calculate  jre  analysed  below,  two  for  each  test 
case,  and  comparison  is  drawn  with  exper irr-* a  I  data-*  in  each  case.  Table  1 
gives  the  details  of  Mach  number  and  nass-flow  ratio. 
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3  Ca) 

0.210 

1.457 

3  (b) 

0.210 

2.173 

■4  (a) 

0.211  * 

1.837 

<  <b) 

0.211 

.i.,  ,  ■ 

2.140 

TABLE  1 


Eo.cn  of  the  calculations  was  rin  at  a  CFL  -  2  S  for  5000  cycles,  to  ensure  a 
high  levr 1  of  convergence.  The  number  of  cycles  may  seem  large  compared 
with  those  generally  required  for  a  three-dimensional  external  flow 
calculation  using  the  multiblock  method,  but  past  experience^  has  indicated 
that  duct  flows  are  particularly  slew  at  converging  to  a  steady  state,  and 
the  higher  the  mass-flow  rstfo  the  slower  the  convergence  rate  (for  the 
free-stream  initial  conditions  used  here).  , 


Test  case  3  is  examined  first.  Figures  17  and  18  show  the  variation  of  the 
ratio  of  surface  static  to  tree-stream  total  pressure  for  the  low  and  high 

mass-flow  ratio  cases,  respectively.  Part  (a)  of  each  figure  gives'  the 

axial  variation  from  an  external  downstream  station,  around  the  lip  and 
downstream  to.  the  engine  face  plane,  and  part  (b)  gives  the  radial  variation 
in  the  immediate  lip  region.  The  definition  of  port  and  starboard  on  all 
figures  is  Lest  visualised  by  assuming  both  test  case  geometries  correspond 
to  side  intakes  on  the  starboard  side  of  an  aircraft.  Port  and  starboard 
are  thus  labelled  in  Figure  14:  the  definition  of  top  and  bottom  follows 
naturally.  Figure  17a  reveals  that  the  agreement  between  theory  and 

experiment  at  the  lower  MFU  in  the  lip  and  throat  region  is  excellent  and 

that  the  qualitative  flow  behaviour  in  the  diffuser  at  each  of  the  measuring 
pienes  is  similar.  It  is  apparent,  however,  that  the  pressure  as  predicted 
by  the  Euler  method  is  uniformly  higher  within  the  diffuser,  including  at 
the  engine  face  plane.  This  is  almost  certainly  due  to  the  neglcction  of 
the  modelling  of  the  diffuser  surface  boundary  layer  in  the  inviscid 
results.  The  boundary  layer  reduces  the  effective  duct  area,  via  its 

displacement  effect,  thus  increasing  the  axial  velocity  and  reducing  the 
static  pressure.  This  pressure  shift  due  to  viscous  effects  would  improve 
the  comparison  between  theory  and  experiment,  and  a  more  precise  agreement 
in  the  diffuser  would  be  expected  from  a  high  quality  Navier-Stokes  or  even 
an  Euler/interactive  boundary  layer  solution. 


Figure  17b,  wlta  Its  expanded  radial  scale,  enables  a  snore  detailed  analysis 
of  the  lip  region  to  be  Bade.  Agreement  is  seen  to  be  favourable,  which  is 
a  good  indication  that  the  stagnation  point  predicted  by  the.  theory  closely 
Batches  that  observed  in  the  reai  flow. 

Turning  to  Figures  18  at  the  higher  MFR,  an  Immediate  contrast  in  the 
quality  of  predictions  is  observed,  it  is  expected  that  viscous  effects  are 
particularly  severe  at  this  MFR,  probably  including  flow  separation  and 
secondary  flow  structures  within  the  diffuse?,  but  the  level  of  mismatch, 
especially  in  Figure  18a,  is  so  great  that  it  is  difficult  to  envisage  that 
the  whole  of  the  discrepancy  can  be  attributed  to  this  cause.  Examination 
of  the  qualitative  features  of  the  theoretical  and  experimental  diffuser 
flows  reveals  a  broad  similarity  between  the  two,  with  the  obvious  very 
large  shift  in  pressure  ,evei.  As  the  peak  suction  levels  are  not 
reproduced.  Figure  18b  suggests  that,  in  contrast  to  the  previous  case,  the 
stagnation  point  is  not  correctly  positioned  in  the  theory.  These 
observations  give  sore  credence  to  »he  suggestion  that  the  experimental  MFR 
may  be  incorrectly  specified*  Other  contribut ions  to  WG13,  particularly 
Navier-Stckes  predictions,  may  shed  more  light  in  this  area. 

Test  case  4  is  examined  through  similar  plots  in  Figures  19  (low  MFR)  and  20 
(high  MFR).  At  the  lower  MFR,  equivalent  comments  can  be  made  as  those 
associated  with  Figures  17,  except  that  the  pressure  level  in  the  throat 
region  is  slightly  more  in  error  and  the  rapid  expansion  downstream  of  the 
throat  on  the  starboard  plane  is  not  reproduced  particularly  well.  However, 
tne  small  pressure  shift  associated  with  the  constriction  due  to  an  attached 
boundary  layer  is  again  present  in  the  experimental  data.  As  stated  in 
previous  sections,  the  modelling  of  the  semi-circular  intake  of  this  test 
case  via  the  associated  surface  and  field  grids  is  somewhat  difficult, 
particularly  in  the  corner  regions,  and  the  quality  of  the  flow  prediction 
in  these  areas  must  be  drawn  to  question  Experimental  pressure  readings 
would  have  facilitated  ccnclusions  in  this  respect.  Figure  19b  indicates 
that  the  stagnation  point  is  not  well  predicted,  and  it  is  observed  that  the 
experimental  data  is  consistent  with  an  increased,  mass  flow  as  wouid  be 
expected  from  the  error  in  the  throat  pressure  levels. 


^Comparison  of  the  theoretical  results  in  Figure  18a  with  <1ata  from  an 
experimental  MFP  which  is  514  smaller  than  that  specified  for  test  case  3(b) 
shows  a  much  closer  match  between  theory  and  experiment,  particularly  for 
x/djj^x  <  t.O,  where  viscous  effects  ar<-  probably  relatively  insignificant. 


Similarly,  Figures  20  show  the  same  features  us  Figures  18,  and  again  It 
must' be  considered  that  the  given  experimental  MFR  for  this  case  may  be  in 
error.  In  some  respects,  however,  the  theoratHa!  predie. ions  do  /  not 
qualitatively  match  the  experimental  results.  For  example,  che  experimental 
pressures  on  the  port  side  show  an  expansion  immediately  downstream  of  the 
throat,  whereas  the  theory  shows  a  compression.  Again,  a  high  quality 
Navier-Stokes  prediction  would  indicate  whether  this  anomaly  is  due  to 
viscous  effects. 

8  CONCLUSIONS 

The  ARA  Euler  multiblock  method  has  been  used  to  predict  the  flow  about  two 
intake/S-bend  diffuser  georaet/ies,  as  defined  by  ACARD  Working  Group  13.  An 
attempt  has  been  made  to  define  an  optimal  block  structure  for  each  of  the 
configurations,  although  the  second  configuration  posed  particular  problems 
In  this  respect,  with  its  semi-circle-to-circle  diffuser,  and  ultimately  a 
block  structure  involving  .some  compromise  has  been  created  for  this  case. 

The  inviscid  results  presented  herein  were  solicited  by  ACARD  WG13,  in  the 
main,  to  better  assess  the  quai.ty  of  Navier-Stokes  predictions  from  other 
contributors.  However,  certain  conclusions  can  be  drawn  by  comparison  of 
exper imen'al  data  with  surface  pressures  as  calculated  by  the  present  Euler 
method,  at  two  mass  flows  for  each  geometry,  at  ^  -  0.21.  The  flowfield 
fer  the  lower  mass  flow  in  each  case  appears  to  have  been  modelled 
reasonably  well,  particularly  on  the  exterior  and  interior  of  the  intake, 
including  the  throat  region.  The  diffuser  flow  is  consistent  with  the 
neglect iort  of  an  attached  surface  boundary  layer.  Kt  the  higher  mass  flow 
in  each  case,  the  predictions,  at  most,  possess  the  correct  qualitative 
features  of  the  flow.  It  is  presumed  that  the  real  flow  is  grossly  affected 
by  viscous  effects,  including  secondary  structures,  for  these  cases. 
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FIGURE  3  VIEW  OF  GEOMETRY  FOR  TEST  CASE  3  (BULLET  NOT  SHOWN) 
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FIGURE  7  SKET  CH  OF  FINAL  BLOCK  STRUCTURE  FOR  TES .  CASE  3 
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FIGURE  8  OPTIMAL  CIRCUMFERENTIAL  BLOCK  STRUCTURE  FOR  TEST  CASE  4 


FIGURE  9  SKE  i  CH  OF  FINAL  CIRCUMFERENTIAL  BLOCK 
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FIGURE  19{b)TEST  CASE  4(a)  -  RADIAL  PRESSURE  VARIATION 


FIGURE  20(15)TEST  CASE  4(b)  -  RAOUL  PRESSURE  VARIATION 
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Contribution  of  DORNIER  to  the  Test  Case  5 

W.  Fritz 


Introduction 

The  testcase  5  consists  of  three  mass  flows  for  the  circular  pitot  intake  AOARD  M742L. 
Following  there  is  a  listing  of  the  test  conditions  and  She  initial  conditions. 

Test  Case  5.1: 


Total  pressure 

//„ 

=--■ 

108426  Pa 

Static  pressure 

Po 

= 

29535  Pa 

Total  temperature 

r* 

— 

m.Y  K 

Right  Machnumbcr 

= 

1  5 

Pressure  Recovery 

"K 

0  897? 

Capture  flow  Ratio 

AJA. 

t=r 

0.9307 

Capture  area 

A r 

- 

8.086  m* 

Test  Case  5.2: 

Total  pressure 

//. 

— 

108359 

Static  pressure 

Po 

=- 

29517  Pa 

Total  temperature 

Co 

= 

292.8"  K 

Right  Machnumbcr 

w. 

- 

1.5 

Pressure  Recovery 

PR 

0.9246 

Capture  Flow  Ratio 

AJA, 

XT 

0.6256 

Capture  area 

A, 

— 

8  086  in* 

Test  Case  5.3: 

Total  pressure 

— 

108525  Pa 

Static  pressure 

Po 

29507  Pa 

Total  temperature 

r„ 

292.8°  K 

Right  Machnumbcr 

Mo 

i.5 

Pressure  Recovery 

PR 

= 

0.9267 

Capture  Row  Ratio 

AofA, 

= 

0.2980 

Capture  area 

A, 

- 

8.086  in1 

By  prescribing  the  Mach  number,  the  total  temperature  and  the  total  pressure  for  the  outer 
flow  field  and  the  intake  mass  flow  ratio  for  the  internal  flow,  the  complete  flow  field  is 
defined  sufficiently.  Whereas  the  Mach  number,  the  total  temperature  and  the  total  pressure 
define  conoete  boundary  and  initial  conditions  also  for  a  discrete  ret  of  points,  the  mass 
flow  ratio  is  an  integral  value  and  there  is  no  possibility  to  use  the  mass  flow  -atio  itself  as 
boundary  condition  at  a  discrete  set  of  points.  Therefore,  the  mass  flow  ratio  was  appro¬ 
ximated  by  an  ncrative  variation  of  the  static  pressure  at  the  downstream  boundary  until 
the  desired  mass  flow  ratio  was  obtained  as  exactly  as  possible.  For  all  three  test  cases  only 
the  mass  flux  ratio  nothin*,  else  was  fitted 


Grid  Generation 


For  the  grid  generation,  the  given  geometry  was  extended  cylindrically  behind  the  engine 
face  area,  to  ensure  one  dimensional  flow  conditions  at  the  downstream  boundary  during 
the  calculation.  The  grid  was  generatet  using  conformal  mapping  with  the  Maxwell  trans¬ 
formation.  The  Maxwell  curves  describe  contour  conformal  coordinate  lines  which  are  very 
suitable  for  inlet  configurations.  In  the  complex  space,  those  curves  are  defined  by: 

z  =  {w  +  1  +  ew) 

with  z  -  x  -I-  iy  as  the  complex  coordinates  of  the  phyc.cal  space  and  w  =  u+  iv  as  the  evenly 
spaced  coordinates  of  the  transformed  space.  The  coordinates  of  the  grid  lines  in  the  phy¬ 
sical  space  are  given  by  the  relations 

jr  ®  -jj-  ( 1  +  ueu  cos  v) 

y  -  ~  (v  e“  sin  v) 

where  the  parameter  a  is  defined  by  the  internal  diameter  of  the  inlet.  The  grid  is  defined 
by  geometric  stretching  functions  along  the  cowl  and  along  the  diameter;  the  field  grid 
coordinates  arc  smoothed  by  elliptical  differential  equations  in  the  complex  space.  The  final 
grid  is  nearly  exactly  orthogonal.  In  the  figures  5.1  -  5  5  five  different  grid  levels  which  have 
been  used  during  the  calculations  are  depicted.  The  number  of  volumes  indicated  in  each 
of  the  figures,  means  the  number  of  volumes  in  one  half  of  the  grid.  The  finest  grid  consists 
of  281  points  along  the  cow!  from  the  cowl  lip  to  outflow  boundary  and  of  97  points  from 
the  centerline  to  the  cowl.  The  finest  grid  starts  withy'  values  of 0.3  at  the  cowl  and  there 
arc  at  least  three  points  within  y‘  =  1.0  .  The  finest  grid  was  only  used  for  the  test  case 
5.1  with  the  high  intake  mass  flow  ratio,  as  for  this  case  a  normal  shock  inside  the  inlet  re¬ 
quired  a  high  mesh  resolution.  In  all  other  test  cases  only  4  grid  levels  have  been  used. 

Flow  Solution 

The  flow  solutions  were  obtained  by  using  Dornier  s  2-i)  and/or  axialsymmctric  block 
structered  flow  solver.  This  method  solves  the  2-D  and/or  axialsymmctric  Reynolds  aver¬ 
aged  Navier  Stokes  equations  using  the  finite  volume  approach  and  an  explicit  Runge- 
K"tta-t)pe  time  stepping  scheme.  For  convergence  acceleration  and  reduction  of  the  com¬ 
putational  effort,  local  time  stepping,  implicit  residual  averaging,  the  multilevel  grid  techni¬ 
que  and  the  multigrid  strategy  within  each  grid  level  have  been  applied.  A  modified  version 
of  the  Baldwin- Fornax  algebraic  turbulence  mode!  was  used  as  closure  of  the  Reynolds 
equations.  Turbulent  flow  was  assumed  only  in  those  blocks,  which  are  bounded  by  a  fixed 
wall,  in  ail  the  other  blocks  laminar  flow  was  assumed  To  prevent  an  odd-even  decoupling, 
an  artificial  viscosity  term  constructed  as  a  blend  of  second  and  fourth  order  derivatives  was 
used. 

Initial  Conditions 

For  all  test  cases  the  calculation  was  started  in  the  coat  scat  mesh  assuming  the  frecstream 
values  as  initial  conditions.  At  the  downstream  boundary  the  sialic  pressure  was  described. 
To  get  an  idea  of  the  magnitude  or  that  static  pressure,  there  was  performed  a  one  dimen¬ 
sional  calculation  using  the  continuity  equation,  the  definition  of  the  pressure  recovery  and 
the  relations  for  a  pefect  gas  with  the  values,  which  are  given  for  each  test  case  ns  input 
values.  Under  the  assupfion  of  a  constant  total  temperature  it  is  possible  to  get  an  equation 
for  the  static  pressure  at  the  outflow  boundary. 


AW 


The  mass  flux  is  given  by  the  capture  flow  ratio.  With  the  index ,  fin  the  freestream  values 
and  the  index  a  a:  the  outflow  boundary  the  continuity  cqaution  gives: 


(pw’Mo  -  “  {P»'taAn 

and  the  mass  flux  at  tS»e  outflow  boundary  is: 

40 

(Pw)nAn  “  (P^)n  ~j-  K 

This  mass  flux  will  be  approximated  by  an  iterative  variation  of  the  static  pressure. 

In  the  engine  face  area  (index  ,)  there  arc  known  (either  «ts  given  value  or  by  gasdynamic 
relations): 

•  piw,  (continuity  equation) 

«  The  mean  vaiue  of  the  total  pressure  pfl  (defined  by  and  the  piessure  recovery  PR  ). 

•  The  total  temperature  Tfl  (the  total  temperature  is  constant  for  flows  without  heat 
transfer) 

With  the  definition  of  the  total  tempi  mture, 


*;  -  2c,jfl{\  --f) 


the  definition  of  the  total  pressure. 


r,  j_ 

»  ’(th" 


,  ■/ 


the  continuity  equation 

Af 

PfWfAf  ■■-■■■  Powo(  *7”  H 

and  the  equation  of  state  for  a  perfect  gas 

Pi  •  PfK  h 


one  can  get  the  relation 


x 

1 

Pc 


Pi 

!>}, 


Ki 
r  y 


0 


\IW%R  Vf, 

V 

*  1  />  *  ft 


or  with  the  substitutions 


and 


1 


Pf 

rf< 


r  ■ 
)  ■* 


Am 


(/W 


As>  Al\2 

A  t 


at  « 


”  A, 


v>, 


the  above  eqaution  can  be  written  as 


_r-*_ 

a,u~  y  -f  u  >  1  =  0 


This  equation  can  be  solved  iteratively  by  the  Newton  Method,  f  he  solution  of  this 
equation  gives  the  static  pressure  in  the  engine  face  area  under  the  assumption  of  one 
dimensional  flow.  The  pressure  at  the  outflow  boundary  is  assumed  to  be  the  same  as 
at  the  engine  face  area. 


in  the  following  table  there  is  a  comparison  of  the  static  pressure  at  the  outflow  hours 
dary  as  it  was  estimated  by  the  above  equation  and  that  value  which  was  obtained  at 
the  end  of  the  calculation.  Also  included  are  capture  (low  ratios  as  they  were  approxi¬ 
mated  in  'he  calculation  compared  with  the  definition  values. 


test  case  1 

test  case  2 

•esicasc  3 

i  At  \ 

\  a  K.ikvhfUM 

0.950 

0.630 

0  297 

A.) 

A  f  Or/im/ws 

0.9507 

0.6256 

0.298 

Error: 

0  07  % 

0.7  % 

0.3  % 

Caluiation: 

r a 

2-47 

3.12 

3.36 

Prt  .  ■  ■  . 

—  initial: 

1  « 

2.67 

3.15 

3.35 

As  it  cats  be  seen,  the  desired  mass  flow  i  alios  were  approximated  very  accurately. 
Except  the  test  case  5.1.  the  static  pressures  at  the  outflow  boundary  have  been  pre¬ 
dicted  extreme!;  well  by  the  one-dimensional  pu  •Oculation 

During  the  calculation  it  was  found,  that  the  test  case  5.1  with  the  high  intake  mass 
flow  ratio  was  a  verv  critical  one.  Two  solutions  for  the  prescribed  mass  flow  ratio  were 
possible: 

•  Subsonic  flow  at  the  engine  face  area  and  the  outflow  boundary. 

c  Supersonic  flow  at  the  engine  face  area  and  the  outflow  boundary. 

Both  solutions  arc  very  close  together  and  a  too  low  value  of  the  static  pressure  at  the 
outflow  boundary  leads  to  the  supersonic  solution.  Especially  at  the  changes  from  a 
coarser  to  a  finer  grid  the  static  prcssuie  has  to  be  varied  very  carefully,  as  the  same 
static  pressure  at  the  outflow  boundary  gives  a  higher  mass  flow  ratio  in  the  finer  grid. 
.;bat  means,  'hat  cither  the  mass  flow  ratio  is  kept  smaller  in  the  coarse  subgrids,  or  the 
static  pressure  at  the  outflow  boundary  had  to  tic  decreased  at  the  changes  from  a 
coarser  to  a  finer  grid.  If  the  pressure  is  decreased  loo  much,  the  supersonic  solution 


with  a  complex  shock  system  around  the  engine  bullet  will  be  obtained.  So  it  was  very 
important,  to  ensure  that  the  flow  at  the  engine  face  area  was  subsonic,  and  if  neces¬ 
sary,  the  static  pressure  has  to  be  increased.  The  test  cases  5.2  and  5.3  were  run  without 
those  prob’ems,  as  for  those  mass  flow  ratios  it  was  impossible  to  get  a  supersonic  so¬ 
lution. 

Computer  and  CPU  Times 

The  calculations  were  done  on  a  Convex  C220.  Using  a  single  processor,  the  required 
CPU  tin.e  for  one  complete  run  was  30  -  35  minutes  for  the  test  cases  5.2  and  5.3  and 
50  minutes  for  the  testcase  5.1  with  one  additional  finer  grid  level.  The  computing  time, 
depends  very  much  on  the  initial  guess  of  the  static  pressure  at  the  de  n^tream 
boundary  and  on  the  skill  of  the  user  during  the  variation  of  that  static  pressure  in  order 
to  capture  the  desired  mass  flow  ratio.  If  the  static  pressure  at  the  outflow  boundary 
is  fixed,  the  computing  time  towards  a  converged  solution  is  20  -  25  minutes  CPU  time. 
So  far,  the  computing  time  for  a  test  case  at  which  the  mass  flow  has  to  be  approxi¬ 
mated,  is  not  very  suitable  for  a  comparison. 

Convergence  and  Mass  Fhv  Check 

The  convergence  plots  on  each  mesh  level  for  ail  the  three  test  cases  arc  included  in  the 
figures  5.6-5.17.  They  indicate  a  reduction  of  the  residual  by  three  to  four  orders  of 
magnitude  on  each  mesh  level.  Another  quality  check  of  the  solution  is  the  mass  flux 
along  the  inlet,  f  igures  5.18  to  5.20  show  that  mass  flux,  obtained  by  integration  of  the 
fluxes  in  the  cross  sections,  along  the  inlet.  The  value  x/xmax  =  0  is  at  the  inlet  lip, 
x/xma x.=  1  is  at  the  outflow  boundary.  In  all  cases,  the  mass  flux  along  the  inlet  is 
normalised  with  that  value  of  the  outflow  boundary.  As  it  can  be  seen,  the  error  is  less 
than  0  5  %,  a  value  which  can  also  be  seen  as  an  accuracy  limit  of  the  numerical  inte¬ 
gration. 

Results 

Flo  w  Fields 

I  he  figures  5.21  to  5.26  show  the  pressure  and  Mach  number  contours  of  the  different 
flow  fields.  There  is  a  detached  shock  in  front  of  the  inlet  which  moves  in  upstream 
direction  with  decreasing  mass  flow  ratio.  At  the  high  intake  mass  flow  ratio,  there  is 
a  supersonic  region  inside  the  inlet  which  is  terminated  by  a  normal  shock.  In  the  cal¬ 
culation  this  normal  shock  is  washed  out,  as  even  in  the  finest  grid  the  resolution  is  not 
fine  enougn  at  the  (unknown)  position  of  the  normal  shock.  In  the  plot  of  the  Mach 
number  contours.  ;l  is  noticed,  that  the  boundary  layer  thickness  increases  considerably 
behind  that  normal  shock.  At  the  other  mass  flow  ratios  the  flow  inside  the  inlet  is 
purely  subsonic. 

Pressure  Distributions 

The  figures  5.27  to  5.4 i  present  the  engine  face  total  pressure  and  static  pressure,  the 
boundary  layer  rake  total  pressure  and  static  pressure  and  the  static  pressure  along  the 
cowl  compared  with  the  experimental  data  as  they  were  available.  The  agreement  bet¬ 
ween  the  theoretical  values  and  the  experimental  data  is  very  good  for  the  low  and  the 
medium  intake  mass  flow  ratio.  At  the  high  mass  flow  ratio,  in  the  calculation  the 
boundary  layer  along  the  cowl  seems  to  be  too  thick  as  it  is  indicated  by  the  engine  face 
and  the  boundery  layer  iar.e  pressure  distributions.  A  comparison  of  ..te  static  pressure 


distribution  tlopjg  the  cow!  yields,  that  the  pressure  behind  the  shock  is  too  tow  in  the 
cajcuk  In  the  calculation  tl.-  boundary  layer  behind  the  norma  i  shock,  becomes 
too  th?  -  his  results  in  a  too  small  net  cross  section  for  the  inviscid  part  of  the  intake 

flow  r  ad  by  this  the  static  pressure  has  to  be  decreased  to  get  the  desired  mass  flow 

vi  reasons  therefore  may  be  seen  in  the  inaccurate  resolution  of  the  shock 
1  .y-layef-interecuon.  Therefore  the  grid  should  be  adapted  to  the  flow  field,  as 
tint  position  cf  the  shock  is  a  priori  unknown  at  the  beginning  of  the  calculation. 

A  comparison  of  the  computed  and  the  experimental  pressure  recovery  PR  in  the  engine 
face  area  is  given  in  the  tabic  below.  PR  war  obtained  by  a  numerical  integration  of  the 
engine  face  pressure  distribution. 


Test  case 

PR^ 

PR 

5.1 

0.857o3 

0.8978 

5.2 

0.91 : 37 

0.9246 

5.2 

091300 

0.9267 

As  the  calculation  was  performed  as  an  axialsvmetric  one,  the  steady  state  pressure  di¬ 
stortion  DC60  =  0.0  for  al)  the  three  test  cases  in  the  calculation. 
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Figure  5.12 
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TEST  CASE  6 

NASA  P8  high  aspect  ratio  mixed  compression  intake 
(  supersonic  part  only  ) 


Row  calculations  are  based  on  two  different  models  : 

-  a  perfect  gaz  model  with  resolution  of  Euler’s 
equations, 

-  a  viscous  gaz  model  with  resolution  of  averaged 
Navier-Stokes  equations  completed  by  a  turbulence 
model.  ' 


1.  Euler  results 


The  Euler  multi  domain  code  FLU3M,  which  has  been 
developed  by  ONF.RA  in  collaboration  with  mrospGfial®,  applies  to 
numerically  simulated  t'iows  of  gazes  around  and  in  complex 
configurations  with  an  emphasis  on  supersonic  and  hypersonic 
flows. 

The  code  organisation  is  built  around  3  key  units  :  a  command 
interpreter  which  assumes  the  user  interface,  a  plan  monitoring 
unit  which  decides  of  the  type  of  the  computation,  and  a  plane 
processor  including  the  numerical  scheme. 


l.2,_Computer  used: 

The  FLU3M  code  runs  on  a  CONVEX  C220  bi-processor  with 
512  M-octets  of  central  memory. 


'M-.  ,  ■■'■.-  ■  •  i  ^•i' 


1.3-Qfid: 


As  isa  flow  in  the  air  intake  could  be  considered  to  be 
tridimensional,  the  simulation  was  2D  with  3  identical  plans  in  order 
to  use  the  3D  code  FLU3M. 

The  treatment  of  the  air  intake  geometric  has  led  us  to  adopt  a 
muitiblock  grid  made  of  3  structured  domains  on  each  plan. 

The  first  domain,  composed  by  100x60  points,  represents  the  ramp; 
the  second  one  of  115x40  points  dimension  defines  the  volume 
between  the  centerbody  and  the  cowl,  whereas  the  third  one 
100x20  structures  the  external  part  of  the  cow!.  (  figure  1  ) 


1.4  Initial  conditions: 

M0  a  7.4  a  “  0°  and  j)  =  0° 

Each  domain  was  initialised  with  the  infinite  upstream 
conditions. 

We  use  a  dynamic  data  file  included  algorithm  and  flow 
parameters*  the  definition  of  each  grid  and  its  initialisation. 


The  difficulties  we  met  were  mainly  due  to  the  grid  quality 
imposed  by  the  flow  nature.  Boundaries  were  splined  to  avoid 
undesirable  pressure  rates. 

Because  of  mesh  contraints,  cowl  extremity  couldn't  be 
blunted  enough  to  make  the  cowl  shock  detached;  The  effective 
upstream  displacement  of  the  cowl  shock  is  achieved  by  moving  the 
cowl  leading  edge  to  the  "virtual  origin"  defined  by  the  tangent  to 
the  cowl  surface  and  the  experimental  shock  location  downstream 
of  the  inlet  entrance.  As  the  figure  2  indicates,  the  virtual  origin  is 
placed  1.1  in.  upstream  of  the  actual  origin.  (  figure  3  and  4  ) 

(  ref  1  ) 


l.ejUMtsj 

The  quality  check  of  calculations  is  tested  svith  a  control©  of 
residues,  which  reache  1(H  for  5000  iterations  in  the  present 
case. 


We  present  the  results  w6  have  obtained  compared  to 
experimental  measures  given  by  AGARD. 

Figure  5  presents  static  pressures  contours  in  the  inlet. 

Figures  6  and  7  represent  static  pressures  on  the 
centerbody  ..  ’•face  and  on  the  cowl  surface.. 

Res  ilts  with  advanced  cowl  leading  edge  are  compared 
to  results  with  actual  origin  and  experimental  mea«- -es. 

Figures  8  and  9  represent  static  pressures  contours  in  the 
inlet  with  the  actual  origin  and  with  the  virtual  origin. 

figures  10  and  11  represent  Mach  numbers  contours  in 
.  the  iniet  with  the  actual  origin  and  with  the  virtual 
origin. 

Figure  12  represents  Mach  numbers  in  the  en.  ance 
section. 

» 

Figure  13  represents  pitot  pressures  in  the  cowl  entrance 
section,  Euler  simulation  don't  compute  boundary  layer 
effects  that  explains  the  difference  between  calculations 
and  experimental  measures  near  boundaries.  Because  of 
that  difference,  the  comparison  fer  further  sections 
doesn't  present  from  our  point  of  vue  the  interest  that 
Navier-Stokes  results  may  have,  that’s  why  these  results 
are  -not  presented  here. 


J r '-***<^r*-.  .us7-p*"ww;,. 


2.  Navier-Stokes  Results 


2.1  Code  used: 

The  Navier-Stokes  code  NS2.D  was  adapted  for  air  intakes 
cases  from  a  model  developed  by  ONERa.  Internal  flows 
calculations  are  based  on  the  resolution  of  the  Reynolds  averaged 
Navier-Stokes  equations  (  viscous  flows  )  with  an  algebric 
turbulence  model  (  ref  2  and  3  ). 

The  numerical  method  of  MICHEL  is  characterised  by  the  use  of  a 
centered  explicit  finite  difference  scheme  combined  with  a 
multigrid  convergence  acceleration  technique. 


2. 2_, Compeer  us && 

The  NS2D  code,  runs  on  a  convex  C220  bi-processor. 


2.3  Grid: 

Although  this  bidimensional  code  copes  with  multi  domain 
calculations,  the  case  was  treated  on  a  single  domain,  structured  by 
247x73  points  (  figure  14  ).  A  high  density  of  points  on  boundaries 
is  needed  to  capture  boundary  layer  thickness. 

Boundaries  were  also  splined  and  the  cowl  nose  lightly  blunted 
(  figure  15  ). 


2.4  Initial  conditions: 

Mc  =  7.4  ,o  =  0°  and  {5=0° 

Calculations  were  initialised  with  the  upstream  infinite  Mach 
number. 


2.5JtotUs; 

Figure  16  represents  static  pressure  contours  in  the  inlet. 
Figures  17  and  18  represent  static  pressure  on  the  centerbody 
and  on  the  cowl 

Figure  19  represents  static  pressure  contours  in  the  inlet. 


\ 

Figure  20  represents  Mach  numbers  contours  in  the 
whole  donain  and  specially  in  the  inlet. 

Figure  21  represents  the  Mach  numbers  in  the  entrance 
section. 

Figure  22  to  30  represent  pi.ot  pressure  in  different  sections 
of  the  inlet. 
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Figure  9  :  FLU3M  results 
Visualization  of  static  pressure  contours 
Advanced  cowl  lending  edge 
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A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 
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Figure  10  :  FLU3M  results 
Visualization  of  Mach  number  contours 
Actual  cowl  leading  edge 


Figure  11  :  FLU3M  results 
Visualization  of  Mach  number  contours 
Advanced  covl  leading  edge 


A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 
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Figure  12:  Results  FLU3M 

Mach  numbers  in  cowl  entrance  section 
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Figure  13:  Results  FLU3M 
Pitot  pressure  in  the  cowl  entrance  section 


A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 


A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 
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Figure  23:  PS  Pitot  pressure  X/Xref  =  5.78 
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Figure  24  p$  Pitot  pressure  X/Xrei  -  5.94 
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Figure  25 '  P8  Pitot  pressure  X/X ref  =  6.09 
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Figure  26:  PS  Pitot  pressure  X/Xref  =  6.23 
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Reference  :  AGARD  WG13  TESTCASE  6  (  PS  INLET  ) 


Dear  Mr.  Benson 

according  to  an  agreement  with  Dr.  Bissinger  we  directly  mail  yon  our  computational  results  for 
the  working  group  13  testcase  6  {  P8  hypersonic  inlet  ).  The  disc  contains  data  of  a  laminar  and  a 
turbulent  calculation. 

The  grid  used  is  a  blockstructured  grid  with  about  850.000  grid  points  We  use  169  points  along  the 
centerline  for  the  compression  ramp  and  the  inlet;  The  cowl  surface  is  approximated  by  137  grid 
points  while  the  channel  contains  73  points  in  normal  and  49  (  half  configuration  }  in  the  crossflow 
direction 

We  just  finished  these  calculation  today  and  in  a  first  comparison  we  recognize  that  our  grid  inside 
the  inlet  channel  seems  to  be  too  coarse  to  resolve  the  shocks  sharp  enough.  Therefore  we  are 
preparing  an  additional  computation  with  an  increased  number  of  grid  points  in  streamwise  and 
the  normal  direction  for  tire  weekend. 

if  the  computation  is  succesfui  and  the  results  look  i  reasonable  we  will  send  you  these  data 
immsdiateiey. 

Also  you  can  await  sone  further  written  information,  some  pints  of  the  grid  we  are  using  and  some 
figures  showing  flow  results. 


Yours  sincerely 
Cornier  Lufifahrt  GmbH 

c  k  •  $Nrc|?  -M-  - 

i.V.  Dr.  Wagner  i.A.  Dr. Rieger 
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Genera!  Dynamics 
Fort  Worth  Division 


April  18, 1990 


Dr.  R.  G.  Bradley,  Chairman 
AGARD  Working  Group  13 
General  Dynamics  /  Fort  Worth  Division 


Dear  Dr.  Bradley, 

Enclosed  are  the  intermediate  results  of  the  P8  Inlet  Analysis  (AGARD  Test  Case  #6)  as 
called  for  in  your  letter  dated  March  4, 1990.  The  solutions  contained  herein  are  the  2D 
results,  for  which  the  L2  Norm  Residual  has  decreased  3  orders  of  magnitude,  and  the  3D 
results,  for  which  the  L2  Norm  Residual  has  decreased  1  order  of  magnitude. 

The  solutions  were  obtained  using  the  2D  and  3D  versions  of  the  GD/FW  FALCON 
code.  FALCON  is  a  finite  volume,  viscid/inviscid  flow  solver  that  uses  Roe’s  flux 
difference  splitting  algorithm.  The  code  contains  multi-blocking  capability  with  point- 
to-point  matching  required  at  the  block  boundaries.  Roth  the  2D  and  3D  analysis  utilize 
the  Baldwin-Lomax  turbulence  model. 

The  grid  structure  arid  part  of  the  grid  used  in  the  analysis  is  shown  in  Figure  1 .  The  3D 
grid  consists  of  6  blocks  and  480K  points.  The  2D  grid  is  the  centerline  cut  of  the  3D 
grid  with  2  times  the  number  of  points  in  the  normal  direction.  The  2D  analysis  was 
performed  on  a  CONVEX  C210  computer  and  required  3.5xlOE-4 
^conds/point/iteration.  The  3D  analysis  is  being  performed  on  the  NAS  computer 
system  using  the  CRAY  YMP  computer  and  requires  1.0S-4seconds/point/iteration. 

The  2D  results  arc  complete  and  need  only  one  point  of  clarification.  The  FALCON 
code  does  not  currently  allow  for  multiple  regions  of  transition.  As  such,  transition  was 
se?  at  x=35  cm  on  the  ramp  surface.  This  condition  establishes  turbulent  flow  over  the 
entire  length  of  the  cowl. 

The  3D  results,  though  not  converged  to  a  satisfactory  state,  are  included  for 
completeness.  The  same  transition  criterion  was  used  as  with  the  2D  case.  Additional 
color  plots  are  included  to  show  the  overall  nature  of  the  flowfield.  These  plots  also  aid 
-•  in  analyzing  the  differences  between  the  2D  and  3D  solutions.  Mach  number  and  pitot 
pressure  contours  are  shown  along  the  the  centerline  for  the  2D  and  3D  cases  in  Figure  2 
and  figure  3.  Pitot  pressure  contours  are  shown  at  the  axial  cuts  to  show  the  three- 
dimensional  nature  of  the  flow  (Figure  4.)  The  data  comparison  requested  is  presented 
graphically  in  the  format  specified.  Greyscale  versions  of  the  color  charts  (Figures  1-4) 
are  included  for  use  in  duplicating. 

The  information  in  this  packet  represents  the  results  obtained  for  the  P8  Inlet  Analysis  at 
this  time.  It  is  expected  to  have  complete  results  to  you  by  the  June  15  deadline.  Should 
there  be  any  questions  regarding  this  test  case,  please  do  not  hesitate  to  contact  me. 

Keith  M.  Kisielewski 
Senior  Engineer 
Computational  Fluid  Dynamics 
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3.0443F.-01 

1 . 4645E-02 

8. 1196E-01 

5.4541E-03 

3.1717E-03 

7. 4521E-01 

3.0491E-01 

1 . 3656E-02 

7  9706E-01 

6.4352E-C3 

3 . 4051E-03 

7.5778E-01 

3. 0533E-01 

1.2664E-02 

7.8094E-01 

7.5493E-03 

3 . 6820E-03 

7.71568-01 

3.0S70E-01 

1.16498-02 

7. 6310E-01 

8.8297E-03 

4 . 01366-03 

7 . 8662E-01 

3.0601E-01 

1.0582E-02 

7. 4271E-01 

1.0310E-02 

4 . 4119E-03 

8. 02938*01 

3 . 0628E-01 

9. 4199E-03 

7 . 1828E-01 

1.1989E-02 

4.8907E-33 

8.2038E-01 

3.0651E-01 

8.0917E-03 

6. 8689E-01 

1.3918E-02 

5.4675E-03 

8. 38798-01 

3 . 0671B-01 

6. 4986E-03 

6.4266E-01 

1 . 61 1 j£-02 

6. 1608E-03 

8. 5788E-01 

3.0689E-01 

4.5771E-03 

5.7206E-01 

1 .8607E-02 

6. 9930E-03 

8 . 7726E-01 

3 . 0704E-01 

2 . 9323E-03 

4 . 5843E-01 

2.1 4J4E-02 

7. 9831E-03 

8 . 9647E-01 

3.0713E-01 

2. 5945E-03 

3 . 7369E-01 

2. 4660E-02 

9. 1S36E-03 

9.14S3E-01 

FALCON  RESULTS  '?D1  COWL  SURFACE  PRESSURE 

2.828SE-02 

1.0519E-02 

9 . 3230P.-01 

X/XREF 

P/PZERO 

3.23S9E-02 

1.2104E-02 

9. 4822E-01 

3. 6S48E-02 

1 . 3949E-02 

9. 6229F.-01 

0. OOOOE+OO 

1. OOOOE+OO 

4.2053E-02 

1 . 6153E-02 

9. 7592E-01 

6. 8843E-04 

1. OOOOE+OO 

4.7740E-02 

1 . 8692E-02 

9. 8758E-01 

2 . 1998E-03 

1. OOOOE+OO 

5.*009E-92 

2 . 11 48E-02 

9. 9432E-01 

4 . 0064E-03 

l. OOOOE+OO 

6.0893E-02 

2 . 3279E-02 

9. 98268-01 

6. 1655E-03 

1 .OOOOE+OO 

6. 3426E-02 

2.  4712E-02 

1 . 0001E+00 

b . 7455E-03 

1. OOOOE+OO 

7 . 65745-92 

2.SU0E-02 

1.00028600 

1.1828E-02 

1. OOOOE+OO 

8.53376-02 

2.5216E-02 

1 . 0Q03E+00 

1 . 5509E-02 

1 .OOOOE+OO 

9, 4699E-02 

2.5254E-C2 

1.0003E+00 

1 . 9904E-02 

1 .OOOOE+OO 

1.0458E-01 

2 . 5273E-02 

1 . 0002E+00 

2.S150E-02 

1. OOOOE+OO 

1.1494E-01 

2.5287E-02 

1 . 00Q2E+0C 

3. 1409E-02 

1 .OOCOE+OO 

1.2568E-01 

2 . 5307E-0? 

1.0002E+00 

3 . 8872E-02 

l.OCOOE+OO 

V.3672E-01 

2 . 5505E-02 

9. 9994E-0i 

4 . 7765E-02 

1. OOOOE+OO 

1 . 4791E-01 

i . 9321E-02 

9 . 9821E-01 

5. 8352E-02 

1. OOOOE+OO 

1.5918E-01 

4 . 0446E-02 

9. 9952E-01 

7.09S0E-02 

1. OOOOE+OO 

1.7039E-01 

4 . 5264E-02 

9 . 9998E-0 1 

8.5919E-02 

1. OOOOE+OO 

1.8142E-01 

4 . 7498E-02 

1 . OOOOE+OO 

1.0369E-0J 

1. OOOOE+OO 

1.9216B-01 

5.0351E-02 

9.9994E-01 

1. 24748-01 

1. OOOOE+OO 

2.0JS2E-01 

5  3OO7R-02 

1 .0001E+00 

1 .496SE-01 

1. OOOOE+OO 

2.1241E-01 

S.S637E-02 

9 . 9941E-01 

1. 7905E-01 

1. OOOOE+OO 

2.21765-01 

S.8140E-02 

9. 9891E-01 

? . 1 369E-01 

1. OOOOE+OO 

2.3052E-01 

6.0432E-02 

9.9979E-01 

2 . 5435E-01 

1 .OOOOE+OO 

2.2868E-01 

f  23S7E-02 

1.0005E+00 

3.C192E-01 

1 .OOOOE+OO 

2 . 46206-01 

i  3789E-02 

1 . 0003E+00 

3.5736E-01 

1. OOOOE+OO 

2.5310E-0! 

6.5099E-02 

9. 9952E-01 

4 . 21 S8E-01 

1 .OOOOE+OO 

2.5937E-01 

6. 6351F.-02 

9 . 9944E-01 

4 . 9S89E-01 

1 . OOOOE+OO 

2. 6506E-Q1 

6.7154E-02 

1 .0002E+00 

5.8098E-01 

1 .OOOOE+OO 

2.701SE-01 

6. 7386E-02 

1 .0006E+00 

6.7784E  01 

1. OOOOE+OO 

2.7473E-01 

6. 6S97E- 02 

1 . 0007E+QQ 

7.8721E-01 

1. OOOOE+OO 

9.0959E-01  1 . 00002+00 

1.0451E+00  1. OOOOE+OO 
1.1936B+00  1 . OOOOE+OO 

1.3541E+00  1. OOOOE+OO 

1.5254E+00  1. OOOOE+Oo 

I. 70S6B+00  1. OOOOE+OO 

i.8925E+00  1. OOOOE+OO 

2.0830E+00  1. OOOOE+OO 

2.274SE+00  l.OOOOE+CO 
2. 4638E+00  1. OOOOE+OO 

2.6481E+O0  1. OOOOE+OO 

2. 8247E+00  J..  OOOOE+OO 

■2.9106E+00  i.  OOOOE+OO 
2.9106E+00  1. OOOOE+OO 

2.9959E+00  1. OOOOE+OO 

3.1637B+00  l.OOOCE+OO 
3. 3240E+00  l.OOOOE 
3.4738E+00  1. OOOOE+OO 

J. 6114E+00  .1.  OOOOE+OO 

3. 7352E+00  l.OOOCE+OC 
3. 8450E+00  1. OOOOE+OO 

3. 9409E+00  1. OOOOE+OO 

4 . 0237E+  00  1. OOOOE+OO 

4 . 0944E+00  1. OOOOE+OO 

4 . 1541E+00  1. OOOOE+OO 

4 . 2043E+00  9. 9745E-01 

4 . 2462E+00  9.7340E-01 

4 . 2808E+00  2 . 1 402E+00 

4.3094E+00  2 . 8554E+00 

4.3330E+00  3 . 1124E+Q0 

4 . 3523E+00  3.0804E+00 

4 . 3681E+00  3.0386E+00 

4.3809E+00  3.0297S+00 

4 . 3914E+00  3.0412E+00 

4 . 3999E+00  3.0S34E+00 

4.4069E+00  3.0573E+00 

4 . 4125E+  00  3.0532E+00 

4 . 4170E+G0  3 . 0481E+00 

4 . 4207E+00  3 . C439E+00 

4 . 4237E+00  3.0391E+00 

4 , 4261E+00  3 . C352E+00 

4 . 4281E+00  3.0333E+00 

4.4296E+00  3.C310E+00 

4 . 4310E+Q0  3.0379B+00 

4.4320E-00  3.3690E+00 

4 . 4328E+00  4 . 184SE+00 

4 . 4335E+00  1.1754E+01 

4 , 43'JiE+00  4 . 81 47E+01 

4 . 4345E+00  8.S473E+''! 

4 . 4348E+00  1.0386E+02 

4 . 4351S+00  1 . 0413E+Q2 

4.43S5E+00  9. 7002E+01 

4 . 4356E+0Q  9.3554E+0) 

4 . 4358E+00  9.2313£*01 

4.4353E+00  9.2313E+01 

4 . 4358E+00  9.2313E+01 

4 . 4360E+00  8 . 7365E+01 

4.4361E+0Q  6.19Q4E+01 


4.4363E+00  5.0933B+01 
4 . 4366E+00  3.8298E+01 
4 . 4373B+00  2.2982E+01 
4.4385E+00  1.7086E+01 
4 . 4404E+00  1.4903E+01 
4 . 4429E+00  1.3668B+01 
4.4459E+00  1.4037E+01 
4 . 4496E+00  1.3S78E+01 
4 . 4542E+00  J..2785E+01 
4.4597E+0Q  1.2130E+01 
4 . 4666E+00  1.1237E+01 
4 . 4747E+00  9. 9367E+Q0 
4 . 4845E+00  8.8495E+00 
4 . 4962E+00  8.1871B+00 
4.509SE+00  7.7600E+00 
4.5253E+00  7.4940E+00 
4.S429E+00  7.3223E+00 
4.5623E+Q0  7.233SE+00 
4 . 5838E+00  7.1247E+00 
4 . 6Q64E+00  7.0394E+00 
4.6298E+00  6.9616E+00 
4 . 6536E+00  6.8962E+00 
4 . 6771E+00  6. 8496E+00 
4 . 6995E+00  6. 8345E+00 
4 . 7206E+00  6.8344E+00 
4 . 7401E+00  6. W500E+00 
4.7576E+00  6. 8613E+00 
4.7730E+00  6. 8617E+00 
4 . 7802E+00  7 . 0717E+00 
4 . 7302E+00  6. 8617E+00 
4 . 7837E+00  7.0717E+00 
4 . 7908E+00  7.1235E+00 
4.7988E+00  7.1380E+00 
4  - 9076E+00  7 . 1528E+00 
4 . 8172E+00  7 . 1791E+00 
4 . 8277E+00  7.20S5E+00 
4 . 8394E+0C  7.2317E+»0 
4 . 8518E+00  7.2487E+00 
4.86S6E+00  7.2687E+00 
4.8806E+00  7.2847E+00 
4 . 8969E+00  7.50582+00 
4 . 9145E+00  7  6870E+00 
4  .  f236E+00  7. 7705E+00 
4 . 9541E+00  7. 84492+00 
4 . 9762E+00  7.89G6E+00 
4 . 9797E+00  8.2786E+00 
5.0249E+00  8.5216E+00 
5 . 0515E+00  8. 6831E+00 
5 .  CUOOE+OO  8.80968*00 
5. 1097F.+00  8 . 9284E  +  00 
5 . 1410E+00  9.0479E+00 
5. 1736E+00  9. 7615E+00 
5.2075F.+00  1.0074E+01 
5 . 2426E+00  1.0392E+01 
5.2787E+00  1.0651F+01 
5 . 3156S+00  1 . 1291E+01 
5 . 3532E+00  .V.  1837E+01 
5.391 1E+00  1.2U9E+C1 


8. S434E-02 

2.5196E-02 

1.0002E+00 

2.0454E-03 

1.79928-03 

6.4479E-01 

9.5248E-02 

2.5246E-02 

1 . 0003E+00 

2.4943B-03 

2.01128-03 

6.6437E-01 

1.0444B-01 

2.5272E-02 

1.0C02E+00 

2. 9932E-03 

2.21508-03 

6.8147E-01 

1.1399E-01 

?. 6076E-02 

9. 98',7E-01 

3.55868-03 

2.411SE-03 

6.9C59E-01 

1.2377E-01 

3.5429E-02 

9.9818E-01 

4.2237E-03 

2.  60258-03 

7.1019E-01 

X.3371E-01 

4.5327E-02 

9.9977E-01 

4.9720E-03 

2.7869E-03 

7..2241E-01 

1.4369E-01 

4.9023E-02 

9.9992E-01 

5.8200E-03  ' 

2.9810E-03 

7.3444E-01 

1.S363E-01 

5.1668E-02 

9. 9987E-01 

S.80HE-03 

3.2067E-03 

7.4748E-01 

1 . 6341E-01 

5.4644E-02 

1.0002E+00 

7 . 8986E-03 

3. 4729E-03 

7.6169E-01 

1.7295E-01 

5. 7623E-02 

9. 9966E-01 

9.1623E-03 

3. 7875E-03 

7.77048-01 

1.8216E-01 

6.0578E-02 

9. S863E-01 

1.0592E-02 

4 . 1S94E-03 

7.9345E-01 

1 . 9098E-01 

6.29836-02 

9.39Q0F.-01 

1.2222E-02 

4.5999E-03 

8.1065E-01 

1.9932E-01 

6.5041E-02 

9. 9994E-C1 

1.4088E-02 

5.1201E-03 

9.2848E-01 

2.O717E-01 

6.6827E-02 

1.C004E+00 

1. £1488-02 

5. 7311E-03 

8.46848-01 

2.1449E-01 

6.8159E-02 

1.0004E+90 

1 . 8491E-02 

6. 4480E-03 

8.6544E-01 

2.2126E-01 

6.93062-02 

9.9997E-01 

2. 1135E-02 

7.2839E-03 

8.8389E-01 

2.2749E-01 

7.02C7E-02 

9.9949E-01 

2.4095E-02 

8.2551E-03 

9. 0179E-O1 

2. 3318E-01 

7.0895E-02 

5. 9967E-01 

2.7404E-02 

9. 3777E-03 

9.1879E-01 

2..3833B-01 

7 . 1422E-02 

1 . 0004E+00 

3. 10798-02 

1.0684E-02 

3.3505E-01 

2.4299E-C-1 

7. 1421E-02 

1 . Q0Q8E+00 

3.51698-02 

1.21988-02 

9.4918E-01 

2 . 4718E-01 

7.0160E-02 

1.0008E+00 

3. 9659E-02 

1.40438-02 

9. 6300E-01 

2.5092E-01 

6 . 7038E-02 

1 . 0004E+00 

4.4614E-02 

1.63308-02 

5, 77218-01 

2.5426E-01 

6.210SE-02 

9.9842E-01 

5.00Q2E-02 

i . 8732E-02 

9.8802E-01 

2. 5724E-01 

5 . 6321E-02 

9. 9373E  01 

5 . 5855E-02 

2.0998E-02 

9.9383E-01 

2 . 5987E-01 

S.0393E-02 

9 . 8666E-01 

6.2157E-02 

2 . 2940E-02 

9.9759E-01 

2 . 6218E-01 

4 . 4598E-02 

9 . 7664E-01 

6. 8908E-02 

2. 4201E-02 

1.00018+00 

2 . 6423E-01 

3. 9329E-02 

9. 6381E-01 

7.6075E-02 

2. 5713E-02 

9. 9912E-01 

2.6602E-01 

3  -  4709F.-02 

9.4866E-01 

8. 3624E-02 

3 . 3650E-02 

9. 992CB-01 

2.6760S-01 

3.0786S-02 

9. 3181E-C1 

9.1490E-02 

4 . 6378E-C2 

9.99142-01 

2 . 6898E-01 

2 . 7519E-02 

9.14152-01 

9. 9638E-02 

5. 24578-02 

9. 9949E-01 

2. 70I9E-01 

2 . 4830E-02 

8 . 9646E-01 

7.0797E-01 

5 . 5600E-02 

1.0003E+00 

2.712SE-01 

2 . 2626E-02 

8 . 79485-01 

1.1645E-01 

S.8775E-02 

1.0001E+00 

2. 72I7E-01 

2.0829E-02 

8 . 6369E-01 

3 .24958-01 

6. 1952E-02 

9. 99488-01 

2.7247E-01 

1 . 9363E-02 

8.4925E-01 

1.3341E-01 

6. 49168-03 

9.9P'I9E.-01 

2.7369E-01 

1 . 8147E-02 

8 . 3607E-01 

3 . 4176E-01 

6.7305E-02 

9.99O+E-01 

2.T429E-01 

1.7040E-02 

S.2303E-01 

1.49916-01 

6. 91 56E-02 

9.9986E-01 

2.7482F-01 

1.5951E-02 

8 . 091 6E-01 

1 . 5777E-01 

7 , 0565E-P2 

1.0004E+00 

2.7S28E-Q1 

1.48812-02 

7 . 9446S-01 

1.65328-01 

7 . 1868E-02 

1 . 0004E+00 

2. 7568E-G1 

1 . 3812E-0? 

7, 7863E-01 

1.72498 -Cl 

7.3365E-02 

1.0003E+00 

2. 7603E-01 

1.2724E-02 

7.6121E-01 

1. 79248-01 

7.4 8158-02 

1.0004B+00 

2 . 7633E-01 

1 . 1587E-02 

7.4145E-01 

1.8554E-01 

7 . 5805E-C2 

1.0003E+00 

2 . 7660E-01 

1.Q353E-C2 

7.17898-01 

1 , 91398-01 

7.6356S-02 

9.94968-01 

2, 7683E-01 

8.94  62F.-0J 

6.8780E-0i 

1.96808-01 

7. 6702E-02 

5 . 9981E-01 

2. 7703B-01 

7 . 256OE-03 

6.45S7E-01 

2.0174E-01 

7 . 7052E-02 

1.0Q01B+00 

2 . 7720E-01 

5 . 1761E-03 

5.7769E-01 

2.0,6248-01 

7, 7024E-02 

1 . 0006E+00 

2.7735E-01 

3 . 2893E-03 

4.6368E-01 

2 . 1032E-01 

7.596SE-02 

1 . 00098+00 

2.7741E-01 

2.8746E-03 

3.7369E-01 

2.14018-01 

7.32188-02 

1.0003E+00 

FADCOd  SESULTS  (2D)  X/XPEF  -5,94 

2 . 1 730E-01 

6. 8893E-02 

9. 98498-01 

Y/XREF 

PP/PVINF 

TT/TTIfF 

2.2026E-01 

6. 3684E-02 

9. 9466E-01 

0. OOOOE+OO 

5.42) ‘E-04 

3 . 7369E-01 

2.2290E-01 

S.7887E-02 

3.8853E-01 

6. 65S4E-05 

5 . 4  si  IE-04 

3 . 8831E-0) 

2.2525E-0i 

5. 1979E-02 

9.7961E-01 

2 . 1  617F.-04 

S.7727E-04 

4.1837E-01 

2 . 2733E-01 

4. 6335E-92 

9.6793E-01 

3 . 8243E-04 

6.4566E-04 

4.529SE-01 

2 .29178-01 

4 .1239E-02 

9.54048-01 

5 . 6S29K-04 

7 . 5956E-04 

4.9086F.-01 

2. 3080E-01 

3. 6793E-02 

9.3849E-0L 

7.9S1SE-04 

9.2182E-04 

5 . 2909E-01 

2.32.73E-01 

3. 3002E-02 

9. 21 93E-01 

1.0474L-03 

1 . 1262E-03 

5 . 6447E-01 

2 . 3350E-01 

2.9S21E-02 

9.0510E-01 

1 . 3303E-03 

1.3S19E-03 

5. 9548E-01 

2 . 3461E-01 

2 . 7182E-02 

S.8860E-01 

1 .6629E-G3 

1.57878-03 

6 . 2206E-01 

2.3557S-01 

2.4  995E-02 

8.7293E-0! 

2. 36445-01 

2.3J.86E-02 

8.5833E-01 

1.1109B-01 

7.0885B-02 

9.9922E-01 

2.3719B-01 

2.1684E-02 

8 . 4495E-01 

1.1849E-01 

7. 23265-02 

9.99865-01 

2. 3784E-01 

2.0409E-02 

8. 3260E-01 

1.2578E-01 

7.3534E-02 

1.0003E+0C 

2. 3840**01 

1.92263-02 

8.2025E-01 

1. 32895-01 

7.4643E-02 

1 . G004E+00 

23892E-Q1 

1.8047E-02 

8.0706E-01 

1.39785-01 

7. 56945-02 

1.000351-09 

2. 39355-01 

1 . 6880B-02 

7.9304E-01 

1.4 £405-01 

7.6739E-02 

1.0003S+00 

2.3973E-01 

1.5709E-02 

7.7792E-01 

1.52685-01 

7.79875-02 

1.00042+00 

2.4C06E-01 

1.4S14E-02 

7.6130E-01 

1.5362E-01 

7. 94595 -02 

1.OOC4E+U0 

2 . 4035E-01 

1.32702-02 

7.4251E-01 

1.M19E-01 

8. 1039E-02 

1. 0002E+00- 

2.45flE-01 

1.1924B-02 

7.2025E-01 

1.6936E-01 

8. 25545-02 

9. 9984E-01 

2.4083E-O1 

1.0396E-02 

6.9201E-01 

1 . 7415E-01 

8.3846E-02 

l.OOOCE+OO 

2. 41035-01 

8.3582E-03 

6.5262E-01 

1 . 7854E-01 

8.43205-02 

1.0005E+00 

2. 41205-91 

6. 23485-03 

5, 8865E-01 

1.82S6E-91 

8.3185E-02 

1.0008E+0C 

2.4133E*01 

3.9360E-03 

4.7422E-01 

1. 86205-01 

8.0096E-02 

1.09055+00 

2.4141E-G1 

3 . 3S48E-03 

3.7369E-0 1 

1.89515-01 

7. 55245-02 

9. 9917E-01 

’ALCON  RESULTS  (2D)  X/XREF  -  6.09 

1.9249E-01 

6. 34505-02 

9.95915-01 

Y/XRF.F 

FP/PTINF 

TT/TTXNF 

1.9517E-01 

6.3S06E  -  02 

9.9O48E-01 

0 . 4000E+00 

4.8261E-04 

3.7369E-01 

1.9 7562-01 

5.7756E-02 

9.8277E-01 

6.64355-05 

4. 8575E-C4 

3.86475-01 

1.9971E-01 

5.1866E-02 

9.72505-01 

2 . 1617E-04 

5 . 1043E-04 

4.1286E-01 

2 . 0i60E-Ci 

4 . 6445E-02 

9. 5990E-01 

3.82482-01 

5. 6449E-04 

4.433SE  01 

2.0330E-01 

4.1627E-02 

9.4941E-03 

5.6539E-04 

6.S533E-04 

4 . 7739E-01 

2.0480E-0] 

3.7439E-02 

9.2968E-01 

7.81S1E-04 

7. 8754E-04 

5.1281E- Ci 

2. C611E-01 

3. 3876E-C2 

9.1346E-01 

1 . 0309E-03 

9.59132-04 

5.4S76E-C1 

2 . 0729F.-01 

3. 08715-02 

8.3733E-01 

1 . 3136E-03 

1. 15595-03 

S. 71365-01 

2.0832E-01 

2 . 8364E-02 

8. 87  825-01 

3.6295? -03 

1 . 3578E-03 

O.0407E-01 

2.P922F.-03 

2.  6278E-02 

8.6726E-01 

1 . 99S4P.-03 

1 . 5556E-03 

6.2717E-01 

2.1003E-01 

2. 4547E-02 

8. 5384E-03 

2 . 4112E-03 

1 . 746C2-03 

6.4718E-C1 

2 .10732-01 

2 . 3108E-02 

8. 4167E-01 

2.8934E-03 

1 . 92805 -03 

6. 6$ bD^-01 

2 .11.355-01 

2 . 1820E-02 

8.299.7E-01 

3. 4421C-03 

2.1022E-03 

6.8006E-0J 

2..i  190E-01 

2.05F3S-02 

8.1765E-01 

4.C574E-03 

2 . 2699E-03 

6.93835-01 

2. 1 236E-CX 

1. 93235-02 

0.0467E-01 

4.  7558E-03 

2 . 4299E-0 5 

7.0596E-01 

2.1273E-01 

1.80943-02 

7 . 90385-01 

S.5539E-03 

2 . 5954E-03 

7. ISOOE-Cl 

2.131 45-01 

1.S9S3E-P? 

7. 7605E-C1 

6. 4685E-03 

2 . 7839E-03 

7. +0715-01 

2.1348E-01 

! .  5608E-02 

7 . 5981E-01 

7 . 4994E-93 

3.0011E-03 

7.4433E-01 

2.1376E-01 

1 . 43Ci£-02 

7 . 4130E-01 

8.6800E-03 

3 , 2528E-03 

7 . S887E- 01 

2.1399E-01 

3  . 289CE-02 

7.1991E-01 

9. 9937E-03 

3 . 54b0E-03 

7.7431E-01 

2.*421fc-0’ 

1.12515-02 

6. 327CE-01 

1.1490E-02 

3.8897E-03 

7.9063E-01 

2. 14415-01 

9 . 36315-03 

6. 54825-03 

1.3186K-02 

4.2939F.-03 

8.07755-01 

2.1457E-01 

6. 3982E-03 

5 . 9324E-01 

1.5QB2E-02 

4 . 77088-U3 

8 . 2SS5E-U1 

2.1471E-01 

4 . 3430E-03 

4 . 797  IE-01 

1 . 7227E-02 

5 . 33J6E--03 

8.4371E-01 

2 .  H77E.-CJ 

3. 6695E-03 

3. 7769E-C1 

1.9621E-02 

5. 9968E-C' 

8  6186E  01 

FAtCON  RESULT 

S  !20)  X/XPF.F  *•  6.23 

2.2299E-02 

6.7712E-03 

8.7970E-01 

Y/XRBF 

PP/PTXKF 

Trj'Tf  INF 

2.5275E-02 

*.  .6806E-03 

8. 9694F.-01 

C.fl000£+00 

1.7824E-03 

3.7369E-01 

2.85645-02 

8. 7333E-03 

9.13705-01 

6 . 650SE-05 

I  78245-03 

3 . 96595-01 

3.222SE-02 

1 . 0025E-0? 

9..30S6E-01 

1.99465  -04 

1 , 7818E-03 

4.47.86E-01 

3. 625QE-02 

1.1448E-02 

9. 4668E-01 

3.6578E- 04 

1  7851F-03 

4 . 8772E-01 

4.0640E-02 

1 . 31425-02 

9.6106E-01 

5. 48695-04 

1. 79945-03 

5. 31655-01 

4  S429E-02 

1.3173K-C2 

9. 7113F.-01 

7. C4S5K-04 

1. 83236-03 

3. 749jE-01 

5.  QCOUE-02 

1.38285-02 

9.8169E-01 

9.97625-04 

1 .89145-03 

6. 1241E-07 

5. 6154E-02 

2.7584E-02 

9 . 9003P-01 

1 . 2637S-03 

1 . 9823S-03 

6. 426CE-01 

6.2090E-02 

4 . 2859E-02 

9.9768E-01 

1.57S7E-03 

1 . 1054E-03 

6. 6554E-01 

6 . 839)2 -02 

5.3491E-'" 

’  0001E+09 

1.91223-03 

2.2616E-C3 

6. 82495-nl 

7. 499)8  -02 

5 . 7923E-02 

9 . 9967E*  01 

2.31136-03 

2.4519E-03 

6. 9523F-G1 

8.1S73E-:>2 

6.06822-07 

9 . 9962E-01 

2. 76025-03 

2.6C07E-03 

7.058  +''-01 

8.89332-02 

6 . 3652E-02 

9.93445-01 

3. 2S92E-03 

2 . 9S11E-03 

7 . 1 565E-07 

9.62788-02 

6 . 6518E-02 

9.9919E-0. 

3 .84125-03 

3. 2642E-03 

7. 25235-01 

1.035CE-01 

6. 9035E-02 

9. 3891E- 01 

4 . 4897E-03 

3.63535-03 

7.35575-01 

i 


S.2047E-03 

4.0669E-03 

7.4650E-01 

1 . 7568E-01 

1.92732-02 

7.7672E-01 

6.0361B-03 

4 1 5722F-03 

7.5809E-01 

1.7599E-01 

1.7909E-02 

7.6129E-01 

6.SS73K-03 

5.1TSSE-C3 

7. 7055E-01 

1.76262-01 

1.6486E-02 

7. 43943-01 

8.0149E-03 

5.95333-03 

7.85072-01 

1.76498-01 

1. 49516-02 

7.2358E-01 

9.1955E-03 

6. 9753E-03 

8.0232E-01 

1. 7871E-01 

1.3214E-02 

6. 9810E-0) 

1.0509E-02 

8.2443E-03 

8.2056E-01 

1. 7689E-01 

i.U22E-02 

6.62992-01 

1.1989E-02 

9.8418E-03 

8.401.E-01 

i.  7704F.-01 

8.3362E-03 

6.0578B-01 

1.36358-03 

1.1857E-02 

8.6176E-01 

1.7719E-01 

5.2829E-03 

4.9403E-01 

1.34818-02 

1. 43842-02 

8.8  717E-01 

1.7726S-01 

4.3144E-03 

3. 7369E-01 

1 . 7543E-02 

1.74691-02 

?. 1413E-01 

FALCOK  RESULTS  (2D)  X/XREF  *  6.37 

1.9821E-02 

2.1152E-Q2 

9. 3811E-01 

T/XREF 

PP/PTINF 

TT/TTXNF 

2 .2349E-02 

2.4760E-02 

9. 5328E-01 

O.OOOOE+OO 

2. 8001E-03 

3. 73S9E-01 

2.5125E-02 

2.5921E-02 

9. 6394E-Q1 

6. 6503E-C5 

2.9148K-83 

4.3744E-01 

2.8169E-02 

2.9416E-02 

9. 8559E-01 

2.1621E-04 

3.4970E-03 

S.3803E-01 

3.1494E-02 

3.S263E-02 

9.8937E-01 

3. 8248E-04 

4.2058E-03 

6.1168E-01 

3.SU9E-02 

4. 1864E-02 

9. 96222-01 

5. 8199E-04 

4,-855  3E-03 

6.6101E-G1 

3. 9043E-02 

4.8387E-  02 

9.9842E-01 

7.98213-04 

5.4483K-03 

e  asoit;_oi 

4.3250E-02 

5. 3825E-02 

9. 9825E-01 

1.0310E-03 

6.C047E-03 

1 . 2229E-01 

4.7757B-02 

5.8731.S-02 

9. 9775E-01 

1.2970E-03 

6.S363B-03 

7.4330E-C1 

S.2546E-02 

6.3293E-02 

9.9790E-01 

1.6130E-03 

7.0592E-03 

7. 6076E-01 

5. 7601E-02 

6. 7257E-02 

9. 9877E-01 

1 . 96226-73 

7.5881E-03 

7. 7580B-01 

6.2889E-02 

7.0423E-02 

9. 9881E-01 

■2.3613E-03 

8.1355E-03 

7.8912B-01 

6.8376E-02 

7.296OE-02 

9. 3940E-01 

2.7935E-03 

8 . 7121E-03 

8.0120E-DI 

7 . 404CK-02 

7.  .91152-02 

1 . 0G03Et00 

3. 2924E-03 

9. 3297E-03 

8  - 1236E-01 

7 . 9816E-02 

7 . 6948E-02 

1 . 0005E+00 

3. 8578E-03 

9.9943E-03 

8.2281E-CI 

0.568SE-02 

? . 8676E-02 

1.00Q4E+00 

4 . 4897E-03 

1 . 0733E-02 

8 . 3291"-0J 

9. 1573E-02 

8.0447E-02 

1 . 00012+00 

5. 1881E-03 

1 . 1638E-02 

8.4373E-01 

9. 7426E-02 

8.21P5E-G2 

1.0001E+00 

5 . 9863E-03 

1 . 2820E-02 

8 . S590E-01 

1.0321E-01 

8.3842E-02 

1 . Q001E+30 

6. 8842E-03 

1 . 4358E-02 

8 . f 939E-01 

1 . 9887E-01 

8 . 5423E-02 

1..0002E+OP 

’. 8819E-C3 

1.6337E-02 

8. 83682-01 

1 . 1437E-0X 

8.6858E-02 

1.0002E'00 

8 . 9959E-03 

1.88578-02 

8  9878E-01 

1 . 1966E-0X 

8.8016E-C2 

1 . 0003F+00 

1. 32402-02 

2. 2049E-02 

3.1<l383-0i 

i . 2471E-01 

8.9013E-02 

1.00043+00 

i . 1 623E-C2 

2.601 9E-02 

9.3013F  01 

1 .2950E-01 

9 . G028E-02 

1.0003F.+00 

1.3170E-02 

2 . 0869E-02 

9. 4546E-01 

1.3401E-01 

9. 1.073E-02 

1.00002+00 

1 . 4887E-C2 

3 . 665SE-G2 

9.5926E-01 

1.3B23E-Q1 

9.2007E-02 

1  .Qri02£+00 

1 . 6761B-02 

4 . 3427E-02 

9.7096E-0) 

1 . 4216E-01 

9.2380E-C2 

1.C004E+00 

) .88408-02 

5 . 0952E-02 

9. 8124E-01 

1.4578E-Q1 

9.1168E-02 

1 .0007E! 00 

2. 11182-02 

5.8981E-02 

9. 8987E-01 

1.491 1E--01 

8 . 8200E-C-2 

1 . 0004E+00 

2.3  6296-02 

6.6410E-02 

9. 9641K-01 

1.5217E-01 

3.3810E-03 

9. 9912E-01 

2. 63552-02 

7  16772-02 

9 . 99S9E-01 

1  .  5494P.-01 

7 . S333E-02 

9.9536E  -01 

2.9299E-02 

7.31142-02 

9. 99P4E-01 

1.5745E-01 

7.2256E-02 

9. 9072E- 01 

3.2492E-02 

6.  7334E  -02 

9 . 9891E-01 

1.S973E-01 

6.S967E-0? 

9. 8312E-01 

3 . 59342-02 

6.1478E-02 

9. 9759E-01 

1.S179F-01 

5.98212-02 

9.7304E-01 

3. 9S92E-02 

5.61552-02 

?. 9971B-01 

1 .  6364E-01 

5.4057E-02 

9.6229E-01 

4 , 3500E-02 

5.971  IB-02 

1 . 0007E+00 

1 . 6529B-01 

4. 6834E-02 

9. 4905E-01 

4 . 7624E-02 

6 . 2883E-02 

9.9929E-01 

1 . 6677E-01 

4.  4193E-02 

9.3464E-01 

5.19472-02 

6. 6912E- 02 

i.OOOSEi-OO 

1 . 6608B-01 

4 . 0166E-02 

9.) 9626-01 

5.64506-02 

7.0692E-02 

9. 9999E-01 

1.6926U-01 

3. 6707E-02 

9.C44SE-01 

6.110SE-02 

7.  M98E-02 

1 . 0002E+00 

1 . 7P31E-0 l 

3.377SE-02 

8 . 8963E-01 

6 . 5898E-02 

7.80772-02 

9 . 998CE-01 

1.7X24E-01 

i . 1293E-0? 

6 .75442-01 

7.0767E-02 

8 .13518-02 

9. 99732-01 

1 . 720SE-01 

2.9201E-02 

S.6212E-01 

7 . 5726E-02 

8  42S9E-C2 

l .00012+00 

1.7279B-01 

J.7434E-0? 

S.4979E-C1 

8.0681E-02 

8.6780E-02 

1 . 0003E+00 

1.7343E-01 

2.5938E-02 

8 . 3850E-0X 

8. 56. -66-02 

8 . 894  90-02 

1 . 0001F<  00 

1.7400E-01 

2.4S63E-07 

8. 2752E-01 

9. G508E-02 

9.C897E-02 

1 .00028+00 

1.7450S-01 

2.32S2E-02 

8.16022  01 

9.53.UE-02 

9 . 2723E-C2 

1 .0003R.UO 

1.7495K-01 

2.1329E-0? 

8.03802-01 

9. J97CE-02 

9. 4305E-02 

i  ooo2r>oo 

1.753SB-01 

2.0606E-02 

7.9077F.-C1 

1.0448E-  Ci 

9.57696  02 

1 . 00046+00 

1 .  088QE-01 

9.699'E-02 

1.00048+00 

1.069IE-02 

4.1477P.-02 

9.5U5E-  01 

1 . X2S2B-01 

9. 8O49E-02 

1  C001E+00 

1.210SE-02 

4.7939E-02 

9. 6385E-01 

1 . 1681E-01 

9.8839E-02 

1.0002E+00 

1.3S52E-02 

5.5243E-02 

9.7482E-01 

1.2049E-01 

3.9205E-02 

l.OOTSE+OO 

1.53812-02 

6.3134E-02 

9.8402E-01 

.1.23916 -91 

9.9415E-02 

1.CO10E+0C 

1.72608-02 

7 . 1236E-02 

9. 9121E-01 

1.2711E-01 

9.5265E-02 

1.0008E+00 

1.9339B-02 

7.9057E-02 

9. 9572E-01 

1 . 3007E-01 

S.0534E-U2 

9.9956E-01 

2.1600E-02 

8.5981E-02 

9. 9846E-Q1 

1.3279E-01 

8.4881E-02 

9.969SF.-01 

2.4061B-02 

9.1189E-02 

9.9915E-01 

1 -3S29E-01 

7.8667E-02 

9.924SE-01 

2.6738E-02 

9.3959E-02 

9.9899E-01 

1 . 3758E-01 

7. 22425-02 

9.8627S-01 

2.9632B-02 

9.5113E  02 

9.9949E-01 

1.3966B-01 

6.3869E-02 

9. 7809E-01 

3.2725E-02 

9.56S9E-32 

1.0004E+00 

1 . 4154E-01 

5. 9841E-02 

9. 6789E-01 

3.6D34E-02 

9.5791E-02 

1.0012E+00 

1.4325E-01 

5.42765-03 

9.5589E-03 

3.9542E-02 

9.6733E-C2 

1 . 0005E+00 

1 . 4478B-01 

4.9297E-02 

9.4249E-01 

4.3250E-32 

9.64SSE-C2 

9. 99996-01 

1.4618E-01 

4.49108-02 

9.2827E-01 

4.7141E-02 

9.4026E-02 

1.3013S+OO 

1.7743E-01 

4.1103E-02 

9.1371E-01 

5.1182E-02 

8.73832-02 

1.0008E+00 

1.4S54E-01 

3. 782SE-02 

9.9926B-01 

5.5377E-02 

7.98776-02 

1.0008E+00 

1.4954E-01 

3.50] 5E-02 

8.8524K-01 

5. 9679E-02 

7.8998E-02 

1.001 $8+30 

1.5042E-01 

3.2SUE-02 

0.7184E-01 

6.4069E-02 

8.1041E-02 

l.OOOOE+OO 

1.5122E-01 

3.0556E-02 

8.S921E-01 

6. 8509E-02 

8.4752E-02 

1.0010S+00 

1.5193E-01 

2.8797E-02 

8.4744E-01 

7.2949E-02 

8. 7937E-02 

1 .  OOOSE+OO 

1 . 52S7E-01 

2.  7289E-02 

8. 3658E-01 

7. 73896-02 

9.06756-02 

1.0010E+00 

i . 5313E-Q1 

2.S921E-02 

8. 26066-01 

8.1 778E-02 

9.2971E-02 

1.0011S+00 

1 . S363E-01 

2.4581E-02 

8.1509E-03 

8.6065E-02 

9. 46525-02 

1 . 00085+00 

1 . 5406E-01 

2.3240E-02 

8.0342E-01 

9.0275E-02 

9.6450E-C? 

1 . 0009F.+00 

1.5446E-01 

2.1891E-02 

7.9393E-01 

9.4316E-C2 

9.7746E-02 

I.OOOBEyOO 

1 ■ 5431E-01 

2.0524E-02 

7. 7744E-01 

9.8207E-0 2 

9  8636E-C2 

1.0008E+00 

1.S611S-01 

1.91176-02 

7. 6260E-01 

1.0192E-01 

9 . 9222E-02 

1 . 0008E+00 

1 . 5539E-01 

1.7644E-02 

7 . 4591E-01 

1.0542B-01 

9. 90866-02 

1 . 0004E<  00 

1 . 5563E-01 

1 . 6‘jS0F-02 

7 .2635..  01 

1.0873E-01 

9. 7175E-02 

1.0&C7E+00 

1 . 55B4E-01 

1 . 4247E-02 

7.0200E-01 

1.1183E-01 

9.3503E-02 

9. 9981E-01 

1.5602B-0i 

1 . 2067E-02 

6.6859E-01 

1.1472E-01 

8.8668E-02 

9. 9851E-0i 

l.SSi9B-Cl 

9.1702F-03 

6.14038-0.1 

1.1740B-01 

b . 3086E-02 

9. 9522E-01 

1. 56348-01 

5 . 7071E-03 

5.0442E-01 

1 . 1986E-01 

7.7099E-02 

9 . 9003E-01 

1 . 5642E-01 

4,511 9E-03 

3.7369E-01 

1 . 2212S-01 

7.1064E-02 

9 . 8351E-01 

FllLCON  RESULTS  (201  X/X REF  «  6.51 

1.2420E-U1 

6.S2C7E-02 

9.7492E-01 

Y/XREF 

PP/PTINE 

TT/TTINf 

1.2609E-01 

5 . 9645E-02 

9. 6471E-01 

O.OOOOE+OO 

4 . 3856E-03 

3.7369E-91 

1.2781E-01 

•5.4495E-02 

9.5309E-01 

6.65052-05 

4 . 8164E-03 

4.7246S-01 

1.2935E  91 

4 . 9818E-02 

9. 9031E-01 

1.9946B-04 

6. 3653E-03 

5. 8950E-01 

1.3077E-01 

4.56475-02 

9.2672E-01 

3.4S13E-04 

7.8176E-03 

6.S669E-01 

1 .3203E-01 

4.1S71E-02 

9.1270E-01 

5. 3209E-04 

S.0366E-03 

6. 9838E-01 

1 . 3316E-01 

3.8758E-Q2 

8.9862E-01 

7. 31S5K-04 

1 .0097E-02 

7.2799E-01 

1 . 341 9E-01 

3..S963E-02 

0. 84786-01 

9-  64 3‘!E  -04 

1 . 1069E-02 

7.5104B-0J. 

1.3511E-01 

3.3533E-02 

8.7139E-01 

1.2138E-03 

1.1974E-02 

7.7014E-31 

1..3S92E-01 

3. 1421E-02 

8.5858E-01 

1.496SE-03 

J.2872E-02 

7.86642-01 

1.3S65F.-01 

2.95826-02 

8.4647B-01 

1. 81256-03 

1.37776-02 

8.0132E-01 

1 . 3730E-01 

2.797SE-02 

6. 351  IE-01 

2.1783E-03 

1.4707E-0 2 

8.1404S-01 

1. 37882-0 1 

2 . 65  75E-02 

S.2451F.-01 

2 . 54392-03 

1.5673E-02 

0.2687E-01 

1.38416-01 

2. 5293K-02 

8. 1425E-0I 

3.0596E-03 

1 . 6691E-02 

8.3824E-01 

1.38866-81 

2.4034E-C2 

8 . 03641 -01 

3.57508-03 

). 7760E-02 

8,43788-01 

1.39/.iK-01 

2  2760E-02 

!. 42295-01 

4 . 5  57CE-03 

i .  6956E-02 

■3.5915E-G1 

1.39S5S-01 

2. 1467E-02 

7.8010E-01 

4.80S5E-0J 

2.0423E-02 

8.7027E-0] 

1 . 3996E-0S 

2.014  >6-02 

7 . 5691E- 01 

5.53718-03 

2.2293F.-C2 

8. 82466-01 

1.4024E-01 

1.V781E-02 

7.52396-01 

6 . 35196-03 

2. 4660E-0? 

8 . 95S5E -01 

1.40518-01 

1 .734.7E-02 

J.3598E-01 

7.26C5E-03 

2.  76-14EJ02 

9. 0938E-01 

1.40T3S-01 

1.5772E-02 

>.16636-01 

3.297SE-03 

3 .  1  369K-02 

9  7349E-01 

1. 40936-01 

J  .  39831  -9? 

6.92365  -  01 

4.4282F.-03 

J. 59346-02 

7  ■  3752E-01 

1 . 41 llE-Oi 

1  . 1899E-02 

6.54806  01 

1.4126E-01 

8.9362E-03 

6.0395E-01 

1 . 0790E-01 

6. 649SB-02 

9.8477E-01 

1 . 4139E-01 

S.6059E-03 

4.9J35E-01 

1 . 1018E-01 

6.1906E-02 

9. 7713E-03 

1 .  -314SH-01 

4.5294E-03 

3. 7369E-0I 

1. 12278-01 

5.74208-02 

9.69108-01 

FALCON  RESULTS  <2D)  K/XRSF  -  6.65 

1.1419E-01 

5.3133E-02 

9.5774E-01 

Y/XRBF 

PP/PTINF 

TT/TTINF 

1.1S95E-01 

4.9102B-02 

9. 4615E-01 

0. 0000E+00 

4 . 6001E-03 

3.7369E-01 

1.17558-01 

4.53798-02 

9.<3354E-01 

'6. 6505B-05 

5.3864E-03 

4. 8662E-01 

1 . 1899E-01 

4.1984E-02 

9. 2023E-01 

1 . 995CE-04 

7 . 9071E-03 

6.0049E-01 

1.20312-01 

3.8915E-02 

9.0652E-01 

3-4918E-04 

1. 31612-02 

6. 6120E-31 

1.21498-01 

3.61725-02 

8.9267E-01 

5.1544E-04 

1 . 1923E-02 

G.9871E-01 

1 . 2255E-01 

3.3713E-02 

8. 7891E-01 

7.  .’.505E-04 

1.3373S-02 

7.2574E-01 

1-2352E-01 

3. ,15312-02 

8. 6545E-01 

9. 3122E-04 

1 . 4647E-02 

7.4  722E- 01 

1 .243FE-Q1 

2.95825-02 

8. 5241E-01 

1 . 18C6E-03 

1.5821E-02 

7. 6537E-01 

1.2515E-01 

2. 7847E-02 

8.398BE-01 

1.4467E-03 

1.6941F.-C2 

7.81 35B-U1 

1 . 2583E-C1 

2.6303E-02 

8.2795E-01 

1 , 7626E-03 

1 . 8035E-0? 

7. 9579E-01 

1.2644E-01 

2. 4927E-02 

8.3  666E-01 

2.0951E-03 

1 . 9123E-02 

8.09075-01 

1 . 2701E-01 

2.3701E-02 

“ .C604E-01 

2. 4942E-03 

2.0216E-0? 

8. 2139E-01 

1.2 '49E-01 

2.2584E-02 

7 . 9591E-01 

2.9266E-03 

2.1329E-02 

8.3292E-01 

1 . 2792E-01 

2 , 1 495B-02 

7.8556E-01 

3.425  4E-03 

2.2455E-02 

8. 4362E01 

1. 28328-01 

2.0380E-0 2 

7.744 ‘E-01 

3. 9742E-03 

2 . 3692E-02 

8. S429E-01 

1.20678-01 

l. 92398-02 

7. 6250E-01 

4 . 5894E-03 

2 . 5169E-02 

8. 6576E-01 

1 -2897E-01 

1.8065E-02 

7.49S3E-01 

5.2713E-03 

2 . 6943E-02 

8.77975-01 

1 . 2925E-01 

1 . 6838E-02 

7. 3517E-01 

S.7528E--03 

2 . 9077E-02 

8  9081E-01 

1.23498-0! 

1. 55308-02 

7.1894E-01 

6. 9009E-03 

3. 16S0E-02 

9.0409E-01 

1 . 2970E-01 

1-4088E-02 

6. 9942E-01 

7 .  f 653E-03 

J.4745E-02 

9. 1 744E-01 

1 . 2990F.-01 

1.2423E-02 

6  - 7480E-01 

8 . 929SE-03 

3.8452E-02 

9 . 304  7E-01 

1.3007E-01 

1. 03838-02 

6.  4042^.  -01 

1 . 01105-02 

4.28708-02 

9.4294E-  01 

1.30228-01 

7.7105B-03 

5. 8398L-01 

1 . 1424E-02 

4.8058E-02 

9.5469E-C1 

1 . 3035E-0] 

4 . 8424E-03 

4.774  4E-C1 

1.2870E-02 

5 . 4038E-02 

9. 6567E-0) 

1.30428-01 

4 . 0485E-03 

3. 73695. -0& 

1.4467E-0? 

6. 0809E-02 

9.7605E-01 

FALCON  RESULTS  (20)  X/XRFF  -  S.  70 

1.6229E-02 

6 . 82G0E-02 

9. 8498E-01 

Y/XRLF 

PP/PTiSF 

TT/TT1NF 

1 . 8142E-02 

7 . 63545-02 

9.91 75E-01 

0 . COOOE  >00 

4.6399E -03 

3. 7363E-91 

2.0237E-02 

8.44708-02 

9.9552E-01 

>83  6554E-05 

S.5511E-03 

4.S252E-01 

2.251SE-02 

9. 32755-02 

9. 9  775E- 01 

/'  2 . 1 81  7E-01 

f.  32058-03 

6.04435-0; 

2. 4976E-0? 

1 .0225E-0’ 

9.99/ie-o; 

/  3. 6583E-04 

1.0733E-02 

6.62545-01 

2.76365-02 

1. 0968." -01 

1.0a04S»03 

5 . 3209E-04 

1 . 2594F.-02 

6.9836R-01 

3 . 0480E-02 

1 . 1530E-01 

l.COOOE‘00 

7.  . $58-04 

1 . 41205-02 

7.2418E-0.1 

3. 352  'L. 

1.1896E-01 

9. 9952E-01 

0. 64425-04 

1. 54628-07 

7.4  1  775-01 

3 . 6732E-02 

1 .2092E-01 

9. 996SE-01 

1  . 21  08F.-03 

l .  6  S98E-07 

7. 6221E-01 

4 -0124E-Q2 

1 . 2230E-01 

9. 5969E-01 

1 . 4S65E-03 

1.78745-02 

7.7759E-0) 

4.  3S83»G2 

1 . 2291E-01 

1 . OOOOE+OC 

1.79598-03 

1 . 9021S-02 

7.  9154E-01 

4.7391E-02 

1 . 231  IE-01 

1 .0002E»-00 

2.16!  7E  -03 

2.01555-02 

8. 0-1 3  7E-01 

5. 121SE-02 

1.23842-01 

9. 9981E-01 

2.S.6O7E-03 

2.12872-02 

8 . 1 fi iCK-01 

51 40E-02 

t  .21255-01 

1 . 0CC8E»GQ 

3 . 0097E-03 

2  24375-02 

6 . 2  7485-0 1 

5. 9131E-0? 

1 .18718-01 

1 . 0003K+00 

3.5085E-03 

2.  J578E-02 

9.3794E-01 

6.  3188F.-02 

l . 159SE-01 

1.OO1-6E.O0 

'  . 0573E-03 

?  483SE-C2 

8 . 48498-0 1 

6. . 24SE-C2 

1 .11228-01 

1  .G02  7E‘00' 

-> .  6S92E-03 

2. 6323E-.3' 

8.59895-01 

7.128o£-02 

! ■ 0380E-01 

1  .OG01E*OC 

6  "'75E--0 ' 

7 , 8086E-02 

8721 OE- O’ 

7. 5J77E--2 

9. S506E-02 

9. 9985E-01 

6. 1 691E-03 

3. 0180F.-02 

8.R501!'-01 

7.92GIE-02 

8. S124E-02 

9.99B1K-01 

7.0504E-03 

1.2i  ....  02 

8 . 9S47E-C1 

8.3026E-C2 

8. 6S93E-32 

1 .00005*00 

8.0149E-03 

I  5 623F.-C2 

9. 1 221E-01 

8 . 6734 E  02 

t .  6122E-02 

! .00085*00 

9. 09S6E-01 

3.91965-02 

9. 75665-01 

9.0292E-C? 

8 . SI  835-02 

1  .30125. 00 

1  02935  02 

4. 31 78? -0? 

9. 3U1 9E-01 

9.3684E-02 

8.  4  250E-02 

1  0019E»CO 

l-lS(i>E~Q7 

4.78695-02 

9. 51 89E-01 

9. 6894E-0? 

8.2267C-02 

9.9921E-G1 

t  .  30  >ni.;-0  f 

5.3183E-02 

9.632155-01 

4. 993  7E-02 

7.927SE-0? 

9..  47795-01 

1  .  4C-83E-02 

5 . 90965-0? 

9,730)5-01 

1 .0273E-01 

7.54  3SE-0? 

9.44A2E-C' 

1 . 64455-02 

6.55265-02 

3. PI  1  IE-01 

’  n'iME-O! 

7.1  102E  02 

9. 90365-0! 

1  .  9358E-,'2 

7.22875-0 2 

9.67  795-01 

A2S3 


?, 04708-02 

7 . 9058E- 27 

9. 9296E-01 

0. OOOCE+OO 

t 

l.OOQOE+OO 

2. 37<eE-02 

8.5bS5E-02 

J  9681E-01  . 

6.8827E-04 

5.4476E+00 

2.5209E-02 

9. 1618E-02 

9 . 9942E-01 

2.15  '3B-03 

5.C597E+00 

2.7S53E-02 

9. 6641E-02 

1 . 0C12E+OI 

4.0054E-03 

4 . 3464E+00 

3 . 0696K-02 

9.9936f>02 

1 . 0018E+00 

6. 1641E-03 

4.0463E+00 

3.3722E- 02 

1.0158E-01 

1 . C01CE+00 

8. 7435E-03 

3.8650E+00 

3. 6915B-02 

1 . 0222E-01 

1 . 0002E+00 

1.182SE-02 

3.7032E+00 

4.0291E -02 

1 . 0273E-01 

9. 9982E-01 

1.S505E-02 

3.5913E+00 

4.3816E-C2 

1.0391E-01 

1.0000E+00 

1.98992.  02 

3.5082E+00 

4.7491E-02 

1 . 0641E-01 

9. 9996E-01 

2.5145B-02 

3 . 4424E+00 

5. 1299E-02 

1.1004E-01 

1.0001E+00 

3.1401E-02 

3.3737E+00 

5.S190E-02 

1.1391E-01 

1.0006E+00 

3.8862E-02 

3.3270E+00 

S.9147E-02 

1.1704E-01 

9. 9980E-01 

4 . 7753E-02 

3.2888E+00 

6.315SE-02 

1 , 1880E-01 

9. 9921E-01 

5.8339E-02 

3-2560E+00 

6.7179E-02 

1 . 2001E-01 

9.9S3it-0’ 

7.0933E-02 

3.2210E+00 

7.11R6E-02 

1 . 2046E-01 

9.9931E-01 

8.5899E-02 

3.195'E+OC 

7.51 44E-02 

1 . 2076E-01 

9.9923E-01 

1.0366E-01 

3.1736E+00 

7. 903SE-02 

1.2048E-01 

9. 990SE-01 

1 . 2471E-01 

3. 1502E+00 

8.2843E-02 

1 . 1962E-03 

4.9972E-01 

1.4962E-01 

3.1326E+00 

8 . 6518E-  02 

1 . 1 74SE-01 

1 .  O009EtC0 

1.7902E-01 

3. 1159E+C0 

9.  0043E-02 

1.1288E-01 

1 . 0021E+00 

2. 1364E-01 

3.1005F.+00 

9. 3418E-02 

1.0364E-01 

1.0037S+00 

2. 5428E-01 

3.0880E+00 

0.  S628E-02 

9.  1784E-02 

9.  92C3E-01 

3.0186E-01 

3.0749E+00 

9.9637E-02 

8-0031E-02 

9.8822E-01 

3.9728E-01 

3 . 0651E+00 

1.0248E-01 

£. 9515E-02 

9. 8683F.-01 

4.2160E-01 

3.0544E+00 

1.0512E-01 

6.1900E-02 

3. 7874E-C1 

4 . 3578E-01 

3  04  65E*00 

1.0760E-01 

3 . 53S2E-02 

9.6992E-01 

5.8085B-01 

3 . 0382E+00 

1  0988E-01 

5 . 0346E-02 

9.5991E-01 

6.7767E-01 

3.0318E+00 

1.1198E-03 

4 . 601 9E-02 

9. 4874E-01 

7.8702E-01 

3.0252E+00 

1 , 1 390E-01 

4 . 231  IE-02 

9.3607E-01 

9.0937E-01 

3 . 0202E+00 

1.1565E-01 

3.8928E-02 

9 . 223SE-01 

1 . 0449E+00 

3.0150E+00 

' . .1 726E-01 

3.6060E-02 

9.0884F.-01 

1 . 1 933E+00 

3.0112E- 00 

1 . 1873c.-  01 

3.3496E-02 

8. 9520E-0i 

1.3538E+00 

3.0072E900 

1 . 2004E-01 

3.1219E-02 

8.6157E-01 

1 . 5250E+00 

3.OO43E+O0 

1.2124R-01 

2. 9185E-C2 

8.681SE-01 

1.7052E+00 

3.0015E+00 

1.2232F.-01 

2 . 7364E-02 

8 , 5503E-01 

1 . 8°70E+00 

2. 9992E+00 

1.2328E-01 

2.S72QE-02 

8.4231E-C1 

2.082.8E*00 

2. 9893E+00 

1.243  66- 01 

2.4236E-02 

8.2996E-01 

2 . 2739E+00 

2. 9  734E+00 

1 . 2495E-01 

2.2895E-02 

8.17988-01 

2 . 4  632E+00 

2.9781E+00 

1 . 2564E-01 

2.1680E-02 

8 .0646E-01 

2.6474E+00 

2. 996SE+00 

1 .2628E-01 

2. 05766-02 

7.9547E-01 

2. 8240E+00 

3 . 0282S+00 

1 . 2682E-0 1 

1.9574E-0? 

7.8504E-01 

2 . 9100F.»00 

3 . OS99E+GO 

1 .2732E-01 

1  . 86u.'2-02 

7 . 7518E-01 

2. 9100E+00 

3.0282E+00 

1 .2777E-01 

1.7790E-C2 

7.6S41E-01 

? . 97882+00 

3.0599E+00 

1.2817E-01 

1.6894E-0? 

7 . 5501E-01 

3.1207E+00 

3 . 1480E+00 

1 .28348-01 

1 . 5960E-02 

7. 4371E-01 

3.2691E+00 

3 . 1 693E+00 

1 .2885E-01 

1 .4982E-02 

7.3132E-01 

3. 4205E+OO 

3.1737E+00 

1 . 2912E-01 

1.3945E-02 

7. ' 746E-01 

2 . 5705E+00 

3 . 1 743E+00 

1. 2937E-01 

i .28222-02 

7.014SE-01 

3 . 71 66E+00 

3. 1733E+00 

1 . J960E-01 

l . 1S6SE-02 

6. 8703E-0i 

3 . 8540E+00 

3. 1725E+00 

1  2980E-01 

1 .01C’.£-02 

6.971  IE-01 

3 . 9805F.+00 

3.1  ',?4E*00 

1.2997E  " 

8. 29938-03 

6.21S6E-01 

4.09442*00 

3.1734E+0O 

1 .3013E-01 

6.0193E-03 

5.6322E-Q1 

4. 1950E+00 

3.174-7EIC0 

1 . 302  JS-01 

3 . 8354E-03 

4.6015E-01 

4 .  2825E+00 

3.1  .’57E+00 

1 . 3033E-01 

3 . 3233E-03 

3.7369E-01 

4.3570Et0f 

3.i768E+00 

FALCON  RESULTS  :20)  RAMP 

SURFACE  PRESSURE 

4 .  4 I98E  +  00 

3 . 1 775E+00 

X/XREF 

P/ PZERO 

4 . 4  724E  +  0O 

3.1704E*Q0 

4. 515 6E *00 

3. 1794E+0C 

4 . 5510E+00 

3.1838E+U0 

4 . 7802E+00 

3.2127E+00 

4.5800E+00 

3.1823E+JO 

4. 7837E+0Q 

3.2127E+00 

4 . 6034E+00 

3.1837E+00 

4.7908E+00 

3.2126E+00 

4.6222E<  JO 

3.1848E+00 

4 . 7988E+00 

3 . 2126E+00 

4.637SE+00 

3.1861E+00 

4 . 8074E+00 

3.2123E+00 

4 . 6496E+00 

3. 1 871E+00 

4.81712+00 

3 . 2120E+00 

4. 6593E+00 

3.1878E+00 

4.8277E+C0 

3.21172+00 

4.6671E+00 

2.1  897ErOO 

4.8392E+00 

3.213  3E+00 

■5.6734E+00 

3 .  183GE+C 3 

•  8518E+00 

3 . 2103E+OC 

4.8782E+00 

3. 1897E+00 

4.8<>3v^.u0 

3.2098E+00 

4.6822E+00 

3.1 900E+00 

4.8804E+00 

3.2089E+00 

4 . 68S4E+00 

3. 1910E+Q0 

4 .89672+00 

3.2079E+00 

4 . 6879E+00 

3 . 1 903E+00 

4.9144E+00 

3 . 2067P.+00 

4.6899E+00 

3.1 915E+00 

4 . 9333E+00 

3 . 2059E+00 

4. 6914E+00 

3. 1907E+00 

4.9538E+00 

3 . 2051E+C0 

4.6927E+00 

3 . 1 914E+00 

4. 9757E+00 

3.2045E+00 

4 . 3937E+00 

3 . 1 920E+00 

4 . 9993E+C0 

3 . 2040E+00 

4 . 6944E+00 

3.1 927E+C0 

5.0244E+00 

3.2034E+00 

4 . 6950E+00 

3. 1909E+00 

5 . 0512E+00 

3.2031 £+00 

4 . 6955E+00 

3. 1926E+00 

S.0793E+00 

3 . 20.70E+00 

4.6959E+00 

3. 1 931E+00 

5  1091E+00 

3 . 2026E+00 

4.6982E+00 

3 . 1 938E+00 

5 . 1403E+00 

3 . 20298+00 

4.6965E+00,. 

3. 1 938E+00 

5.1729E+00 

3 . 2024E+00 

4.6967E+00 

3. 1950E+00 

5 . 20698+00 

3 . 2022E+C0 

4 . 6969E+90 

3. 1947E+00 

5.2419E+00 

3.2026E+00 

4 . 6969E+00 

3. 1 948E+00 

5 .27802+00 

3 . 2 034E+00 

4 . 6969E+00 

3. 1 947E+00 

S.3149E+00 

3 . 2033E+00 

4.6970E+00 

3 . 1  940E  *00 

5.3523E+00 

3 . 2030E+00 

4 . 6972E+00 

3  .  1  954E+00 

5.3903E+00 

3. 2032E+00 

4.6974E+00 

3. 1 956E+00 

S.4285EvOO 

3.2031E+00 

4 . 697SE+00 

3.19S7E+00 

5 . 4666E*  00 

3. 2026E+00 

4 . 6979E+00 

3. 1 971E+00 

5 . S047E+00 

3 . 2026E+00 

4 . 6982E+00 

3.1974E*C0 

5. 5421E+00 

3 . 2026E+00 

4.6987E+00 

3. 1 997E+00 

5 .57908+00 

3 . 2020E  >00 

*  6994E+00 

3. 1999E+00 

5. 61S1E+00 

3 . 201 8E+00 

4 . 7000E+00 

3.2018E+00 

5. 65O2E+C0 

3.2'USE+OO 

4. 7008E+00 

3.202SE+0C 

5 . 6841E+00 

3 . 201 5E+00 

4.7020E+00 

3. 2049E+09 

5 . 7168E+00 

3 . 2007E+00 

4,  /033E+00 

3. 2060E+00 

S. 74818+00 

3 .20042+00 

4 . 70S0E+00 

J.2078E+00 

'  ” 7?9C  30 

3.2002E-‘00 

4 . 7070E+00 

3.2093E+00 

18+00 

3. 1 998E*00 

4.7093E+00 

3 . 21 1 *2+00 

9E+00 

3 . 2028E+CC 

4 . 7120E+00 

3. 2129E+00 

».'ol99E+00 

3.199j£+00 

4 . 7153E+00 

3  ? 1 312*00 

5.8337S+C: 

1.2028E+00 

4 .  71 99E+00 

3.21  ;i'.,*O0 

5.  PS13E  >00 

3 , 2078E+00 

4. 7"  (3E+00 

1.2181E  +  -  j 

5 . 8891E+00 

3 . 2100E+00 

4.7280E+00 

3.2195E+0C 

5 . 91 67" +00 

3. 209CE+00 

4 . 7331E+00 

3.2198E+00  ‘ 

5 . 9443E+00 

3.2073E+00 

4  7384E+00 

3. 21  y7£>00 

5. 9719E+00 

3. 1984E+00 

4.7441E+00 

3. 219SE+0G 

.9997?.*  00 

3 . 1 603E+00 

4. 7497E+70 

3.21 88E*  00 

6.02' 3E+00 

3  OSfjE+OC 

4. 7S9+8<00 

3 . 2 1 76E+C0 

6 . 05S1E+ ■ 

2. 9524E+00 

4. 760«Et00 

*.2i69E  +  00 

6 . 0828E+*' 

2.84718*00 

4.  765VE+00 

.i.?is:e+oo 

8.11°'  *00 

2.7.17  6.-.  +  0C 

4.77C-SE  +  00 

3.21438*00 

*•  ’  128+00 

2. 65328*00 

4 . 7  74  7E  +  00 

3.21..’E«00 

6. iv60E*00 

1  88838:00 

4.  7''83F.  +  On 

7 . 7 1  27E* O'1 

6. 1 9398+OC 

4  .  2  1  ;»7*/*00 

4 . 78Q2E+QQ 

3.212/E  30 

6.2?l?E*nil 

7,nu£*00 

6. 24958+00 
6.2774E+G0 
6.30S2E+00 
6.33316+-00 
6  769SE+0C 
5.3747E+QG 
£.3742*,<G0 
6. 3881E+CG 
6.4162E.+00 
6.4442E<G0 
6.4  .'21E+00 
«.SQ3GE>00 
6. 528GB* 00 
6.SS5SE+00 
5. 5837E+00 
C.CllMS+C-C 

6 .  €  .i92E  +  00 
6.6667E+00 
6.6943E+00 
f .  7  2  j 9£+  03 
6 .74352+00 
6. 7771E+00 
6.S04?E+<70 
6. 8321E ■ 0? 
6.8537E+00 
6.8872E+0C 
6.9148E-00 
6 . 926SE+  90 
6.9?u6E+0f> 
6. 9412E+C0 
6.9666E+C-0 
.,.99198+00 
7.017411  +  00 
7.0«2CE  +  CCI 

7. C679E-00 
7.09J7E+90 
7.U85E+05 
7.!  43CF.+  00 
7. 16088  +  00 
7.i939E»0!) 
7 . 21 91E  +  00 
7 .24407—  00 
7.2691F.+OG 
7.29408*00 
7.3190000 
7.3439870? 
7.3687E+00 
7 , 38352  <-00 
7.4383E+00 
7. 4 3C7E+0C 


i . 051 SE+01 
:  . 25 64E+01 
i-  4  *  7  7+1+01 
1  3 J38E+G1 

1.  £5198+01 
1 .8042E+01 
1 .65798+01 
1 .80428+01 
1 . 96  -'St ’-01 
~  1 5C4E+0 i 

3542E+-01 
2. 38‘’22+0t 
2 . 8038E+  01 
3.0696E+01 
2.9493E+01 
2 . 7S34E+01 
2.7C56E+01 
2 . 71 38E+G1 
2. 7304E+01 
2.7327E+01 
2. 7294E+C1 
2. 7i73E+91 
2.7409E+01 

2.  7448E+01 
2. 7459E+01 
2. ’349E+01 
2. 7586E+01 
2.74162+01 
2. 75663+01 
2.741 6E- 01 
?.tS&6E+?l 
2 . 6269E+0 1 
2 . 56022+  01 
2.4732E+01 
2. JS76E+01 
2. 24S2E+01 
2.  U+iE+Ol 
)  .  9  74  7E+  01 
1.841SE+01 
1 .7J98R+01 
l.k334E+Ui 
)  ,5551E<0: 
1. 4936E+0! 
1 .  4490E+01 
1.4195E+01 
1.3994E+C1 

.  0888E+01 
i  .40; 7E+01 
5 . 4134E+01 
1.41 34E+01 


- —r. ----- . 


-  FALCON  RESULT'S  (3D)  X/ITREF  -  5.67 


X/XAEP 

PT/PTP.XF 

TT/TTREF 

O.OOOOE+OO 

S. 08668-94 

3.7369E-01 

1.4966EHN 

5.3373B-04 

4. 102813-01 

4.9#e+~-04 

6.8918E-04 

4 . 76S3E-01 

9.8107E-04 

1.0885E-03 

5. 3219E-01 

1.6X30E-03 

1.63238+03 

S.S641E-U1 

2.463  CE-03 

2.1 4638-03 

f.  2543E-01 

3.5751E  '3 

2. 62472-03 

6.5517E-01 

5  0.17E-03 

3.0678E-C3 

6. 7863E-C1 

7.0338E-03 

3.5590E-03 

7.0184E-01 

9.6278E-03 

4. 19-9S-03 

7.2773E-01 

i . 3020E-02 

5. J<43E-03 

7.5700E-01 

>  .744.7E-02 

6.1824E-03 

7. 8961E-C1 

2.U47E-02 

7.6918E-03 

8.252  3E-01 

3  CM47E-02 

9.6750E-03 

8. 6544E-01 

3. 9612E-02 

1.2250E-02 

9.C270S-01 

S.  iOl 5E-02 

1.55S1E-02 

9. 4079E-01 

6.  4S:3E-02 

1 . 9513E-02 

9. 73476-01 

e.  iil3E-02 

2.2311E-02 

9. 8905E-01 

9.9770E-02 

2 . 3S39E-02 

9.9637E-01 

1.2039E-01 

2.4377F.-02 

0.9923E-01 

1.4224E-01 

2.7816E-02 

9 . 9 351E-01 

1 .547SE-01 

3 . 8537E-02 

9. 9873E-C1 

1.9670E-  VI 

4.7153E-02 

1 . OOIOE+GO 

2.0734F.-07 

6.2 261E-02 

1 . 0013E+00 

2 . 2600E-01 

5 . 53036-02 

1.00122+00 

2.4229E-03 

5 . 9641E-02 

1.0013E+00 

2.56C8E- 01 

6 . 241CE-02 

1.0013E+00 

2.67476-01 

6.4076E-02 

1 . 0008E  +  00 

2 .75662-0! 

S. 3810E- 02 

1 . 0003E+00 

2 . 3396E-01 

6.0669E-0? 

1 . 0Q00E+CC 

2.8967E-01 

5. 3817L-02 

i  00 i 5F  » CO 

2  - 9409L-01 

4 . 4640E-02 

l  0012E+00 

2 . 97  48E-01 

? . S281E-02 

9. 91 506 '01 

3.C00PE-01 

2 .  '*64l'E-02 

9. 74578-01 

3.920+F-01 

2. 4  7581’. -02 

9. 51 14E-0i 

3.0353E-01 

2 . 0234E-0? 

9.2240E  01 

3 . 045SS- 01 

I.SM1B-02 

8. 9061?,  -01 

3 . 0550E-01 

1.45466-02 

8.5737E-0.' 

3.0613E-01 

1 .18878-02 

8.21236-0; 

3 .06615-01 

8. 7944E-03 

7.6581E-0’ 

•  2  685E-01 

4 . 6159E-03 

6. 74736-01 

3. 07138-01 

2. 4867E-03 

3. 73696-01 

Eft  LOOK  RES  '.,a.'2 

S  (30!  COWL 

SURFACE  PRE! 

X/XRE? 

P/f.VtRO 

4 . 4358E+00 

0.39C7E+01 

4. 1360E+00 

7 . 86775+01 

4 . 4361E+00 

5.8447E+C1 

4. S363E+00 

4 . 7j»3!;+01 

4 , 436SE.uO 

3.67988+01 

4.4J73S+0C 

2 . 2045E+01 

* . 4  385E4  00 

1 . 6192E+01 

4  -  440  4E+00 

1  -  4  /OfeEiOl 

4 . 4429F.1  00 

1 .37036+01 

4. 44592+00 

1 . 2969E+0) 

4. +4962+00 

1 . 72132+Ci 

4.4542E+00  1.1607E+01 

4.4597E+00  1.0979E+01 
4.4666E+00  1.0206E+01 

4.4747E+00  9.305SE+00 

4.4845E+00  8.4606E+00 

4.49C2E+00  7. 98382+07 

4.5096F+0U  7.753'.E-00 

4.52S3E+00  7.4204E+00 

4.5429E+00  7 .  2893E+00 

S.5623E+00  7. 24322+00. 

4.5828E+0U  7.1589E-00 

4 . 6064E+09  7.1201E+00 

4.6298E+00  7.09S7E+00 

4 . £"36E+00  7.0735E+00 

4 .  67715+00  7.0S84F.+OC 

4.6995E+00  7.0618E+00 

4 . 7I06E+00  7.0904E+00 

4 . 7401E+00  7.1.233E+00 

4 . 7576E+00  7.7479E+OC 

4 . 7730E+C0  7. 1529E+00 

4  . 7837R+00  7.4262F.+00 

4 . 7908F+00  7 . 4409E+00 

4 . 7988E+00  7.4650E+0Q 

( . 5076E+0C  7. 5456E+00 

4.8172E+00  7.S445E+00 

4.8277E+00  7.5784E+00 

4.8394E+00  7.63S7S+00 

4.8518E+0u  7.6487E+00 

4.8656E+00  7.70762+00 

4 . 8806E+00  7. 7J63E+00 

4.8969E+C0  8.0360E-»00 

4.9145E+00  8.2247E+00 

4.93365+00  8.24S6E-00 

4.9S41E+00  8.3114E+00 

4 . 9762E+05  8. 37592+00 

4.99S7E+00  6.83J2E+0G 

5 . 0249S+00  9.0786E+  00 

•i.  051.52+00  9.Z323S+00 

S . OROOE+CO  9, 33675+00 
5.1097F.+00  9.4107E+00 

5 .  i4  i.OE+00  9. 46935+00 

5. 17362+00  1 . 02862+01 

5 . 2075E+CO  1.Q510K+01 

5.24758+00  1.06S7F+0! 

iSORE  7.27878+00  i. 07562+01 

5.31565+00  I .13202+01 
5.  .35321"  n5  1 . 3  807E+01 
5.3V.1E+00  1 .  i 964E+01 

5,42932+00  )  .  1-376E+0 1 

S.»€?«+0Q  1.30J4B+01 

5.5053K+00  1.3244E+01 

5.542  9E+U0  1.3S56E+01 

5 , 5797E*00  1 . 4393E+01 

5. 615  7E+0P  1 .46738 '01 

S.6507E+00  1.4801E+01 

5.6S46E‘00  1.4539S+CI 

5  7172E+00  1 . 59  72R  +  01 

5 . 7483E+00  !.625;E+01 


5.7780E4-00 

X  .6372E+01 

7. 3175E+0Q 

1 . 8663E+01 

S . 8063E+00 

1. 8418B+01 

7.3426E+00 

1 . 85S3B+91 

5.8199E+00 

1. 6405E+01 

7.3677E+00 

1 . 8219E+01 

5.8337EfOO 

1.6405E+01 

7. 3928E+0Q 

1  7992E+01 

5. 8615E+00 

1 . 6866E*01 

7. 4179E+00 

1.7283B+01 

S.8891E+00 

1 . 7469E+Q1 

7.4304E+00 

1.7283E+01 

5.9i67E!-00 

1 . 8018E+01 

FALCON  RESULTS  (3D)  X/XREF  «=  5.78 

5. 9443E+00 

1.8425E+01 

X/XREF 

PT/PTREF 

TT/TTREF 

5. 97I9E+OQ 

1 . 8619E  ‘•03 

O.OOOOE+OO 

5.0688E-04 

3.7369B-01 

5. 9993E+00 

1.8728E+01 

1.4S7’--04 

5.2989E-04 

4.0821E-01 

6.0270E+00 

1.8863E+01 

4 . 9889E-04 

6. 7282E-04 

4.6647E-01 

6.0546F.+00 

1.9057E-tCl 

9.6442E-04 

1.0445E-03 

5.2583B-01 

6.0822EI-00 

1 . 9344E+01 

1.5797B-03 

1.5684E-Q3 

5.7989E-01 

6.1096ET00 

1.9720E+01 

2.394SE-03 

2. 0686E-03 

6.1927E-03 

6.1372E+00 

2.0179E+01 

3.4919E-03 

2.5338E-03 

6. 4940E-01 

6.1646E+00 

2.0683E+01 

4. °220E-03 

2.9617B-03 

O.7316E-01 

6.1921E+00 

2 . 1297E+01 

6. 8176E-03 

3.4317E-03 

6.9659E-01 

6. 21S5E+00 

2.1936E-*01 

9. 3119E-03 

4 . 03i9E-03 

7.2256E-0I 

6 . 2470E+00 

2 . 2453E+01 

1 . 2554E-02 

4 . 8291E-03 

7 , 516SS-01 

6.2744E+00 

2.2926E+01 

! . 6761E-02 

5 .89097.-03 

7 . 8369B-  O’. 

6. 3018E+00 

2. 3354E+01 

2. 2182E-0? 

7.2918E-03 

8.3  826E-01 

o. 3231E+00 

2. 3540E+01 

2. 9083E-02 

9.1168E-03 

8.5492E-01 

6.3S85E+00 

2.3S18E+0'. 

3.7730E-02 

1 . 1487E-02 

8.9302B-01 

6. 3881E+00 

2.3511E+01 

4.8405B-02 

1.4541E-02 

9.3093E-01 

6.4157E+00 

2. 34812+03 

6. 1278E-02 

1.831SE-02 

9. 6603B-01 

6.4435E+00 

2. 3336E+01 

7.O424E-02 

2.1662E-02 

9.8487E-01 

6.4711E+00 

2 . 31 62E+01 

9 . 3701E-02 

2 . 3354E-02 

9. 9453E-01 

6. 4989E+00 

2.3010E+01 

1.1276E-01 

2  5762E-02 

9 . 9617E-01 

6.5265E+00 

2 . 2785E+01 

1.3301E-01 

3 . 41 98E-02 

9. 9544E-Q1 

6.SS43E+00 

2.2499E+01 

1 . 5366E-01 

4.5490E-02 

l.r,004E+00 

6. S820E+00 

2.2107S+01 

1.7392E-01 

5. 1 745E-02 

1 . 00X2E+00 

6. 6096E+00 

2. 1583E+0L 

1.9297E-01 

5 . 6284E-02 

l.OOilE+OO 

6. 6374E+00 

2.094  4E+01 

2.1025E-0) 

6.0191E-02 

1.0014E+00 

6.66S0E+00 

2.0223E+01 

7.2340E-01 

6 . 3386E-02 

1 . 0016E+00 

6.6928Ef00 

1.9401E+03 

2.3829E-01 

6.5633E-02 

3. .  0013E+00 

6. 7205E+00 

1 . 8641E+01 

2. 4834E-01 

6. 6730E-02 

3..0008E+00 

6 . 7481E+00 

1. 7838E+01 

2.578’E-Ol 

6.6362E-02 

1 . 00Q5E+00 

6. 7 J59E+Q0 

1 . 6S81E+01 

2. 64+9E-01 

6.3S47E-02 

1.0003B+00 

6. 8035E+00 

1.6427E+01 

2 . S991E-01 

5 . 6868E-02 

1.0013E+00 

6 . 831 IBrOO 

1 . 5631E+01 

2.7414E-01 

4 . 74  92E-02 

1 . 001CE+00 

8. 8589E>00 

1 . 3689E+G1 

2.7738E-0). 

3 . 5821E-02 

5.9212E-C1 

6.8967E+00 

i. 1903E+01 

2.7987E-01 

3 . 18212-02 

9. 7567E-01 

6 . 9146E+00 

1. 7554S+01 

2. 8177E-01 

2. 62 j8E-02 

9. 5215E-01 

6. 9410E+00 

1.2325E+01 

2.8320E-0.1 

2.1877E-02 

9.2342E-01 

6.9661E+0C 

1 . 3399E  *01 

2 . 8428E-01 

1 . 9420E-02 

6 . 9188E-01 

8. 9912E+00 

1 . 50226+01 

2.85HE-C1 

1.5609E-02 

8 . 592  tE-01 

7 . 0164E+C0 

1 . 6392E+01 

2.3S73E-03 

1.  3000E-U2 

8.2411E-01 

7.041SE+0Q 

1 . 7229E+01 

2. 8619E-01 

9.7274E-03 

7.7488E-01 

7 . 0666R+Q0 

7 . 7707E+01 

2. 6854E-01 

5.2173E-03 

6. 8387E-01 

7. 0917E+00 

1.7996E+01 

2.8689E-01 

2  7222E-03 

3.7369E-01 

7,  il,88E*0Q 

3. 8109E+01 

FALCON  RESULTS  (3D)  X/XREF  -  5.94 

7 , 1417E+0O 

i .  8193c'<-01 

X/XREF 

PT/PTREF 

TT/ TTREF 

7 . 1 688E<  00 

1.8278E+01 

0.00Q0E+00 

5.0673E-04 

3 . 7369E-01 

7. 1919E+00 

1 .8413E+01 

1.4973E-04 

r  2675E-04 

4 . 0475E-01 

7.217JE+00 

1 . 856JE+  01 

4.9889E-04 

fc.  5130E-04 

4 . 5845E-Q3 

7.2422EK10 

1.8663E+01 

9.4787E-04 

9.7547E-C4 

5 . 1 393E-01 

7 . 2673E+00 

1 . 8719E  +  01 

1  5298E-C j 

1.4559E-03 

5 . 6649E-01 

7.2924E+OU 

1 . 8733E+01 

2.31UE-01 

1.923JE-03 

6.0573E-0) 

3.3423B-03 

2.3576E-03 

6.3607E-01 

1.0000E-01 

6.1570E-02 

1.0007E+U0 

4.6726E-03 

2.7537E-03 

6. 60C4E-01 

1 . 1477E-01 

6.5497E-02 

1.0010E+00 

6.4187E-03 

3.1848E-03 

6.8370E-01 

1.2929E-U1 

6.8356E-02 

l.OOlOB+PO 

8.6967E-03 

3.7287E-03 

7.0985E-01 

1 . 4300E-01 

7.O757E-02 

1.00UE+00 

1.164CE-02 

4.4422E-03 

7.3897E-01 

1 . 5556E-Q1 

7.3021E-02 

1.Q012E+-00 

1.5431E-02 

5.3799E-03 

7. 7059E-01 

1.6667S-01 

7.5293E-02 

1.0013E»uu 

2.0270E-02 

6. 6022E-03 

8.04032-01 

1.7624E-01 

7.7030E-02 

1.0010B+00 

2.6356E-02 

8 . 1786E-03 

8. 3869E-01 

1.8429B-01 

7.7059E-02 

1.0002E+00 

3.J939E-02 

1.0220E-02 

8 . 7458E-01 

1.9093E-01 

7.4166E-02 

1.0000E+00 

4.3217E-02 

1.2868E-Q2 

9. 1X23E- 01 

1.9630E-01 

6.8177E-02 

1.0022E+00 

5.4325E-02 

1.6221E-02 

9.4652E-01 

2.0059E-01 

5. 9169E-02 

1.0059E+00 

6.7312E-02 

2.0500E-02 

9. 7464E-01 

2.0400E-01 

5.0295E-02 

1.0015B+00 

8.2045E-02 

2. 7489E-02 

9.8447E-01 

2.0666E-01 

4.2107E-02 

9.9029E-01 

9.8241E-C2 

1 . 0555E-02 

9.9358E-01 

2.0874E-01 

3.5165E-02 

9.7160B-01 

1.J538E-01 

5. 1061E-02 

9. 9988E-01 

2. 1035E-01 

3.01UE-02 

9.5197E-01 

1.3288E-01 

S.6931E-02 

1.0009E+00 

2.1160E-01 

2. 5903E-02 

9.2935E-01 

1.S002E-01 

6.1201E-02 

1 . C010E+00 

2.1256E-01 

2.1942B-02 

9..0065E-01 

1.6622E-01 

6. 4643E-02 

1.0011E+00 

2.1329B-01 

1.8877E-02 

8.7178E-01 

1 . 8095E-01 

6. 7470E-02 

1 . 0014E+00 

2. 3  387E-01 

1 . 5902E-02 

8.3790E-01 

1.9394E-01 

S.9488E-02 

1 . 0013E+00 

2.1431E-01 

1 . 2118S-02 

7.9170E-01 

2 . 0506E-01 

7.07b  E-02 

3. .  0009E->00 

2 . 1464E-01 
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The  solution  of  the  hypersonic  flow  of  the  NASA  P8  inlet  were  obtained 
using  the  two-dimensional  Navier-Stokes  code  NSFLEX  (Navier-Stokes  solver 
using  characteristic  flux  extrapolation)  [1] ,  it  is  a  finite-volume  method 
applicable  to  sub-,  trans-  and  hypersonic  flows.  The  inviscid  fluxes  at 
the  finite- volurae  faces  are  evaluated  by  solving  a  Riemann  problem  (2).  A 
third-order  accurate  local  characteristic  flux  extrapolation  scheme  of 
type  NtlSCL  (33  is  employed.  For  capturing  strong  shock  waves  (especially 
in  hypersonic  flows)  a  flux  vector  splitting  is  used  ( 4j .  For  the  interpo¬ 
lation  between  the  two  ways  (MUSCL  flux-difference  splitting  and  a  modi¬ 
fied  Steger/Waming  flux-vector  splitting)  to  feta  cell  face  fluxes  a 
sharpened  high-order  limiter  derived  from  the  van  Albada  limiter  has  been 
incorporated.  The  viscous  fluxes  are  approximated  with  central  differen¬ 
ces.  The  numerical  method  utilizes  the  algebraic  turbulence  model  of  Bald¬ 
win  and  Lomax  {5].  The  unfactored  implicit  equations  are  solved  in  time- 
dependent  form  by  a  point  Gauss-Seidel  relaxation  technique.  By  applying 
the  so-called  checkerboard  scheme,  in  which  points  are  divided  into  black 
and  white  ones,  a  high  degree  of  vectorization  is  achieved.  The  code  con¬ 
tains  multi -blocking  capability  and  real  gas  effects  are  incorporated. 

The  computational  grid  used  is  shown  in  Fig.  1.  It  consists  of  two 
blocks  (block  1:  50*145  points,  block  2:  129*100  points)  and  was  generated 
with  an  algebraic  mesh  generator  ensuring  perpendicular  intersection  of 
the  grid  lines  with  the  surfaces.  The  inner-law  variable  z+  can  be  varied. 

The  surface  static  pressures  on  the  centerline  of  the  ramp  and  on  the 
cowl  of  the  inlet  are  plotted  in  Fig.  2  and  Fig.  3.  The  pitot  pressure  and 
total  temperature  contours  at  nine  x/xttf  locations  are  shown  in  Fig.  4 
and  Fig.  5.  Additionally,  the  isolines  of  Mach  number,  pitot  pressure  and 
pressure  coefficient  cp  are  included  in  Fig.  6  to  Fig.  8. 

The  mass  loss  along  the  duct,  Fig.  9,  was  used  both  for  quality  check 
of  the  c  de  and  convergence  criterion,  to  was  refered  to  the  mass  in  the 
entrance  of  the  inlet.  10000  iterations  were  necessary  to  obtain  a  con¬ 
verged  solution.  The  computation  performed  on  the  SIEMENS  supercomputer 
VP20Q  required  5. OB-5  seconds  per  point  and  iteration. 

Tr»  calculation  was  started  with  parallel  flow  with  a  Mach  number  of 
7.4  and  a  temperature  T.-67  K.  The  wall  temperature  condition  was  iso¬ 
thermal  with  TW*3Q3  K. 

Boundary  layer  transition  was  fixed  at  x»35  cm  on  the  wedge  and  x»107 
am  on  the  cowl  like  in  the  experiment  (6). 

Investigations  were  made  to  demonstrate  first  the  influence  of  the  nu¬ 
merical  viscosity  and  secondly  the  wall  teppsrsture  condition  to  the  re¬ 
sult.  Fig.  19  shows  the  surface  static  pressure  on  the  centerline  of  the 
ramp  and  F_g.  il  the  pitot  pressure  contours  due  to  a  high  numerical  vis¬ 
cosity  introduced  by  a  higher  rate  of  flux-vector  splitting.  The  result 
obtained  by  using  adiabatic  wall  condition  Is  compared  with  experiment  in 
Fig.  12  and  Fig.  13  (surface  static  pressures  on  centerline  and  cowl).  The 


A£W» 


appropriate  Mach  isolines  showing  flow  separation,  are  plotted  in  Fig.  14. 
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Fig,  5  Total  temperature  contours  (continued) 
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Fig.  $  Total  temperature  contours  (continued) 
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i^.  5  tt>tal  tsmpeiature  contoucs  (continued) 
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f.vq.  5  Total  te.  petatute  contours  (continued) 


A  colour  reproduction  of  this 
illustration  era  be  found  on 
(khe  number  5. 


Isoiinas  of  pressure  coefficient  Cj, 


Fig.  12  Surface  static  pressure  on  the  centerline  of  the  ramp  with 
adiabatic  wall  condition 


Isolines  of  rtach  number  with  adiabatic  wall  condition 


May  15,  19*0 

Subject:  AGARD  Working  Group  13,  PARC  Results 


To  :  Tom  Benson 


‘  The  AEDC  developed  PARC  code  has  been  applied  to  four  of  the  AG AT  ' 

Working  Group  13  test  cases.  Results  were  requested  in  the  form 
of  plotted  data  for  preliminary  screening  and  final  results  a  _g.iefcic 
media.  We  were  unable  to  provide  results  in  time  for  the  preliminary 
screening,  but  are  however  now  providing  final  results  to  throe  of  the 
cases  in  the  form  of  plotted  data  and  magnetic  media.  At  ■  -  is  time  we 
have  not  received  sufficient  information  regarding  Case  7  o  respond, 
even  though  a  solution  has  been  generated  for  one  of  the  four 
geometries  provided. 

-  >' 

The  three  cases  for  final  results  are  being  provided  are. 

1.  Case  1  :  Transonic  shock  boundary  layer 

2.  Case  2  :  Glancing  shock  boundary  interaction 

3.  Case  6  :  NASA  P8  inlet 

Brief  notes  regarding  these  cases  are  included  with  the  plotted  results. 

Both  Case  1  and  Case  2  had  deficiencies  in  the  provided  geometries 
and/or  flow  conditions  that  affected  the  final  results. 

The  fourth  case  for  which  calculations  were  performed  was  Case  8 
(Tailornate  fuselage/ inlet) .  A  single  solution  has  been  generated  at 
freestream  conditions  of  Mach  0.9  and  C  degrees  angle-of -attack.  Inlet 
mass  flow  conditions  were  approximated  based  on  information  provided  by 
Wright  Research  Development  Center.  At  this  time  we  have  no  information 
as  to  what  data  is  to  be  returned  as  final  results.  We  will  gladly 
respond,  given  sufficient  information. 


James  R.  Sirbaugh 
Sverdrup  Tech.,  Inc. 

Arnold  Air  Force  Base,  Tn. 
37389 


(615)  454-3476 


Attachment  ill 
Re-Submittal: 

A6ARD  Test  Case  6,  NASA  P8  Inlet 


&GARD  Test  Case  6:  NASA  High  Aspect  Patio  Mixed  Compression  Intake 

(supersonic  part  only) 


A. .  CrD  Methodology 

code  definition:  2D  single  block  and  muiti-block  PARC 
code  reference: 

gas  model:  ideal  constant  gamma (=1.4) 
turbulence  model:  Baldwin-Lomax 

B.  Computer  Resources 

" CPU  time (CRAY-XMP) :  10000  seconds 
no.  of  iterations:  2000  (multi-block  code) 
memory  requirements/grid  size: 

4  blocks;  tctal  of  1460' o  grid  points 
largest  block  <  50000  .oints  no  lit  XT.4 L  core 
memory  requirement’s 

C.  Boundary  Conditions/Starting  Conditions 

inflow  boundary;  fixed  supersonic  at  freestream  conditions 
=  600  psia  ;  ?To.  •=  1460PH  ;  Me=7.bB 
outflow  bor  dary:  fixed  static  pressure  and  temperature 
P/Pr^  -  0.0001452  ;  T/T%.  =  0,08006  (external  flow) 

P/Er,  •-  0.004354  ;  T/Tt„  =  0.2115  (inlet  flow  region.) 
ramp/inlet  surfaces:  isothermal  no-slip  boundaries 
T/Tt„  =  0.3  7  38 

initial  conditions:  outer  flow  region  set  to  freestream 

conditions 

inlet  region  set  to  maoh  no.  behind 
cowl  shock 

D.  Convergence 

solution  considered  converged  when  maximum  residual  reduced 
to  less  than  10“ ' 

£,  Solutic n  Quality  Redundancy  Checks 
none  performed 

F.  Experience  in  obtaining  solution 

started  with  single  block  grid (200x130) ... .was  found  to  be 
inadequate  to  resolve  boundary  layers, shocks , etc. 
went  to  multi-block  problem 

o-  Special  Tricks  or  Techniques 

1.  used  experimentally  determined  laminar  to  turbulent 

transition  point  on  ramp.  Boundary  layer  models  switched 
in  cede  at  that  point  to  obtain  better  boundary  layer 
thickness  in  inlet 


2.  used  option  in  code  to  fix  ini -it  surface  temperatures 

3.  used  grid  blocking  to  puck  grid  points  in  regions  of  high 
gradients 

4.  fi,xed  freestream  mach  no.  to  valor  expected  at  inlet 
entrance  region  based  on  tunnel  experimental  data 

special  note:  cowl  shock  intersection  with  centerbody 

boundary  layer  caused  small  separation  bubble 
....This  is  reflected  in  the  centerbody  static 
pressure  plot  at  x/xref  =  6.0 


h-  4 


AGARD  Test  Case  6:  NASA  P8  high  aspect  ratio  mixed 
compression  intake (supersonic  part  only) 


The  test  was  conducted  in  the  NASA-Ames  3. 5-foot  Hypersonic 
Wind  Tunnel  at  a  nominal  test  mach  number  of  7.4  and  freestream 
Reynolds  number  of  2. 7X10** per  foot.  The  geometry  consisted  of  a 
scaled  hypersonic  inlet  model,  combined  with  a  wedge  forebody  to 
simulate  the  flowfield  conditions  at  the  entrance  of  the  internal 
passage  shown  in  the  attached  figure.  Other  conditions  were  total 
pressure  of  600  psia.  and  total  temperature  of  1460° R.  The  wedge 
angle  was  seven  degrees  and  the  design  inlet  pressure  compression 
ratio  was  eight. 

The  analysis  performed  was  on  the  centerplane  of  the  inlet 
allowing  for  2 -dimensional  computations.  r  he  2-d  Blocked  PARC  code 
w<  used  with  146000  grid  points  in  4  blocks. 

•n  addition  to  the  above  assumptions,  the  laminar  to  turbulent 
boundary  layer  transition  point  on  the  wedge  was  also  simulated. 
This  transition  was  indicated  experimentally  using  a 
f  i  our  i  ne-subl :.  mat  ion  techn  ique . 

Examination  of  the  attached  data  plots  shows  differences 
between  experimental  results  and  PARC  results.  There  are  two  known 
sources  of  error  in  the  results. 

1.)  Experimental  freestream  conditions  were  not  uniform  in 
the  test  section.  The  mach  number  varied  from  the  nominal  value  of 
7.4  at  the  wedge  tip  to  7.58  at  the  inlet  entrance  station.  Flow 
angularity  variations  were  also  observed.  The  data  for  these 
off-nominal  freestream  conditions  were  not  given.  A  uniform 
freestream  mach  number  of  7.58  was  used  to  Lest  simulate 
conditions  in  the  inlet  entrance  region. 

',)  The  geometry  definition  given  to  us  is  inadequate  due 
primarily  to  an  insufficient  number  of  points  defining  the 
internal  surfaces  cf  the  inlet.  Supersonic  flow  in  a  channel  is 
sensitive  to  not  only  surface  slopes,  but  also  derivatives  of  the 
slopes.  Differences  in  indicated  inlet  heights,  at  given  inlet 
v-scations,  is  a  reflection  of  the  nor. -uniform  spacing  of  the  base 
spline  points  that  were  provided. 
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Tea!  Case  6  *  Hypersonic  Met 


William  G.  Kunik  and  Thomac  J,  Benson 
National  Aeronautics  and  Space  Administration 
Lewis  Research  Center 
Cleveland,  Ohio  44135 


A  three-dimensional  Parabolized  Navier-Stokes  code  has  been  used  to  investigate  the 
flow  through  the  P-8  Mach  7.4  inlet.  Parametric  studies  of  grid  resolution,  and 
turbulence  modeling  have  been  conducted  in  both  two  and  three  dimensions,  although 
the  results  presented  here  represent  the  best  of  these  calculations.  The  results  indicate  a 
significant  three  dimensional  effect  exists  in  this  nominally  two  dimensional  inlet.  This 
effect  has  been  caused  by  the  glancing  shock/boundary  layer  interaction  present  on  the 
inlet  sidewall  as  the  internal  cowl  shock  reflects  from  the  ramp  and  cowl  su;  faces. 


The  three-dimensional  supersonic  viscous  marching  analysis  used  in  this  study  is  the 
PEPS  IS  code.  The  code  solves  the  PNS  equations  for  supersonic  flow  by  an  efficient 
Briley- McDonald,  linearized  block  implicit  scheme.  The  code  solves  for  the  fiowfieid  in 
a  single  sweep,  can  be  run  with  &  variety  of  turbulence  models,  in  either  two  or  three 
dimensional  mode,  and  can  either  solve  the  energy  equation  or  impose  constant 
stagnation  enthalpy.  The  rw-~>  dimensional  result  presented  in  the  enclosed  figures  was 
run  on  a  CRAY-XMP  at  the  Lewis  Research  Center  on  a  130x1200  grid  with  constant 
stagnation  enthalpy  imposed.  Each  flow  computation  required  about  five  minutes  of  CPU 
time  with  much  more  time  used  to  refit:  grids,  post  process  results,  etc.  The  turbulence 
model  used  in  this  calculation  is  the  standard  McDonald- Camarata  mixing  length  model 
wuh  a  compressibility  correction  ba„ cd  on  the  work  of  Bushnell  and  Beckwith.  The 
calculation  was  started  with  uniform  Lee  stream  conditions  as  specified  in  the  report. 
This  case  was  run  fully  turbulent;  no  transition  mode!  was  used  here,  although  one  is 
available  in  the  code. 


Once  the  two-dimensional  parametric  study  was  completed,  it  was  decided  that  the  inlet 
should  be  examined  three-dimensionally  to  determine  the  effect  of  of  the  siileplates  on 
the  internal  fiowfie'd.  Previous  calculations  of  a  Mach  5.0  inlet  and  benchmark  studies 
of  Test  Case  2  indicate  strong  thre-  dimensional  effects  occur  in  rectangular  inlet  with 
sideplatcs,  although  the  experiment  did  not  provide  sufficient  instrumentation  for  detailed 
study  of  three-dimensional  effects.  The  three-dimensional  calculation  employed  a 
computational  mesh  of  100X50  mesh  points  in  the  cross  plane,  with  a  plane  of 
symmetry  along  thd  inlet  centerline.  To  simplify  the  calculations,  the  sidepiate  in  the 
calculation  begins  at  the  cowl  lip  and  is  petpendicular  to  the  ramp  surface.  In  the 
experiment,  the  sidepiate  was  cut  back;  tlr  calculation  does  not  model  this  cut  back.  The 
calculation  was  marched  1400  stations  stream  wise  and  required  about  two  hours  CPU 
time  on  die  CRAY-XMP.  The  energy  equation  was  solved  in  this  computation;  the 


temperature  results  indicate  sou*  problems  with  this  p;ece  of  tie  code  !  AH  othe* 
conditions  wtue  nan  the  same  *s  the  two  dunensiomJ  calculation. 


In  gt  rel.  die  accompasiykg  Sg=rt;  micaie  that  the  three  dimensional  calculation 
C0nip»-¥$  much  better  with  the  expen  tncut  than  the  two  dimensional  calculation,  with  the 
exception  of  th-  temperature  wfosh  is  so  non-physical  that  something  is  wrong  in  the 
cede.  We  are  subtnriuri?  fu  tit-s  o:{>>rt  some  contour  plots  of  the  three  dimensional 
calculation  which  inrucate  the  computed  three-dimensional  nature  of  the  flow  in  this 
inlet.  These  figures  show  Mach  number  contours  and  secondary  velocity  vectors  at 
various  Y-Z  plants  in  the  internal  portion  of  the  inlet.  The  bottom  of  the  figures  show 
the  flo  w  field  in  a  cross-section  of  the  inlet;  the  ramp  surface  is  on  the  bottom5the  cowl 
surface  is  on  the  top,  and  the  sideplates  are  on  both  sides.  A  side  view  of  the  inlet  is 
shown  at  the  top  of  each  figure  indicating  with  a  vertical  line  the  relative  location  of  the 
plane  in  'he  inlet.  An  unreadable  scale  in  shown  or«  the  left  hand  side  for  the  Mach 
number  contours  and  on  the  right  hand  side  a  reference  vector  of  one- tenth  of  the  free 
stream  velocity  is  shown.  Boundary  layers  are  noted  by  the  concentration  of  Mach 
contours  near  a/$blid  surface  and  shock  waves  are  shown  as  a  concentration  of  Mach 
contours  awzf  from  a  solid  surface.  Shock  waves  are  also  noted  in  the  secondary 
velocity  vectors  when  the  direction  of  the  vectors  change  abruptly  The  figures  show  that 
a  vortex  i$  formed  on  the  back  side  of  the  shock  wave  as  it  glances  across  the  sidepiate 
boundary  layer,  this  interaction  was  verified  in  Test  Case-  2.  The  vortex  is  pumping  the 
low  (Clergy  fluid  in  the  cowl  boundary  layer  down  along  the  siaeplate  to  the  ramp 
surface.  The  Mach  number  contours  siiow  this  t,  the  thickening  of  the  sidpciate 
boundary  layer  on  the  back  side  of  the  shock  wave.  The  vortex  formed  by  the  G3BLI  has 
pumps  huid  along  the  ramp  surface  toward  the  cenK  line  of  the  inlet.  The  boundary 
layer  in  the  lower  comer  his  thickened  much  more  d  an  in  the  rest  of  the  cross-section. 
The  effect  of  the  strong  vortex  is  seen  in  the  boundary  layer  along  the  ramp  surface  by  us 
thickening  to  about  the  fiuy  per  cent  point  in  the  spanwise  direction. 


The  three-dimensional  calculation  presentee  in  this  report  have  led  to  ‘be  following 
conclusions.  The  glancing  shock/boundary  layer  interaction  produces  a  strong  vortex 
that  persists  throughout  the  internal  passage  ot  the  inlet.  This  vortex  redistributes  the 
boundary  layer  into  the  lower  comer  oi  the  inlet  ?'id  then  proceeds  to  distort  the  ramp 
boundary  laver.  To  achieve  a  canceled  snook,  w,  .  .n  the  inlet,  the  boundary  layers 
effect  on  tire  shock  wave  in'eractior.  at  soiid  boundary's  must  be  taken  into  account. 
Also,  the  effect  ot  cite  sideplates  on  the  shock  wave  should  lead  the  inlet  designer  to  think 
in  terms  of  three-dimensions  instead  of  two. 
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H6UAE  8.-  HACK  MIB  CONTOURS  AND  SEC0MWY  VELOCITY  VECTORS  AT 

camuooY  shoo-  reflection. 


FIGURE  10.-  HACK  KJKBER  CONTOURS  AND  SECONDARY  VELOCITY  VECTORS  AT  THE 
I«£T  EXIT. 
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Microfiche  Appendix  to  Sub-Section  3.3.7 
Contributions  to  Test  Case  7 
Axisymmetric  mixed  compression  inlet 


Sverdrup,  Cleveland 


Page  No’s 
No  Submittal 


NASA  Lewis 


A340  to  A345 


Test  Case  7  -  Axisymmctric  Inlet 


Thomas  J.  Benson 

National  Aeronautics  and  Space  Administration 
Lewis  Research  Center 
Cleveland,  Ohio  44135 


A  cwo  dimensional  supersonic  Parabolized  Navicr-Stokes  code  has  been  used  to 
investigate  the  flow  through  the  40-60  inlet  Parametric  studies  of  grid  resolution,  and 
turbulence  modeling  have  been  conducted,  r’ though  the  results  presented  here  represent 
the  best  of  these  calculations.  The  inlet  contains  significant  amounts  of  boundary  layer 
control  bleed  and  this  was  modelled  in  the  computation. 


The  supersonic  visccus  marching  analysis  used  in  this  study  is  the  PEPSIS  code.  The 
code  solves  the  PNS  equations  by  an  efficient  Brile>  -McDonald,  linearized  block  implicit 
scheme.  The  code  solves  for  the  flowheld  in  a  single  sweep,  can  be  run  with  a  variety  of 
turbulence  models,  in  either  two  or  three  dimensional  mode,  and  can  either  solve  the 
energy  equation  or  impose  constant  stagnation  enthalpy.  The  two  dimensional  result 
presented  in  the  enclosed  figures  was  run  on  a  CRAY-XMP  at  the  Lewis  Research  Center 
on  a  90x600  grid  with  constant  stagnation  enthalpy  imposed.  Each  flow  computation 
required  about  five  minutes  of  CPU  time  with  much  more  time  used  to  refine  grids,  post 
process  results,  etc.  Both  the  standard  McDonald-Camarata  mixing  length  turbulence 
model  and  a  one  equation  turbulent  kinetic  energy  model  have  been  studied;  the  results 
presented  here  use  the  one  equation  k-model.  The  calculation  was  started  with  uniform 
free  stream  conditions  as  specified  in  the  report.  The  bleed  was  modelled  as  a  uniformly 
distributed  mass  removal  at  the  appropriate  location  and  with  the  amount  specified  in  the 
reports.  The  bleed  along  the  centerbody  was  only  given  as  the  combination  of  the 
forward  and  aft  bleed.  It  was  assumed  that  twice  as  much  mass  would  be  removed  at  the 
downstream  centerbody  bleed  than  at  the  forward  because  of  the  higher  static  pressure 
and  higher  porosity. 


Because  this  analysis  is  a  single  sweep  PNS  type,  it  is  not  possible  to  vary  the 
downstream  mass  flow  as  was  done  in  the  experiment.  In  fact,  comparisons  with 
experiment  can  only  be  made  in  the  supe> .  omc  portion  of  the  inlet  at  the  highest  mass 
flow  ratio  available.  This  is  the  price  that  is  paid  for  quick  PNS  calculations.  It  does 
appear,  however,  that  this  type  of  analysis  is  quite  accurate  and  vary  valuable  in  the 
supersonic  portion  of  their  inlet.  The  downstream  output  of  this  code  can  be  used  to 
interface  with  slower  running  Navier-Stokes  type  analysis  to  predict  full  inlet 
performance. 
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Microfiche  Appendix  to  Sub-Section  3.3.8 
Contributions  to  Test  Case  8 
In  take/ airframe  integration 


Aerospatiale 


Page  No’s 
A347  to  A367 


Sverdrup,  AEDC 


A368  to  A373 


aerospatiaie 

division  engins  tactiquss 


Les  G&tines 
the30/08/90 


P.  GARNERO 

Service  A6rodynamique  Th6orique 

Les  GStines  -  91370  Verriferes  le  Buisson 

FRANCE 

Phone  number:!  69.81.61.33 
T6I6copy  number:!  69.81.65.92 


£n.bi.m; 

Flow  calculations  of  test  cases  defined  by  AGARD  Working  Group  13 
"Air  Intakes  for  High  Speed  Vehicles" 


Dear  M.  BISSINGER, 

enclosed  find  a  tape  concerning  our  results  for  test  case  6 
(corresponding  to  the  paper  I  have  sent  to  you)  and  a  new  paper 
concerning  our  results  for  test  case  3  (it  replaces  the  last  paper 
concerning  test  case  8), 

Could  you  send  our  new  paper  concerning  test  case  8  to  M.  BENSON 
(NASA  Lewis)  who  want  it  to  make  comparisons  between 
computation  and  experiments?  . 


Informations  concerning  the  tape: 

Magnetic  tape  density:  1600  bpi 
ASCII 

Lenght  of  one  recording  in  characters:  80  characters 
Number  cf  recordings  by  physical  block:  1 


Kind  regards, 


P,  GARNERO 


%  Wik-;,  h#e  tape  containing  all  the  results  we  have 

present^  in  t^xyifc^art  for  WG  13  TEST.  CASE  .6- 

'  .  'V:- 

Files  have  been  recorded  in  the  following  order: 

FLU3M  results  : 

-  Static  pressure  on  the  centerbody 

1.  with  the  actual  leading  edge 

2.  with  the  virtual  leading  edge 

-  Static  pressure  on  the  cowl 

3.  with  the  actual  leading  edge 

4.  with  the  virtual  leading  edge 

-  5.  Mach  numbers  in  the  cowl  entrance  section 

-  6.  Pitot  pressure  in  the  cowl  entrance  section 


NS2D  results  : 

-  7.  Static  pressure  on  the  centerbody 

-  8.  Static  pressure  on  the  cowl 

-  9.  Mach  numbers  in  the  cowl  entrance  section 

-  10.  Pitot  pressure  X/XREF  =  5.67 

-  11.  Pitot  pressure  X/XREF  =  5.78 

-  12.  Pitot  pressure  X/XREF  =  5.94 

-  13.  Pitot  pressure  X/XREF  =  6.09 

-  14.  Pitot  pressure  X/XREF  =  6.23 

-  15.  Pitot  pressure  X/XREF  =  6.37 

-  16.  Pitot  pressure  X/XREF  =  6.51 

-  17.  Pitot  pressure  X/XREF  =  6.65 

-  18.  Pitot  pressure  X/XREF  =  6.79 


P.  GARNERO  -  l  DE  LA  VIUDA 

Service  A6rodynamique  ThSorique 

Les  Gfitines  -  91370  Verriferes  le  Buisson 


Les  GOtines 
the30/08/90 


Flow  calculations  of  test  cases  defined  by  AGARD  Working  Group  13 
"Air  Intakes  for  High  Speed  Vehicles” 


TEST  CASE  8 

Tailor  Mate  A-l  intake  with  fuselage 

We  have  made  3D  calculations  of  the  Tailor  Mate  A-l  intake 
with  fuselage. 

UZadfiJBSsdi 

The  code  used  is  the  3D  multi  domain  Euler  code  FLU3M  using 
finite  volume  method,  which  has  been  developed  by  ONERA  with 
the  collaboration  of  aerospatialo  (Ref.  1  and  2). 

FLU3M  numerically  simulate  flows  of  gases  around  and  in 
complex  configurations  with  an  emphasis  on  supersonic  and 
hypersonic  flows. 

The  code  organisation  is  built  around  3  key  units:  a  command 
interpreter  which  assumes  the  user  interface,  a  plane  monitoring 
unit  which  decides  of  the  type  of  the  computation,  and  a  plane 
processor  including  the  numerical  scheme. 

Its  veiy  modular  coding  allows  the  implementation  of  various 
numerical  variants  of  Van  Leer  MU3CL  scheme  and  a  large  variety 
of  boundary  conditions.  The  scheme  used  for  our  calculations  was 
built  around  Van  Leer  fluxes  and  Van  Albada  limiter. 


&JC&aE.wsr  y.ssd; 

The  FLU3M  code  run  on  a  CONVEX  C2.20  bi  processor  with  512 
M-octets  of  central  memory. 


UMdi 

The  treatment  of  complex  geometries  has  led  us  to  adopt  a 
multiblock  grid  made  of  several  structured,  possibly  overlapping  or 
patched  domains.  This  choice  considerably  simplifies  the  mesh 
construction  and  allows  the  same  generality  as  unstructured  grids. 
Such  multiblock  grid  strategies  are  currently  being  used  by 
aerospatlale. 

The  Tailor  Mate  A-l  intake/fuselage  configuration  needed  11 
blocks  built  with  the  MULCAD  procedure  developped  at 

aerospatlale  (<tef.  3). 

Two  grid  have  been  built  on  the  right  side  intake 
configuration: 

-a  coarse  grid  made  of  117626  nodes 
-a  fine  grid  made  of  882511  nodes 


Mo=2.2  a=Q°  (3=0° 

Each  block  was  initialised  with  the  infinite  upstream 
conditions. 

We  didn't  know  the  geometry  of  the  tested  configuration  after 
the  compressor  face,  so  we  had  to  impose  a  average  static  pressure 
of  0.783  PTO  corresponding  to  the  experimental  datr<  on  the 
compressor  face.  Likewise,  we  didn't  know  the  geometry  of  the 
tested  configuration  in  the  internal  bleed,  so  we  had  to  impose  a 
average  static  pressure  of  0.221  PTO  on  the  exit  of  the  simplified 
bleed  we  had. 

Remarks: 

1.  The  grid  configuration  is  a  right  side  one  (right  side  of  the 

pilot) 

2.  The  computation  was  made  with  the  boundaries  conditions 
(0.783  PTO  )  of  the  left  hand  inlet  test  data. 

So  the  calculation  corresponds  to  the  left  hand  inlet 
configuration. 


5.  Results: 


Two  computations  have  been  made: 

-  the  first  with  a  coarse  grid 

-  the  second  vith  a  fine  grid 

Figure  1  presents  the  coarse  grid  for  the  complete 
configuration  (fuselage  +  intake) 

Figure  2  presents  the  Mach  number  contours  on  the  body  and 
in  the  vertical  plane  of  symmetry  (coarse  grid). 

Figure  3  presents  the  Mach  number  distributions  on  the  body 
and  in  the  vortical  plane  of  symmetry  (coarse  grid). 

Figure  4  presents  the  fine  grid  for  the  complete  configuration 
(fuselage  +  intake) 

Figure  5  presents  the  Mach  number  contours  on  the  body  and 
in  the  vertical  plane  of  symmetry  (fine  grid) 

Figure  6  presents  the  static  pressure  (P/PO)  contours  on  the 
body  and  in  the  plane  of  symmetry  of  the  plane  (fine  grid). 

Figure  7  presents  the  static  pressure  (P/PO)  distribution  on 
the  body  and  in  the  plane  of  symmetry  of  the  plane  (fine  grid). 

Figure  8  presents  the  Mach  number  distribution  in  the  intake 
(fine  grid) 


Figure  9  presents  the  static  pressure  (P/PO)  distribution  i- 
the  intake  (fine  grid) 

Figure  9bis  presents  the  Mach  number  distribution  in  the 
intake  (fine  grid) 


Figure  10  presents  the  local  Mach  number  (ML)  contours  for 
the  fine  grid  at  the  entrance  of  the  intake  (in  the  crossflow  plane 
going  through  the  leading  edge  of  the  first  ramp  and  perpendicular 
to  the  longitudinal  axe  of  the  configuration:  F.S.=86.14). 


Figure  11  presents  the  local  angle  of  attack  (aL)  contours  for 
the  fine  grid  at  the  entrance  of  the  intake  (in  the  crossflow  plane 
going  through  the  leading  edge  of  the  first  ramp  and  perpendicular 
to  the  longitudinal  axe  of  the  configuration:  F.S.-86.14). 
a  is  the  angle  between  the  longitudinal  axe  and  the  projection  of 
the  speed-air  vector  on  the  plane  of  symmetry  of  the  configuration. 

Figure  12  presents  the  local  sideslip  angle  (pL)  contours  for 
the  fine  grid  at  the  entrance  of  ihe  intake  (in  the  crossflow  plane 
going  through  the  leading  edge  of  the  first  rampe  and 
perpendicular  to  the  longitudinal  axe  of  the  configuration: 
F.S.=86.14). 

P  is  the  angle  between  the  velocity  and  the  plane  of  symmetry  of 
the  configuration 

Figure  13  presents  the  FLU3M  results  at  the  entrance  of  the 
entake  for  Ml,  PTl/PTo,  a  and  p.  These  results  can  be  compared 
with  experimental  data. 

Figure  14  presents  the  experimental  results  at  the  entrance  of 
the  entake  for  Ml,  PTl/PTq,  a  and  p. 

The  results  in  the  intake,  wanted  in  August  1990  by  M. 
Thomas  J.  BENSON,  concerning  Surface  Static  Pressure,  Pitot 
Pressure  and  Compressor  Face  Pitot,  will  be  sent  as  soon  as  possible. 


I  .  Numerical  Simulation  of  perfect  fluid  flows  around  Complex 
3D  configurations  by  a  multidomain  - solver  wing  the  MUSCL 
approach  Ph.  Guiltea,  M,  Sorrel,  M.  Dormieux 
Conference  GAMNI/SMIA-IMA  $ur  les  Mcthodes  de  Calcal  en 
Mecaniqoe  des  Huide:  Appliqtsees  4  VAdrounatique 
Antibes,  Mai  1989 

2.  Design  of  a  3D  Multidomain  Euler  Code 
Ph.  Guillen,  M.  Dormkux 

SupercoiripuHng  in  Fluid  Plow  -  Boston  October  1989. 

3.  Giomiirie  et  Maillage  de  Configurations  Complexes  pour  les 
Calculs  Atrodynamiques 

G.  Ranoux,  J.  Lorrfon,  J.  Diet 

AGARD  -  Specialists’  Meeting  on  Applications  of  Mesh  Generation  to 
Complex  3D  Configurations  -  Loen/Norway  May  1989. 


in  afciSiiSiiAatteS 


A  colour  reproduction  of  this 
illustration  can  be  found  on 
fiche  number  5. 


Figure  3:  the  Mach  number  distributions  on  the  body 
and  in  the  vertical  plane  of  symmetry  (coarse  grid). 


Mach  number  contoui  d  on  the  body  and 
vertical  plane  of  symmetry 
(fine  grid) 


body  and  in  the  plane  of  symmetry  of  the  plane 

(fine  grid). 


Figure  9:  the  static  pressure  (P/PO)  distribution 
the  intake  (fine  grid) 


Figure  9bis:  the  Mach  number  distribution  in  the 
intake  (fine  grid) 
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Figure  .{3:  FLU3M  results  as  the  tafrance  of  the 
entukc  for  Ml,  Pi'L  'P  i’o,  *  and  p.  These  results  can  be 
compared  with  experimental  data. 
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Figure  14:  the  experimental  results  at 
the  entake  for  M^,  PTjVPTo  a  ant!  |i. 


the  entrance  of 


t 


gjggn*  TjdmsfeW'  •«*, 

W»StW*00 

*•  Hto*  Veto. 

T*~aw*, 

■’MKMOC 

August?,  1990  '  : 


Dr.  Tom  i.  Benson 

Internal  fluid  Mechanics  Division 

MS5  7 

NASA  lewis  Research  Center 
Cleveland,  OH  44135 
216-433-5920 

Dear  Tom: 

SUBJECT:  A6ARI AmNl^ES ^5Tulv°  JP  ' *'  SV™EDC  -0NTR!3UTIGM  Tv,.  HIGH 


ReJative  to  our  discussions  m  July,  we  have  finished  the  AGARO  Test  Case  $  for  the  Taiior- 
Mate  configurabon i  at  a  Mach  Mo.  of  .9  with  zero  pitch  and  yaw  conditions  (Attachment  i) 
6nc  osed  pleas*  find  the  flow  field  data  ltd  lor*  the  fusllagestatien  86  14  In Z,  '' 
ana.ysis  of  vhe  results  rom  these  calculations,  we  were  surprised  at  the  laroe  discreoandes 
between  the  rnean  Mach  No.  lever  at  the  reference  station  between  calculations  and 
experimental  data.  As  noted  in  the  additional  comments  to  follow,  we  made  some 
+i K3  01]  amplified  calculations  to  try  and  understand  these  differences.  We  believe 
hi^h  trends  are  correct  and  consistent  with  expected  behavior  for  inlets  with 

i  u  n  'h®o ,  the  eupen mental  data  does  not  appear  to  capture  expected 

thLt  di,  °f  Pitch  angle  and  Mach  No.  just  above  the  upper  inlet  lip.  As  a  result,  we  believe 

^GAROsu^niaryreport6^3  S^OU  ^  rev”evv(^  for  accuracy  before  it  is  included  in  the 

^h,.r'!his  transnrlitta!,  we  have  also  included  additional  information  on  each  of  the 
ca  culat.ons  Sii  tmitted  to  you  so  that  a  awre  cornpiete  picture  of  the  calculation  aDoroach 

^reVbem^rn  mAthhH  eint  H)  /mhe  2dditionai  information  is  broken  dov/n  into  seven  basic 
C/?4  methodol°yy.  (2)  computer  resources,  (3)  boundary  conditions/startino 
conditions,  (4>  convergence,  (5»  solution  quality  redundancy  checks,  (8)  experience  in^ 
obtaining  solution,  and  (?)  special  tricL;  or  techniques.  At!  of  our  computations  utilized  the 
cu  rent  released  version  of  *he  2-D/3-D  PARC  code  which  is  documented  in 

aVa AQrnUijmian^  Sirbaugh,  J.  R.,  "The  PARC  Distinction .  A  Practical  Flow  Simulator" 

ffr18^»S!oSSSS^tIAJ^f,A,Me'ASIe  JS,h  Cofilwence.iul- 

frliCr?i?.Lwi,‘!^™llte?  *5*  ”C"da’d  PAR<-  Baldwin  Umax  turbulence  Model  with  no 
hat  hi'ln6^  tuilirig  tc.Per!.or.m  the  test  case  calculations.  It  should  be  noted  that  this  model 

f°/  rke  type  flows,'  e^anced  computational  robustness  and 
efficiency.  Since  most  of  the  test  cases  were  wall  viscid  dominated,  our  results  do  not 
compare  with  the  experimental  data  as  well  as  calculations  made  with  a  more  appropriate 

Turbulence  Mode|SUC^  aS,he  k'^iSOn  m°M  the  conventional  BaUwTnToZ  P  * 
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In  general,  no  special  tricks  were  used  to  force  the  calculations  and  data  to  agree.  We 
made  «  special  effort  to  execute  these  calculations  in  a  production  type  mode  where 
standard  job  set-up,  execution,  and  post-processing  activities  were  followed. 

In  addition,  a  review  of  the  previous  AGARD  submittal  to  you  uncovered  a  significant  error 
in  the  presentation  of  the  results  for  test  case  6.  We  have  corrected  this  error  and  are 
resubmitting  the  test  case  6  results  in  terms  of  plotted  results  and  a  floppy  disk  containing 
requested  info  mation  (Attachment  III)  if  it  is  not  too  late,  please  discard  the  previous  test 
case  fi  results  ft;  the  hypersonic  inlet  and  replace  them  with  the  corresponding  results  from 
this  package. 

I  trust  that  the  additional  information  supplied  in  this  package  will  be  timely  enough  to 
include  in  tne  AGARD  Summary  Report.  We  have  a  sincere  desire  to  be  responsive  to  this 
AGAftD  initiative  and  w:ii  provide  additional  information  if  the  current  transmittals  are 
insufficient  in  selected  area*  or  miss  the  intended  purposes  Please  call  if  I  can  be  of  further 
help  in  bringing  this  important  activity  to  a  fruitful  conclusion.  We  would  appreciate  any 
pre-release  of  comparative  information  and  are  looking  forward  to  the  ultimate  conclusion 
and  publication  of  the  AGARD  Summary  Report. 

Sincerely, 

l k  -v^VOuv. — - - 

Dr.  M.  O.  Varner,  Supervisor 

Propulsion  Computational  Technology  Sechon 


Attachment ! 
AGARD  Test  Case  3: 
Tailor-Mate  Test  Point  4 


A.  CFD  Methodology 

code  definition:  30  multi-blocked  PARC 
code  reference: 

gas  model:  ideal  constant  gamma (=1. 4) 
turbulence  model:  ran  inviscid  with  slip  walls 

B.  Computer  Resources 

CPU  time(CRAY-XMP) :  72000  seconds 
no.  of  iterations:  3400 
memory  requirements/grid  size: 

3  blocks;  total  of  114000  points 

C.  Boundary  Conditions/Starting  Conditions 

inflow  boundary:  free,  fixed  total  pressure  and 

temperature ...  R^  **  7.414  psia;  *  569°  R 

outflow  boundary:  free,  fixed  static  pressure  and 

temperature ... P/R^  *  0.5914?  T/T^  =0.6606 

internal  mass  flow  boundaries*  static  pressure  manually 

changed  to  achieve  required  m&ss  flow  values 

wetted  surfaces;  slip  boundaries 

initial  conditions:  uniform  freestream  conditions,  ie. 
0.9,  and  alpha=beta=0„0 

D.  Convergence 

solution  was  considered  converged  hen  desired  mass  flow 
rates  through  ducts  and  bleeds  were  not  changing  by  more 
than  a  few  percent 

E.  Solution  Quality  Redundancy  Checks 

none  performed 

F.  Experience  in  obtaining  Solution 

initially  the  upstream  bleeus  were  not  modeled.  Later  in 
solution  the  bleeds  were  put  in  with  little  effect  on  the 
overall  solution.  A  considerable  amount  of  difference  was 
seen  between  the  CFD  results  and  the  wind  tunnel  data  at 
the  data  reference  plane.  Two  possible  reasons  for  the 
disagreement  were  investigated. 

1.  Upstream  bleeds  were  not  modeled  initially.  These 
bleeds  were  included  later  with  only  small  changes 
in  the  reference  plane  data. 

2.  The  influence  of  the  downstream  outflow  boundary  on 
the  reference  plane  flowfield  was  shown  to  be 
negligible  when  a  simplified  axisymmetric  model  was 


run  with  the  outflow  plane  staved  far  downstream  from 
the  region  of  interest. 

The  disagreement  in  the  data  near  the  upper  cowl  lip  is 
especially  puzzling.  CPD  results  show  significant  upwash 
angles  in  the  flow.  A  simple  2D  reap  problem  was  run  with 
the  case  cowl  surface  slope  ^13 .  S  deg)  as  the  model  and 
showed  upwash  angles  of  several  degrees  near  the  ramp 
leading  edge  as  does  the  full  model  calculations.  A 
general  decrease  in  the  mach  number  in  front  of  the  inlet 
is  noted  which  is  as  great  as  ten  percent.  A  visual  look 
at  the  flowfieli  in  this  region  using  PLOT3D  streamline 
capability  with  mach  no.  contouring  reveals  the  inlet  is 
definitely  spilling  mass.  The  given  capture  ratio  of  0.589 
would  tend  to  bear  out  these  results. 

G.  Special  Tricks  or  Techniques 

none  other  than  those  already  mentioned 
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*  Figure  8,:  FLU3M  results 
Visualization  of  static  pressure  contours 
pi  50.00  Actual  cowl  leading  edge 
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